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INTRODUCTION 


The  Large  Space  Telescope  (LST)  concept  identified  in  this  Phase  A 
report  defines  a spacecraft  composed  basically  of  three  major  parts.  These 
are  shown  in  Figure  1 as: 

1.  The  optical  telescope  assembly  (OTA). 

2.  The  scientific  instrument  package  (SIP). 

3.  The  support  systems  module  (SSM). 


OTA;  OPTICAL  TELESCOPE  ASSY 
SIP;  SCIENTIFIC  INSTRUMENT  PKG. 
SSM;  SUPPORT  SYSTEMS  MODULE 


Figure  1.  LST  configuration. 


The  OTA  and  the  SIP  were  studied  under  contract  by  Itek  Optical  Systems 
Division,  Lexington,  Mass.,  and  by  Kollsman  Instrument  Corporation,  Long 
Island,  N.  Y.  , and  are  covered  in  more  detail  in  Volume  III  (OTA)  and  Volume 
IV  (SIP)  of  this  report. 

Two  launch  vehicles  were  considered.  The  primary  one  is  the  Space 
Shuttle  to  inject  the  LST  into  its  611-kilometer,  28.5-degree-inclination, 
circular  operational  orbit.  The  alternate  one  is  an  expendable  Titan  launch 
vehicle.  In  this  latter  case  a "kick  stage”  was  necessary  to  obtain  required 
vehicle  performance  and  to  trim  orbit  injection  inaccuracies.  The  Titan  HIE 
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with  Orbit  Adjust  Stage  (OAS)  for  the  kick  stage  was  selected  as  the  alternate 
launch  vehicle  in  this  study  since  this  was  the  current  High  Energy  Astronomy 
Observatory  (HEAO)  launch  configuration  at  the  time  the  study  was  made.  A 
performance  analysis  and  comparison  of  various  Titan/kick  stage  configura- 
tions are  given  in  Volume  IH,  Chapter  III  of  this  report. 

This  volume  documents  work  done  in  an  in-house  Marshall  Space  Flight 
Center  (MSFC)  study  to  define  the  SSM.  The  SSM  interfaces  structurally  with 
the  OTA  and  provides  the  OTA  and  the  SIP  with  electrical  power,  communica- 
tions and  data  handling,  environmental  control,  coarse  attitude  sensing  and 
control,  launch  vehicle  structural  and  electrical  interface,  and  a docking 
structure  for  on-orbit  servicing  or  retrieval  by  the  Space  Shuttle. 

The  SSM  consists  of  the  following  systems: 

1.  Structures. 

2.  Thermal  control. 

3.  Electrical. 

4.  Communications  and  data  handling. 

5.  Attitude  control. 

These  systems  and  the  design  analyses  made  to  define  them  are  described  in 
detail  in  this  documentation. 

A number  of  alternate  designs  and  approaches  were  considered  in  each 
of  the  systems  areas.  Trades  were  conducted  among  these  alternatives  and  a 
viable  reference  design  was  made  for  the  purpose  of  demonstrating  LST 
feasibility  in  this  Phase  A study.  The  reference  design,  the  rationale  for  the 
choice,  and  the  indepth  analysis  which  substantiate  concept  feasibility  are  all 
described  in  considerable  detail  in  the  following  chapters.  Discussions  of  the 
maintainability  and  reliability  concepts  and  analyses  which  were  conducted  in 
support  of  the  systems  design  are  also  included.  Cost-effective  approaches  to 
long  mission  lifetimes,  which  are  made  possible  by  utilization  of  the  unique 
capabilities  of  the  Space  Shuttle,  are  treated.  Contamination  protection  during 
Shuttle  manned  maintenance  operations  was  also  studied;  the  results  of  the 
study  are  in  the  Appendix  of  this  volume. 
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CHAPTER  I.  CONFIGURATION  AND  SYSTEM  DESIGN 


A.  Reference  Design  Configuration 

The  support  systems  module  (SSM)  is  a mostly  cylindrical  structure 
with  a total  length  of  5000  mm  ( 197  in. ) and  an  inside  diameter  (I.  D. ) of 
3300  mm  ( 130  in. ) ( Fig.  1-1) . The  aft  end  of  the  SSM  is  a shallow  cone 
ending  in  a standard  androgynous  docking  assembly  with  four  projecting  ears 
and  a 1015  mm  (40  in. ) diameter  opening.  Both  the  cylindrical  and  the  conical 
portion  are  provided  with  a bumper  for  protection  against  micrometeoroids. 

For  the  same  purpose,  a nonpressurizable  cover  closes  the  docking  port 
opening.  That  cover  is  removable  to  allow  access  when  required.  A ring  of 
4270  mm  (168  in. ) diameter  stiffens  the  cylinder/cone  intersection. 

The  SSM  assembly  is  joined  to  the  optical  telescope  assembly  (OTA)  at 
the  primary  ring,  while  the  OTA  meteoroid  shield  is  attached  to  the  SSM  at  an 
interface  located  1.  5 m ( 59.  0 in. ) aft  of  the  primary  ring  in  order  to  isolate 
the  primary  mirror  from  the  influence  of  the  long  meteoroid  shield  and  sun 
shade. 


The  large  space  telescope  ( LST)  is  separated  from  the  orbit  adjust 
stage  (OAS)  by  a "super  zip"  joint  slightly  forward  of  the  docking  plane.  The 
solar  arrays  are  located  near  the  aft  end  of  the  cylinder.  Each  consists  of 
two  wings  which  fold  forward  and  are  articulated  to  wrap  around  the  cylindrical 
portion  of  the  SSM.  The  location  of  the  solar  arrays  determines  the  orientation 
of  the  separation  planes  of  the  Titan  shroud.  The  latter  has  a dynamic  envelope 
( Fig.  1-2)  which  is  elliptical  in  cross  section  and  must  be  oriented  in  such  a 
way  that  the  major  axis  of  its  ellipse  goes  through  the  masts  of  the  solar  arrays. 

Two  launch  modes  are  considered  in  this  study.  The  primary  mode  is 
the  Space  Shuttle  and  the  alternate  is  the  Titan  HIE/ OAS  launch  vehicle.  The 
Shuttle  will  retrieve  the  spacecraft;  therefore,  the  structural  system  is 
required  to  satisfy  the  criteria  of  both  of  these  launch  modes.  The  attach 
points  for  Shuttle  launch  and  retrieval  are  located  at  the  primary  OTA  ring  just 
forward  of  the  SSM,  and  on  the  ring  located  at  the  intersection  of  cylindrical 
and  conical  portions  of  the  SSM.  In  the  case  of  a Titan  launch,  a payload 
adapter  assembly  will  be  provided  which  connects  spacecraft  and  shroud  to  the 
OAS  kick  stage. 


Figure  I-i.  Support  systems  module  (SSM)  reference  design. 


FAIRING  LENGTH  m (IN.) 

Figure  1-2.  Titan  fairing  dynamic  envelope. 

B.  Design  Details 

The  SSM  is  an  aluminum  structure  which  can  be  manufactured  using 
standard  aerospace  methods.  The  cylindrical  portion  consists  of  a stiffened 
shell  which  is  surrounded  by  a meteoroid  shield.  The  shell  [3300  mm  I.  D.  (130 
in.  I.D. )]  is  part  of  the  pressure  vessel  which  allows  pressurized  maintenance 
and  serves  as  a carrier  for  all  loads  and  moments  as  required.  Stiffening  rings 
on  the  outside  are  deep  enough  to  support  the  meteoroid  shield  which  consists 
of  a thin  aluminum  sheet  that,  for  thermal  reasons,  has  an  external  thermal 
barrier  coating  and  internal  High  Performance  Insulation  (HPI)  covering. 

The  thermal  shield  and  meteoroid  bumper  cover  about  two-thirds  of  the  length 
of  the  SSM.  The  forward  third  is  protected  by  the  meteoroid  shield  of  the  OTA, 
which  extends  down  over  the  SSM.  The  HPI  extends  to  the  systems  compart- 
ment. Provisions  are  made  for  disconnecting  the  OTA  meteoroid  shield  from 
the  SSM  in  case  disassembly  becomes  necessary.  Brackets  are  provided  on 
the  outside  of  the  pressure  shell  to  support  the  solar  array  panels  during 
launch,  docking,  and  reentry. 
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The  shallow  cone  at  the  aft  end  is  an  unstiffened  sheet  metal  structure. 
Its  connection  to  the  docking  structure  is  not  clearly  defined  because  the 
docking  structure  itself  lacks  sufficient  definition;  however,  the  influence  of 
this  uncertainty  on  the  layout  is  negligibly  small.  A deep  flanged  ring  is 
located  at  the  cylinder/cone  intersection  and  is  braced  with  tubular  members 
at  eight  equally  spaced  locations  ( Fig.  1-3,  Detail  A) . The  ring  provides 
support  for  the  solar  arrays , provides  a mounting  fitting  for  LST  support  in 
the  Shuttle  payload  bay  ( Fig.  1-4) , serves  as  stiffening  ring  at  the  joint 
between  cylinder  and  cone  when  the  SSM  is  pressurized,  and  supports  the 
aerodynamic  fairing  for  the  alternate  Titan  launch. 

The  details  of  the  structure  are  shown  in  Figure  1-3  where  the  cross 
section  of  the  cylindrical  shell  is  shown  in  Detail  C.  The  inner  shell  in  this 
cross  section  is  the  stringer-stiffened,  load  carrying  structure.  The  thickness 
of  this  shell  was  determined  to  be  1.  46  mm  ( 0.  058  in. ) which  will  satisfy  the 
requirements  of  both  load  carrying  and  meteoroid  protection. 

The  maximum  panel  compressive  and  shear  loads  were  used  to  deter- 
mine the  stringer  spacing  of  32.  9 mm  (5.  43  in. ) and  the  Z-stringer  size  of 
25.  4 x 38.  1 x i.  27  mm  ( i.  00  x 1.  50  x 0.  05  in. ) . The  50.  8 x 25.  4 x 3.  18  mm 
(2. 00  x 1. 00  x 0. 125  in. ) channel  ring  frames  were  spaced  830  mm  ( 32.  8 in. ) 
apart  to  prevent  the  cylinder  from  failing  from  general  instability.  Both  the 
stringer  and  ring  frame  size  and  spacing  prevent  the  pressure  skin  from 
buckling  under  load.  The  1 2 equally  spaced  longerons  shown  in  the  detail  are 
provided  for  subsystem  equipment  mounting. 

Two  1500  mm  (59.  0 in. ) long  shear  posts  were  installed  on  the  cylinder 
at  the  Shuttle  attachment  points.  These  posts  help  to  distribute  the  large  con- 
centrated Shuttle  launch  or  retrieval  load  in  the  shell. 

The  outer  shell  is  0.  5 mm  (0.  020  in. ) thick  and  serves  as  the  thermal 
shield  as  well  as  the  meteoroid  bumper.  It  is  spaced  63.  5 mm  ( 2.  50  in.  ) from 
the  pressure  shell  by  the  50.  8 x 25.  4 x 3.  18  mm  ( 2.  00  x 1.  00  x 0.  125  in. ) 
channel  ring  and  12.  7 mm  (0.  500  in. ) thermally  insulated  standoffs.  This 
shell  and  the  pressure  shell  with  the  space  between  constitutes  the  two-sheet 
meteoroid  protection  system. 


C.  System  Arrangement 

The  systems  are  arranged  as  shown  in  Figure  1-5.  Components  are 
coded  by  number  as  noted  in  the  Master  Equipment  List  (Table  1-1).  The 
philosophy  behind  the  arrangement  was  to  place  as  many  of  the  smaller 
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ORBITER  PAYLOAD  BAY 


360 


Figure  1-5.  SSM  subsystems  layout 


components  as  possible  on  the  shallow  aft  cone  inner  surface,  thus  providing 
maximum  clearance  for  the  scientific  instrument  package  (SIP) . The  remain- 
ing components  that  were  too  large  or  that  had  high  operating  temperatures, 
were  arranged  into  four  longitudinal  rows.  These  rows  were  located  mostly 
aft  of  the  SIP  and  were  offset  in  the  circumferential  direction  from  the  large 
SIP  components  that  require  astronaut  maintenance.  The  batteries,  the  most 
temperature  critical  subsystems,  were  placed  on  the  antisun  side,  whereas 
the  control  moment  gyros  (CMGs) , with  higher  allowable  temperatures,  were 
placed  on  the  sun  side.  Some  items  such  as  the  reaction  control  system  (RCS) 
tank  and  related  equipment  are  thermally  inactive  and  will  operate  satisfactorily 
in  any  location  within  the  SSM.  These  items  were  located  near  the  items  with 
which  they  interact.  Thermal  output  is  not  necessarily  a function  of  size; 
thus,  a "volume  balanced"  arrangement  is  not  required. 

The  fixed  head  star  trackers  are  mounted  on  the  SIP  truss  and  view 
space  through  flat  windows  in  the  pressure  shell.  Respective  openings  are 
cut  into  the  meteoroid  bumpers.  The  windows  are  arranged  perpendicular  to 
the  viewing  direction  of  each  star  tracker  and  have  sealed  mounts  so  that  they 
do  not  interfere  with  the  pressurization  of  the  SSM. 

In  the  present  arrangement,  the  star  trackers'  views  are  blocked  when 
the  solar  arrays  are  in  their  folded  position.  This  could  be  eliminated  by 
cutouts  in  solar  panels,  if  desired.  A small  increase  in  panel  length  would 
compensate  for  the  area  lost  because  of  the  cutouts. 

Out  of  the  Contamination  Control  System  (CCS)  only  the  major  ducts, 
filters,  and  instrumentation  are  included  in  the  SSM.  These  are  indicated  in 
Figure  1-5.  The  fans  are  located  in  the  Shuttle  support  volume.  Specific 
details  of  the  CCS  are  presented  in  the  Appendix  of  Chapter  VII  of  this  volume. 

As  discussed  elsewhere,  preliminary  analyses  of  the  reference  design 
arrangement  show  that  all  systems  meet  their  respective  thermal  requirements, 
and  that  there  is  adequate  clearance  for  astronaut  maintenance  for  all  compo- 
nents within  the  SSM. 


D.  Spacecraft  Attachment  to  the  Launch  Vehicle 

A statically  determinate  four-point  scheme  which  is  shown  in  Figure 
1-4  was  used  to  support  the  spacecraft  in  the  Shuttle.  A schematic  of  the  attach- 
ment at  the  spacecraft  main  ring  is  depicted  in  Figure  1-6. 
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Figure  1-6.  Attachment  of  spacecraft  to  Shuttle. 


The  attach  point  on  the  large  aft  ring  of  the  SSM  takes  loads  along  the 
Shuttle  vertical  axis  only,  while  the  points  in  the  yaw  plane  on  the  OTA  main  ring 
take  vertical  and  longitudinal  loads.  The  third  point  on  the  main  ring  in  the 
vertical  plane  takes  loads  along  the  lateral  axis  only.  All  of  the  attachments  are 
designed  so  that  moments  are  not  transmitted  to  the  LST  from  the  Shuttle. 

Thus,  with  this  attachment  arrangement,  die  LST  structural  system  will  be 
completely  relieved  from  loads  induced  by  structural  deflections  of  the  Shuttle 
during  flight. 

The  SSM  structure  with  its  shear  post  was  designed  to  withstand  con- 
centrated attachment  interface  loads.  The  OTA  primary  ring  was  checked  for 
the  Shuttle  launch  loads;  it  was  found  to  be  adequate  and  required  only  local 
modification  to  allow  installation  of  the  attach  fittings. 

For  the  Titan  launch,  a 4.  3 mm  (0.  17  in. ) thick  conical  adapter,  which 
is  shown  in  Figure  1-3,  Detail  B,  is  provided  to  attach  the  spacecraft  to  the 
OAS  kick  stage. 
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CHAPTER  II.  STRUCTURES 


A.  Introduction 

The  structural  system  of  the  LST  spacecraft,  which  is  shown  in  Figure 
II-l,  consists  of  two  major  assemblies:  the  optical  telescope  assembly  (OTA) , 
and  the  support  systems  module  (SSM). 

The  SSM  assembly  is  joined  to  the  OTA  assembly  at  the  primary  ring, 
while  the  OTA  meteoroid  shield  is  attached  to  the  SSM  at  an  interface  located 
1.  5 m ( 59.  0 in. ) aft  of  the  primary  ring.  This  1.5  m length  of  SSM  structure 
is  considered  to  be  a transition  section  and  is  designed  to  help  distribute  the 
large  mirror  load  that  is  concentrated  in  that  area  during  launch  or  retrieval. 

It  also  isolates  the  primary  mirror  from  the  influence  of  the  long  meteoroid 
shield  and  sun  shade. 

Two  launch  modes  are  considered  in  this  study.  The  primary  mode  is 
Space  Shuttle  and  the  alternate  is  the  Titan  IIID/OAS  launch  vehicle.  Since 
the  Shuttle  will  retrieve  the  spacecraft,  the  structural  system  is  required  to 
satisfy  the  criteria  of  both  of  these  launch  modes. 


B.  SSM  Assembly 

The  SSM  primary  load-carrying  structure  consists  of  the  pressure 
shell  with  its  stiffeners,  longerons,  and  ring  frames,  and,  in  the  case  of  a 
Titan  launch,  a payload  adapter  assembly  which  attaches  the  spacecraft  and 
shroud  to  the  OAS  kick  stage.  The  remaining  structural  components  are  not 
subject  to  overall  spacecraft  launch  loads  but  they  do  provide  the  protection 
system,  the  closeout  structure  required  to  allow  pressurization,  and  the 
support  for  subsystem  components  of  the  spacecraft. 

1.  Design  Criteria.  The  SSM  structural  assembly  was  designed  for 
the  limit  load  requirements  of  both  the  Shuttle  and  Titan  launch.  The  limit 
load  factors  in  the  axial,  pitch,  and  yaw  directions  and  the  launch  phases  con- 
sidered are  as  follows: 

1.  Titan  Launch. 

a.  +6.  0 g axial,  +1. 5 g pitch. 


TABLE  n-i.  SSM  STRUCTURAL  MASS  SUMMARY 


Items 

Mass,  kg  (Wt.  , lb) 

Cylindrical  Walla 

Primary  Load-Carrying  Shell 

332  (731) 

Ringframes  ( 6) 

130  (287) 

Longerons  ( 1 2) 

70  (154) 

Shear  Posts  ( 2) 

6 (12) 

Mounting  Brackets,  etc. 

23  (50) 

Meteoroid  and  Thermal  Shield 

74  (163) 

Total 

635  (1397) 

Docking  Port 

199  (437) 

Shroud  Adapter  ( only  for  Titan-launch) 

and  Support  Structure 

251  (553) 

Total  ( Titan  Launch) 

1085  (2387) 

Total  (Shuttle  Launch) 

834  (1834) 

a.  The  load-carrying  structural  components  are  designed  for  the 
requirements  of  both  Titan  and  Shuttle  launches. 


C.  Solar  Cell  Substrate  and  Support  Structure  Analysis 

A structural  analysis  of  the  LST  solar  array  substrate  and  support 
structure  was  made  to  ensure  that  the  structure  has  adequate  stiffness  to 
preclude  the  solar  array  motion  coupling  with  the  spacecraft  motion,  particu- 
larly during  fine  pointing.  The  analysis  is  also  intended  to  assess  the  deflec- 
tion and  stress  levels  caused  by  vehicle  acceleration. 

The  solar  cell  panels  are  subject  to  launch  vibration  environments  as 
well  as  the  launch  loads  for  the  Shuttle  and  Titan.  Launch  vibration  environ- 
ments are  given  in  References  II- i and  II- 2 and  the  Shuttle  and  Titan  launch 
loads  were  given  in  Section  1 (Design  Criteria).  The  panels  can  be  well 
supported  in  their  stowed  position  during  the  launch;  therefore,  it  was 
assumed  that  these  loading  conditions  were  not  critical  and  they  were  not 
analyzed. 


H-4 


I 


1.  Structural  Description.  The  structure  analyzed  was  a 3400  mm 
(134. 18  in. ) by  5800  mm  (228  in. ) array  consisting  of  12  rectangular  honey- 
comb panels  which  are  930  mm  (36.65  in. ) by  1700  mm  (67.  09  in.  ).  The 
edges  of  the  panels  are  closed  out  with  lightweight  framing  members  which 
also  carry  the  system  of  hinges  that  join  the  panels.  The  line  of  hinges  on  the 
longitudinal  centerline  of  the  array  that  lock  it  in  the  deployed  position  is 
shown  in  Figure  II— 2 . These  hinges  were  considered  to  be  rigid  members  in 
the  analysis.  The  entire  array  is  cantilevered  from  the  SSM  structure  by  a 
430  mm  (17.  0 in. ) articulated  beryllium  boom.  Further  details  of  the 
substrate  and  support  structure  can  be  seen  in  Chapter  IV  of  this  volume.. 

The  honeycomb  sandwich  panel  is  9.  5 mm  (0.  375  in. ) thick  and 
has  7075-T6  aluminum  alloy  facing  sheets  that  are  0.  25  mm  (0.  10  in.  ) thick. 
The  panel  core  is  36.  8 kg/m3  ( 2.  3 lb/ft3)  5052  aluminum  alloy  honeycomb  with 
a 6.  4 mm  (0.  25  in. ) cell  size.  The  framing  members  and  hinges  are  made  of 
aluminum  alloy. 

2.  Static  Analysis.  A uniformly  distributed  mass  of  364  kg/m2 
(51.6  x 10“4  Ib/in. 2)  of  panel  surface  was  assumed  for  the  structure  in  the 
analysis.  This  distribution  represents  the  total  mass  of  the  solar  cells, 
dielectrics,  adhesives,  and  paints  that  make  up  the  solar  cell  module 
assemblies  and  the  mass  of  the  substrate  panel  adhesives. 

With  this  mass  distribution  and  an  acceleration  of  1.  0 g normal  to 
the  array  surface,  the  static  analysis  yields  a maximum  tip  deflection  of 
605  mm  ( 23.  8 in. ) . The  maximum  stress  in  the  honeycomb  panel  is  less  than 
27.6  MN/m2  (4000  lb/in.2)  . Although  the  deflection  and  stress  levels  are 
acceptable  values,  the  1.  0 g load  is  much  larger  than  any  load  that  will  be 
encountered  in  space  when  the  solar  array  is  deployed.  The  results  can  be 
proportioned  to  the  actual  imposed  load  to  obtain  the  actual  deflection  and 
stresses.  It  is  apparent,  however,  that  little  or  no  strength  and  deflection 
problems  will  arise  with  this  solar  array  structure. 

3.  Dynamic  Analysis.  The  natural  frequencies  and  their  corresponding 
mode  shapes  were  calculated  for  the  array.  These  data  were  also  used  to 
corroborate  the  input  to  the  dynamic  response  analysis  discussed  later  in  this 
chapter. 


The  first  10  natural  frequencies  are  listed  in  Table  n-2  and  the 
undeformed  shape  of  the  solar  array  is  shown  in  Figure  II-3.  The  mode  shapes 
at  the  listed  natural  frequencies  are  shown  in  Figure  II— 4 through  11-13.  The 
deflections  plotted  are  normalized  to  the  maximum  computed  deflection. 


H-5 


TABLE  II-2.  NATURAL  FREQUENCIES  OF  THE  SOLAR  ARRAY 


Mode 

Frequency  (Hz) 

i 

0.  68 

2 

0.  75 

3 

2.  43 

4 

3.  00 

5 

4.  50 

6 

5.  46 

7 

5.  85 

8 

7.  61 

9 

7.  67 

10 

8.  39 

Figure  II— 3.  Undeformed  shape  of  Figure  II-4.  First  mode  shape  of 
solar  panel.  solar  panel. 


Figure  II-5.  Second  mode  shape  of  Figure  II-6.  Third  mode  shape  of 
solar  panel.  solar  panel. 


Figure  II-7.  Fourth  mode  shape  of  Figure  II— 8.  Fifth  mode  shape  of 
solar  panel.  solar  panel. 


Figure  II- 9.  Sixth  mode  shape  of  Figure  II- 10.  Seventh  mode  shape  of 
solar  panel.  solar  panel. 


Figure  II— ii.  Eighth  mode  shape  of  Figure  11-12.  Ninth  mode  shape  of 
solar  panel.  solar  panel. 


Figure  11-13.  Tenth  mode  shape  of 
solar  panel. 
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The  acceleration  response  of  th^  outermost  tip  of  the  array  to  a 
1.0  g sinusoidal  load  was  also  calculated  and  the  results  are  .plotted  in 
Figure  11-14.  In  summary,  the  solar  array  substrate,  support  structure, 
and  overall  configuration  are  adequate  since  all  of  their  requirements  are 
easily  fulfilled.  The  configuration  also  allows  design  leeway  for  any  prob- 
lems that  may  arise  as  the  depth  of  the  design  and  analysis  progresses. 


D.  Structural  System  Analysis 

1-  Dynamic  Characteristics.  To  make  an  evaluation  of  on-orbit  per- 
formance such  as  the  resultant  pointing  error  due  to  structural  vibration 
excited  by  the  eccentric  forces  of  the  CMGs,  it  is  necessary  to  know  the 
dynamic  response  characteristics  of  the  system.  As  the  first  step  toward 
obtaining  the  response  characteristics,  the  natural  frequencies  and  their 
corresponding  mode  shapes  should  be  calculated  for  the  deployed  LST.  The 
frequency  range  of  possible  disturbing  forces  or  moments  will  dictate  the 
number  of  natural  frequencies  required  in  the  frequency  response  analysis. 

a.  Model  Description.  An  idealized,  discrete  element,  dynamic 
model  of  the  LST  reference  design  was  constructed,  as  shown  in  Figure  11-15. 
The  LST  design  is  represented  by  30  lumped  masses,  interconnected  by  29 
massless  elastic  bar  elements.  Except  for  masses  3,  4,  and  6,  each  mass 
in  the  model  is  free  to  move  along  and  to  rotate  about  the  three  principal  axes 
used  to  define  the  motion  of  the  spacecraft.  Masses  3,  4,  and  6 are  related  to 
the  solar  panel  and  are  constrained  so  that  the  elastic  deformation  of  the 
support  ring  is  neglected.  This  assumes  that  the  bar  members  between  masses 
3 and  4,  and  3 and  6 are  infinitely  rigid.  The  motion  of  the  LST  is  represented 
by  the  168  independent  coordinates;  162  coordinates  define  the  elastic  motion 
and  6 coordinates  define  the  rigid -body  motion  of  the  spacecraft. 

As  shown  in  Figure  11-15,  the  light  shield  is  extended  from  the 
meteoroid  shield  and  is  supported,  with  meteoroid  shield  and  main  light  baffle, 
by  the  SSM  at  node  12.  The  primary  mirror  (mass  16)  and  the  scientific 
instrument  package  (SIP)  (mass  15)  are  connected  to  the  primary  ring  at 
node  14.  Two  solar  panels  are  extended  outward  from  node  3.  The  main  body 
of  the  spacecraft  consists  of  the  SSM  and  the  metering  truss.  The  coordinate 
locations  of  each  mass  as  measured  from  an  origin  at  the  center  of  the  docking 
port  are  shown  in  Table  II- 3. 
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Figure  11-15.  Dynamic  model  of  LST  design  reference 


TABLE  II-3.  COORDINATES  OF  LUMPED  MASS  LOCATIONS 
OF  LST  DESIGN  REFERENCE 


X 

Y 

z 

mm 

in. 

mm 

in. 

mm 

in. 

0 

0 

0 

0 

0 

0 

813 

32.  0 

0 

0 

0 

0 

965 

38.  0 

0 

0 

0 

0 

965 

38.  0 

1524 

■H 

0 

0 

965 

38.  0 

3810 

0 

0 

965 

38.  0 

-1524 

-60.  0 

0 

0 

965 

38.  0 

-3810 

-150.  0 

0 

0 

1 651 

65.  0 

0 

0 

0 

0 

2 197 

86.  5 

0 

0 

0 

0 

2 667 

105.  0 

0 

0 

0 

0 

3 137 

123.  5 

0 

0 

0 

0 

3 607 

142.  0 

0 

0 

0 

0 

4 356 

171.  5 

0 

0 

0 

0 

5 105 

201.  0 

0 

0 

0 

0 

3 683 

145.  0 

0 

0 

0 

0 

5 474 

215.  5 

0 

0 

0 

0 

6 073 

239.  1 

0 

0 

0 

0 

7 038 

277.  1 

0 

0 

0 

0 

7 930 

312.  2 

0 

0 

0 

0 

8 821 

347.  3 

0 

0 

0 

0 

9 713 

382.  4 

0 

0 

0 

0 

10  605 

417.  5 

0 

0 

0 

0 

10  996 

432.  9 

0 

0 

0 

0 

5 804 

228.  5 

0 

0 

0 

0 

8 001 

315.  0 

0 

0 

0 

0 

10  198 

401.  5 

0 

0 

0 

0 

12  395 

488.  0 

0 

0 

0 

0 

14  148 

577.  0 

0 

0 

0 

0 

15  900 

626.  0 

0 

0 

0 

0 

19  583 

771.  0 

0 

0 

0 

0 

n-12 


The  inertial  properties  of  each  mass  have  been  computed  and 
are  shown  in  Table  II-4.  Except  for  masses  4,  5,  6,  and  7,  which  represent 
the  solar  arrays,  the  mass  moment  of  inertia  about  the  Z-axis  of  each  mass 
is  equal  to  that  about  its  Y-axis.  For  masses  4,  5,  6,  and  7,  the  mass 
moment  of  inertia  about  the  Z-axis  of  each  mass  is  equal  to  that  about  the 
X-axis.  The  mass  moments  of  inertia  for  each  mass  except  those  for  the 
solar  arrays  were  computed  by  assuming  axisjon metric  distribution  about  the 
X-axis  and  uniform  distribution  within  each  bar  element.  The  total  mass  is 
7642  kg  ( 16  812  lb) , which  is  the  earlier  estimate  of  the  deployed  LST  mass 
excluding  the  251  kg  (553  lb)  shroud  adapter. 

The  structural  properties  of  the  connecting  bar  members  of 
the  dynamic  model  are  shown  in  Table  II-5.  These  members  are  finite  struc- 
tural elements  which  possess  extensional,  shear,  and  bending  stiffnesses. 

For  the  stringer  stiffened  cylindrical  shells,  e.  g.  , meteoroid 
shield  and  SSM,  the  stringers  were  smeared  and  equivalent  monocoque  shell 
thicknesses  (t)  were  computed.  The  area  moments  of  inertia  were  then 
computed  on  the  basis  of  equivalent  thicknesses  (t) . For  the  metering  truss, 
actual,  areas  of  strut  members  were  used  in  the  computation  of  the  total  bar 
cross-sectional  area  and  the  area  moments  of  inertia. 

The  shear  correction  factor,  k,  for  a cylindrical  shell  is 
given  in  Reference  II- 3.  For  the  cylindrical  truss,  the  shear  correction  factor 
is  estimated  to  be  0.  45  by  trial  and  error,  i.  e.  , comparing  the  natural  fre- 
quencies of  the  equivalent  cantilever  beam  and  the  cantilever  truss  supported 
by  the  primary  ring. 

b.  Natural  Frequencies.  To  locate  the  peak  values  in  the  fre- 
quency response  spectra,  the  natural  frequencies  and  their  corresponding  mode 
shapes  were  calculated.  These  natural  frequencies  were  input  to  the  response 
amplitude  computation. 

Table  II-6  shows  the  first  25  natural  frequencies  and  their 
mode  shape  characteristics.  The  first  10  modes  are  dominated  by  the 
motions  of  the  solar  arrays.  Modes  17  through  22  are  main  body  bending 
modes.  Except  for  the  extensional  and  torsional  modes,  the  natural  fre- 
quencies appear  as  pairs  with  slight  differences  because  of  the  effect  of  the 
solar  arrays. 
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TABLE  II-4.  INERTIAL  PROPERTIES  OF  LST  DESIGN 
REFERENCE  DYNAMIC  MODEL 


Massa 

i1 

X 

3 

y 

Mass 

Point 

kg 

lbf- 

sec2/in. 

kg-m2 

Ibf-in. 

sec2 

kg-m2 

lbf-in. 

2 

sec 

1 

19.  322 

1.  324 

33.  95 

3 606 

18.  04 

1 916 

2 

26.  342 

71.  80 

7 626 

35.  90 

3 813 

3 

17.  498 

1.  199 

47.  70 

5 066 

24.  10 

2 560 

4 

2.  831 

0.  0188 

2 

0. 0188 

2 

5 

7.  560 

7.  22 

767 

19.  67 

2 089 

6 

2.  831 

0.  0188 

2 

0.  0188 

2 

7 

7.  560 

7.  22 

767 

19.  67 

2 089 

8 

52.  641 

143.  49 

15  240 

73.  41 

7 797 

9 

7.  749 

0.  531 

21.  12 

2 244 

10.  73 

1 140 

10 

7.  166 

0.  491 

19.  53 

2 074 

9.  90 

1 051 

11 

7.  166 

0.  491 

19.  53 

2 074 

9.  90 

1 051 

12 

14.  930 

1.  023 

58.  50 

6 213 

31.  97 

3 396 

13 

11.  223 

0.  769 

30.  59 

3 249 

15.  99 

1 698 

14 

65.  031 

4.  456 

177.  27 

18  827 

88.  63 

9 413 

15 

88.  221 

6.  045 

72.  58 

7 709 

102.  31 

10  866 

16 

177. 434 

12.  158 

212.  98 

22  620 

106.49 

11  310 

17 

0.  482 

0.  033 

1.  53 

162 

0.  96 

102 

18 

1.  620 

0.  Ill 

5.  12 

544 

3.  22 

342 

19 

0.  482 

0.  033 

1.  53 

162 

0.  96 

102 

20 

1.  620 

0.  Ill 

5.  12 

544 

3.  21 

341 

21 

0.  482 

0.  033 

1.  53 

162 

0.  96 

102 

22 

2.  087 

0.  143 

6.  60 

701 

3.  30 

350 

23 

7.  297 

0.  500 

0.  76 

81 

0.  38 

40 

24 

18.  126 

1.  242 

57.  30 

6 086 

35.  94 

3 817 

25 

21.  730 

1.  489 

68.  70 

7 296 

43.  09 

4 576 

26 

22.  139 

1.  517 

69.  97 

7 431 

43.  88 

4 660 

27 

15.  032 

1.  030 

50.  98 

5 414 

31.  03 

3 296 

28 

11.  909 

0.  816 

40.  38 

4 289 

23.  81 

2 529 

29 

13.  952 

0.  956 

47.  31 

5 025 

33.  07 

3 512 

30 

3.  021 

0.  207 

10.  24 

1 088 

8.  87 

933 

a.  Total  mass  = 7642  kg  (43.  544  lb-sec2/in.  or  16  812  lb  mass) . 

b.  I and  I are  the  mass  moments  of  inertia  about  X-  and  Y-axis, 

x y 

respectively. 
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TABLE  B-5.  STRUCTURAL  PROPERTIES  OF  LST  DESIGN  REFERENCE  DYNAMIC  MODEL 


E is  the  modulus  of  elasticity,  v the  Poisson's  ratio,  and  k the  shear  correction  factor. 
Equivalent  Poisson's  ratio. 


TABLE  II— 6.  DEPLOYED  LST  NATURAL  FREQUENCY  SUMMARY 


Mode 

Frequency  (Hz) 

Mode  Shape  Characteristics 

1 

0.  92 

Solar  panel  symmetrical  bending  — 
X-axis 

2 

0.  93 

Solar  panel  antisymmetrical 
bending  — X-axis 

3 

1.  07 

Solar  panel  antisymmetrical 
torsional 

4 

1.  08 

Solar  panel  symmetrical  torsional 

5 

1.  26 

Solar  panel  symmetrical  bending  — 
Z-axis 

6 

1.  33 

Solar  panel  antisymmetrical 
bending  — Z-axis 

7 

3.  61 

Solar  panel  antisymmetrical 
bending  — X-axis 

8 

3.  62 

Solar  panel  symmetrical  bending  — 
X-axis 

9 

4.  91 

Solar  panel  symmetrical  bending  — 
Z-axis 

10 

4.  92 

Solar  panel  antisymmetrical 
bending  — Z-axis 

11 

15.  88 

Primary  mirror  bending  — Y-axis 

12 

15.  91 

Primary  mirror  bending  — Z-axis 

13 

19.  30 

SIP  bending  — Y-axis 

14 

19.  51 

SIP  bending  — Z-axis 

15 

25.  06 

SIP  torsional 

16 

27.  60 

SIP  torsional 

17 

29.  02 

Metering  truss  bending  — Y-axis 

18 

29.  07 

Metering  truss  bending  — Z-axis 

19 

33.  83 

Metering  truss  bending  — Y-axis 

20 

33.  96 

Metering  truss  bending  — Z-axis 

21 

38.  14 

Metering  truss  bending  — Y-axis 

22 

38.  16 

Metering  truss  bending  — Z-axis 

23 

38.  21 

Primary  mirror  extensional 

24 

49.  28 

Light  shield  bending  — Y-axis 

25 

49.  70 

Light  shield  bending  — Z-axis 
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2.  Frequency  Response.  The  tranalational  frequency  response  of  the 
LST  along  the  Y-  and  Z-axis  and  the  rotational  response  about  these  axes  were 
computed  with  the  NASTRAN  computer  program  when  the  system  was  excited 
at  the  CMG  location  with  a sinusodial  force  of  4.  448  N ( 1.  0 lb)  amplitude  and 
a moment  of  1.  356  N-m  ( 1.  0 ft-lb)  amplitude.  The  computed  outputs  were 
plotted  by  the  computer's  plotter. 

The  structural  damping  factor  used  in  the  computation  is  0.  01. 

This  is  equivalent  to  0.  5 percent  of  the  critical  damping  coefficient  at  reso- 
nances , i.  e.  , when  the  excitation  frequency  coincides  with  each  natural 
frequency. 


Figures  11-16  through  11-19  show  the  deflections  along  the  Y-axis 
and  rotations  about  the  Z-axis  of  the  primary  and  secondary  mirrors  when 
they  are  excited  by  a sinusoidal  force  with  a 4.  448  N ( 1.  0 lb)  amplitude 
acting  along  the  Y-axis  of  the  CMG.  Because  of  axisymmetry,  there  are  no 
deflections  along  the  Z-axis  or  rotations  about  the  Y-axis  from  the  force 
applied  along  the  Y-axis. 

Figures  11-20  through  n-23  show  the  deflections  along  the  Y-axis 
and  rotations  about  the  Z-axis  of  the  primary  and  secondary  mirrors  when 
they  are  excited  by  a sinusoidal  moment  with  a 1.  356  N-m  (1.0  ft-lb)  amplitude 
acting  about  the  Z-axis  of  the  CMG. 

Figures  11-24  through  n-27  give  the  deflections  along  the  Z-axis 
and  rotations  about  the  Y-axis  of  the  primary  and  secondary  mirrors  when 
they  are  excited  by  a sinusoidal  force  with  a 4.  448  N ( 1.  0 lb)  amplitude  acting 
along  the  Z-axis  of  the  CMG. 

Figures  11-28  through  n-31  show  the  deflections  along  the  Z-axis 
and  rotations  about  Y-axis  of  the  primary  and  secondary  mirror  when  they  are 
excited  by  a sinusoidal  moment  with  1.  356  N— m (1.0  ft-lb)  amplitude  noting 
about  the  Y-axis  of  the  CMG. 

The  phase  shifts  associated  with  all  response  amplitudes  shown 
in  Figures  11-16  through  11-31  are  also  included.  These  phase  shifts  are  given 
in  degrees,  the  deflection  amplitudes  are  given  in  multiples  of  25.4  mm  and 
inches , and  the  rotations  are  in  radians. 

An  examination  of  all  frequency  response  plots  (Figures  11-16 
through  11-31)  indicates  that  the  dynamic  deflections  from  any  disturbance  at 
CMG  location  are  certainly  not  structurally  significant  by  themselves;  however, 
effects  on  the  pointing  error  due  to  structural  vibrations  may  be  significant  and 
these  are  evaluated  and  presented  in  Chapter  VI  of  this  volume. 
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Figure  11-16.  Primary  mirror  deflection  along  Y-axis  due  to  a 
sinusoidal  force  with  4.  448  N (1.  0 lb)  amplitude  acting 
along  Y-axis  at  CMG. 
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Figure  11-17.  Secondary  mirror  deflection  along  Y-axis  due  to  a 
sinusoidal  force  with  4.  448  N ( 1.  0 lb)  amplitude 
acting  along  Y-axis  at  CMG. 
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Figure  11-18.  Primary  mirror  rotation  about  Z-axis  due  to  a 
sinusoidal  force  with  4.  448  N ( 1.  0 lb)  amplitude 
acting  along  Y-axis  at  CMG. 


H-20 


-1  2 *»  4 « IE+0  2 4 4 t IE  ♦ I 2 1 t I IE  *2  2 4 4 • It  *3 

FREQUENCY  - MZ 


f igure  li—  i 9.  Secondary  mirror  rotation  about  Z axis  due  to  a 
sinusoidal  force  with  4.  448  N ( 1.  0 lb)  amplitude 
acting  along  Y-axis  at  CMG. 
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Figure  11-20.  Primary  mirror  deflection  along  Y-axis  due  to  a 
sinusoidal  moment  with  1.  356  N-m  ( 1.  0 ft-lb)  amplitude 
acting  about  Z-axis  at  CMG. 
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Figure  11-21.  Secondary  mirror  defii 
sinusoidal  moment  with  1.  356  N- 
acting  about  Z-axis 
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Figure  11-22.  Primary  mirror  rotation  about  Z-axis  due  to  a 
sinusoidal  moment  with  i.  356  N-m  (1.0  ft-lb)  amplitude 
acting  about  Z-axis  at  CMG. 
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Figure  11-24.  Primary  mirror  deflection  along  Z-axis  due  to  a 
sinusoidal  force  with  4.  448  N ( 1.  0 lb)  amplitude 
acting  along  Z-axis  at  CMG. 
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Figure  11-25.  Secondary  mirror  deflection  along  Z-axis  due  to  a 
sinusoidal  force  with  4.  448  N ( 1.  0 lb)  amplitude 
acting  along  Z-axis  at  CMG. 
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Figure  11-26.  Primary  mirror  rotation  about  Y-axis  due  to  a 
sinusoidal  force  with  4.  448  N ( i.  0 lb)  amplitude 
acting  along  Z-axis  at  CMG. 
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Figure  11-30.  Primary  mirror  rotation  about  Y-axis  due  to  a 
sinusoidal  moment  with  1.  356  N-m  ( i.  0 ft-lb)  amplitude 
acting  about  Y-axis  at  CMG. 


Figure  11-31.  Secondary  mirror  rotation  about  Y-axis  due  to  a 
sinusoidal  moment  with  1.  356  N-m  (1.0  ft-lb)  amplitude 
acting  about  Y-axis  at  CMG. 


i 


H-33 


References 


n-i.  Manned  Spacecraft  Center:  Space  Shuttle  Baseline  Accommodations  for 
Payloads.  Payload  Engineering  Office,  Future  Programs  Division, 
Engineering  and  Development  Directorate,  June  27,  1972. 

II- 2.  Martin  Marietta  Corporation:  Titan  Payload  User's  Guide. 

n-3.  Roark,  R.  J. : Formulas  for  Stress  and  Strain.  Fourth  Ed.  McGraw- 
Hill  Book  Company,  1965. 


NASA— MS  FC 


H-34 


CHAPTER  111.  THERMAL  CONTROL  SYSTEM 


TABLE  OF  CONTENTS 


Page 

A.  Introduction  and  Description  III-l 

B.  Hardware  Description III-2 

1.  Louvers  . III_2 

2.  Insulations III-2 

3.  Paint  III-2 

4.  Heaters ni-2 

C.  Requirements  Versus  Capabilities III-5 

D.  Design  Substantiation ni-5 

1 . Thermal  Analysis  of  Support  Systems  Module Ill -5 

a.  Guidelines  and  Assumptions  Ill -8 

b.  Analytical  Approach Ill -8 

c.  Results  and  Conclusions III-10 

2.  Thermal  Analysis  of  SSM./SIP  Interface HI-14 

a.  Design  Reference  Configuration in -14 

b.  Alternative  Concepts  III-14 

3.  Miscellaneous  Considerations III-20 

a.  Manned  Occupancy HI -20 

b.  Component  Access  for  Maintenance HI-21 

c.  Launch  Thermal  Environment Ill -21 

4.  Solar  Arrays Ill -21 

a.  Guidelines  and  Assumptions  Ill -21 

b . Analytical  Approach HI-22 

c.  Results  m-22 

d.  Analysis  of  Solar  Panels  Incorporating  Phase  Change 

Materials Ill -27 

5.  Reliability III-27 

Bibliography HI-30 

iii 


LIST  OF  ILLUSTRATIONS 


Figure  Title  Page 

HI- i . Spacecraft  orbits /orientations  considered  in  thermal 

analysis III-6 

III- 2.  SSM  component  layout  III-9 

III-3.  Nodal  model  used  to  determine  external  surface  heat 

rates III-10 

El-4.  Typical  temperature  distribution  from  component 

through  walls  of  spacecraft III-15 

III-5.  Temperature  distribution  from  CMG  to  meteoroid 

shield III-16 

in- 6.  Thermal  model  of  SSM/ SIP  interface  IH-17 

EI-7.  Absorbed  heat  flux  and  temperature  variations  through 

an  orbit  (+Z)  ffl-18 

HI-8.  Absorbed  heat  flux  and  temperature  variations  through 

an  orbit  (-Z)  IH-19 

ni-9.  Schematic  of  alternate  thermal  control  system  for  SIP 

components  III-20 

III-10.  Nodal  layout  of  thermal  model  used  in  analysis Ill -23 

m-li.  Solar  panel  temperature  throughout  an  orbit  with  (3  - 52 
degrees  and  spacecraft  longitudinal  axis  perpendicular 
to  solar  vector Ill -24 

IE- 12.  Solar  panel  temperature  throughout  an  orbit  with  /5  — 52 
degrees  and  spacecraft  longitudinal  axis  parallel  to 
solar  vector  ffl-25 

m- 13.  Solar  panel  temperature  throughout  an  orbit  with  (3  = 0 

degrees  and  the  spacecraft  longitudinal  axis  perpendicular 

to  solar  vector ffi-26 

iv 


LIST  OF  ILLUSTRATIONS  (Concluded) 


Figure  Title  Page 

III- 14.  LST  solar  panel  temperature  history  throughout  an 
orbit  with  and  without  a phase  change  material 

encapsulated  in  the  honeycomb  panel  substrate Ill -28 

I 

LI  ST  OF  TABLES 

Table  Title  Page 

III—  1 . SSM  Thermal  Control  Hardware  Description  Ill -3 

III-2.  Thermal  Control  Coatings  Considered Ill -4 

III— 3 . Environmental  Data  Used  in  Analysis  Ill -7 

HI-4.  SSM  Component  Size  and  Heat  Dissipation III-ll 

HI-5.  SSM  Component  Temperatures  Ill— 13 


CHAPTER  III.  THERMAL  CONTROL  SYSTEM 


A.  Introduction  and  Description 

The  thermal  control  system  (TCS)  of  the  support  systems  module 
maintains  the  SIP  and  the  electronic  equipment  within  required  limits  with 
margin  through  all  mission  phases.  The  design  philosophy  is  identical  to  that 
used  on  HEAO. 


Temperature  control  is  achieved  by  establishing  a heat  balance  between 
the  absorbed  radiation  (solar,  albedo,  and  earth) , internal  heat  dissipation, 
and  emitted  energy.  High  efficiency  multilayer  insulation,  thermal  covers, 
and  coatings  minimize  the  effect  of  large  variations  in  incident  radiation 
caused  by  changes  in  orbital  parameters  or  LST  orientation. 


Components,  such  as  the  batteries,  that  experience  large  variations  in 
internal  heat  dissipation  during  an  orbit  are  placed  in  thermally  independent 
modules.  Their  heat  balance  is  closely  controlled  with  separate  louvers, 
radiating  surfaces,  cold  plates,  and  heaters. 


A small  amount  of  thermal  control  heater  power  is  provided  to  certain 
components  that  may  require  a warmer  environment  than  provided  by  adjacent 
equipment.  Commandable  standby  heaters  are  also  placed  on  major  heat 
dissipating  system  equipment  to  maintain  a constant  Observatory  heat  dissipa- 
tion should  it  be  necessary  to  turn  off  units  for  extended  periods  of  time.  The 
standby  heaters  do  not  impose  an  additional  power  load  since  they  use  power 
made  available  when  components  are  turned  off. 


The  LST-SSM  heat  emitted  is  regulated  by  the  thermophysical  charac- 
teristics of  the  external  surfaces.  Orbital  excursions  are  also  attenuated  by 
these  controlled  surfaces.  The  surfaces  are  designed  to  maintain  the 
Observatory  thermal  balance  under  long-term  orbital,'  seasonal,  and  orienta- 
tion conditions,  as  well  as  providing  flexibility  to  respond  to  changes  in 
thermal  requirements  during  development. 


During  transient  eclipse  and  short-term,  off-point  modes,  the  thermal 
inertia  of  the  LST  greatly  facilitates  temperature  control.  The  thermal 
inertia  also  serves  to  maintain  temperature  control  during  short-term  boost 
and  transfer  orbit  conditions  when  incident  heating  and  internal  heat  dissipa- 
tion conditions  are  not  within  long-term  orbital  design  values. 


B.  Hardware  Description 

The  items  described  below  represent  the  total  SSM  thermal  control 
hardware  deliverables.  Table  m-i  contains  a listing  of  the  SSM  TCS  hardware 
with  corresponding  descriptions  and  performance  characteristics. 

1.  Louvers.  Each  SSM  louver  assembly  (similar  to  that  used  on 
HEAO)  consists  of  four  separate  blades.  Each  louver  assembly  is  placed  on 
the  battery  baseplate  external  surface  viewing  the  pressure  shell.  Bimetallic 
actuators  sense  the  local  battery  baseplate  temperature  and  provide  the  torque 
to  rotate  the  louver  blades.  The  bimetallic  springs  are  thermally  coupled  to 
the  baseplate  by  anchoring  the  frame  to  the  baseplate,  painting  the  bimetal, 
isolating  the  louvers  with  fiberglass  shafts,  and  insulating  the  actuator 
housing. 

2.  Insulations.  The  insulation  installation  techniques  are  similar  to 
those  used  for  other  spacecraft.  The  24-layer  aluminized  Mylar  insulation  is 
constructed  as  shown  on  Table  111-1.  All  the  blankets  are  made  in  sections  to 
fit  around  the  spacecraft  between  the  pressure  shell  and  the  micrometeoroid 
shield.  Venting  occurs  through  the  gaps  and  perforations  in  each  layer.  The 
perforations  are  staggered  to  avoid  radiation  heat  loss. 

A thermal  barrier  is  maintained  between  the  SIP  and  the  SSM 
compartments  by  a polished  aluminum  sheet  having  the  polished  surface  facing 
the  SIP.  This  sheet  was  used  in  place  of  a thermal  blanket  to  eliminate  the 
need  for  an  insulation  purge  due  to  moisture  contamination  during  manned 
maintenance. 

3.  Paint.  Zinc  orthotitanate  (Zn2Ti04) , a high  emittance  white  paint, 
was  chosen  as  the  design  reference  for  the  SSM  external  surface.  Table  III-2 
shows  a list  of  surface  finishes  considered.  Zn2Ti04  was  chosen  because  of 
its  low  a/e  ratio  and  low  degradation  alpha  value  of  0.  005  per  year.  This 
paint  is  one  of  many  being  tested  on  the  Skylab  program.  As  a backup  to  the 
Zn2Ti04,  a mosaic  of  optical  solar  reflectors  (OSR)  and  white  paint  could  be 
used. 


4.  Heaters.  The  heaters  are  standard  flexible  strip  heaters  that  can 
be  bonded  to  a conducting  surface  with  a low  outgassing  RTV  adhesive.  The 
heaters  are  available  in  wattages  from  i to  10  at  28V.  Heaters  are  enabled 
by  command,  after  which  turn-on  is  controlled  automatically  by  a standard 
snap-acting  thermoswitch.  The  number,  size,  and  setting  for  the  heaters 
are  to  be  determined. 
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TABLE  m-i.  SSM  THERMAL  CONTROL  HARDWARE  DESCRIPTION 
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TABLE  m-2.  THERMAL  CONTROL  COATINGS  CONSIDERED 


Aa  = 0.005/YR 


C.  Requirements  Versus  Capabilities 

The  requirements  imposed  on  die  SSM  thermal  control  system  are 
expressed  in  terms  of  the  allowable  temperature  ranges  of  the  electronic 
equipment,  as  follows  (see  also  guidelines  in  Volume  n,  Chapter  IV): 


Component 

Communications  Equipment 
Data  Handling  Equipment 
Attitude  Control  Equipment 
Solar  Cells 


Allowable  Temperature 
Range  (°C) 

-10  to  50 

-18  to  60 

-10  to  55 

Less  than  100 


Batteries  5 to  15 

Other  Electrical  Power  Components  -18  to  50 

Six  vehicle  orientations  that  were  considered  in  the  thermal  analysis  are 
shown  in  Figure  III— 1.  The  reliability  requirement  for  the  thermal  control 
system  was  0.  95  for  1 year. 

The  baseline  thermal  control  design  fulfills  all  the  design  requirements 
imposed  by  the  various  vehicle  environments.  The  environmental  data  shown 
in  Table  III— 3 were  used  in  all  subsequent  thermal  calculations.  The  heat  load 
contingency  allowed  for  growth  was  700  watts  in  the  SSM  ( 100  percent)  and 
200  watts  ( 50  percent)  in  the  SIP. 


D.  Design  Substantiation 

L Thermal  Analysis  of  Support  Systems  Module.  Work  summarized 
in  this  section  is  the  result  of  a thermal  control  study  performed  on  the  design 
reference  configuration.  The  objective  of  this  study  was  to  determine  whether 
proposed  locations  and  mounting  techniques  were  suitable  to  keep  the  system 
components  within  their  required  operating  temperature  range. 
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CASE  I - 

ORBITAL  ANGLE  0 * 52° 
SPACECRAFT  LONGITUDINAL  AXIS 
PARALLEL  TO  SUN 


CASE  II  - 

ORBITAL  ANGLE  0 - 52° 
SPACECRAFT  LONGITUDINAL  AXIS 
PERPENDICULAR  TO  SUN 


CASE  111  - 

ORBITAL  ANGLE  0 * 52° 
SPACECRAFT  LONGITUDINAL  AXIS 
INCLINED  45°  TO  SUN 


CASE  IV  - 

ORBITAL  ANGLE  0*0° 
SPACECRAFT  LONGITUDINAL  AXIS 
PARALLEL  TO  SUN 


CASE  V - 

ORBITAL  ANGLE  0-0° 
SPACECRAFT  LONGITUDINAL  AXIS 
PERPENDICULAR  TO  SUN 


CASE  VI  - 

ORBITAL  ANGLE  0-0° 
SPACECRAFT  LONGITUDINAL  AXIS 
INCLINED  45°  TO  SUN 


EARTH 


Figure  III— i.  Spacecraft  orbits/ orientations  considered  in  thermal  analysis. 
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Passive  thermal  control  consisting  of  insulation  and  thermal  control 
coatings  is  utilized  as  much  as  possible.  Because  of  the  variation  in  the 
spacecraft  external  environment  (due  to  changes  in  orbit  and  spacecraft 
orientations) , resistance  heaters  are  required  for  some  components.  These 
components  must  be  mounted  so  they  will  not  exceed  their  maximum  limits 
during  peak  environmental  heating.  With  this  condition  satisfied,  some  compo- 
nents would  go  below  their  minimum  operating  limit  during  a cold  orbit  or 
spacecraft  orientation.  For  this  reason,  heaters  and/ or  louvers  are  required. 

a.  Guidelines  and  Assumptions.  The  following  guidelines  and 
assumptions  were  used  in  performing  this  analysis: 

i.  Thermal  Properties  of  Materials  and  Surfaces: 

a.  Aluminum  — K = 166 7ZZ  , C = 0.881  — ttt  , 

sec  m K p g K 


P = 


2.706 


cm3 


b.  Multilayered  Insulation  — K,  = 8.65x10  5 rrr  , 

J 1 sec  m K 

C =1.25  — r — , P = 0.040  — ^3-  , Ki.  = 0.0519 . 

p g K cm'*  II  sec  m K 

c.  Meteoroid  Shield  (external)  o>  = 0.135,1  e = 0.92. 

( internal)  e = 0.5. 


d.  Pressure  Wall  (both  sides) 
2.  Orbit: 


e = 0.5. 


a.  Circular  at  an  Altitude  of  611  km. 

b.  28.5  Degrees  Inclination  to  the  Equator. 

b . Analytical  Approach . The  SSM  component  layout  utilized  in 
this  analysis  is  presented  in  Figure  in-2.  The  component  identification 
numbers  are  given  in  the  Master  Equipment  List  in  Chapter  I of  this  volume. 
This  layout  was  selected  to  meet  structural,  contamination  control  and 
thermal  requirements.  Components  located  on  the  aft  conical  pressure  shell 
are  separated  from  the  internal  environment  by  a polished  aluminum  sheet. 


1 . Accounts  for  3 years  worth  of  degradation . 
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Figure  III- 2.  SSM  component  layout. 

Components  located  on  the  cylindrical  pressure  wall  are  covered  in  the  same 
manner . The  remaining  wall  area  is  left  as  thermal  contrql  surface  for  the 
SlP  components.  Figure  III- 3 presents  the  nodal  layout  utilized  to  determine 
the  external  heating  rates . The  Lockheed  heat  rate  program  ( LOHARP)  was 
used  to  perform  the  calculations. 

Thermal  response  of  the  SSM  components  to  the  environmental  heating 
rates  and  the  internal  heat  sources  was  evaluated  through  utilization  of  the 
SINDA  digital  computer  program . The  thermal  model  was  composed  of  65 
nodes.  Each  component  or  closely  packed  group  of  components  was  designated 
as  a node  and  attached  to  the  longerons  adjacent  to  the  pressure  shell.  Compo- 
nents with  little  or  no  heat  output  were  insulated  from  the  pressure  shell . Heat 
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Figure  HI-3.  Nodal  model  used  to  determine  external  surface  heat  rates. 


was  rejected  from  the  components  by  way  of  conduction  through  the  mounting 
brackets  and  radiation  to  the  pressure  wall.  Emissivity  of  the  component 
external  surface  was  varied  based  on  the  heat  dissipation  rate  and  the  radiating 
area.  The  average  heat  dissipation  rate  and  size  that  was  input  for  each 
component  is  presented  in  Table  III-4.  With  the  exception  of  the  batteries, 
all  SSM  components  have  a wide  temperature  operating  range.  Therefore, 
more  care  must  be  taken  in  thermal  control  design  for  the  batteries.  For 
this  analysis,  a combination  of  conduction  and  radiation  that  gave  acceptable 
results  was  ( 1)  a cross-sectional  area  of  32  cm2  of  aluminum  used  to  connect 
the  battery  to  the  pressure  wall  with  a 5 cm  conducting  path  and  ( 2)  surface 
emissivity  of  0.5.  Two  basic  vehicle  orientations  were  investigated,  one 
where  the  LST  longitudinal  axis  is  perpendicular  to  the  solar  vector  and  one 
where  the  longitudinal  axis  is  parallel  to  the  solar  vector.  Beta  angles  of 
52  and  0 degrees  were  considered. 

c.  Results  and  Conclusions.  The  resulting  quasi-steady  state 
component  temperatures  are  given  in  Table  III- 5.  Although  the  meteoroid 
shield  and  pressure  shell  experience  large  temperature  excursions  during  an 
orbit,  the  components  have  enough  mass  and  the  heat  transfer  path  is  such 


TABLE  III-4.  SSM  COMPONENT  SIZE  AND  HEAT  DISSIPATION 
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TABLE  in-4.  (Concluded) 
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TABLE  III- 5.  SSM  COMPONENT  TEMPERATURES 


TEMPERATURE  °C 


ITEM 

AVERAGE  POWER 

X I.  J 

0=52° 

0=52° 

CMG'S  & DRIVE  ELECTRONICS 
ASSY  (CMG  & DEA) 

WATTS  ^ 

^ 90  (SLEW) 

35.5 

23 

32 

21 

10.5 

20 

10.4 

18.7 

MAGNETIC  TORQUER  ELECT. 
(MTE) 

5 

28 

28 

28.7 

RCS  ELECTRONICS 

0 

-5.5 

■a 

-8 

-9.6 

DIGITAL  PROCESSOR  ASSY. 
(DP  A) 

16 

-2 

3 

1.0 

RCS TANK 

0 

-5.5 

-.3 

-5.5 

-5.2 

TRANSPONDER 

9.3 

-0.5 

2 

15.5 

12 

BASEBAND  UNIT 

4 

-13 

-9 

12 

7 

DATA  CONTROL  UNIT 

3 

12 

9.9 

9 

7.3 

FORMAT  GENERATOR 

7 

12 

9.9 

9 

7.3 

COMMAND  PROCESSOR 
AND  MEMORY 

16 

-6 

-9.5 

•10 

ELECTRIC  CONT.  ASSY. 

24 

19 

19 

REMOTE  DECODERS 

22.4 

17 

18 

17 

19.2 

■ 

TAPE  RECORDERS  & 
TAPE  CONTROL  UNIT 

21 

9 

7 

BATTERIES 

27 

1.5 

13.0 

8 

11 

5.5 

10.5 

3.0 

8.4 

CHARGERS 

36 

-3 

34 

33 

3 

0 

32.8 

28.8 
3.8 

16.5 

46.5 
46.0 

21.5 

13 

42.5 

42.6 
17 

REGULATORS 

150 

23 

27 
24.5 

28 

25 

27 

22.7 

28.8 

34 

34 

31 

38 

31.7 

31.5 

29.8 

35.5 

SOLAR  POWER  DISTRIBUTOR 

20 

26 

24 

31.5 

mm 

SOLAR  PANEL  MECH. 

4 

10.5 

9.5 

9.5 

8 

SOLAR  PANEL 
DEPLOYMENT  MECH. 

4 

4 

2.5 

1.5 

mm 

DATA  ACQUISITION  UNIT  (DAU) 

1.34 

10 

12.0 

5 

9.9 

21 

9 

H 

TRANSFER  ASSEMBLY  <TA) 

21.5 

25.5 

23.5 

30 

28.6 
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that  these  excursions  are  dampened  out.  Therefore  the  temperature  remains 
essentially  constant  after  stabilization  for  an  orbit  and  spacecraft  orientation. 
Orbital  temperature  histories  for  the  batteries  and  CMGs  are  shown  in 
Figures  III-4  and  III— 5 , respectively.  The  batteries  located  on  the  antisolar 
side  operated  at  3.5°C  lower  than  the  minimum  limit.  This  can  be  corrected 
by  increasing  the  emissivity  or  conducting  path  to  the  pressure  shell.  This 
close  temperature  tolerance  dictates  a requirement  for  louvers  and  heaters 
for  the  batteries . Louvers  can  control  the  temperature  by  acting  as  a buffer 
in  the  radiating  path.  No  electrical  power  is  required  for  the  louvers; 
therefore,  they  are  desirable  for  the  primary  method  of  control.  However, 
mesh-type  resistance  heaters  are  required  as  a backup  system  in  case  of 
louver  failure.  These  louvers  should  be  the  normally  open  type  so  that  they 
would  go  to  the  open  position  in  the  failure  mode . 

It  is  concluded  that,  based  on  the  assumptions  used,  the 
current  placement  of  the  SSM  components  within  the  spacecraft  is  acceptable 
and  the  radiating  area  is  more  than  enough  to  dissipate  the  waste  heat. 

2.  Thermal  Analysis  of  SSM/SIP  Interface 

a.  Design  Reference  Configuration.  Orbital  transient  analyses 
were  performed  to  predict  the  orbital  temperature  excursions  of  the  SIP  and 
to  determine  the  required  insulation  thickness  on  the  SSM  pressure  shell.  A 
schematic  of  the  analytical  model  is  shown  in  Figure  III-6.  It  was  assumed 
that  the  spacecraft  was  oriented  with  the  longitudinal  axis  perpendicular  to  the 
solar  vector  and  in  an  orbit  oriented  to  produce  maximum  sun  time . Transient 
temperatures  were  calculated  throughout  an  orbit.  Results  are  presented  in 
Figures  III— 7 and  III- 8.  These  curves  represent  temperatures  of  the  SIP, 
pressure  shell,  insulation,  and  meteoroid  shield  along  a radial  line. 

Results  of  the  analyses  show  that  a passive  system  is  feasible 
and  that  a maximum  heat  load  of  600  watts  could  be  dissipated  by  this  design. 

If  the  wattage  were  increased  above  this  value,  the  insulation  thickness  would 
have  to  be  decreased  to  the  point  where  the  instrument  temperatures  would 
vary  out  of  limits . 

b.  Alternative  Concepts.  An  alternate  to  the  reference  design 
approach  to  provide  SSM/SIP  thermal  control  was  studied.  The  fluid  loop 
system  shown  in  Figure  III— 9 was  considered.  The  basic  operating  temperature 
of  the  SIP  was  assumed  to  be  20  ± 4°C.  The  temperature  at  which  the  heat 
energy  is  removed  at  the  SIP  surface  is  determined  by  the  efficiencies  of  the 
conductive  and  convective  heat  transport  mechanisms  in  series.  A double 


III-14 


ORBIT  TIME  (HOURS) 


Figure  III-4.  Typical  temperature  distribution  from  component 
through  walls  of  spacecraft. 


Figure  III-5.  Temperature  distribution  from  CMG  to 
meteoroid  shield. 


Figure  III-6.  Thermal  model  of  SSM/SIP  interface. 

loop  system  was  considered  because  of  the  nontoxicity  requirements  of  the 
shirt-sleeve  working  environment  provided  within  the  SSM  during  manned 
occupancy . No  toxic  working  fluids , such  as  the  common  refrigerants , can  be 
permitted  to  pass  through  the  manned  environment . Therefore , water  was 
selected  as  the  working  fluid  for  the  internal  loop . Freon  21  was  selected  for 
the  external  loop  to  prevent  freezing  in  the  radiator  during  periods  of  low 
environmental-heating  and/or  low  internal  heat  loads.  A bypass  valve  will  be 
required  at  each  cold  plate  to  precisely  control  the  temperatures  of  the 
different  components . A temperature  sensor  on  the  critical  component  will 
feed  back  a signal  to  control  a valve  which  will  vary  the  flow  of  the  refrigerant 
through  the  cold  plate.  A similar  bypass  arrangement  will  be  provided  in  the 
external  loop  to  control  the  inlet  temperature  of  the  liquid/liquid  heat  exchanger 
under  varying  heat  loads  and  orbital  heat  fluxes.  Lower  reliability,  the 
possibility  of  telescope  fine  pointing  interference  from  moving  fluids  and 
rotating  pumps,  greater  contamination  potential,  difficulty  in  maintenance, 
and  cost  led  to  the  rejection  of  this  system. 

Another  alternate  SIP  thermal  control  system  considered  was 
variable  control  heat  pipes.  In  these  pipes  the  temperature  of  the  heat  source 
is  related  directly  to  the  internal  vapor  pressure  of  the  heat  pipe  and  the 
available  surface  area  of  the  condensing  region.  Thus  by  controlling  the 
vapor  pressure  of  the  heat  pipe  with  a predetermined  volume  of  injected 
noncondensible  gas,  the  heat  pipe  temperature  is  controlled.  Theoretically, 
the  reliability  of  the  heat  pipe  system  should  be  better  than  that  of  the  active 
loop  system,  but  the  lack  of  previously  demonstrated  flight  systems  employing 
variable  control  heat  pipes  led  to  the  rejection  of  this  system  for  the  SIP. 
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Figure  III— 9 . Schematic  of  alternate  thermal  control  system 

for  SIP  components. 

3.  Miscellaneous  Considerations 


a.  Manned  Occupancy.  Unscheduled  maintenance  will  probably 
be  performed  before  the  end  of  the  second  year  and  as  required  thereafter. 
Since  the  maintenance  is  to  be  performed  in  a shirt-sleeve  environment,  the 
SSM  will  be  pressure-sealed.  The  astronaut  must  not  be  exposed  to  either  an 
excessively  hot  or  cold  wall.  Also,  existence  of  a cold  wall  must  be  avoided 
to  prevent  condensation  from  the  cabin  atmosphere , which  will  be  supplied 
from  the  attached  service  spacecraft. 

In  order  to  dock,  the  solar  cells  will  have  to  be  retracted  and 
wrapped  around  the  vehicle  as  in  the  launch  condition.  Because  of  the  high 
solar  absorptivity  (a  = 0.78) , the  temperature  on  the  sun  side  was  20° C and 
on  the  antisun  side  it  was  10° C.  This  is  well  above  the  dew  point  temperature, 
so  no  condensate  will  form.  For  the  aft  conical  section,  250  watts  will  have  to 
be  supplied  to  maintain  equipment  temperature  above  the  dew  point . 
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b.  Component  Access  for  Maintenance.  When  performing  main- 
tenance on  the  scientific  instruments  or  the  subsystems,  it  will  be  necessary 
to  remove  the  thermal  covering  over  the  subsystem  components  and  SIP 
components.  Each  component  can  be  attached  so  that  when  the  panel  is 
opened,  it  can  be  easily  removed. 


c.  Launch  Thermal  Environment.  A prelaunch  purge  is  necessary 
to  remove  the  heat  absorbed  from  the  environment  and  added  to  components 
being  energized  during  testing.  The  LST  may  be  launched,  returned  to  earth, 
and  relaunched  by  the  Space  Shuttle . The  Shuttle  apparently  will  present  no 
thermal  problem  from  ascent  aerodynamic  heating  if  2. 5 cm  of  microquartz 
( 56  kg./ m3)  insulation  is  installed  inside  the  cargo  bay  walls'.  Under  this 
condition  the  cargo  bay  temperature  will  peak  at  approximately  41  °C  during 
ascent;  this  will  not  result  in  overheating  of  the  subsystems.  The  Shuttle 
ascent  heating  phase  lasts  for  less  than  5 minutes. 

The  effects  of  the  Titan  HI  launch  environment  on  the  LST 
thermal  response  have  not  been  evaluated.  However,  it  is  expected  that  the 
utilization  of  protective  insulation  inside  the  shroud  walls  will  maintain  the 
LST  components  within  their  respective  temperature  limits. 

4.  Solar  Arrays 

a.  Guidelines  and  Assumptions.  The  following  guidelines  and 
assumptions  were  used  in  performing  this  analysis: 


1 . Orbit: 

a.  Circular  at  an  Altitude  of  611  km. 

b.  28.5  Degrees  Inclination  to  the  Equator. 

2.  Solar  Absorptivity  and  Infrared  Emissivity. 

a.  Solar  Cells  — 0.78  and  0.82,  respectively. 

b.  Antisolar  Side  of  Solar  Panels  — 0.35  and  0.87. 

c.  Spacecraft  External  Surfaces  Over  SSM  — 0.135 

and  0.92. 
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3. 


Environmental  Heat  Source  Constants. 


a.  As  Given  Previously  (Table  III- 3)  . 

The  analysis  was  performed  utilizing  the  following  three  orbit 
and  spacecraft  orientation  combinations: 

1 . Beta  angle  of  52  degrees  with  the  spacecraft  longitudinal 
axis  perpendicular  to  the  solar  vector. 

2.  Beta  angle  of  0 degrees  with  the  spacecraft  longitudinal 
axis  perpendicular  to  solar  vector . 

3.  Beta  angle  of  52  degrees  with  the  spacecraft  longitudinal 
axis  parallel  to  the  solar  vector. 

b.  Analytical  Approach . A transient  orbital  thermal  analysis  was 
performed  on  the  solar  cell  array  design  for  the  LST.  The  nodal  model  used 
to  perform  these  calculations  is  presented  in  Figure  III-10.  All  the  spacecraft 
surfaces  seen  by  the  solar  panels  were  included  in  the  model  so  that  reflection 
and  reradiation  effects  would  be  considered.  With  a passive  thermal  control 
system  the  external  spacecraft  skin  must  act  as  a radiator;  therefore , for 
these  analyses,  one  kilowatt  of  heat  (representing  the  component  heat  dissipa- 
tion requirement)  was  dissipated  from  the  nodes  representing  the  meteoroid 
shield  covering  the  SSM. 

c.  Results.  The  predicted  temperature  histories  of  the  solar 
panels  for  three  different  orbit/ spacecraft  orientations  are  presented  in 
Figures  III— 1 1 , HI-12,  and  III-13.  The  two  curves  on  each  graph  represent 
one  node  near  the  spacecraft  body  and  one  on  the  outer  edge.  In  Figures  III— 1 1 
and  III— 12 , the  curves  which  represent  the  parallel  and  perpendicular  space- 
craft orientations  at  = 52  degrees  show  that  the  orientation  of  the  spacecraft 
has  little  effect  on  the  solar  panel  temperature.  Figure  III- 13  represents  the 

/3  =;  0 degree  case  and  shows  that,  although  the  spacecraft  is  exposed  to  the  sun 
for  a shorter  length  of  time,  the  temperature  is  7. 2°C  higher  at  one  point  than 
in  the  cases  where  /3  = 52  degrees.  This  results  from  the  fact  that  in  the 
/3  = 0 degree  orbit  there  is  a point  where  the  spacecraft  is  directly  between  the 
sun  and  earth.  At  this  location,  the  maximum  albedo  and  planetshine  radiation 
strikes  the  backside  of  the  solar  panels  causing  the  temperature  increase.  For 
the  ]3  = 52  degrees  cases,  the  backside  temperature  remained  approximately 
5. 6°C  lower  than  the  side  facing  the  sun.  For  the  j3  = 0 degree  case,  the 
backside  temperature  varies  from  0.  5 to  4. 5°C  lower  than  the  side  facing  the 
sun. 
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Figure  III- 1 0 . Nodal  layout  of  thermal  model  used  in  analysis. 
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Figure  HI-11.  Solar  panel  temperature  throughout  an  orbit  with  0 = 52  degrees 
and  spacecraft  longitudinal  axis  perpendicular  to  solar  vector . 
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Figure  III- 12 . Solar  panel  temperature  throughout  an  orbit  with  /3  = 52  degrees 
and  spacecraft  longitudinal  axis  parallel  to  solar  vector . 
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Figure  III-13.  Solar  panel  temperature  throughout  an  orbit  with  (3  = 0 degrees 
and  the  spacecraft  longitudinal  axis  perpendicular  to  solar  vector . 


The  predicted  solar  panel  temperature  histories  presented  in 
Figures  III- 1 i through  III  - 1 3 are  conservatively  high  because  the  maximum 
environmental  heat  source  constants  were  used.  With  these  conservative 
results,  the  maximum  predicted  temperature  was  17° C below  the  prescribed 
upper  limit  of  100°  C. 

d.  Analysis  of  Solar  Panels  Incorporating  Phase  Change  Materials. 
Preliminary  analysis  of  the  proposed  LST  solar  panel  design  resulted  in 
establishment  of  solar  cell  temperature  cycling  between  -52°  C and  83° C.  The 
cells  can  operate  within  this  range,  but  the  extreme  cycling  reduces  service 
life  because  of  the  constant  expansion  and  contraction  that  takes  place . This 
thermal  cycling  can  be  greatly  reduced  by  the  incorporation  of  a phase  change 
material  (PCM).  The  resulting  tradeoff  is  the  cost,  contamination,  and  mass 
penalty  versus  the  amount  of  temperature  cycle  dampening  desired. 

A PCM  has  the  unique  ability  to  absorb  and  liberate  large 
quantities  of  heat  without  appreciable  temperature  change  by  utilizing  the  heat 
of  fusion  of  the  material  as  a very  large  heat  sink.  For  this  application  a 
thermal  model  was  constructed  representing  the  solar  panels  with  a PCM 
encapsulated  in  the  honeycomb  substrate.  The  PCM  selected  was  lithium 
nitrate  trihydrate  ( LiN03  • 3H2O)  because  of  its  solid/liquid  phase  change 
temperature  (32.7°C)  and  latent  heat  of  fusion  (390  827  j/kg) . 

The  model  was  analyzed  in  a 611  km  circular  orbit  at  /3  = 52 
degrees.  Two  cases  were  run  utilizing  different  amounts  of  PCM:  1 . 9 kg/m2 
and  2.5  kg/m2,  or  a total  of  68  kg  and  90.7  kg,  respectively.  The  predicted 
solar  panel  temperature  histories  for  the  two  cases  are  presented  in  comparison 
with  conventional  solar  panel  temperatures  in  Figure  III- 14.  The  effect  is 
obvious:  With  a mass  penalty  of  90.7  kg,  the  solar  panel  temperature  variation 
can  be  held  within  a range  of  43°  C . 


5.  Reliability . A study  was  performed  by  Federal  Electric  Corpora- 
tion to  examine  reliability  characteristics  of  TCS  in  the  conceptual  phase  of 
design.2  From  the  literature  surveyed,  it  seems  that  very  little  concern  has 
been  displayed  about  reliability  of  TCS.  From  this  study  it  can  be  seen  that 
reliability  considerations  in  the  conceptual  design  phase  are  feasible  for  TCS. 
There  needs  to  be  an  effort  to  accumulate  failure  data,  particularly  wearout 
data,  on  TCS  elements. 


2.  Results  of  this  study  are  presented  in  Federal  Electric  Corporation  Report 
No.  1412-195-72,  Aug.  4,  1972. 


Ill -2  7 


Oo)  aunxvuidwax 


III -2  8 


I 


Figure  III- 14.  LST  solar  panel  temperature  history  throughout  an  orbit  with  and  without 
a phase  change  material  encapsulated  in  the  honeycomb  panel  substrate. 


The  passive  LST  concept  for  thermal  control  is  the  most  promising 
from  a reliability  viewpoint.  Redundancy  at  a system  level,  if  the  functional 
requirements  can  be  met,  is  a promising  approach  to  enhancing  overall  TCS 
reliability. 
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equipment  shall  be  rated  for  at  least  150  percent  of  the  highest  average  deter- 
mined. Power  is  to  be  delivered  efficiently  to  the  loads  at  a voltage  of  28  ± 2 
percent  Vdc. 

d.  Life.  The  system  design  and  hardware  concepts  shall  assure 
that  the  power  and  functional  requirements  are  satisfied  throughout  the  5 year 
mission.  Refurbishment  will  be  accomplished  by  replacement  of -failed  or 
degraded  components  during  on-orbit  maintenance . The  minimum  maintenance 
interval  is  to  be  determined  on  a cost  basis.  Presently,  an  estimate  of  2 years 
is  being  used  for  the  minimum  life  of  components  . 

e.  Reliability.  The  electrical  system  shall  have  a sufficiently 
high  reliability  so  that  the  reliability  for  the  SSM  will  be  0.95  for  1 year. 

With  maintenance,  the  system  shall  have  adequate  reliability  to  sustain  .the 
5 year  mission. 

f.  Protection.  Reliable  design  methods  and  devices  shall  be  used 
to  protect  the  system  integrity  and  to  assure  a cost-effective  mission.  The 
system  design  and  implementation  will  assure: 

1 . Single  point  failures  will  not  degrade  system  performance . 

2.  Protection  against  credible  faults  that  could  jeopardize 

the  mission. 

3.  Transients  and/or  electromagnetic  interference  (EMI) 
will  not  affect  operational  reliability,  accuracy  of  controls,  or  quality  of  data. 

4.  Transient  suppression  is  provided  as  needed  for  critical 
networks.  In  general,  transients  having  10  Msec  pulse  widths  shall  not  exceed 
±50  volts . 


g.  Technology  and  Commonality.  Maximum  use  of  flight  proven 
concepts  and  components  js  ground  ruled  for  low  cost  and  development  risk. 
Unless  they  are  cost  effective,  innovations  are  to  be  avoided.  Use  of  adequate, 
existing  specifications  and  documentation  is  also  desired  for  low  cost. 

h.  Environment.  The  electrical  system  shall  be  compatible  with 
environmental  conditions  to  be  determined  for  the  mission  and  with  those 
specified  for  a Shuttle  launch  and  for  the  alternate  Titan  launch . The  maximum 
solar  array  temperature  shall  be  limited  to  100° C by  design.  Battery  tempera- 
ture shall  be  closely  controlled  within  the  range  of  5°C  to  15°C. 
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i.  Mass.  The  system  mass  must  be  compatible  with  the  space- 
craft limits  and  allocations . No  mass  constraints  have  been  allocated  to  the 
electrical  system.  Assembly  mass  shall  be  consistent  with  safe,  easy  handling 
and  maintenance  concepts.  Special  approval  will  be  required  for  assemblies 
exceeding  45  kg. 

j.  Orbital  Parameters.  The  electrical  system  shall  be  capable 
of  satisfactory  performance  and  self- sustained  operation  in  the  611  km  circular 
orbit  with  a 28.5  degree  inclination.  Possible  variations  due  to  launch  date 
shall  be  accommodated. 

k.  Pointing.  The  solar  array  shall  not  constrain  vehicle  pointing. 
The  vehicle  X-axis  may  be  pointed  to  any  location  on  the  celestial  sphere; 
except  that,  it  will  not  be  directed  to  within  45  degrees  of  the  sun.  Short-term 
allowances  are  made  for  15  degree  cone  angles  toward  the  moon  and  earth. 

The  system  will  have  adequate  power  to  sustain  the  vehicle  for  two  operating 
modes.  The  normal  operating  mode  is  three-axis  stabilized  with  roll  position 
unconstrained  by  experiment  requirements . The  special  mode  shall  be 
permissible  for  one  to  three  orbits  per  month.  In  the  special  mode,  the  roll 
position  will  be  constrained  by  the  experiment.  Further  coordination  with 
scientific  investigators  is  required  to  determine  minimum  acceptable  time  and 
degree  of  roll. 


l . Launch  Vehicle . The  system  shall  be  compatible  with  the 
Shuttle  system  and  operations . It  will  satisfy  the  electrical  interfaces  to  be 
established  for  prelaunch,  launch,  and  orbital  operations . 

m . Alternate  Launch  Vehicle . The  electrical  system  will  also  be 
compatible  with  the  requirements  and  constraints  of  the  alternate  Titan  launch 
site  and  vehicle.  The  design  shall  permit  easy  adaptation  without  major 
modification.  Add-on  modification  kits  are  permissible  for  interface  adaptation. 

n.  Location.  To  the  extent  possible,  the  major  part  of  the  electri- 
cal system  shall  be  located  within  the  SSM  section  of  the  LST . The  SSM  will 
provide  the  necessary  services  and  interfaces  for  the  OTA/SIP.  External 
interfaces  will  be  located  around  the  docking  port  in  accordance  with  interface 
documents  to  be  supplied  by  the  Shuttle  system.  The  solar  array  will  be  located 
only  on  the  SSM. 


o.  Configuration.  The  electrical  systems  will  be  compatible  with 
the  cylindrical  configuration  and  dimensions  of  the  SSM.  The  solar  array  shall 
be  compatible  with  launch  vehicle  constraints  and  the  envelope  specified  for  the 
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Titan  shroud.  The  electrical  system  equipment  shall  be  modularized  with 
features  that  permit  easy  access,  handling,  installation,  and  maintenance . 

2.  Electrical  Load  Requirements.  Based  on  preliminary  studies  of 
the  LST , an  orbital  average  load  of  1500  watts  was  set  as  the  reference  for 
electrical  power  design  studies.  The  minimum  peak  load  of  2250  watts 
selected  was  150  percent  of  the  design  average  load.  It  represented  a conserv- 
ative rating  considering  that  the  highest  maximum  previously  determined  was 
1750  watts.  Experience  has  shown  that  a margin  between  10  percent  and  25 
percent  should  be  included  in  the  design  load  to  account  for  probable  changes 
that  occur  between  Phase  A and  the  final  vehicle  requirements . The  margin 
depends  on  engineering  judgment  of  system  design  maturity  and  practicality 
of  requirements . 

The  load  requirements  described  here  represent  the  results  of 
further  iterations  made  during  this  study.  Load  requirements  were  solicited 
from  the  various  SSM  subsystem  designers  and  from  the  OTA  and  SIP  study 
results.  All- loads  are  given  in  terms  of  28  Vdc  equivalent  power.  Conversion 
to  different  voltages  or  to  ac  will  be  accomplished  within  the  system  requiring 
the  conversion.  The  individual  loads  for  the  subsystems  are  given  as  the 
average  requirement  at  the  load  terminals,  exclusive  of  system  losses.  These 
figures  are  considered  more  accurate  than  maximum  or  peak  power  require- 
ments, which  are  dependent  on  combinations  of  subsystems  and  coincidence  of 
loads  that  can  occur  in  a random  manner.  Preliminary  estimates  of  load 
combinations  were  used  to  develop  the  power  profile  to  be  shown. 

Because  the  design  concepts  for  OTA  and  SIP  are  in  their  infancy, 
it  is  difficult  to  make  accurate  load  and  operational  predictions . The  low 
confidence  in  these  requirements  should  be  compensated  by  a larger  margin. 
Since  the  SSM  systems  are  based  on  previous  designs,  the  requirements  of 
most  of  the  elements  have  been  verified.  Thus,  a higher  confidence  and  a 
lower  margin  may  be  attributed  to  the  SSM  loads . 

The  size  of  the  EPS  is  also  sensitive  to  load  variations  that  may 
occur  as  a function  of  occultation  and  sunlight  periods  of  the  orbit.  Such 
variations  depend  on  operational  and  sequencing  concepts  which  have  not  been 
well  defined.  To  emphasize  the  need  for  good  load  definition  — broken  down 
at  least  to  averages  for  occultation  and  sunlight  periods  — parametric 
performance  curves  are  given  in  Sections  C . 2 and  F . 1 to  show  the  effect  of 
dark-to-light  load  ratios  and  the  solar  array  and  batteries. 
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a.  Power  for  Attitude  Control.  The  equipment  within  the  attitude 
control  system  (ACS)  that  requires  electrical  power  is  identified  in  Table  IV- 1; 
the  unit  power  ratings,  typical  average  power,  and  potential  peaks  are  also 
given.  The  components  of  the  ACS  with  appreciable  peaks  are  the  CMGs,  the 
magnetic  torquers,  and  the  gyros.  The  reaction  control  subsystem  (RCS) 
could  represent  a significant  current  peak.  (The  PvCS  requirements  are 
mentioned  here  because  they  were  combined  with  the  ACS  in  this  study.) 
Requirements  are  the  same  for  either  the  Shuttle  or  Titan  launch  vehicles. 


TABLE  IV- 1.  POWER  REQUIREMENTS  FOR  ATTITUDE 
CONTROL  SYSTEM 


EQUIPMENT 

AVERAGE 

UNIT 

POWER, 

WATTS 

ACTIVE 

UNITS 

MAXIMUM 

POWER, 

WATTS 

DUTY  ** 
CYCLE, 
% 

AVERAGE 

TOTAL 

POWER, 

WATTS 

STAR  TRACKERS 

5 

2 

10 

100 

10 

REFERENCE  GYROS* 

9 

4 

36 

100 

36 

MAGNETOMETERS 

2 

1 

2 

100 

2 

CMG  AND  DEAb 

17 

4 

90 

76 

68® 

MAGNETIC  TORQUER 

2.5 

6 

30 

15 

MTE 

5 

1 

5 

100 

5 

DIGITAL  PROCESSOR 

16 

1 

16 

100 

16 

TRANSFER  ASSEMBLY 

26.5 

1 

26.5 

100 

26.5 

RCS  ELECTRONICS*2 

11 

1 

11 

s 

0 

TOTAL  AVERAGE  POWER 

178.5 

a.  STARTING  POWER  IS  72  WATTS  FOR  REFERENCE  GYRO  ASSEMBLY. 

b.  CMG  SPINUP  POWER  IS  APPROXIMATELY  135  WATTS  EACH,  PEAK. 

SPINUP  IS  PROGRAMMED  OVER  SEVERAL  HOURS. 

c.  RCS  IS  NOT  NORMALLY  USED.  RCS  ELECTRONICS  WOULD  BE  ACTIVE 

OCCASIONALLY  FOR  SYSTEM  MONITORING. 

d.  "S"  DENOTES  "SELDOM  USED." 

e.  90  WATTS  MAXIMUM  FOR  SLEWING. 

HAPPENS  EVERY  EXPERIMENT 

PERIOD.  DUTY  CYCLE  IS  EQUIVALENT. 
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The  largest  peaks  for  CMGs  and  gyros  occur  at  initial  startup 
aboard  the  Shuttle.  Since  these  assemblies  are  individually  controlled,  startup 
can  be  programmed  to  avoid  large  peaks.  After  initial  peaks,  the  load  tapers 
off  as  the  speed  increases;  approximately  8 hours  is  expected  for  warmup  and 
starting  of  a CMG  system.  The  reference  gyro  assembly  requires  less  than 
an  hour.  Once  stabilized,  CMG  operating  power  is  constant.  Small  peak 
loads,  lasting  for  a few  minutes,  occur  when  slew  maneuvers  are  commanded. 

A typical  power  profile  for  the  magnetic  torquers  is  approxi- 
mately a sinusoidal  variation  from  0 to  30  watts  over  a period  of  an  orbit . 

Presently  the  RCS  represents  an  emergency  backup  to  the  ACS 
and  may  be  required  for  rendezvous  and  docking  with  the  orbiter . It  was 
assumed  that  RCS  operation  was  not  required  during  normal  LST  orbital 
operations;  therefore,  it  would  have  minor  influence  on  the  average  power. 

The  electronics  associated  with  RCS  instrumentation  requires  il  watts  and 
this  source  was  included  in  the  ACS  power  budget.  Superposition  of  potential 
peaks  for  RCS  valves  and  thrusters  with  other  electrical  loads  was  not  con- 
sidered typical.  If  used  during  rendezvous  and  docking,  the  peaks  would  occur 
when  the  SIP  and  most  of  the  OTA  equipment  would  not  be  operating. 

b.  Communications  and  Data  Handling  (C&DH)  Loads.  The  power 
requirements  determined  for  the  C&DH  components  are  tabulated  in  Table  IV-2. 
In  general,  most  of  the  redundant  items  will  be  dormant  and  require  no  power. 
Of  the  online  equipment,  only  the  transmitters,  the  data  acquisition  units 
(DAUs)  , and  tape  recorders  were  considered  to  be  cyclic  loads.  Both  trans- 
mitter and  recorder  requirements  depend  on  the  LST  contacts  with  ground 
tracking  stations.  An  average  of  34  minutes  contact  time  per  orbit  was  used 
to  determine  the  average  power  allocation.  For  the  power  profile,  it  was 
assumed  that  4 contacts  per  orbit  occur,  each  lasting  8.5  minutes.  During 
most  of  the  orbit,  one  tape  recorder  is  operating  in  the  record  mode  and 
standby  power  is  supplied  to  the  transmitters.  Over  a ground  station,  full 
transmitter  power  is  supplied.  One  recorder  operates  in  a record  mode  while 
the  second  recorder  is  operating  in  the  playback  mode . 

Fourteen  of  the  28  DAUs  are  active  but  operate  in  a continuous 
off-on  sequence  in  accordance  with  the  data  sampling  rate . The  duty  cycle  for 
any  unit  is  approximately  7. 2 percent;  however,  the  maximum  power  is  that 
of  the  one  unit  energized  at  any  instant. 
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TABLE  IV- 2.  POWER  REQUIREMENTS  FOR  COMMUNICATION 
AND  DATA  HANDLING  SYSTEM 


EQUIPMENT 

AVERAGE 

UNIT 

POWER, 

WATTS 

ACTIVE 

UNITS 

MAXIMUM 

POWER, 

WATTS 

DUTY0 

CYCLE, 

% 

AVERAGE 

TOTAL 

POWER, 

WATTS 

APOLLO  TRANSPONDER 

5.3 

1 

16 

33 

5.3 

ERTS  TRANSPONDER 

9.3 

1 

28 

33 

9.3 

FORMAT  GENERATOR 

4 

1 

4 

100 

4 

COMMAND  PROCESSOR 

16 

1 

16 

100 

16 

REMOTE  DECODER 

1.4 

16 

22.4 

100 

22.4 

TAPE  RECORDER* 

12 

1 

24 

33 

20 

CLOCK 

1.7 

1 

1.7 

100 

1.7 

TAPE  CONTROL  UNIT 

1 

1 

1 

100 

1 

DAU  b 

1.3 

14 

1.3 

7.2 

1.3 

BASEBAND  UNIT 

4 

1 

4 

100 

4 

DATA  CONTROL  UNIT 

3 

1 

3 

100 

3 

TOTAL  AVERAGE  POWER 

j 

88.0 

a.  ONE  TAPE  RECORDER  IS  ALWAYS  RECORDING;  ONE  IS  ON  PLAYBACK 

33%  OF  THE  ORBIT. 

b.  ONLY  ONE  OF  THE  28  DAU  IS  ON  AT  ANY  GIVEN  TIME;  THE  DUTY 

CYCLE  FOR  EACH  IS  7.2%  THE  SEQUENCE  RATE. 

c.  AVERAGE  TRANSMISSION  TIME  IS  33%  OF  AN  ORBIT. 

c.  Thermal  Control  Loads.  The  major  thermal  control  loads 
are  included  in  the  OTA/SIP  requirements.  The  SSM  thermal  control  is 
primarily  passive.  Strip  heaters  are  provided  for  unusual  conditions  where 
system  temperatures  might  become  too  low . Abnormal  powering  down  and 
orientation  conditions  that  might  increase  heater  power  were  not  considered 
typical.  Therefore,  an  average  power  allocation  was  not  given  to  SSM  thermal 
control.  Unusual  thermal  conditions  may  occur  during  maintenance  operations 
with  the  orbiter.  In  this  case  power  can  be  supplied  from  the  orbiter,  thus, 
it  is  not  a direct  imposition  on  the  LST  power  sources. 
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d.  Contamination  Control  System  Load.  During  normal,  self- 
sustained  orbital  operation  of  the  LST,  there  are  no  power  requirements  for 
contamination  control . It  is  anticipated  that  the  power  needed  for  contamina- 
tion control,  when  the  LST  is  aboard  the  orbiter  or  during  orbital  maintenance, 
will  be  supplied  from  power  sources  located  in  the  orbiter . The  contamination 
control  average  load  was  874  watts  with  a 58  percent  duty  cycle  (allowing  10 
hours  per  day  shutdown  for  rest  periods)  and,  considering  that  5 days  is 
typical  for  a maintenance  visit  61  kW-h  of  energy  would  be  required  for  this 
load. 


e.  Electrical  System  Loads.  The  power  required  to  operate 
system  instrumentation  and  protection  devices,  array  orientation  mechanisms, 
deployment/retraction  devices,  and  secondary  distribution  controls  were 
considered  as  loads  rather  than  losses.  Distribution  losses,  EPS  assembly 
effeciencies,  main  controls,  and  diode  drops  were  determined  on  a system 
basis  and  are  later  considered  as  requirements  to  be  satisfied. 

The  power  for  electrical  systems  loads  is  allocated  by 
assemblies  in  Table  IV-3.  The  allocation  for  the  electrical  distribution  units 
included  an  average  allotment  for  several  5-volt  measuring  reference  supplies. 
Array  deployment/retraction  and  orientation  items  represent  the  major  peak 
loads . The  deployment/ retraction  load  has  little  influence  on  requirements 
because  it  only  occurs  at  the  beginning  of  the  mission  and  for  a Shuttle  revisit. 
The  orientation  load  peak  of  100  watts  may  occur  at  random  intervals  depending 
on  the  experiment  periods . Normally  this  peak  will  be  a short  duration;  how- 
ever, for  design  purposes,  it  was  considered  to  last  an  average  of  4 minutes 
per  orbit. 


f.  OTA  Power  Requirements.  Due  to  the  preliminary  design 
status  of  the  OTA , the  power  requirements  listed  in  Table  IV-4  are  considered 
preliminary  estimates  subject  to  some  change.  For  preliminary  design  an 
average  of  500  watts  was  allocated  for  the  OTA.  Most  of  the  overall  design 
margin  obtained  could  also  be  allocated  to  the  OTA,  to  the  SIP,  or  to  both. 

As  shown  in  Table  IV-4,  eight  of  the  loads  have  either  a random 
or  cyclic  nature . A negligible  duty  cycle  is  indicated  for  random  loads  such  as 
the  sun  shade  or  aperture  doors.  These  will  have  negligible  influence  on 
average  power  since  they  occur  only  a few  times  during  the  mission.  Such 
loads  can  be  scheduled  in  advance  to  avoid  superimposing  peaks  on  other  peak 
requirements.  The  cyclic  loads  were  considered  to  operate  once  per  orbit. 

With  the  estimated  2 percent  duty  cycle,  these  loads  have  a minor  effect  on 
the  average  requirement. 
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TABLE  IV-3.  POWER  REQUIREMENTS  FOR  ELECTRICAL  SYSTEM 


EQUIPMENT 

AVERAGE 

UNIT 

POWER, 

WATTS 

ACTIVE 

UNITS 

MAXIMUM 

POWER, 

WATTS 

DUTY0 

CYCLE, 

% 

AVERAGE 

TOTAL 

POWER, 

WATTS 

BATTERY  CHARGERS 

.5 

6 

3 

67 

■ 

SOLAR  POWER  DISTRIBUTORS 

5 

2 

10 

100 

10 

ELECTRICAL  CONTROL 

ASSEMBLY 

5 

2 

10 

100 

10 

DEPLOYMENT  MECHANISM  * 

67.5 

2 

135 

s 

0 

ORIENTATION  MECHANISM  b 

50 

2 

too 

4 

4 

ELECTRICAL  DISTRIBUTION 

UNIT 

2.5 

8 

2.5 

1 

100 

20 

TOTAL  AVERAGE  POWER 

46 

a.  NORMALLY  OPERATES  ONLY  AT  BEGINNING  OF  MISSION  AND  DURING 

MAINTENANCE  OPERATION. 

b.  ASSUMES  4 MINUTES  OPERATION  PER  ORBIT. 

c.  "S"  DENOTES  "SELDOM; 

" RESULTS  IN  AVERAGE  ESSENTIALLY  ZERO. 

The  electronics  and  fine  guidance  sensors  were  the  only 
constant  loads  identified.  The  heater  power  for  thermal  control  is  also  a 
variable  load  dependent  on  thermal  conditions.  However,  the  thermal  loads 
are  expected  to  change  slowly. 

g.  SIP  Power  Requirements.  The  power  requirements  for  the 
scientific  instruments  are  given  in  Table  IV-5 . The  requirements  are 
considered  preliminary  estimates.  Variation  may  result  from  later  specific 
requirements  that  might  affect  instrument  size  and  power . 
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TABLE  IV-4.  POWER  REQUIREMENTS  FOR  OTA 


EQUIPMENT 

AVERAGE 

UNIT 

POWER, 

WATTS 

ACTIVE 

UNITS 

MAXIMUM 

POWER, 

WATTS 

DUTY  b 
CYCLE. 
% 

AVERAGE 

TOTAL 

POWER, 

WATTS 

FORCE  ACTUATORS 

10 

3 

20 

5 

0 

SECONDARY  MIRROR  CONTROLS 

25 

3 

75 

2 

2 

APERTURE  DOORS 

30 

1 

30 

S 

0 

SUNSHIELD 

50 

1 

50 

S 

0 

FINE  GUIDANCE 

110 

1 

110 

100 

110 

FIGURE  SENSOR 

40 

1 

40 

S 

0 

FOCUS  SENSOR 

1 

1 

40 

2 

1 

DECENTER  SENSOR 

1 

1 

21 

2 

1 

TILT  SENSOR 

1 

21 

2 

1 

HEATERS  - PRI  & SEC 

10/20 

38 

452 

76 

346 

ELECTRONICS 

40 

1 

40 

100 

40 

TOTAL  AVERAGE  POWER 

501 c 

a.  NUMBER  OF  UNITS  NOT  GIVEN;  DUTY  CYCLE  DEPENDS  UPON 

ORBITAL  CONDITIONS,  POWER  GIVEN  IS  BASED  ON  PRELIMINARY 

ASSUMPTIONS. 

b.  "S"  DENOTES  “SELDOM,"  TYPICALLY  A FEW  TIMES  PER  MISSION. 

c.  500  WATTS  WERE  USED  FOR  THE  PRELIMINARY  DESIGN  OF  THE 

ELECTRICAL  SYSTEM. 
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TABLE  IV- 5.  POWER  REQUIREMENTS  FOR  SIP 
(SCIENTIFIC  INSTRUMENT  PACKAGE) 


EQUIPMENT 

AVERAGE 

UNIT 

POWER, 

WATTS 

ACTIVE 

UNITS 

MAXIMUM 

POWER, 

WATTS 

DUTY 

CYCLE, 

% 

AVERAGE 

TOTAL 

POWER, 

WATTS 

F/12  CAMERAS 

48 

1 

48 

100 

48 

F/96  CAMERAS 

48.6 

3 

145.8 

100 

145.8 

FILTER  WHEELS 

1.7 

1 

1.7 

100 

1.7 

ECHELLE  SPECTROGRAPHS 

20 

2 

40 

100 

40 

FAINT  OBJECT  SPECTROGRAPHS 

20 

3 

62 

100 

62 

INTERFEROMETER 

4 

1 

4 

100 

4 

SLIT  JAW  CAMERA 

20 

1 

20 

100 

20 

SUPPORT  EQUIPMENT 

a- 

4 

122.7 

100 

122.7 

CONTINGENCY  EQUIPMENT 

a 

25 

100 

25 

TOTAL  AVERAGE  POWER  b 

469.2 

a.  VARIOUS  LOADS  INVOLVED. 

b.  TOTAL  SIP  POWER  IS  CONSTANT; ' 

WHEN  ANY  EXPERIMENT 

IS  OFFf  HEATER  POWER  IS  ADDED  TO  MAINTAIN  PROPER 

THERMAL  CONTROL. 

As  shown  in  Table  IV-5,  the  loads  are  considered  to  be 
constant,  having  no  significant  peaks.  This  results  from  the  concept  that 
during  a given  experiment  period,  the  heater  power  will  be  left  on  for  the 
nonactive  instruments.  For  extended  inactive  periods,  it  is  permissible  to 
turn  the  instruments  and  heaters  off.  However,  considering  that  a typical 
experiment  period  may  be  10  hours  (6  orbits) , these  off  periods  would  have 
little  influence  on  the  requirements  needed  for  defining  the  power  system . 
Averaging  power  requirements  over  periods  greater  than  one  orbit  could  lead 
to  undersizing  the  system.  Later  thermal  studies  indicate  that  SIP  power 
requirements  may  be  reduced  as  much  as  200  watts  subsequently. 
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h.  LST  Power  Profile.  During  the  several  iterations  that  were 
made  of  the  power  requirements,  considerable  fluctuations  occurred.  This 

is  indicative  of  the  conceptual  status  of  the  system  and  the  changes  in  estimates 
that  normally  occur  as  the  concepts  mature.  At  one  point,  load  profiles  having 
sustained  loads  of  1750  watts  were  determined.  Also,  a difference  of  over 
600  watts  in  maximum  to  minimum  steady  state  loads  was  indicated.  Following 
tradeoffs  and  optimization  studies,  considerable  reductions  in  load  require- 
ments occurred.  Better  insight  into  system  conditions  and  operational  concepts 
resulted  in  smaller  variations  in  the  load  profile.  The  trend  has  been  to 
reduce  the  complications  and  anticipated  life  problems  associated  with  a large 
number  of  high  cyclic  loads. 

Power  profiles  were  constructed  from  the  latest  load  informa- 
tion described  in  the  foregoing  subsections.  With  some  assumptions,  typical 
operational  sequences  were  defined,  considering  probable  conditions  and  load 
combinations.  A simplified  timeline  of  the  Shuttle  launch  and  initial  orbital 
operational  phase  is  shown  in  Table  IV-6.  The  table  has  been  simplified  to 
show  only  events  that  may  affect  power  requirements. 

A typical  power  profile  for  initial  phases  of  the  LST  mission 
is  shown  in  Figure  IV- 1 . Shuttle  interface  documents  indicate  that  the  power 
sources  within  the  orbiter  can  furnish  the  payload  power  identified.  The 
profile  also  shows  a limited  segment  of  self- sustained  orbital  operations 
where  the  LST  is  free  of  the  orbiter.  The  profile  investigations  were  not 
intended  to  fix  specific  mission  cases.  Generalization  of  highest  possible 
and  probable  load  combinations  were  sought.  Key  letters  on  the  profile  are 
identified  in  Table  IV-6. 

i.  Total  Power  Requirements  Summary.  The  total  power  require- 
ments, determined  for  the  LST  from  the  foregoing  load  information,  is 
summarized  in  Table  IV-7.  The  peak  power  requirement  was  determined 
from  profile  investigations.  This  peak  is  considerably  less  than  the  sum  of 

the  loads  connected  to  the  buses. 


B.  Reference  System  Summary 

The  LST  electrical  system  is  primarily  located  in  the  SSM,  which  can 
be  pressurized  for  in-space  maintenance  and  system  updating.  The  electrical 
system  consists  of  the  electrical  power  subsystem  and  the  electrical  distribu- 
tion subsystem . The  EPS  and  the  EDS  are  functionally  interdependent  — as  a 
system  they  are  self- sustained  and  provide  the  necessary  power  and  distribution 
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TABLE  IV- 6.  LST  ELECTRICAL  POWER  TIMELINE  FOR 
SHUTTLE  LAUNCH  AND  INITIAL  OPERATIONS 


Time 

(hrrmin) 

Profile 

Key 

Event 

-72 

LST  Battery  Test 

-48 

Combined  Systems  Check 

-5 

Transfer  to  Shuttle  Power 

+6 

A 

Circularize  into  611  km 

7:30 

Open  Bay  and  Erect  LST 

7:40 

LST  Distribution  and  Power  Check 

7:50 

B 

Start  CMGs  and  Gyros 

8:50 

B 

Deploy  Light  Shield 

9:00 

Limited  SSM  Checks 

13:00 

C 

Thermal  Heaters  Coming  On  (Auto) 

16:00 

CMG  Spinup  Completed 

23:00 

D 

ACS  Checks  with  Orbiter 

32:00 

E 

LST  Solar  Array  Deploy/Retract  Test 

34:00 

F 

LST  Communications/Data  Handling  Test 

46:00 

G 

Verify  ACS,  C&DH  Functions 

47:00 

H 

Thermal,  Power  and  Data  Test 

48:00 

Verify  Outgassing  O.K. 

48:30 

Functional  Checks  on  Instruments  and 
Power  Supplies 

69:00 

I 

Preliminary  Calibration  and  SSM  Tests 

96:00 

J 

Continue  Preliminary  Calibrations 

144:00 

K 

Verify  Release  Readiness 

144:10 

K 

LST  on  Internal  Power 

AAA  JC 
X rz~z.  ± u 

jr 

Disconnect  Cables 

144:50 

K 

Eject  LST  and  Begin  Stationkeeping 

144:53 

LST  Under  Ground  Command 

145:00 

L 

ACS  Pointing  Tests  and  Experiments 

— 

L 

Max  Peak  Power  Check 

149:00 

Exercise  Subsystems  and  Check  Experi- 
ments by  RF  Links 

— 

M 

Normal  Operating  Peaks 

150:00 

LST  Begins  Normal  Operations 

— 

N 

Average  Power  Level 
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TABLE  IV- 7.  TOTAL  AVERAGE  LST  SUBSYSTEM 
POWER  REQUIREMENTS 


SUBSYSTEM 

AVERAGE 

POWER 

WATTS 

MAXIMUM  b 
PEAK  POWER 
WATTS 

ATTITUDE  CONTROL  AND  SENSING 

179 

227 

COMMUNICATIONS  AND  DATA  HANDLING 

88 

127 

ELECTRICAL  SYSTEM 

46 

143 

OPTICAL  TELESCOPE  ASSEMBLY 

501 

819 

SCIENTIFIC  INSTRUMENT  PACKAGE  a 

469 

469 

TOTAL  POWER 

1283 

1785 

a.  SIP  POWER  IS  CONSTANT;  HEATERS  MAKE  UP  THERMAL  DISSIPATION  OF 
"OFF"  INSTRUMENTS. 

b.  ASSUMES  ALL  NORMAL  OPERATING  PEAKS  OCCUR  SIMULTANEOUSLY. 

services  to  operate  the  LST.  These  subsystems  are  composed  of  assemblies 
that  house  the  devices  and  components  required  for  generating,  storing,  and 
conditioning  power  and  for  controlling  and  protecting  the  distribution  networks. 
The  complement  and  characteristics  of  the  major  electrical  equipment  are 
given  in  Table  IV- 8. 
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TABLE  IV- 8.  ELECTRICAL  SYSTEM  EQUIPMENT 
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Environmental  control  and  life  support. 
In-space  electrical  support  equipment . 


Automatic  controls  are  provided  to  protect  the  system  against  many 
types  of  failures  possible  in  the  5 year  mission.  Particular  attention  was  given 
to  avoiding  catastrophic  conditions  that  might  impair  the  ability  to  recover  and 
maintain  the  vehicle.  Protection  will  favor  those  loads  considered  critical  to 
survival . System  operations  are  controllable  from  the  ground  via  the  inter- 
faces with  the  command  and  data  subsystems . Power  management  may  be 
effected  in  response  to  the  status  and  diagnostic  information  telemetered  to 
the  remote  control  stations. 

The  system  has  provisions  for  test  and  checkout  operations  on  the 
ground . The  external  connectors  are  located  on  the  aft  end  of  the  SSM  to 
satisfy  the  interface  requirements  being  established  for  in-space  operations 
and  maintenance  with  the  Shuttle  orbiter.  Limited  use  of  the  same  interfaces 
will  satisfy  the  Shuttle  launch  phase  requirements.  In  the  event  that  the 
alternate  launch  vehicle  is  used,  the  system  is  designed  for  easy  adaptation 
to  the  Titan-OAS  system . Mounting  space  and  additional  distributor  connectors 
will  be  provided  to  accommodate  "add-on"  Mod  Kits  consisting  of  small 
junction  assemblies  and  adapter  cables. 

As  assumed  for  Phase  A,  the  three  major  elements  of  the  LST  — the 
SSM,  the  OTA,  and  the  SIP  — contain  a section  of  the  electrical  system.  The 
SSM  provides  the  subsystems  and  electrical  integration  functions  necessary 
to  energize,  operate,  and  control  the  LST  and  to  retrieve  the  scientific 
information. 

The  electrical  system  configuration  was  primarily  influenced  by  the 
configuration  and  electrical  size  of  the  LST,  the  5 year  mission,  the  high 
reliability  needed,  and  the  considerations  given  to  cost  and  maintenance.  As 
indicated,  critical  components  and  networks  are  made  redundant  because  they 
determine  the  probability  of  mission  success  based  on  the  practicality  of  in- 
space maintenance . Low  cost  rather  than  mass  and  performance  optimization 
was  of  primary  importance  in  the  selection  of  design  concepts . Except  for 
special  scientific  items,  existing  technology  has  been  used  throughout.  Space- 
proven  assemblies  have  been  used,  in  general,  whenever  it  was  determined 
that  such  have  adequate  capacity  and  electrical  characteristics  for  the  LST 
system.  For  the  few  cases  where  existing  assemblies  were  not  satisfactory, 
qualified  subassemblies,  modules,  and  designs  were  selected  from  such 
programs  as  HEAO,  OAO,  Skylab,  ATM,  Air  Force  programs,  et  al.  Since 
very  little  of  the  reference  hardware  has  been  qualified  for  the  life  and 
reliability  required  for  LST,  maintenance  is  essential  to  achieve  mission 
objectives,  especially  when  components  with  known  life  limits  are  considered. 
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Studies  were  performed  to  use  the  unprecedented  advantages  provided 
for  payloads  by  the  Shuttle  system . Based  on  preliminary  information  per- 
taining to  the  Shuttle  support  system  and  crew  capabilities,  the  pressurized 
LST  was  the  most  practical , cost-effective  approach . It  minimized  operational 
risks,  provided  the  most  extensive  maintenance  capabilities,  apd  offered  the 
best  utilization  of  in-space  time.  Compared  to  other  versions  studied  from  an 
electrical  standpoint,  the  pressurized  concept  tended  to  reduce  mass,  volume, 
and  design  complexity  and  permitted  modularization  for  reliable  service  and 
selection  of  proven,  low-cost  assemblies.  The  reference  electrical  configura- 
tion and  assembly  concepts  also  appear  to  be  consistent  with  minimum  cost 
for  test,  spares,  and  logistics. 

The  assembly  and  cabling  concepts  of  the  system  considered  low  cost 
design  and  fabrication  methods  consistent  with  modularization  needed  for  ease 
of  replacement  and  testing,  and  for  reliable  operations.  To  assure  trouble- 
free  operations,  networks  required  only  for  launch  or  maintenance  are  kept 
independent,  physically  and  electrically,  to  the  extent  possible.  Assembly 
configurations  were  based  on  reliable  operation,  thermal  compatibility,  and 
features  needed  for  maintenance.  Reference  to  Figure  1-5  and  Table  1-1  of 
Chapter  I will  show  that  the  electrical  equipment  is  located,  with  most  of  the 
SSM  equipment,  in  the  aft  section  of  the  SSM,  around  the  circumference  of  the 
cylindrical  module . The  arrangement  considered  efficient  cabling  as  well  as 
access  for  maintenance.  Special  attention  was  given  to  locating  temperature- 
sensitive  items,  such  as  the  batteries.  The  batteries  are  located  on  the  side 
of  the  vehicle  that  will  normally  face  away  from  the  sun.  The  thermal  design 
will  keep  the  batteries  normally  below  10°  C and  will  maintain  close  tempera- 
ture control,  both  of  which  are  essential  to  reliable  performance. 

A simplified  block  diagram  of  the  SSM  electrical  system  is  given  in 
Figure  IV-2.  The  electrical  relationship  of  the  major  assemblies  dedicated 
to  power  generation  and  distribution  and  to  test  and  maintenance  are  shown. 

A more  complete  schematic  is  given  in  Section  D of  this  chapter. 

The  power  distribution  networks  are  composed  of  two  solar  power 
distributors  (SPDs) , two  electrical  control  assemblies  (ECAs)  , eight  remote 
electrical  distribution  units  (EDUs)  , cabling,  and  interface  devices.  The 
SPDs  centralize  and  control  the  power  transmission  network  that  primarily 
services  the  electrical  power  subsystem.  Although  the  solar  array  is  not 
redundant,  it  is  modularized  for  protection  and  redundant  wiring  is  provided 
to  the  SPDs.  Each  SPD  receives  power  from  one  wing  of  the  array.  Either  or 
both  of  the  redundant  primary  buses  may  be  energized.  Control  switching 
permits  crossties  between  the  buses  of  both  SPDs. 
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Figure  IV- 2.  Reference  electrical  system 


The  SPDs  protect  and  control  the  transmission  of  primary  power  to  the 
EPS  assemblies  and  to  the  ECAs.  Cabling  from  the  external  interface  is 
provided  to  the  SPDs  for  control  and  test  purposes  during  ground,  launch,  and 
in-space  maintenance  operations . Although  the  SPDs  have  provisions  to  house 
a remote  command  decoder  ( RCD) , they  presently  receive  commands  via  the 
ECAs  which  have  the  RCDs  allocated  for  electrical  system  functions . 

* 

Main  distribution  is  centralized  and  controlled  by  the  ECAs , which  are 
redundant  with  each  having  the  capacity  to  satisfy  the  requirements  of  the  LST. 
The  inputs  to  each  ECA  are  redundant.  They  receive  primary  power  from  the 
SPDs,  secondary  power  from  the  batteries,  and  regulated  power  from  the 
regulators.  Each  ECA  houses  redundant  buses  which  may  be  crosstied  to  the 
buses  of  the  other  ECA.  Main  distribution  is  protected  with  the  ECAs  and 
directed  to  the  EDUs.  The  single-point  grounding  for  the  entire  system  is 
located  in  the  ECAs. 

The  EDUs  receive  power  from  the  ECAs  and  control  and  protect 
secondary  distribution.  These  units  are  also  redundant  and  are  decentralized 
to  provide  for  growth  and  versatility.  They  provide  output  adaptability  for  the 
OTA/SIP  but  simplify  and  maintain  the  interfaces  to  be  established  with  the 
SSM.  Electrical  access  from  the  OTA/ SIP  to  the  external  interfaces  is 
channeled  through  the  EDUs. 

The  electrical  power  subsystem  of  the  electrical  system  consists  of 
two  deployed,  pivoted  solar  array  wings;  orientation,  deployment/retraction 
assemblies;  six  battery  charger  assemblies;  six  regulator  assemblies;  and 
various  sensors  and  control  devices.  With  maintenance,  the  EPS  is  rated 
to  deliver  1500  watts  at  28  ± 2 percent  Vdc  throughout  the  mission.  The 
functions  and  characteristics  of  the  EPS  equipment  are  described  in  the 
following  section. 


C.  Electrical  Power  Subsystem 

1 . Summary . The  EPS  must  furnish  power  to  all  the  LST  electrical 
loads  and  must  satisfy  system  losses  during  orbital  operations . If  the  alternate 
launch  vehicle  is  used,  the  LST  EPS  must  supply  the  necessary  power  during 
launch  and  subsequent  phases  of  the  mission.  With  maintenance,  it  must  have 
the  capability  to  sustain  operations  throughout  the  5 year  mission. 

The  reference  EPS  is  designed  for  an  orbital  average  power  of 
1500  watts  at  the  5 year,  end-of-mission  (EOM)  conditions.  Although  the  peak 
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capability  of  the  equipment  is  greater,  the  EPS  is  rated  for  a peak  power  of 
2700  watts  to  limit  the  discharge  rate  to  half  the  rating  of  the  combined 
batteries.  As  determined  by  the  preliminary  load  analyses  discussed  in 
Section  A.  2,  the  LST  requires  an  average  power  of  1283  watts  and  a peak 
power  of  1785  watts.  This  gives  a design  margin  of  217  watts  and  915  watts 
for  the  average  and  maximum  power,  respectively.  The  system  has  an 
overall  efficiency  of  77.8  percent,  including  energy  storage  and  distribution 
losses . 


Except  for  its  size  and  the  features  required  for  adaptation  to  the 
LST,  the  EPS  is  a conventional  solar  array,  battery-type  power  system  with 
output  power  conditioning  to  regulate  system  voltage  at  28  Vdc  ± 2 percent. 
Design  and  performance  criteria  determined  for  existing  hardware  modules 
and  qualified  components  have  been  used  for  establishing  the  concepts  and 
size  of  the  system. 

A centralized,  series  regulator  configuration  was  selected  because 
it  simplified  design  and  integration,  it  offered  good  performance  and  reliable 
service,  and  it  was  considered  cost  effective.  This  configuration  was  selected 
from  four  candidates  subjected  to  tradeoff  studies  for  the  LST  application. 
Similar  research  applications  module  (RAM)  studies  tend  to  confirm  this 
selection.  Decentralized  concepts  offer  more  versatility  and  isolation  but 
require  more  hardware . The  protection  and  versatility  provided  in  the  EDS 
permit  incorporation  of  power  conditioning  in  the  remote  EDUs,  if  required. 
The  concept  permits  such  changes  later  as  the  system  design  matures.  For 
large  loads,  the  central  regulators  can  be  bypassed  to  avoid  additional  con- 
ditioning losses . 

Figure  IV-3  is  a diagram  of  the  electrical  power  subsystem  for 

LST. 


2.  Reference  Configuration  and  Performance  Requirements.  Various 
EPS  configurations  were  reduced  to  lumped  parameter  models  for  computer 
analysis  of  the  design  and  performance  requirements  for  the  major  elements 
of  the  subsystem.  The  preliminary  considerations  given  these  configurations 
and  the  rationale  for  selecting  the  reference  design  are  discussed  in  Section 
F.  1 of  this  chapter.  A block  diagram  of  the  design  reference  EPS  configuration 
is  shown  in  Figure  IV-4.  The  symbols  and  values  used  are  defined  in  Table 
IV- 9. 
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The  voltage  and  load  requirements  established  in  Section  A.  2 are 
considered  to  be  at  the  load  terminals,  exclusive  of  the  distribution  losses, 
rj  . The  orbital  average  design  load  of  1500  watts  provides  a 217-watt  design 

margin  for  growth  and  flexibility  for  updating  the  scientific  instruments. 

a.  Power  Conditioning  Requirements.  The  average  output  rating 
of  the  power  conditioning/regulator  elements  must  satisfy  the  average  design 
load  and  distribution  losses.  Therefore,  the  average  rating  must  be  1530 
watts.  To  assure  that  maximum  loads  and  transients  are  safely  handled, 
these  elements  should  have  a peak  rating  of  at  least  1.5  times  the  average,  or 
2295  watts . The  output  voltage  should  be  slightly  higher  than  the  nominal  28 
Vdc,  and  the  regulation  must  be  slightly  better  than  the  ±2  percent  specified 
for  the  loads.  Since  the  power  conditioning  assemblies  receive  power  from 
the  primary  ( solar  array)  buses  during  sunlight  periods  of  the  orbit  and  from 
the  energy  storage  (battery)  buses  during  occultation,  the  inputs  must  be 
compatible  with  both  the  battery  and  solar  array  voltages . The  baseline  EPS 
employs  buck -boost  regulators  which  permit  the  input  voltage  range  to  exceed 
the  extreme  range  of  24  to  88  volts  expected  from  the  solar  array-battery 
combination . 


b . Energy  Storage  Requirements . The  energy  storage  part  of  the 

EPS  consists  of  batteries  of  rechargeable  cells  and  their  associated  power 

conditioning  assemblies  designated  as  charger  assemblies.  Referring  to 

Figure  IV-4,  the  primary  power  available  from  the  solar  array  is  zero  during 

occultation  and  the  system  load  must  be  supplied  from  energy  storage . The 

system  efficiency  when  the  batteries  are  discharged  during  occultation,  rj  • , 

BD 

is  given  by 

T]  = T]  7]  rj  = 86.5  percent  . ( 1) 

BD  o r d 

If  the  peak  value  of  P , is  used  with  equation  ( 1)  , the  minimum  power  or 

J-fCL 

current  rating  of  the  batteries  is  established. 

Equation  ( 2)  defines  the  energy  storage  requirements  E^  as 
a function  of  the  occultation  period,  t^;  the  average  load  during  occultation, 
Ppd  5 and  the  system  losses  involved: 
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Figure  IV-4.  EPS  configuration. 

TABLE  IV- 9 . EPS  SYMBOLS  AND  DESIGN  FACTORS 


Symbol 

Definition 

Values 

Unit 

PL 

Orbital  Average  Load  Required 

1500 

watts 

PLS 

Average  Load  During  Sunlight 

See  Note  a 

watts 

PLd 

Average  Load  During  Darkness 

See  Note  a 

watts 

J 

Ratio  of  PT  , to  PT 
Lu  Lb 

See  Note  a 

- 

t 

o 

Orbital  Period 

1.615 

hours 

t 

s 

Sunlight  Period  (min) 

1.021 

hours 

*d 

Occultation  Period  (Max) 

0.592 

hours 

ed 

Energy  Required  During  Occultation 

TBDb 

W-h 

PSR 

Solar  Array  Power  Required 

TBD 

watts 

\ 

Solar  Power  Transmission  Efficiency 

98 

7 o 

\ 

Charger  Efficiency 

95 

% 

\ 

Battery  Watt-Hour  Efficiency 

80 

% 

Battery  to  Regulator  Line  Efficiency 

97 

% 

Regulator  Efficiency 

91 

% 

Output  Distribution  Efficiency 

98 

% 

V 

Primary  Power  to  Load  Efficiency 

87.4 

% 

”bd 

System  Efficiency  During  t^ 

86.5 

% 

V ES 

Efficiency  of  Energy  Storage  Loop 

73.7 

% 

’’eps 

Overall  System  Efficiency 

TBD 

% 

M 

S 

Performance  Factor  (PgR/PL) 

TBD 

% 

a.  Output  power  considered  parametrically. 

b.  TBD  — To  be  determined. 
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(2) 


E 

D 


For  the  maximum  occultation,  a 1500  watt  load  requires  1024  watt-hours  of 
energy. 


Figure  IV- 5 shows  the  sensitivity  of  energy  storage  require- 
ments to  variations  in  P for  the  maximum  and  average  occultation  periods 

of  the  specified  611  km  orbit.  The  importance  of  determining  a good  power 
profile  on  the  basis  of  sunlight/dark  periods  is  illustrated  by  Figure  IV-6. 

The  variation  in  energy  storage  requirements  has  been  shown  as  a function  of 
the  ratio  of  load  during  occultation  to  the  load  during  sunlight,  with  the  restric- 
tion that  the  1500  watt  orbital  average  design  load,  P , be  maintained 

_L/ 

constant.  The  average  orbital  load  is  defined  by 


t,  + P 


LS 


t 

o 


t 

s 


(3) 


AVERAGE  LOAD  POWER.  WATTS 

Figure  IV- 5.  Energy  required  as  a function  of  load 
and  occultation. 
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2000 


DARK  TO  DAYLIGHT  LOAD  RATIO 


Figure  IV-6.  Energy  storage  versus  dark  to  daylight 

load  ratio. 


c.  Solar  Array  Requirements.  During  sunlight  periods,  the  solar 
array  must  simultaneously  furnish  the  system  lQad,  P^g  > satisfy  system 

losses,  and  replace  the  battery  energy  used  during  the  occultation  period.  The 
efficiency,  17  , at  which  the  system  delivers  power  to  the  load  is 


V = t?  V ir  = 87 . 4%  (4) 

ps  o r t 


The  efficiency  of  the  energy  storage  loop  of  the  EPS  is  defined  by 


'’ES  = ’'d  I)b ’’c  = 73'7V‘ 


(5) 
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From  Figure  IV-4,  the  average  solar  array  power  required,  P , may  be 

brt 

derived  in  terms  of  the  sunlight  load  and  the  dark  load  as  given  by 


> P t 

LS  Ld  d 


P_  = 

sr  r)  v t 

'ps  ps  ES  s 


(6) 


Letting  J equal  the  ratio,  PT  /P  0 , and  substituting  equation  ( 3)  into 

La  -L<o 

equation  ( 6)  , one  can  state  the  solar  power  required  in  terms  of  the  orbital 
average  load  and  the  ratio  of  dark  load  to  sunlight  load  as  given  by 


P 


SR 


t 

o 


ES 


t 

s 


"es  + J *d 
t + j t., 

s d 


(7) 


For  the  selected  baseline  design  conditions,  P = 3054  watts. 

The  solar  array  power  required  is  shown  as  a function  of  load 
and  occultation  period  in  Figure  IV-7.  It  is  assumed  that  P^  = P^g  = P^ 

(i.e. , J = 1)  for  this  plot. 


u 


Figure  IV-7 . Array  power  required  as  a function  of 
load  and  occultation. 
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The  system  performance  factor,  Mg  , 
solar  array  power  required  to  the  orbital  average  load, 


defined  as  the  ratio  of 
is  given  by 


(8) 


Since  this  factor  indicates  the  size  of  the  array  needed,  it  has  been  plotted  in 
Figure  IV- 8 against  J,  the  ratio  of  occultation  power  to  sunlight  power,  main- 
taining the  orbital  average  load  at  1500  watts.  For  the  reference  design 
conditions,  Ms  = 2.04.  The  total  watt-hour  efficiency  of  the  system,  » 

is  the  total  energy  received  by  the  load  throughout  the  orbit  divided  by  the 
solar  array  energy  supplied.  Combining  equations  (3)  and  (7) , the  total 
efficiency  is  determined  by 

» ’’ps  ’’eS  (*s  * J *d)  , 

W Ws+Jtd  ' (> 

For  an  average  orbit  and  J = 1,  the  efficiency  of  the  design  reference  EPS 
is  77.8  percent . 

3.  Reference  Solar  Array 

a.  Configuration  and  Stowage.  Low  cost  and  proven  technology 
were  of  prime  importance  in  the  LST  study.  Within  reasonable  limits,  weight 
was  not  a constraint;  the  Shuttle  allows  a liberal  weight  margin  for  the  LST 
spacecraft.  Conventional  array  construction  was  selected  for  the  reference 
design  because  of  the  Titan  alternate  launch  vehicle,  although  more  advanced 
designs  offer  more  advantages  when  Shuttle  maintenance  operations  are 
considered.  The  alternate  arrays  considered  are  described  in  Section  F.2. 
Although  flexible  arrays  may  be  10  to  15  percent  more  expensive  at  the  present 
time,  *they  are  scheduled  for  several  programs  in  the  near  future.  Their 
increasing  use  could  make  them  more  economical  than  the  rigid  panel  type 
by  the  time  the  LST  detail  design  phase  starts . 
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DARK  TO  DAYLIGHT  LOAD  RATIO 


Figure  IV- 8.  Performance  factor  versus  dark  to  daylight 

load  ratio. 


Figure  IV- 9 shows  the  reference  solar  array  deployed  on  the 
LST.  As  was  shown  in  Section  C.  2,  the  design  load  of  1500  watts  requires  an 
EOM  average  power  rating  of  3054  watts  at  the  design  temperature  of  63°  C. 

With  this  requirement,  an  oriented  array  is  necessary  for  the  requisite  array 
dimensions  and  the  LST  pointing  constraints.  The  array  consists  of  two 
deployable  wings  mounted  on  two  booms  as  illustrated.  Once  deployed,  the 
wings  rotate  about  the  Y-axis  of  the  vehicle  to  achieve  sun  orientation  for 
efficient  use  of  the  array . 

The  requirement  for  an  alternate  Titan  launch  vehicle  was  an 
important  constraint  upon  the  solar  array  design.  The  Titan  HIE  shroud 
envelope  limit  of  374  cm  diameter  confines  the  stowage  space  so  that  a wrap- 
around configuration  is  needed.  The  array  stowage  and  deployment  concepts  are 
shown  in  Figure  IV-10.  Although  this  configuration  is  somewhat  heavier  than  a 
completely  folded  version,  it  is  a simpler  design,  and  deployment/retraction 
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Figure  IV- 9.  LST  with  deployed  solar  array. 


reliability  is  higher.  The  folded  version  also  would  have  required  the  SSM 
configuration  to  change . The  cylinder  would  have  to  be  flattened  on  two  sides 
to  accommodate  array  stowage . The  stowage  constraint  does  not  apply  for 
a Shuttle  launch . 


With  the  design  reference  concept,  the  array  is  near  its 
maximum  size  with  the  constraint  that  it  be  mount  only  on  the  SSM.  A slight 
increase  in  panel  length  is  possible.  The  mounting  ring  structure  (also 
resulting  from  the  alternate  launch  requirement)  provides  bearing  mounting 
for  the  cylindrical  rotatable  booms.  These  are  required  to  support  the  wing 
assemblies  which  weigh  141.4  kg  each.  A second  set  of  bearings  is  located 
within  the  orientation  drive  assembly  inside  the  SSM.  The  boom  locations  on 
the  aft  end  of  the  SSM  offer  thermal  advantages  for  the  spacecraft  and  minimize 
influence  on  the  sensitive  OTA  structure. 

Each  wing  consists  of  six  hinged,  rigid  panels  which  become 
erect  when  the  booms  are  deployed.  Torsion  rods  provide  the  driving  force. 
Each  panel  consists  of  two  modules  on  which  the  solar  cells  and  cover  slides 
are  mounted.  The  module  substrates  are  aluminum  honeycomb  assemblies, 
similar  to  those  used  for  HEAO  and  Skylab.  The  length  and  width  of  the 
modules  were  selected  to  fit  the  SSM  tightly  when  the  array  is  folded. 

The  wing  dimensions  shown  in  Figure  IV- 10  provide  a total 
array  area  of  39.1  m2.  This  size  allows  for  the  degradation  predicted  to 
result  from  5 years  of  exposure  to  space  radiation,  ultraviolet  radiation  and 
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Figure  IV-10.  Reference  solar  array  configuration. 


micrometeorites.  The  5 year  design  is  necessary  because  the  array  is  not 
suitable  for  easy  in-space  replacement.  EVA  would  be  required  to  replace  or 
repair  the  array.  As  an  assembly,  it  is  too  massive  and  unwieldy  for  a suited 
man  to  handle.  However,  the  modules  and  mechanisms  are  designed  so  that 
they  could  be  readily  disconnected  for  replacement  of  individual  components  of 
the  array.  The  Shuttle  revisit  capabilities  permit  smaller  design  margins  and 
optimistic  degradation  predictions  without  undue  risk  to  the  mission. 

b.  Deployment/ Retraction.  During  launch,  the  array  panels  are 
held  against  shock  absorbing  snubbers  to  prevent  shock  and  vibration  damage. 
Pyrotechnic  separation  bolts  of  the  type  to  be  used  for  the  HEAO  were  tenta- 
tively selected  because  of  the  possible  use  of  the  alternate  launch  vehicle . 
Several  such  devices  have  been  qualified  and  are  considered  applicable; 
selection  will  depend  on  detail  design.  These  units  have  redundant  firing 
squibs  and  would  be  connected  to  redundant  switches  and  sources  for  firing. 
Separation  joints  are  redundant  (two  in  series)  and  each  is  held  by  a separate 
bolt.  This  assures  that  array  separation  will  occur.  Considering  a Shuttle 
launch  and  maintenance,  this  is  not  a desirable  approach.  Powered  mechanical 
latches  should  be  investigated  for  array  release.  These  should  have  the  ability 
to  automatically  relatch  the  array  when  it  is  retracted  for  a Shuttle  visit. 

When  the  panels  are  free,  the  torsion  rod  linkages  extend 
then  into  a planar  configuration.  The  controlled  wire  cable  can  provide 
damping  if  necessary.  Once  erected,  they  are  latched  in  this  position. 

Proper  sequencing  is  provided  to  initiate  boom  deployment  after  the  panels 
are  released.  The  motor-gear  assembly  at  the  boom  hinge  point  is  energized 
to  rotate  the  boom  outward  90  degrees.  Redundant  limit  switches  deenergize 
the  motor  when  boom  deployment  is  achieved.  The  current  limiting  motor- 
drive  design  offers  additional  protection.  The  motors  are  rated  for  continuous 
stall  current  should  the  limit  switches  fail.  Deployment  power  can  be  turned 
off  later  by  remote  command. 

The  retraction  requirement  is  not  conventional  and  a unique 
design  is  required.  This  is  one  of  the  reasons  the  alternate  flexible  arrays 
were  attractive . Analysis  indicated  that  the  deployed  reference  array  is 
sturdy  and  rigid  enough  to  withstand  release  and  docking  forces  associated 
with  Shuttle  operations . Present  docking  concepts  permit  deployment  of  the 
array  when  it  is  attached  to  the  Shuttle.  The  LST,  with  arrays  deployed,  is 
shown  attached  to  the  orbiter  in  Figure  IV- 11 . In  its  worst  position,  the 
array  has  ample  clearance,  although  rotation  of  it  would  provide  greater 
clearance,  if  desired  for  docking  operations. 
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Figure  IV-il.  Array  clearance  with  Shuttle. 


However,  to  provide  the  capability  to  retrieve  the  LST  into  the 
payload  bay,  retraction  mechanisms  are  included  in  the  design.  The  deployment 
sequence  is  reversed  for  retraction.  Upon  command,  the  boom  deployment 
motors  are  energized  over  separate  lines  provided  for  reverse  operation. 

When  the  boom  reaches  the  stops  on  the  SSM,  limit  switches  deenergize  the 
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boom  motors  and  energize  the  retraction  motors . The  retraction  motor  and 
cable  linkages  unlatch  the  wing  panels  and  draw  them  back  around  the  SSM 
mountings.  Limit  switches  deactivate  the  retraction  motors.  All  mechanisms 
are  reversible  and  command  overrides  are  provided  for  all  switching  operations . 

e.  Solar  Cells  and  Coverslides.  The  LST  application  requires  no 
unusual  characteristics,  exceptionally  lightweight  assemblies,  or  .unique 
techniques  that  might  incur  high  cost  to  satisfy  stringent  requirements . Based 
on  previous  solar  cell  and  coverslide  performance  trade  studies,  and  on 
historical  cost  information,  the  cells  and  coverslides  were  selected  to  obtain 
the  most  cost-effective  array  for  the  5 year  mission.  Several  sizes,  thick- 
nesses, and  two-base  resistivities  were  considered  for  N/P  silicon  cells. 

Glass  and  fused  silica,  several  thicknesses,  and  several  coatings  were  varia- 
tions in  coverslides  considered.  The  cost  per  watt  at  the  end  of  the  reference 
mission  was  determined  on  the  basis  of  fabricated  assembly  costs  and  long- 
term performance  variations.  For  the  typical  coverslides  considered,  the 
selected  10  ohm-cm  base  resistivity  was  better  beyond  3 years.  Fabrication 
and  breakage  costs  are  higher  for  thin  cells  and  coverslides.  Unit  cost  is  not 
a function  of  thickness,  but  of  processing.  The  efficiency  is  higher  for  thicker 
cells,  and  is  near  maximum  for  0. 031  cm  thickness.  The  cell  size  of  2 x 4 cm 
is  becoming  an  industry  standard  because  it  is  most  economical  for  a given 
output.  The  thicker  fused  silica  coverslides  with  blue  filter  were  best  for  the 
LST  mission  because  of  lowered  transmission  losses  and  decreased  overall 
degradation. 


Typical  characteristics  for  the  coverslide  selected  for  the  LST 
array  are  listed  in  Table  IV-10. 


TABLE  IV-10.  COVERSLIDE  CHARACTERISTICS 


Name 

Blue  filter  coverslide 

Size 

4 x 2 x 0.031  cm 

Material 

Fused  silica 

Manufacturer  Type 

Corning  7940 

Filter  Coating 

Rejects  below  0.410  ± 0.015  M 

Antireflection  Coating 

Less  than  2%  reflection 

Transmission  Loss 

Less  than  4%  above  0.450  (J. 
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Characteristics  and  ratings  of  the  reference  solar  cell  are 
given  in  Table  IV- 11;  they  are  specified  at  industry-standard  conditions. 
Standard  temperature  is  28°  ± 2°C,  with  illumination  of  140  mW/cm2.  Power 
and  efficiency  ratings  are  based  on  total  solar  spectral  energy  incident  on 
effective  solar  cell  area.  The  incidence  angle  is  within  1 degree  of  normal 
( 90  degrees  ± 1 degree)  . 


TABLE  IV-il.  BARE  SOLAR  CELL  CHARACTERISTICS 


Type 

Silicon  N/P 

Size 

2x4x0.  031  cm 

Base  Resistivity 

10  ohm -cm 

Contacts 

Ag-Ti 

Effective  Area,  Min 

7.7  cm2 

Open  Circuit  Voltage 

0.554  V 

Short  Circuit  Current 

285  mA 

Max  Power  Voltage 

0.442  V 

Max  Power  Current 

259  mA 

Efficiency,  Nominal 

10.6% 

Solar  array  construction  incurs  unavoidable  losses  in  perform- 
ance due  to  coverslide  losses,  contact  and  wiring  resistance,  and  cell  mis- 
matching. Figure  IV- 12  shows  the  composite  array  degradation  predicted  over 
a period  of  5 years  for  the  reference  design.  Analysis  of  previous  array 
performance  in  space  and  radiation  test  results  show  that  both  voltage  and 
current  decrease . The  effect  on  cell  current  is  much  greater  however . For 
the  predicted  space  environment,  the  reference  cell  characteristics  were 
adjusted  for  degradation  to  determine  the  EOM  array  performance . For  the 
several  factors  that  contribute  to  degradation,  the  equivalent  power  loss  is 
given  as  a percent  of  initial  power  rating  in  Table  IV-12. 

Solar  array  performance  is  significantly  affected  by  other 
factors  — temperature,  intensity,  and  angle  of  incidence.  Array  power  is  a 
function  of  the  cosine  of  the  angle  of  incidence.  Since  the  array  is  to  be 
normally  oriented,  no  corrections  were  made  for  increased  reflectance  losses 
that  occur  when  the  incidence  angle  exceeds  ~45  degrees.  Thermal  analyses 
were  made  to  determine  the  array  temperatures  as  a function  of  orbit  cycles 
and  extreme  thermal  cases  expected  for  the  mission.  Array  thermal  charac- 
teristics and  temperatures  are  discussed  in  Chapter  III.  The  solar  constant 
variations  and  temperature  coefficients  applicable  to  the  reference  design  are 
given  in  Table  IV-13. 
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Figure  IV-12.  Solar  array  degradation. 


TABLE  IV-12.  ARRAY  DEGRADATION 


Type  of  Degradation 

Loss  at  5 Years  (%) 

Coverslide  ( Fixed) 

3.7 

Radiation 

10.5 

UV  Losses 

0.7 

Micrometeorite 

1.5 

Blocking  Diodes 

none 

Transmission  (Fixed) 

2.0 
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TABLE  IV-13.  SOLAR  ARRAY  DESIGN  FACTORS 


Factor 

Symbol 

Value 

Solar  Constant 

S 

1 35 . 4 ± 1%  mW/ cm2 

Season  Variations 

AS 

+3.43%,  -3.26% 

Max  Temperature  Range 
Temperature  Coefficients 

T 

-52°  C to  +83°  C 

Short  Circuit  Current 

K 

sc 

+0. 037%/°  C 

Open  Circuit  Voltage 

K 

oc 

-2.3  mV./°C 

Max  Power  Voltage 

K w 

mV 

-2.2  mV/°C 

Max  Power 

K 

P 

-0. 51%/°C 

d.  Solar  Cell  Panels.  Solar  array  design  was  iterated  with  per- 
formance studies  to  optimize  the  array  design.  Performance  studies  consisted 
of  determining  power,  current,  and  voltage  characteristics  as  a function  of 
orbital  parameters,  temperature,  intensity,  incidence,  and  mission  life  for 
variations  in  panel  design  and  cell  layouts.  Typical  extreme  and  average 
values  of  the  above  parameters  were  used  to  assure  that  system  requirements 
were  satisfied.  Design  ratings  and  sensitivity  data  derived  from  the  perform- 
ance studies  were  then  used  to  adapt  the  panel  and  module  design  to  spacecraft 
and  mission  constraints  and  to  the  power  requirements. 

Details  of  the  module  design  determined  for  the  array  are 
illustrated  in  Figure  IV-13.  Aluminum  honeycomb,  0.953  cm  thick,  is  used 
for  the  substrates.  These  have  0.025  cm  face  sheets.  Micaply  bonded  to  the 
substrates  serves  as  insulation  for  the  cells.  The  cells  and  coverslides  are 
mounted  on  the  insulated  substrate  using  proven  adhesives  qualified  for  low 
outgassing  characteristics.  Proven  flat  laydown  techniques,  existing  inter- 
connects, and  qualified  connectors  and  wiring  are  used  in  the  construction. 
Figure  IV- 14  shows  a cross  section  of  the  solar  cell  module  and  identifies  the 
material  used. 


The  frame  indicated  in  Figure  IV-13  provides  for  attaching  two 
modules  to  form  a panel.  Hinges  with  bearings  are  attached  to  two  sides  of  the 
panel  to  permit  linkage  of  the  panels  and  for  attachment  to  the  boom  that  will 
support  the  wing  assembly  as  indicated  in  Figure  IV-10. 
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Figure  IV-13.  Module  details. 
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THICKNESS  DENSITY  WEIGHT  MATERIAL 

mm  8m/cm^  qm 
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TERMINALS  AND  MISCELLANEOUS  320 

TOTAL  8116 


The  panel  configuration  is  illustrated  in  Figure  IV- 15.  Two 
modules  are  shown  fastened  together  to  form  the  panel.  A section  of  the  solar 
cell  arrangement  for  the  panel  assembly  is  also  shown. 

e.  Orientation  Requirements.  Two  degrees  of  freedom  are 
required  for  the  solar  array  to  be  oriented  toward  the  sun  while  the  tele- 
scope is  fixed  on  a target  star.  One  degree  is  provided  by  a roll  maneuver 
of  the  spacecraft.  The  second  degree  is  provided  by  mechanical  rotation  of 
the  arrays  about  the  Y-axis  of  the  spacecraft. 

Since  the  spacecraft  telescope  pointing  excludes  a 45-degree 
cone  centered  on  the  sun  and  the  same  side  of  the  spacecraft  is  always  oriented 
away  from  the  sun,  the  solar  panels  are  required  to  rotate  only  through  145 
degrees  about  the  Y-axis;  continuous  rotation  is  not  required.  Each  time  the 
spacecraft  is  reoriented  to  point  the  telescope  to  a new  target  star,  the  space- 
craft is  rolled  about  the  spacecraft  star  line  and  the  solar  array  is  mechanically 
rotated  about  the  Y-axis  to  point  toward  the  sun.  The  arrays  are  not  reoriented 
during  an  experiment  exposure . The  angular  rate  of  rotation  of  the  panels  about 
the  Y-axis  will  be  about  8.7  x 10-3  rad/sec  during  each  reorientation  period. 
This  allows  the  array  reorientation  to  be  completed  within  the  period  of  one 
ground  station  contact. 

An  accuracy  of  ±4  degrees  is  adequate  for  the  roll  and  gimbal 
angles . During  off-nominal  operations  where  the  roll  attitude  of  the  spacecraft 
must  be  varied  for  experiment  purposes,  power  system  performance  variations 
have  been  calculated.  During  a reorientation  of  the  solar  array,  torques 
developed  between  the  solar  array  and  the  spacecraft  should  be  less  than 
6.8  N-m  to  keep  spacecraft  disturbances  within  reasonable  limits.  Commands 
to  reposition  the  array  about  the  Y-axis  will  be  received  from  the  command 
system.  These  commands  will  be  absolute  position,  not  error  signals.  Array 
position  will  be  telemetered  back  to  the  ground,  based  on  array  shaft  position 
from  an  encoder  and  from  wide  angle  sun  sensor  outputs 

The  drive  motor  must  develop  sufficient  starting  torque  to 
overcome  the  inertial  load  presented  by  the  solar  array  and  the  coulomb  friction 
loads  presented  by  the  gear  train  and  bearings.  It  must  also  overcome  the 
spring  resistance  of  the  power  transfer  cables  across  the  rotary  joint.  The 
starting  torque  for  the  motor  is  usually  chosen  from  the  range  of  5 to  10  times 
the  coulomb  friction  loads  in  a conservative  design.  The  torque  acting  against 
the  inertia  of  the  array,  causing  it  to  accelerate,  is  the  motor  torque  less  the 
torque  losses  to  bearing  friction  and  power  transfer  cable  windup  spring 
resistance.  For  this  design  a peak  motor  starting  torque  to  loss  torque  ratio 
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of  8. 5 has  been  used.  The  peak  torque  less  loss  torque  will  act  to  accelerate 
the  array.  A check  has  been  made  to  ensure  that  by  using  an  on-off  motor 
control,  the  forces  developed  will  not  damage  the  array  or  produce  large 
control  system  disturbances. 

For  a journal  bearing  of  a polyimide  polymer  sliding  on  stainless 
steel,  the  coefficient  of  friction  is  about  0.2  maximum.  For  two  TS.OS-cm 
diameter  bearings  preloaded  at  22. 2 N an  additional  2.  67-N  load  results  from  a 
maximum  vehicle  angular  acceleration  of  1.47  x 10-4  rad / sec2.  The  coulomb 
friction  load  will  be  about  0. 253  N-m.  A 2.5  cm  diameter  polyimide/ steel  seal 
with  a 44.5  N preload  is  used  to  allow  removal  of  the  motor  from  the  inside  of 
the  pressurized  container;  therefore,  an  additional  0.113  N-m  coulomb  load  will 
be  incurred.  The  spring  resistance  of  the  power  transfer  cable  is  about  0.113 
N-m.  Therefore,  the  torque  losses  between  the  motor/gearhead  and  the  array 
shaft  total  0.479  N-m. 

f.  DC  Stepper  Motor  Drive.  A dc  stepper  motor  drive  is  used 
to  provide  the  4.067  N-m  to  the  output  shaft,  bearings,  and  seals.  A 30:1 
harmonic  drive  is  provided  to  reduce  the  15  degree  steps  of  the  stepper  to 
increments  of  0. 5 degree.  Assuming  a conservative  harmonic  drive  efficiency 
of  50  percent,  the  required  stepper  motor  torque  is  about  0.282  N-m.  If  the 
efficiency  of  the  harmonic  drive  is  nearer  0.90  and  the  loss  torques  on  the 
output  shaft  are  0.479  N-m,  then  up  to  14.372  N-m  of  net  torque  would 
momentarily  act  as  a disturbance  on  the  spacecraft  attitude  when  simultaneously 
reorienting  the  two  solar  array  wings.  The  attitude  system  can  hold  against 
torques  below  27.116  N-m.  Although  not  provided  for  in  the  present  design, 
rate  feedback  can  be  added  to  limit  the  net  torque  acting  as  a disturbance  on 
the  spacecraft  attitude,  if  required.  The  load  reflected  by  the  solar  array 
inertia  into  the  drive  assembly  during  a maximum  spacecraft  angular  accelera- 
tion of  1.47  x 10-4  rad/sec2  is  about  0.068  N-m.  For  this  angular  acceleration, 
the  drive  assembly  motor  would  not  have  to  be  energized.  The  friction  of  the 
journal  bearings  and  seals  would  hold  the  array  with  respect  to  the  spacecraft 
during  maneuvers  and  during  quiescent  periods  when  experiments  are  being 
performed. 


A layout  of  the  required  dc  stepper  motor,  harmonic  drive, 
encoder,  bearings  and  seals  is  shown  in  Figure  IV-16.  This  is  packaged  and 
seals  are  provided  such  that  the  assembly  may  be  replaced  from  within  the 
pressurized  LST  volume.  The  overall  assembly  is  packaged  within  an 
envelope  of  20  cm  diameter  x 35  cm  length  and  has  a mass  of  10  kg.  Redundant 
windings  can  be  provided  within  the  motor.  A spring  clutch/ shock  adsorber 
device  is  included  to  smooth  the  motor  pulses  and  to  slip  if  excessive  external 
torque  loads  during  ground  operations  are  reflected  back  in  through  the  output 
shaft.  This  is  desired  to  protect  the  harmonic  drive  teeth  from  potential 
over-stress. 
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Figure  IV-16.  Orientation  drive  assembly  with  harmonic  drive. 


If  the  solar  array  drive  assembly  must  be  exchanged  during 
maintenance,  it  can  be  removed  while  the  SSM  is  pressurized.  The  shaft  seal 
prevents  excessive  leakage  during  an  exchange  operation.  If  the  shaft  must 
be  removed,  it  is  done  from  outside  the  LST  SSM  and  the  motor  is  left  mounted 
to  the  inside  wall  with  the  O-ring  seals  intact.  The  shaft  and  external  bearing 
can  then  be  removed  also  with  the  LST  SSM  pressurized. 

A block  diagram  of  the  dc  stepper  motor  control  circuit  is 
shown  in  Figure  IV- 17 . Upon  receiving  the  8-bit  position  command  from  the 
command  system , it  is  compared  with  the  existing  position  of  the  array  stored 
in  the  array  position  encoder.  If  a difference  exists,  a signal  indicating 
clockwise  or  counterclockwise  rotation  is  sent  from  the  comparator  to  the 
stepper  motor  driver  logic  and  a signal  to  start  the  one  pulse  per  second  pulse 
generator  is  sent  from  the  comparator.  The  pulse  generator  output  is  sent  to 
the  stepper  motor  logic  and  driver  which  in  turn  energizes  the  stepper  motor. 
When  the  solar  array  drive  reaches  the  correct  position,  the  position  encoder 
output  matches  the  position  register  output  and  the  comparator  output  to  the 
pulse  generator  is  a stop  signal. 


Figure  IV-17.  Orientation  control  circuit. 


g.  Array  Performance.  A com'puter  program  was  developed  to 
calculate  and  plot  the  solar  array  performance . Plots  were  made  of  current 
and  voltage  and  voltage  and  power  at  the  minimum,  maximum,  and  average 
array  temperatures.  The  results  for  the  design  reference  array  at  the  end  of 
5 years  in  space,  at  temperatures  of  +63° C,  and  83° C,  are  shown  in  Figures 
IV- 18  and  IV- 19.  The  array  parameters  are  shown  in  each  figure.  The 
beginning-of-life  (BOL)  characteristics  at  63°C  are  shown  in  Figure  IV -20. 

Performance  calculations  were  made  for  a modification  of  the 
design  reference  array  using  phase  change  material  (PCM)  enclosed  in  the 
solar  cell  modules . The  phase  change  material  selected  was  lithium  nitrate 
trihydrate  — its  heat  of  fusion  absorbs  heat  conducted  to  it  from  the  solar 
cells.  The  PCM  will  stay  at  a constant  temperature  until  all  of  the  mass  has 
changed  phase  — in  this  case , to  a liquid . This  has  the  effect  of  maintaining 
the  array  at  a cooler  average  temperature , thereby  increasing  the  overall 
electrical  power  conversion  efficiency.  The  output  power  variation  over  a 
typical  sunlight  period  of  the  orbit  is  shown  in  Figure  IV- 21  for  arrays  with 
PCM  compared  to  the  performance  of  the  reference  design.  The  output  of 
the  reference  array  is  higher  initially  but  drops  rapidly  as  the  sunlight  heats  it. 
Those  with  PCM  have  lower  initial  power  but  maintain  a more  constant  output 
because  the  solar  heating  has  less  effect  on  the  cell  temperature.  The  array 
with  68  kg  of  PCM  had  an  average  output  equivalent  to  that  of  the  reference 
design.  With  91  kg  of  PCM,  the  array's  average  output  was  6 percent  higher 
than  the  reference  design. 
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Figure  IV-18.  Reference  array  EOM  performance  at  average  temperature. 
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One  of  the  major  advantages  of  the  PCM  would  be  the  increased 
reliability  of  cell  interconnections  because  the  thermal  cycling  stresses  would 
be  reduced  significantly.  Although  power  and  reliability  advantages  are  quite 
attractive  if  mass  is  no  constraint,  this  approach  was  not  considered  further 
because  considerable  R&D  would  be  required  to  make  the  concept  practical  for 
an  array . The  material  is  compatible  with  aluminum  but  whether  or  not  it  is 
compatible  with  array  adhesives  was  not  determined.  Lithium  nitrate  trihydrate 
has  been  considered  for  other  applications,  but  no  experimental  work  has  been 
devoted  to  solar  panels.  The  containment  of  such  material  would  be  critical 
for  an  array  and  could  lead  to  higher  construction  costs . 

4.  Energy  Storage  Subsystem.  The  energy  storage  subsystem  must 
store  energy  during  sunlight  periods  of  the  orbit  and  must  furnish  the  LST  with 
electrical  power  during  occultation  periods . It  must  supplement  the  solar  array 
power  occassionally  during  off-sun  orientation  cases  and,  if  the  alternate  launch 
vehicle  is  used,  it  must  power  the  LST  during  the  initial  launch  phase  of  the 
mission.  The  energy  storage  subsystem  must  also  provide  means  for  condi- 
tioning and  controlling  energy  storage  and  must  accept  array  power  only  when 
not  needed  to  sustain  loads . 


In  Section  F.  1 it  is  shown  that  different  EPS  configurations)  have 
only  a small  effect  on  energy  storage  requirements.  The  influence  of  load, 
efficiency,  occultation  periods,  temperature,  and  life  are  more  significant. 
The  requirement  to  accomplish  off-sun  roll  maneuvers  can  be  a design  driver 
on  capacity  requirements,  as  discussed  in  Section  C.  6.  Based  on  the  86.5 
percent  system  efficiency  when  operating  from  batteries,  the  energy  storage 
subsystem  must  deliver  1024  W-h  of  energy  for  each  maximum  occultation 
orbit.  It  must  be  capable  of  reliable  performance  for  the  temperature  range 
of  10  ± 5°C  and  for  the  mission  duration  with  maintenance. 

a.  Subsystem  Description.  The  energy  storage  subsystem 
consists  of  six  nickel  cadmium  batterv  assemblies,  six  dedicated  charp-er 
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assemblies,  and  the  associated  sensors  and  controls  needed  to  operate  and 
protect  the  subsystem.  Today's  technology  and  conservative  reliability  data 
were  used  to  size  the  subsystem  and  to  predict  performance . With  the 
capability  for  in-space  maintenance,  LST  system  requirements  can  be  met 
without  the  need  for  advanced  technology. 

Based  on  selection  rationale  and  trades  discussed  later,  a 
six-battery  configuration  was  selected  as  a cost-effective,  reliable  approach 
compromising  battery  design  and  operational  characteristics  with  system 
complexity,  control,  protection,  and  maintenance . Although  further  adjust- 
ments for  energy  required  during  off-sun  pointing  experiments  may  be 
necessary  , 30-A-h  cells  and  24  cell  assemblies  were  chosen  to  give  the 
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subsystem  a 5400  W-h  energy  rating.  The  normal  operating  mode,  maximum 
occultations , and  design  load  conditions  would  incur  a depth  of  discharge  (DOD) 
of  19  percent.  The  cycle  life,  DOD,  and  temperature  relationship  shown  in 
Figure  IV- 22  indicates  a 2. 2 year  life  rating  for  the  subsystem.  Figure  IV-22 
was  conservatively  derived  from  available  reliability  test  data.  To  maintain 
reliable  performance,  the  maximum  DOD  during  periodic  off-sun  pointing 
conditions  should  be  limited  to  between  50  percent  and  60  percent.  The  limit 
is  dependent  on  system  conditions  and  the  age  of  the  batteries. 
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All  batteries  will  be  energized  and  cycled  during  typical  orbital 
operations  because  trickle  charge./ standby  does  not  significantly  improve  life 
and  it  also  conditions  the  battery  to  accept  higher  loads . The  system  controls 
permit  batteries  to  be  discharged  in  several  parallel  combinations,  providing 
redundancy.  Normally  the  system  will  be  operated  with  three  pairs  of 
isolated  batteries  or  two  sections  of  three  in  parallel  to  guard  against  total 
power  loss  in  the  event  of  a load  short.  Remote  command  control  of  the  energy 
storage  subsystem  allows  other  configurations  for  power  management  or  fault 
isolation  by  controlling  cross  strapping  of  the  four  output  buses  located  in  the 
electrical  control  assemblies. 

Each  battery  is  protected  against  circulating  or  reverse 
current  by  diodes  located  in  the  output  circuits.  The  input  and  output  of  the 
batteries  are  channeled  through  the  dedicated  chargers  which  monitor  battery 
performance  parameters  continuously.  Redundant  lines  are  provided  for  all 
battery  cabling.  Overload  and  low  voltage  protection  guards  the  integrity  and 
avoids  excessive  over-pressurization  of  cells.  In  the  event  of  abnormal  system 
conditions,  each  battery  may  be  isolated  for  diagnostics  and  special  recharge 
conditioning.  Should  service  faults  occur  that  necessitate  the  removal  of  a 
battery  from  service,  the  redundancy  and  power  management  scheme  permits 
continued  system  operations  by  increasing  the  DOD  of  the  remaining  assemblies. 
Although  the  life  is  affected  by  such  conditions , the  capacity  and  thermal  design 
are  adequate  to  sustain  full  load  with  three  operating  battery  assemblies . 

Fault  protection  is  established  to  always  favor  critical  loads  with  a source  of 
power . 


The  condition  of  each  battery  is  monitored  and  controlled  by  a 
separate  charger  assembly.  The  chargers  provide  current  and  voltage  instru- 
mentation and  receive  temperature  and  third  electrode  signals  from  the 
batteries  to  assure  reliable  battery  control.  All  battery  instrumentation 
designated  for  telemetry  is  channeled  through  the  chargers.  Because  of  the 
long  mission  and  to  provide  versatile  power  management  and  protection, 


ampere  noui'  meters  have  been  included  to  p 


provide  better  indication  of  b&tterv 


conditions  to  the  ground.  The  output  of  these  meters  can  also  provide  redundant 
cutoff  signals  for  charge  termination. 


Each  of  the  six  charger  assemblies  is  redundantly  connected  to 
die  primary  solar  power  buses.  Each  charger  demands  primary  bus  power  in 
accordance  with  the  specific  battery  needs.  Power  tracking  networks  in  the 
solar  power  distributors  permit  full  utilization  of  array  power  available  but 
assure  that  system  loads  are  first  satisfied  before  power  is  delivered  to  the 
chargers . 
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The  chargers  deliver  variable  current  and  voltage  up  to  36  Vdc 
to  the  batteries . The  charger  output  is  controlled  by  battery  instrumentation 
to  assure  proper  adaptation  to  battery  characteristics  and  conditions.  The 
chargers  are  designed  to  handle  700  watts  to  allow  adequate  recharge  for 
abnormal  conditions  when  several  batteries  are  no  longer  in  service . The 
chargers  will  furnish  higher  charge  rates  at  the  beginning  of  a sunlight  period 
when  the  "cold"  arrays  deliver  higher  power.  Normally  the  chargers  will 
limit  the  charge  rate  to  half  the  current  rating  of  the  battery. 

Characteristics  and  ratings  of  the  energy  storage  subsystem 
are  summarized  in  Table  IV-14. 


TABLE  IV-14.  ENERGY  STORAGE  SUBSYSTEM 
CHARACTERISTICS  AND  RATINGS 


Characteristic 

Subsystem  Rating 

Batteries 

No.  of  Assemblies 

6 

Type 

Sealed  NiCd 

Cell  Rating 

30  A-h 

Temperature 

10°  ± 5°C 

Average  DOD 

19% 

Charger  Assemblies 

No.  of  Assemblies 

6 

Type 

Step  Down  Converter 

Max  Recharge  Rating 

4200  watts 

Max  Charge  Voltage 

36  Vdc 

Total  Subsystem 

Energy  Capacity 

5400  W-h 

Average  Power 

2700  watts 

Max  Current 

180  A 

Output  Voltage 

24  to  31  Vdc 

Input  Voltage 

38  to  88  Vdc 

Efficiency 

73.5% 

Life 

2 . 2 years 

Mass 

170  kg 

Volume 

177  500  cm3 
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b.  Battery  Selection  Rationale.  Sealed,  nickel  cadmium  (NiCd) 
batteries  are  considered  the  only  feasible  candidates  to  satisfy  the  electro- 
chemical energy  storage  requirements  for  the  LST  low  earth  orbit  mission. 
NiCd  batteries  possess  the  ruggedness,  energy  capacity,  cycle  life,  and  fast 
recharge  characteristics  best  suited  for  such  an  application.  Although  the 
LST's  5 year  mission  would  tax  the  technology , the  in-space  maintenance 
capabilities  established  for  LST  permit  the  use  of  existing  technology. 

Several  preliminary  battery  designs  were  made  using  data 
obtained  from  several  manufacturers.  Numerous  cell  configurations  are 
possible  for  the  different  A-h  ratings  considered;  however,  for  a given  size 
and  style  these  differences  had  small  influence  on  battery  performance. 
Typical  performance  trades  are  briefly  described  in  Section  F.3.  Also, 
several  past  programs  were  investigated  for  design  and  hardware  applicable 
to  LST. 


Because  of  its  electrical  size  and  capacity  requirements,  the 
LST  required  larger  cells  to  minimize  system  complexity  and  to  ensure 
reliable  performance.  Of  the  NASA  systems  canvassed  for  applicable  hard- 
ware, only  the  Skylab  and  ATM  surpass  the  LST  size.  However,  30-A-h  cells 
are  scheduled  for  several  programs,  e.g.,  HEAO,  Skylab,  and  Mariner. 
Larger  cell  ratings  of  one  manufacture  have  been  flown  in  several  Air  Force 
programs . None  of  the  assemblies  reviewed  were  exactly  consistent  with  the 
LST  system  and  maintenance  concepts.  Modification  would  probably  cost  as 
much  as  a new  assembly  since  assemblies  are  not  production  line  products. 
The  HEAO  battery  was  the  closest  candidate  and  its  considered  to  be  a 
satisfactory  alternate  for  adaptation  to  the  LST  if  necessary.  This  would 
incur  a mass  or  performance  penalty  compared  to  the  reference  system  but 
not  enough  to  jeopardize  system  feasibility. 

Several  manufacturers  have  the  competence  and  cell  sizes 
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investigations  have  shown  that  battery  hardware  has  been  a relatively  low 
cost  item. 


Battery  performance  predictions  for  long  missions  are  difficult 
because  of  the  wide  variations  in  test  and  reliability  data.  This  subject  is 
treated  in  Chapter  VIII.  Test  results  appear  to  be  random  in  most  cases, 
varying  with  the  manufacturing  line,  the  test  lab,  a large  number  of  conditions 
imposed  on  tests.  Type  of  failures  also  appear  to  be  random,  e.g. , open 
circuits,  short  to  case,  overpressurization,  loss  of  capacity,  seal  leakage, 
etc.  Data  correlating  failures  to  design  or  fabrication  processes  are  rare. 
Most  of  the  existing  data  pertain  to  cell  sizes  of  20  A-h  or  less. 
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Typical  cycle  life  curves  published  for  NiCd  cells,  obtained  by 
curve  fitting  techniques,  usually  apply  to  limited  test  samples  showing  better 
than  average  performance.  If  such  data  are  to  be  used,  conservatism  is 
recommended  because  most  of  the  raw  data  existing  will  not  support  these 
curves.  Engineering  judgment,  as  well  as  statistical  analysis,  is  needed  to 
adjust  these  curves  for  the  application  so  that  reliability  can  be  predicted  with 
confidence.  Extrapolation  is  required  for  the  number  of  cells  in  the  assembly. 
The  range  and  tolerances  of  other  system  conditions,  such  as  temperature  and 
loads,  should  be  considered,  especially,  the  range  of  charge  and  discharge 
rates  possible.  Finally,  a margin  commensurate  with  the  wide  dispersion  in 
test  data  should  be  subtracted.  Such  adjustments  are  feasible  because 
experience  has  shown  that  with  the  proper  precautions  and  control  of  battery 
fabrications,  handling,  and  testing,  existing  technology  batteries  can  be  made 
to  perform  for  periods  of  3 years  or  more.  The  curves  previously  shown  in 
Figure  IV- 22  were  adjusted  in  this  manner. 

A lower  battery  capacity  (higher  DOD)  might  be  acceptable  if 
large  load  variations  and  off-sun  pointing  were  not  anticipated.  Later  discus- 
sion of  off-sun  pointing  will  indicate  that  the  reference  system  may  not  have 
sufficient  capacity  because  the  opinions  of  the  scientific  investigators  as  to 
the  degree  of  roll  and  pointing  converage  essential  will  vary. 

Considering  performance  and  life  requirements , available  test 
and  reliability  data,  and  in-space  maintenance,  the  following  criteria  are 
considered  essential  to  the  LST  applications: 

1.  Use  conservatively  rated  cells. 

2.  Keep  the  depth-of-discharge  low. 

3.  Keep  the  temperature  in  the  range  of  5°C  and  15°C. 

4.  Effect  good  control  on  manufacturing  and  acceptance. 

5.  Use  matched  cells  and  reliable  charge  control. 

6.  Assure  that  size,  configuration,  and  installation  features 
permit  safe,  easy  handling,  and  replacement  in  space. 

The  reference  battery  is  the  only  EPS  component  that  might  be 
considered  unconventional;  although,  it  is  well  within  today's  technology. 
Cylindrical  cells  were  used  extensively  in  early  satellites  but  low  weight  or 
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convenient  sizes  were  not  available.  The  preference  for  rectangular  assemblies 
led  to  the  wide  use  of  rectangular  cells.  Cell  sizes  and  ratings,  however,  have 
not  been  standardized  and  there  have  been  numerous  configuration  variations  in 
cells  or  a given  A-h  rating.  The  reference  battery  is  based  on  cost  saving 
concepts  investigated  in  recent  low  cost  studies  for  future  payloads.  The  basic 
cost  saving  criteria  for  these  studies  are  briefly  related  to  the  battery  design 
as  follows: 


1.  Components  (cells)  should  be  common  with  commercial 
lines  and  compatible  with  production  tooling.  Commercial  cells  favor  cylindrical 
models.  Production  tooling  has  been  developed  for  the  similar  configurations. 

2 . Components  must  be  rugged  and  as  independent  of 
assembly  design  and  processes  as  possible.  Pressure  independence  is  offered 
by  cylindrical  cells  and  permits  low  weight  assembly  designs. 

3.  Standardized  items  should  have  good  performance 
consistent  with  technology,  should  be  conservatively  rated  to  minimize  testing, 
and  should  have  versatility  for  a wide  range  of  applications.  The  reference 
design  permits  adaptation  for  capacity  ratings  up  to  50  A-h.  Only  the  cell 
height  needs  to  be  changed  and  standard  plates  and  separator  added  for  higher 
ratings . 


c.  Reference  Battery  Assembly.  Subsystem  studies  were  made 
of  existing  assemblies  and  preliminary  designs  based  on  data  from  several 
battery  manufacturers.  Design  trades  indicated  that  the  reference  battery 
assembly,  shown  by  Figure  IV- 23,  offered  a significant  improvement  in 
energy-to-weight  ratio.  The  design  was  subjected  to  a detailed  materials  and 
weight  analysis.  Fabrication  concepts  and  techniques  were  reviewed  to 
establish  that  the  assembly  could  be  cost-effective,  reliable,  and  consistent 
with  standardization  concepts . Further  reductions  in  weight  of  housing  are 
possible  but  the  design  was  not  iterated. 

Since  the  assembly  does  not  need  to  resist  cell  pressure,  it 
can  be  a low  weight  casting  of  magnesium  alloy  with  lightening  holes.  It  is 
assembled  in  two  parts.  The  bottom  section  has  a standard  size;  it  retains 
cell  position  and  provides  thermal  dissipation.  An  upper  part,  not  shown, 
would  be  used  for  larger  cells;  it  would  have  the  same  length  and  width 
dimension,  as  the  bottom  to  which  it  attaches.  The  housing  protects  cells, 
exposed  terminal,  and  straps  and  provides  for  mounting  of  cover  and  connectors. 
To  permit  several  capacity  ratings,  several  top  sections  would  be  available 
where  only  the  height  varies  to  adapt  for  higher  cells.  The  housing  for  the 
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30  A-h  assembly  would  have  a mass  of  6.27  kg  and  would  occupy  a volume  of 
17  500  cm3.  The  mounting  foot  point  would  stay  constant  for  cell  ratings  up  to 
50  A-h.  Kapton  cell  insulation,  adhesive  for  retaining  cells,  cell  straps,  and 
connectors  add  1.43  kg.  The  24  cells,  rated  for  30  A-h,  have  a mass  of 
i4. 7 kg.  Thus,  tiie  total  assembly  has  a mass  of  22.4  kg,  giving  a specific 
energy  of  40.1  W-h/kg. 

The  performance  advantages  are  a result  of  the  low  mass  cell 
construction  and  light  assemblies  and  not  on  advance  electrode  performance. 
Standard  tooling  provides  high  strength,  electroformed,  nickel  casings  0.15 
mm  thick.  The  safe,  unconstrained  operating  pressure  is  more  than  69  N./m2 
and  is  5 times  better  than  an  equivalent  rectangular  cell.  Each  cell  is 
hermetically  sealed  and  all  hardware,  materials,  and  processes  are  standard. 
Only  the  cell  length  and  number  of  plates  are  varied  (four  sizes  should  be 
adequate)  for  different  capacity  ratings  if  required.  Table  IV- 15  shows  cell 
parameters  for  four  possible  ratings.  The  specific  energy  of  the  battery 
increases  when  the  larger  cells  are  used.  With  24  cells  of  the  30  A-h  size, 
the  assembly  is  nominally  rated  for  900  W-h  at  30  Vdc.  The  conservative 
cell  insulation  used  provides  an  insulation  rating  over  twice  the  500  volts 
normally  specified. 

The  cells  would  be  linked  in  series  with  flexible,  copper-nickel 
straps  suitable  for  brazing,  welding,  or  bolting  to  the  cells.  The  ends  of  the 
straps  are  solid  tips  that  are  compression  welded  to  the  braided  center.  The 
flexible  straps  assure  that  terminals  and  cell  seals  are  not  damaged  from 
contraction/ expansion  over  the  most  severe  temperature  range  that  a battery 
would  incur.  A recombination  electrode  is  recommended  for  all  cells.  At 
least  three  cells  in  the  assembly  would  have  a control  signal  electrode  to 
indicate  oxygen  pressure.  The  assembly  includes  three  temperature  sensors 
for  charge  control,  one  for  telemetry,  and  one  for  hardware  monitoring  during 
ground,  launch,  and  maintenance  operations. 


Standard  system  connectors  are  provided  to  connect  the 
batteries  into  the  system.  The  power  input,  output,  and  ground  lines  are 
redundant.  Cables  will  be  shielded  from  EMI.  A separate,  small  instrumen- 
tation connector  is  recommended  for  connection  to  the  chargers . A capped 
test  connector  (not  used  in  the  system)  is  provided  for  access  to  individual 
cells  during  conditioning,  test,  and  maintenance  of  the  battery. 
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d.  Battery  Chargers.  Each  of  the  six  battery  assemblies  will  have 
a dedicated  charger.  The  charger  assemblies  must  track  the  changing  charge/ 
discharge  characteristics  of  each  associated  battery  and  maintain  them  in  good 
operational  condition  for  a year.  Each  assembly  will: 

1.  Monitor  charge,  discharge,  and  battery  conditions. 

2.  Limit  the  charge  voltage  to  36  Vdc  and  provide  output 
between  24  and  36  volts  as  needed. 


3.  Limit  the  charge  current  to  less  than  21  A and  normally 
deliver  an  average  current  between  4 and  6 A . 

4.  Receive  solar  array  power  at  voltage  between  38  and 

88  Vdc. 

5.  Be  rated  for  700  watts. 

6.  Sense  primary  bus  voltage  and  avoid  overloading  the  bus. 

7.  Terminate  charge  appropriately  to  avoid  degradation 
and  thermal  burden . 


8.  Provide  instrumentation  for  remote  power  management. 

9 . Be  consistent  with  the  system  reliability  and  redundancy 

requirements . 


The  charger  is  a nonisolated,  stepdown,  static- switching 
converter,  basically  consisting  of  controlled  semiconductor  switches;  magnetic, 
and  electrostatic  energy  storage  devices;  and  electronic  control  components. 

As  indicated  in  Figure  IV-24,  power  transistors  are  used  to  accomplish 
conversion  and  to  control  the  output.  Magnetic  chokes  and  capacitors  provide 
the  necessary  energy  storage.  Logic  and  amplifier  circuitry,  consisting  of 
resistors,  diodes,  transistors,  and  capacitors,  control  the  power  switches 
in  accordance  with  the  input  control  signals  received.  Low-pass  filter 
sections  are  provided  to  meet  the  system  EMI  and  radio  frequency  interference 
(RFI)  requirements. 

The  charger  replenishes  the  energy  drawn  from  the  battery 
and  furnishes  additional  power  to  compensate  for  the  losses  incurred  by 
battery  inefficiency . The  output  of  the  charger  is  a variable  that  is  adapted 
to  the  battery  characteristics. 
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Figure  IV- 24.  Battery  charger  simplified  diagram. 


The  charger  has  a modified  constant  current  and  a constant 
voltage  output  characteristic  which  is  adjusted  by  the  control  signals  received. 
The  control  signals  are  received  from  internal  and  remote  sensors.  The 
battery  current,  voltage,  and  ampere-hours  are  monitored  internally.  Remote 
signals  received  are  battery  temperature  and  third  electrode  cell  signals  from 
the  battery  assembly,  and  signals  from  the  V-I  characteristics  of  the  solar  array 
bus  from  the  solar  power  distributor. 

Without  array  power  tracking  feedback,  the  charger  would 
limit  the  initial  charge  current  to  about  21  A . High  rates  are  permissible 
when  the  battery  is  discharged  and  when  the  battery  temperature  is  in  the 
proper  range.  Normally,  with  six  batteries  requiring  charge,  the  peak  power 
tracking  feedback  will  limit  the  initial  charger  current  for  each  battery  to  about 
7 A when  the  array  is  cold.  As  the  array  heats  and  the  power  available 
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decreases , the  charger  will  reduce  the  charge  current  so  that  the  spacecraft 
loads  are  supplied  first.  The  charge  current  is  also  reduced  when  the  battery 
detectors  indicate  a reduction  is  needed.  The  current,  voltage,  and  tempera- 
ture are  interdependent  in  this  mode  to  adjust  to  the  specific  characteristics  of 
the  battery.  When  the  temperature -dependent  voltage  reaches  a preset  level, 
the  charge  voltage  drops  0.5  volt.  The  current  is  reduced  and  the  charger 
operates  in  a constant  voltage  mode  until  cutoff  is  initiated  by  third  electrode 
signals  or  redundantly  by  the  ampere-hour  detector. 

The  ampere-hour  meter  monitors  the  battery  output  and  input 
during  the  entire  charge-discharge  cycle.  When  the  output  and  the  losses  have 
been  resupplied,  the  meter  furnishes  an  output  that  is  used  to  terminate  the 
charge  also.  The  ampere-hour  meter  also  furnishes  battery  charge-discharge 
status  information  to  the  telemetry  subsystem  for  transfer  to  the  ground.  This 
information  enables  control  of  batteries  and  chargers  from  the  ground. 

Recombination  electrodes  within  the  cells  permit  a high  charge 
rate  over  a wide  temperature  range,  and  these  electrodes  avoid  the  hazard  of 
hydrogen  pressure  buildup.  These  electrodes  also  enhance  the  characteristics 
of  the  third  electrode.  The  charger,  however,  provides  charge  rate  limiting 
or  shutdown  capabilities  for  abnormal  battery  conditions.  Temperature  limit 
sensors,  in  the  battery,  signal  charge  limits  if  the  battery  is  too  cold  or 
charge  termination  if  it  is  too  hot. 

A summary  of  the  baseline  battery  charger  characteristics  is 
presented  in  Table  IV- 16. 


TABLE  IV-16.  BATTERY  CHARGER  CHARACTERISTICS 


— — 1 

Input  Voltage 

1 

Equipment  Rated  ( Open  Circuit) 

125  Vdc 

Normal  from  Solar  Array 

38-88  Vdc 

Output  Current 

Normal  Operation  ( Max) 

22  A 

Input  Power  (Max) 

750  watts 

Output  Voltage 

24-36  Vdc 

Efficiency 

95%  at  Full  Load 

Thermal  Dissipation 

9 watts 

Size 

31  x 20  x 15  cm 

Mass 

6.8  kg 

Ambient  Temperature  Range 

25°  C to  100°C 
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5-  Regulator  Assemblies.  Six  buck-boost  regulators  are  provided  to 
regulate  the  24  to  36  Vdc  input  from  the  batteries  and  the  37.5  to  88  Vdc  input 
from  the  solar  array  to  the  28  ± 2 percent  Vdc  output  provided  to  the  loads. 

The  solar  panels  supply  the  battery  chargers  and  the  regulators  in  parallel; 
the  regulators  have  priority  on  the  power.  Excess  power  above  that  required 
by  day  loads  is  used  to  charge  the  batteries.  The  regulators  use  a buck-boost 
switching  circuit  to  provide  regulated  voltage  to  the  load  buses.  Each  regulator 
has  a power  capability  of  700  watts.  Six  are  connected  into  the  system  so  that 
any  three  are  capable  of  powering  the  spacecraft.  Any  one  of  the  regulators 
will  carry  those  critical  loads  required  for  spacecraft  survival.  Each 
regulator  assembly  has  redundant  inputs  and  outputs  so  that  from  one  to  six 
may  be  paralleled,  upon  command,  to  a primary  bus  and/or  to  redundant 
distribution  buses. 

A simplified  schematic  of  the  regulator  is  shown  in  Figure  IV- 25. 
Critical  components  are  redundant,  fuse  protected,  and  self-clearing.  Each 
assembly  is  current-limiting  and  provides  inherent  overload  protections  for 
itself  and  for  the  power  source . Internal  and  external  voltage  and  current 
sensing  provisions  provide  redundancy,  permit  adaptable  regulation  charac- 
teristics, and  allow  for  external  load  sharing  control. 


Figure  IV -25.  Regulator  simplified  diagram. 
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A prime  requirement  is  that  the  regulator  have  the  capability  of 
parallel  operation  and  have  the  ability  to  share  the  load  and  maintain  output 
voltage  regulation.  Power  division  within  the  regulator  is  accomplished  by  a 
combination  of  voltage  sensors  and  current  limiters.  Each  regulator  has  a 
current  limiting  sensor  to  limit  its  maximum  power  output  capability  or  its 
share  of  full  load  power.  Voltage  sensing  and  load  share  control  signals  are 
developed  within  the  ECA  and  supplied  as  input  to  each  regulator. 

The  electrical  control  assemblies  (ECAs)  will  contain  the  current 
sensors  and  logic  circuits  required  to  develop  load  sharing  control  signals  for 
each  of  the  six  voltage  regulators.  The  regulators  are  designed  to  have  a 
voltage  drop  of  0 . 5 volts  between  no  load  and  full  load  when  operating  without 
any  external  control  signal . One  regulator  feeding  a bus , common  to  other 
regulators,  operates  as  a master  and  is  allowed  to  operate  without  a feedback 
control  signal . The  current  output  of  this  regulator  is  compared  with  other 
regulators  feeding  the  common  output  bus.  A signal  increasing  or  decreasing 
the  pulse  rate  and/or  pulse  width  of  each  slave  regulator  is  provided  to  adjust 
its  current  to  match  that  being  provided  by  the  master . The  regulator  acting 
as  the  master  can  be  changed  by  ground  command.  It  is  automatically  switched 
if  the  high/low  voltage  monitor  registers  a large  out-of -voltage  tolerance 
condition.  Regulator  characteristics  are  summarized  in  Table  IV- 17. 


TABLE  IV- 17 . REGULATOR  ASSEMBLY  CHARACTERISTICS 
* AND  RATINGS 


Input  Voltage  ( Equipment  Rating) 

22-125  Vdc 

Normal  From  Batteries 

24-36  Vdc 

From  Solar  Array 

38-88  Vdc 

Voltage  Slope 

0 . 02  V/A 

Output  Power 

700  watts 

Efficiency 

90%  Min  at  Full 
Load 

Assembly  Size 

279  x 203  x 127  mm 

Assembly  Mass 

3.5  kg 

Thermal  Dissipation 

25  watts 

Maximum  Ambient  Temperature 

100°C 
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6 . EPS  Capabilities  for  Polarimetry  Experiments.  Polarimetry 
experiments  may  require  the  LST  to  roll  about  its  X-axis  from  a sun-oriented 
position.  The  power  from  the  array  will  be  reduced  when  this  roll  occurs  due 
to  shadowing  and  the  increase  of  the  angle  of  incidence , the  angle  between  the 
sunline  and  the  normal  to  the  array.  This  constraint  could  be  eliminated  with 
another  degree  of  freedom  on  the  array,  but  this  would  incur  additional 
complexity  and  cost.  Therefore,  the  reference  EPS  capabilities  to  sustain 
operations  during  off-sun  roll  maneuvers  have  been  evaluated  on  the  basis 
that  the  batteries  will  be  required  to  furnish  additional  energy  when  the  solar 
array  power  becomes  limited.  Additional  battery  capacity  can  be  added  if  the 
baseline  does  not  satisfy  the  scientific  requirements . The  cost  of  an  additional 
battery  would  be  less  than  $10  000,  much  lower  than  array  costs.  The  weight 
and  internal  volume  penalties,  however,  would  be  considerably  higher. 

The  effect  of  a vehicle  roll  command  on  the  power  available  from 

the  solar  array  has  been  analyzed  with  respect  to  that  available  when  the  array 

is  oriented.  When  oriented,  the  array  power  is  P . Following  an  off-sun 

s 

roll  maneuver,  neglecting  shadowing,  reflectance,  etc. , the  array  power  P ' 

s 

is  reduced  by  the  increase  in  incidence  angle  y in  accordance  with 


P ' = P cos  y 
s s 


(10) 


To  determine  the  variation  due  to  angle  of  incidence,  consider 
Xv  , to  be  the  standard,  vehicle-fixed  orthogonal  coordinate  system. 

The  longitudinal  axis  X^  must  point  to  the  celestial  target.  The  solar  array 

rotates  about  Y^ ; therefore,  a unit  vector  normal  to  the  array,  h,  remains 

in  the  X^-Z^  plane  and  has  no  Y^  component.  Letting  ip  signify  the  degree 

of  rotation  of  n about  Y , measured  from  X , the  normal  vector  is 


described  as 


n = cos  i}>  + j0  - k sin  ip 


(U) 
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A sun-oriented  coordinate  system,  X , Y , Z , centered  at  the 

s s s 

vehicle  is  then  established  as  a reference  with  X pointing  toward  the  sun. 

s 

The  unit  solar  vector,  s,  is  then  coincident  with  X . The  initial  relationship 

s 

of  the  vehicle  and  sun-oriented  coordinate  systems  is  illustrated  in  Figure 
IV- 26.  Xv  points  at  a target  0 degrees  from  the  sunline  s.  Yg  and  Zg 

have  been  rotated  about  X so  that  Y and  Y are  coincident,  a condition 

s s v 

necessary  for  orientation. 

The  vector  normal  to  the  array  may  be  defined  in  terms  of  solar 
coordinates  by  multiplying  by  H,  the  transformation  between  Xv  , Y^, 

and  X , Y , Z coordinates 
s s s 


n = Hn 
s 

h = cos  ip  cos  0 + sin  ip  sin  0 
s 

The  sunline  vector,  s,  in  the  same  coordinate  system  is 


(12) 


s = 1 + jO  + kO 


(13) 


The  dot  product,  n • s , of  equations  (12)  and  (13)  yields  the  cosine  of  the 
incidence  angle: 

cos  y = cos  ip  cos  9 + sin  ip  sin  6 • ( 14) 

Making  ip  = 6 for  the  initial  vehicle  position  of  Figure  IV- 26  orients  the  array 
to  the  sun  since  equation  (14)  reduces  to 


cos  y = cos2  6 + sin2  0 = 1 


(15) 
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Two  cases  are  considered  for  array  orientation  following  a vehicle 
roll  about  the  X^-axis  from  the  foregoing  initial  position.  Case  1 assumes 

that  the  array  position  with  respect  to  the  vehicle  (or  angle  ip)  remains  fixed. 
Case  2 considers  a reorientation  of  the  array  after  roll  to  optimize  the  angle  of 
incidence . 


1.  Case  1 — Letting  X^' , Y^'  , Z^'  represent  the  vehicle  coordi- 
nates after  a roll  of  0 degrees  from  the  initial  position,  the  new  vehicle 
position  with  respect  to  solar  coordinate  reference  is  as  shown  in  Figure  IV- 27. 
X ' still  points  to  the  target  9 degree  from  the  sunline,  but  s is  no  longer 

perpendicular  to  ; also,  n'  is  not  coincident  with  s.  Using  G as  the 
transformation  between  the  X , Y , Z and  the  X ' , Y ' , Z ' coordinate 

V V V V V V 

systems,  the  solar  vector,  equation  (13) , is  transformed  into  the  new  vehicle 
coordinates: 


s ' = GH  s 
v 


sv'  = cos  6 + j sin  9 sin  0 + k sin  6 cos  0 (16) 

Since  ip  was  fixed,  h'  = h of  equation  (11)  and  the  cosine  of  the  incidence 

angle  is  then  determined  by  the  dot  product  of  s ’ and  n'  : 

v 


cos  y - cos  9 cos  ip  + sin  6 sin  ip  cos  0 


Since  the  initial  value,  ip  = 9 , is  held  constant, 


cos  y = cos2  9 + sin2  6 cos  0 


(17) 


The  cosine  of  the  incident  angle  determined  by  equation  ( 17)  is 
plotted  as  a solid  line  curve  against  the  pointing  angle,  6 , for  several  roll 
angles,  0 , in  Figure  IV- 28.  Referring  to  equation  ( 10)  , Figure  IV- 28  also 
indicates  the  percent  of  solar  array  power  available  compared  to  that  available 
when  the  array  is  sun  oriented. 
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Figure  IV- 26.  Initial  oriented  position 
of  LST  coordinates  related  to 
sun  coordinates. 


Figure  IV-  27 . LST  coordinate 
position  after  roll 


maneuver . 
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Figure  IV -28.  Cosine  of  angle  of  incidence,  y,  as  a 
function  of  6 with  </>  as  a parameter. 
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2.  Case  2 — The  sun  vector  described  by  equation  (16)  of  Case  1 
is  the  same  for  Case  2.  If  the  array  is  reoriented  after  roll  (i.e. , >p  is 
changed)  , the  minimum  incident  angle  or  the  highest  power  is  obtained  when 
the  array  normal  vector  n'  is  along  the  intersection  of  the  s '-Y^  plane  and 

the  X^'-Z^'  plane.  Letting  Y ' be  a unit  vector,  the  optimum  direction  for  n' 

is  obtained  by  determining  a normal  to  plane  s'  -Y  ’ and  then  finding  the  vector 

normal  to  the  above  normal  and  to  Y 1 . This  is  expressed  in  terms  of  cross 

v 

products  of  s ' and  Y ' as  follows: 
v v 


Y x IS 


' x Y ' 


n - 


|Y  x 
v 


'S'xY'1 

V V , 


cos  9 + \ 0 + k sin  0 cos  (b 
J cos2  9 + sin2  9 cos2  <£ 


(18) 


The  largest  value  for  the  cosine  of  the  incident  angle  is  then  determined  from 
equation  ( 16)  and  ( 18) : 


cos  y = s 


n 


'V  cos2  9 + sin2  0 cos2 


(19) 


The  array  orientation  angle,  ip  , necessary  to  satisfy  equation  (19)  is  given 
by 


ip  = COS-1  I 


n cos2  9 + sin2  0 cos2 


(20) 


Optimum  values  of  cos  y are  also  plotted  as  dashed  line 
curves  in  Figure  IV-28.  The  greatest  improvement  occurs  when  the  roll  angle, 
<p> , is  ±90  degrees  except  when  6 is  ±90  degrees.  When  both  9 and  <p  are 
are  90  degrees,  the  normal  to  the  array  remains  perpendicular  to  the  sunline 
regardless  of  the  value  of  the  array  rotation  angle,  \p  . As  indicated  the  array 
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power  can  vary  between  the  maximum  oriented  power  (i.e. , P = 3054  watts) 

s 

and  zero  when  cos  y - 0 for  the  6 = <p  - 90  degree  case . 

Battery  Limits.  When  the  array  power  becomes  limited, 
the  number  of  off-sun  orbits  that  the  EPS  can  sustain  is  determined  by  the 
battery  capacity  installed  and  the  DOD  that  can  be  safely  allowed  for  short 
periods  of  time . Modifying  the  energy  balance  equations  for  limited  solar 
array  power,  the  energy  storage  requirements  are  detemined  for  the  same 
conditions  considered  in  the  solar  array  Cases  1 and  2 above . 

Using  the  power  available  from  the  array,  P ' , given 

s 

by  equation  ( 10)  , the  power  available  for  the  chargers  is 


P = P ' rj  - P (s)/tj  /tj  . ( 21) 

c S t L xi  o 

If  P > 0 , the  energy  required  of  the  battery  occurs  during  darkness  only,  as 
c 

given  by 


E 


D 


PL(D)  *d 


n 


BD 


(22) 


The  energy  replaced  during  sunlight  periods  is 


V, 


t 

s 


Thus  for  N orbits  off-sun,  the  energy  required  of  the  battery  when  E > ER 
is, 


en  = (n  + i)  ed’ner 


(23) 
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when  Er>Ed, 


E 


N 


(24) 


If  in  equation  (21)  P ^ 0 , energy  is  not  replaced  by  the  array,  and  the 

c 

battery  must  supplement  the  power  required  by  the  load  during  sunlight.  The 
energy  required  of  the  battery  then  becomes. 


EN  = (N  + 1)  Ed  + N 


l(s) 


V 


BD 


(25) 


The  energy  required  using  equations  ( 23)  , ( 24)  , and  ( 25) , 
depending  on  the  solar  array  power  available  in  equation  ( 19)  and  the  E^  to 

E relationships,  is  shown  in  Figures  IV-29  and  IV-30.  The  installed  battery 
-ti 

capacity  needed  to  satisfy  any  of  the  conditions  determined  by  the  above  equations 
can  be  found  by  dividing  E^  by  a safe  depth  of  discharge  ( DOD) . A maximum 

DOD  of  50  percent  is  recommended  when  the  battery  life  exceeds  5 or  6 months. 
If  batteries  can  be  replaced  on  a yearly  basis,  a DOD  of  60  percent  could  be 
permitted  for  the  first  6 months  of  each  year  as  long  as  such  cycles  occur 
only  once  or  twice  per  month . The  energy  available  from  the  baseline  bat- 
teries, having  a 5400  W-h  capacity,  for  50  percent  DOD  is  indicated  as  dashed 
lines  on  Figures  IV-29  and  IV-30. 

For  a roll  angle,  0 , of  45  degrees  as  shown  in  Figure 
IV-30,  the  spacecraft  can  view  any  object  for  one  or  two  orbits  and  if  the 
object  is  within  approximately  60  degrees  of  the  sun  or  antisunline  it  can  be 
viewed  for  three  orbits  without  discharging  a 5400  W-h  battery  greater  than 
50  percent  depth  of  discharge.  From  Figure  IV-29,  it  can  be  seen  that  a roll 
angle  of  90  degrees  greatly  increases  the  energy  required  if  the  object  is  not 
near  the  ecliptic  plane . 

Figures  IV-31  and  IV-32  are  for  the  same  conditions 
except  that  the  beginning  of  life  solar  array  power  was  used . The  extra  array 
power  reduces  the  energy  requirement  for  the  45  degree  roll  case  so  that 
three  orbits  at  any  0 can  be  viewed.  The  90  degree  roll  case  is  improved 
but,  if  0 is  near  90  degrees,  the  improvement  is  small  or  zero. 
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For  the  reoriented  array  cases  at  BOL  and  EOM,  6 and 
have  been  translated  into  percent  of  celestial  sphere  coverage.  The  informa- 
tion of  Figures  IV-29  through  IV-32  can  then  be  presented  as  the  coverage 
offered  as  a function  of  off-sun  orbits.- 

Assigning  a unit  radius  to  the  celestial  sphere,  the  total 

area  is  4 it  steradians.  Neglecting  the  earth  and  moon  obstructions  (these 

exist  for  only  a few  days)  , the  part  of  the  celestial  sphere  that  may  be  observed 

during  any  day  is  limited  by  the  pointing  restriction  that  does  not  permit  the 

lyST  to  look  within  45  degrees  of  the  sun.  Considering  the  vehicle  to  be  at  the 

center  of  the  celestial  sphere  and  the  45  degrees  to  be  a half  cone  angle,  6 , 

the  area,  A , of  the  sphere  that  may  be  viewed  is 
v 


A^  = 2 7T  [ 1 - cos  ( 7T  — 6)  ] , 

A = 3.41  7r  steradians  = 100%  pointing  coverage 

by  definition. 


Investigation  of  polarization  and  special  orientation  of  a target  requires  a slit 
rotation  about  the  vehicle  X-axis.  Since  this  rotation  is  accomplished  by 
rolling  the  vehicle,  it  affects  the  power  available  from  the  solar  array,  as 
shown  previously.  Limited  array  power,  in  turn,  imposes  greater  energy 
requirements  on  the  batteries.  The  system  capabilities  have  been  assessed 
in  terms  of  battery  capacity  required  for  a given  number  of  orbits  with  off- sun 
pointing  as  a function  of  the  X-axis  orientation  and  the  degree  of  roll  required. 
If  <p  is  restricted,  coverage  is  also  limited.  To  permit  complete  polarization 
freedom,  (p  must  be  90  degrees,  which  is  defined  as  100  percent  polarization 
coverage.  Smaller  < p angles  are  possible  if  long  term  scheduling  is  permitted 
However,  at  any  one  given  time,  target  polarization  viewing  would  be  con- 
strained if  <p  is  limited  to  less  than  90  degrees.  The  freedom  permitted  in 
pointing,  angle  d , directly  affects  the  percent  of  the  celestial  sphere  that 
may  be  viewed.  Therefore,  total  target  coverage  is  defined  as  the  case  where 
pointing  is  allowed  to  be 


45  degrees  < 6 ^ 315  degrees 
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and  the  roll  is  allowed  to  be 


0 degrees  ^ 0^  90  degrees 


When  the  EPS  limits  off-sun  viewing  determined  by  6 and  0 , area  of 
coverage  is  determined  by 


A = 2 7T  ( i - cos  0) 
c 


and  is  expressed  as  a percent  of  the  area, 


A . 

v 


From  an  array  standpoint,  the  worst  case  exists  when 
6 = ±90  degrees  and  0 = 90  degrees  (designated  as  100  percent  coverage)  . 
Maintaining  roll  freedom  of  90  degrees  and  restricting  0 to  ±45  degrees 
reduces  the  battery  size  and  weight  penalty  but  also  reduces  the  celestial 
sphere  coverage  to  60  percent.  The  number  of  consecutive  orbits  off  the  sun 
permitted  is  shown  in  Figure  IV-33  as  a function  of  the  baseline  battery  limits 
and  the  percent  of  celestial  sphere  coverage.  It  can  be  seen  that  several 
orbits  are  allowed  for  the  lower  coverage  cases  up  to  about  60  percent.  The 
baseline  does  not  permit  a full  orbit  for  the  extreme  100  percent  coverage 
case. 


An  additional  battery  would  be  required  for  one  orbit  of 
full  coverage . It  may  be  noted  that  the  additional  power  available  from  the 
array  at  BOL  improves  the  low  coverage  cases  but  has  no  effect  on  the 
extreme  100  percent  case. 


D.  Electrical  Distribution 

The  SSM  electrical  distribution  subsystem  (EDS)  accomplishes  the 
distribution  of  power  and  electrical  signals  required  to  control  and  monitor 
the  operations  of  the  LST.  It  also  accomplishes  the  electrical  integration 
with  the  OTA/SIP,  the  Shuttle  system,  ground  checkout  facilities. 

An  elementary  schematic  of  the  SSM  electrical  system  is  shown  in 
Figure  IV-34.  The  diagram  has  been  simplified  for  clarity  — some  of  the 
redundancy  and  components  of  the  subsystems  have  been  omitted. 
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ENERGY  STORAGE  REQUIRED  (WATT-HRS) 


A. 

0 - 90°,  6 - 90°,  COVERAGE  - 

100% 

B. 

0 - 90°,  0 - 60°,  COVERAGE  - 

72% 

C. 

0 - 90°,  6 - 45°.  COVERAGE  - 

56% 

D. 

0 - 45°,  6 - 90°,  COVERAGE  - 

100% 

E. 

0 - 45°,  9 - 60°,  COVERAGE  - 

72% 

F. 

0 - 45°,  6 - 45°.  COVERAGE  - 

56% 

0 IS  THE  ROLL  ANGLE 

O IS  THE  POINTING  ANGLE 


Figure  IV-33.  Reference  EPS  capabilities  for  polarimetry  experiment. 


In  Volume  II,  the  EDS  was  described  in  terms  of  functional  networks 


designated 

as: 

1. 

Data  Networks. 

2. 

Command  Networks. 

3. 

Power  Networks. 

4. 

Attitude  Control  Networks. 

5. 

Test  and  Maintenance  Support  Networks. 
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The  functions  and  major  components  of  the  data,  command,  and  attitude  control 
networks  are  adequately  discussed  in  Chapters  V and  VI.  Only  the  cabling  and 
interfaces  associated  with  these  networks  are  addressed  here.  Power  networks 
were  divided  into  three  sections  — power  transmission  networks,  main 
distribution  networks,  and  secondary  distribution  network  — for  protection, 
control,  and  versatility. 

i .  Power  Transmission  Network 


a.  General.  The  power  transmission  network  primarily  services 
the  electrical  power  subsystem.  It  provides  cabling,  junction  assemblies,  and 
interface  devices  for  the  transmission  of  power  into  the  SSM  from  the  solar 
arrays  and  for  transmission  of  primary  power  between  major  power  assemblies 
within  the  SSM.  It  also  provides  primary  buses,  power  controls,  detectors, 
and  protective  devices  required  for  the  primary  networks.  The  two  solar 
power  distributors  (SPDs)  centralize  and  control  the  major  part  of  the 
transmission  network.  Network  concepts  are  described  by  the  functional 
description  of  the  SPDs . 

b.  Solar  Power  Distributors.  Each  of  the  two  solar  power 
distributors  receives  power  from  their  respective  wing  panel.  Each  is 
designed  to  handle  full  spacecraft  power;  however,  under  normal  operating 
conditions  the  load  is  shared  between  the  two.  Growth  capacity  is  included 
in  the  design  of  the  distributors . The  following  functions  are  performed  by 
the  solar  power  distributors: 

1 . Combine  the  outputs  of  the  solar  panel  modules  into 
common  primary  power  buses. 

2.  Control  routing  of  primary  power  to  the  battery  chargers, 
ECAs,  and  the  power  regulators.  (Also  may  be  used  to  distribute  unregulated 
power  if  required  in  the  spacecraft.) 

3.  Perform  detection  and  switching  functions  necessary  to 
isolate  array  or  load  faults  on  the  primary  buses. 

4.  Provide  redundant  buses , switching,  and  outputs  to 
bypass  faults  and  to  reroute  power  to  EPS  assemblies . 

5 . Provide  redundant  firing  and  safing  circuitry  for  array 
pyrotechnic  release  devices. 
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6. 


Distribute  power  and  signals  to  orientation  drive  control 


assemblies . 


7 . Provide  a means  of  monitoring  solar  array  voltages  and 
currents  for  telemetery  and  fault  detection.  House  peak  power  tracking 
circuitry  for  recharge  control. 

8.  Receive,  via  external  interfaces,  power  and  control 
signals  from  electrical  support  equipment  and  implement  the  required  func- 
tions for  ground  and  in-space  checkout  operations.  Also,  return  status 
information. 


9.  Provide  a convenient  access  point  for  test  and  checkout 
of  the  solar  array  modules . 

Although  the  solar  arrays  are  not  redundant,  their  size  allows 
for  degradation.  Each  wing  is  modularized  for  fabrication  and  protection 
reasons . The  output  of  each  module  is  transmitted  to  the  SPDs  over  redundant 
lines . The  SPDs  receive  the  power  from  each  module  and  can  direct  it  to 
either  of  the  redundant  primary  buses.  The  SPDs  have  provisions  for  optional 
blocking  diode,  plug-in  modules  if  needed.  The  diodes  are  not  presently  used 
because  of  the  protection  devices  provided,  the  normally-oriented  array,  and 
the  absence  of  shadowing.  The  0.8  volt  drop  across  the  diodes  would  add  a 
power  loss  of  about  50  watts  to  the  system. 

Power  switches  and  relays  are,  in  general,  the  magnetic 
latching  type  to  conserve  control  power.  Bifilar  wound  types  were  selected 
to  minimize  system  switching  transients . All  relays  are  qualified  and  conform 
to  MSFC-Spec-40M37496. 

Switches,  permitting  the  selection  of  the  primary  bus  to  which 
a given  panel  input  is  applied,  allow  half  of  the  system  to  operate  from  two 
isolated  buses  or  from  one  bus  with  the  other  in  standby.  These  switches  also 
serve  as  backup  fault  protection  for  the  sources  and  lower  the  current  to  be 
cleared  in  the  event  of  a fault.  The  inputs  are  segmented  to  assure  that  the 
contacts  operate  at  a conservative  current,  compared  to  the  rating.  All 
contacts  will  be  redundant. 

A bus  tie  is  provided,  permitting  half  the  system  to  operate  in 
a single-bus  mode  for  flexible  power  management.  This  switch  controls 
power  channeled  to  the  second  solar  power  distributor  via  the  alternate  primary 
bus  should  the  loads  be  unbalanced  or  in  the  event  that  a source  failure  occurs . 


IV -81 


Should  the  situation  be  reversed,  a crosstie  contractor  is  closed  to  take  power 
from  the  other  distributor.  Normally,  the  switches  will  be  open  and  the 
redundant  primary  bus  will  serve  as  a backup  or  transfer  bus . 

The  primary  output  channels  to  ECAs  and  to  the  chargers  have 
automatic  overload  protection.  Signals  derived  from  command  inputs  are 
required  to  switch  buses  and  operational  modes.  Commands  may  also  over- 
ride protective  switching  for  diagnostics  and  protection  against  sensor  failure . 
Sufficient  protection  and  redundancy  is  provided  throughout  the  system  to  assure 
primary  bus  integrity.  Overload  protection  of  the  redundant  outputs  to  the 
prime  loads  is  not  provided  to  essential  loads  should  the  external  system  or 
subsystem  degrade  to  abnormal  emergency  conditions . This  alternate  channel 
also  assures  that  a protective  device  malfunction  does  not  permanently  interrupt 
service.  Similarly,  alternate  channels  to  the  ECAs  are  not  overload  protected. 
Protection  within  the  ECAs  is  adequate  to  protect  the  alternate  primary 
sources. 


Input  control  cables  are  separate  from  power  cables.  Each 
solar  distributor  may  receive  control  signals  from  either  of  the  electrical 
control  assemblies.  Automatic  and  commanded  signals  originated  in  the  ECAs 
perform  fault  isolation,  operating  mode  selection,  and  power  management 
functions . The  SPDs  have  provisions  for  the  incorporation  of  remote  command 
decoders  ( RCDs)  but  requirements  were  not  large  enough  to  justify  additional 
allocation  of  RCDs  for  electrical  distribution  functions . The  units  allocated 
to  the  EDS  are  located  in  the  ECAs.  Thus,  command  signals  to  the  SPDs  are 
derived  from  the  ECAs.  Instrumentation  outputs,  also,  are  separately  routed 
to  the  ECAs. 


Solid  state  logic,  differential  amplifiers,  and  driver  circuits 
located  in  the  SPDs  sequence  and  control  the  switching  that  operates  the 
deployment  and  retraction  mechanisms  upon  command.  Signals  from  the 
limit  switches  terminate  the  operation.  Commandable  switches  may  also 
deenergize  the  motors  and  are  provided  for  backup  to  the  limit  switches.  The 
SPDs  also  distribute  power  and  signals  to  the  assemblies  that  control  the  array 
orientation  drive  mechanisms. 

The  signals  from  all  the  sensors  located  on  the  array  wings 
(e.g.,  temperature,  wide  angle  sun  sensors,  limit  switches)  are  routed 
through  the  SPDs . Array  current  and  voltage  monitors  are  located  within 
the  assembly.  The  circuitry  which  tracks  the  peak  power  of  the  array  buses 
is  also  housed  in  the  SPDs.  Signals  from  these  trackers  are  sert  to  the 
chargers  to  permit  full  use  of  array  power  or  to  limit  battery  charging  should 
array  power  become  limited. 
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An  isolated  section  of  the  SPD  contains  redundant,  controlled 
switches  for  firing  pyrotechnic  devices.  Remotely  controlled  and  manual  safing 
provisions  are  made  for  these  functions. 

Electrical  support  equipment  (ESE)  and  test  connectors  are 
provided  for  system  testing,  control  and  checkout,  and  in-orbit  maintenance. 
External  power  which  simulates  the  solar  array  is  furnished  to  operate  the 
EPS  or  to  charge  batteries  while  on  the  ground  or  during  Shuttle  operations. 
This  connector  accommodates  hardwire  control  signals  to  operate  the  power 
bus  switches  and  the  critical  power  control  sensors  required  for  power 
management . 


The  test  connector,  in  conjunction  with  switches,  provide  the 
capability  for  testing  the  solar  array  integrity  and  performance  while  the 
spacecraft  is  on  the  ground  or  in  the  launch  vehicle . The  Dark  I-V  Method  is 
used  to  perform  such  tests.  ESE  power  supplies,  having  characteristics 
similar  to  the  solar  array,  may  be  connected  to  the  terminals  of  each  solar 
cell  assembly  on  the  solar  panels  in  sequence.  This  permits  recording  of  the 
reverse  current  characteristics  of  each  solar  cell  assembly  on  each  panel. 
Switches  must  be  operated  to  isolate  all  system  loads  from  the  solar  panel 
during  these  tests.  Otherwise,  erroneous  data  would  be  obtained  due  to  load 
drain . 


ATM  and  Skylab  equipment  represents  some  of  the  latest 
designs  of  distribution  equipment  developed  and  qualified.  These  assemblies 
have  been  modularized  into  function  subassemblies  for  adaptability.  These 
modules  have  the  type  of  components,  configuration  features,  characteristics, 
and  ratings  applicable  to  the  LST.  They  are  assembled  and  electrically  inter- 
connected to  satisfy  the  specific  LST  requirements.  These  elements  will  be 
applied  so  that  their  rating  is  conservative  compared  to  the  requirement  of 
the  function.  All  components  are  manufactured  in  accordance  with  established 


specifications  and  fabrication  processes. 


The  designs  are  also  well 


documented. 


2.  Main  Distribution  Network 


a.  General.  The  main  distribution  network  receives  and 
centralizes  power  from  the  EPS  power  assemblies  and  controls  main  power 
feeders.  It  distributes  regulated  power  to  decentralized  secondary  distribution 
units,  sectionalized  on  a subsystem  basis,  or  directly  to  some  critical  loads. 

It  provides  detection  and  fault  isolation  to  protect  the  subsystems,  the  EPS, 
and  the  primary  sources . Primary  EDS  interfaces  with  command  and  data 
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networks  to  permit  remote  electrical  management  of  the  system  are  located  in 
this  network.  The  centralized  concept  simplifies  the  design  and  offers  better 
control  of  power  for  management  and  protection  purposes . It  maintains  an 
independency  between  loads  and  the  primary  system  and  provides  a convenient 
means  of  controlling  redundancy . Distribution  is  divided  into  controllable , 
convenient  sections.  Incorporation  of  secondary  distribution  assemblies  at 
the  receiving  end  of  these  sections  is  a highly  versatile  distribution  scheme, 
similar  to  that  used  by  utility  companies . 

Specific  functions  of  the  main  distribution  network  are  explained 
by  the  functional  description  of  the  electrical  control  assemblies. 

b.  Electrical  Control  Assemblies.  The  main  distribution  network 
centers  about  the  two  electrical  control  assemblies  ( ECAs)  that  house  redun- 
dant buses,  crossties,  switchgear,  controls,  and  protective,  devices  needed  to 
assure  reliable  distribution  and  control  of  the  network.  Redundant  cabling 
assures  access  to  power  for  each  subsystem . Input  switching  provides  several 
channels  to  redundant  EPS  power  sources  in  the  event  an  EPS  assembly 
becomes  faulty.  Protection  is  provided  for  EPS  equipment  and  the  loads.  These 
assemblies  represent  the  primary  interfaces  with  the  command  and  data  systems 
for  remote  control  and  monitoring  of  electrical  system  functions. 

The  ECAs  are  modularized  assemblies  consisting  of  the  same 
type  of  modules  used  for  the  SPDs.  Because  of  the  functional  differences 
required,  additional  modules  are  needed  and  the  electrical  configuration  is 
different.  The  size  selected  allows  for  six  output  cables  from  each  assembly 
to  secondary  distribution  units  and  for  two  outputs  to  major  critical  loads  that 
may  not  be  serviced  through  the  secondary  units.  Each  assembly  provides 
three  redundant  outputs  and  inputs  for  the  regulator  assemblies . Redundant 
inputs  are  received  from  three  batteries  via  the  chargers.  Inputs  from  the 
SPDs  are  also  redundant.  Separate  control  and  instrumentation  connectors 
are  provided  for  the  battery  chargers , regulators , and  the  SPD  serviced  by  the 
ECA.  The  crossties  between  the  buses  of  the  two  ECAs  provide  a redundant 
output  distribution  network  with  multiple  redundancy  for  access  to  power. 

Each  ECA  controls  inputs  from  each  of  three  batteries  and 
switches  them  to  one  of  two  buses  as  selected.  Crossties  to  the  other  ECA 
permits  one,  two,  or  three  of  the  other  batteries  to  feed  power  to  buses  of  the 
first  ECA . Thus  the  batteries  may  be  used  individually  or  in  parallel  combina- 
tions up  to  six.  Three  dual  limit  detectors  for  overload  and  low  voltage  control 
the  input  switching  to  protect  each  of  the  batteries. 
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The  redundant  inputs  from  the  SPD  may  also  be  controlled  in 
the  event  of  a primary  system  malfunction , Crosstie  switches  provide  access 
to  primary  power  from  the  second  SPD  via  the  second  ECA . 

Dual  switching  is  provided  for  power  to  each  of  the  regulators . 
Each  regulator  may  be  energized  from  either  of  the  redundant  buses.  Any 
regulator  has  access  to  power  from  any  battery  when  input  crossties  are 
operated.  Therefore,  the  regulators  may  be  operated  in  parallel  combinations 
similar  to  the  batteries. 

Redundant  buses  and  switching  are  provided  by  each  ECA  to 
receive  power  from  three  regulators.  These  distribution  buses  provide 
28  Vdc,  regulated  to  ±2  percent,  to  the  units  supplying  the  system  loads.  The 
networks  supported  by  either  ECA  is  assured  access  to  regulated  power  by 
crosstie  switching  of  the  regulated  buses  between  the  ECAs.  Voltage  sensors 
for  these  buses  are  located  in  the  ECA  to  provide  feedback  to  the  regulators 
for  load  sharing  when  they  are  operated  in  parallel. 

The  characteristics  of  the  regulators  provide  inherent  overload 
protection  to  the  primary  power  sources;  however,  to  prevent  a load  fault  from 
causing  low  voltage  on  other  sections  that  may  be  in  parallel,  delayed  limit 
detectors  are  provided.  These  may  bring  a standby  regulator  on  the  line  if 
this  mode  exists.  If  excessive  load  persists,  the  faulty  section  will  be  isolated. 
Over-voltage  protection  is  also  provided  for  each  of  the  regulated  buses  to 
protect  the  loads  from  a possible  short  in  a regulator.  This  could  expose  the 
loads  to  the  high  array  voltage.  Should  the  output  of  a regulator  rise  beyond 
32  volts  it  will  be  isolated  from  the  bus. 

The  decoders  and  data  units  in  the  ECAs  provide  the  major 
command  and  data  interfaces  for  the  EPS  and  distribution  networks,  thus 
permitting  remote  operational  control.  Such  provisions  also  enahnce  the 
protection  afforded  to  assure  a reliable  life . System  integrity  is  monitored 
in  sections  for  the  various  possible  faults.  Should  a fault  be  indicated,  the 
network  responds  to  isolate  the  faulty  section  immediately . Depending  on  the 
loads  involved  and  system  conditions,  subsequent  corrective  action  occurs. 

For  loads  considered  critical  to  the  survival  or  recovery  of  the  spacecraft, 
the  network  establishes  redundant  channels  and/or  sources  to  sustain  the  load 
or  its  alternate,  as  the  case  dictates.  For  less  critical  loads,  isolation  occurs 
and  is  indicated  by  telemetry  to  ground,  awaiting  corrective  action  by  remote 
command.  In  both  cases  independent  telemetry  signals  are  provided  to  indicate 
conditions  and  corrective  action  taken.  Also,  provisions  are  made  to  override 
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isolation  switching  by  command.  This  enables  diagnosis  of  system  conditions 
and  assures  that  a fault  in  a protection  device  does  not  cause  premature 
termination  of  operations . 

The  ECAs  will  have  access  to  external  interfaces  for  control 
and  test  during  checkout  and  maintenance  operations . 

Protection  against  RF  and  conducted  interference  is  provided 
in  all  networks  to  assure  trouble-free  operation.  The  ECAs  incorporate 
transient  suppression  devices,  accommodate  the  shielding  requirements  of 
distribution  cabling,  and  provide  for  insertion  of  additional  network  filtering 
as  needed.  Consistent  with  reliable  grounding  schemes,  the  ECAs  provide  the 
single  point  ground  for  the  entire  system. 

3.  Secondary  Distribution  Network 

a.  General.  The  secondary  distribution  network  consists  of 
cabling,  interface  devices,  protective  devices,  and  controls  for  interfacing 
sections  of  the  main  distribution  network  with  load  to  be  controlled  remotely. 
The  electrical  distribution  units  (EDUs)  provide  decentralized  highly  adaptive 
distribution  service  for  the  various  subsystem  loads  and  requirements.  This 
is  particularly  attractive  for  separable  elements  for  the  LST,  such  as  the 
optical  telescope  assembly  (OTA)  . This  concept  provides  versatility  and 
growth  without  need  for  main  network  modification.  It  permits  power  network 
simplification  consistent  with  the  concept  established  for  data  and  command 
networks . 


b.  Electrical  Distribution  Units.  Eight  EDUs  are  provided  for 
the  electrical  system.  These  provide  redundant  distribution  service  to  the 
SSM  subsystems  and  to  the  OTA  and  SIP. 

The  subsystem  power  and  hardware  test  interfaces  with  the 
EDS  are  primarily  accommodated  by  the  EDUs.  The  eight  units  defined  are 
consistent  with  the  system  redundancy  and  subsystem  requirements  determined 
to  date.  However,  system  concepts  allow  the  versatility  of  adding  or  subtracting 
EDU  modules  as  the  system  design  matures,  depending  on  the  specific  detailed 
requirements  to  be  established.  For  instance,  several  EDU  submodules  may 
be  added  to  expand  distribution  service.  On  the  other  hand,  a later  subsystem 
configuration  and  location  assessment  may  indicate  that  the  ECAs  can  satisfy 
some  of  the  requirements  directly  without  sacrificing  the  reliability  and 
versatility  of  the  system . 
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The  EDU  consists  of  an  input  module  and  one  or  more  output 
modules  as  required.  The  inputs  are  to  be  standardized  for  common  inter- 
faces with  the  electrical  distribution  subsystem.  Electrical  inputs  from  ECAs, 
remote  command  decoders  (RCDs) , and  test  cable  are  provided.  Output 
modules  consist  of  a family  of  adaptable  subassemblies  selected  to  satisfy 
specific  requirements  of  each  subsystem.  The  modular  construction  of  the 
EDUs  is  consistent  with  that  of  the  RCDs  and  DAUs  so  that  these  may  be 
grouped  together  as  one  functional  assembly  when  needed. 

To  complete  the  system  protection  scheme,  the  EDUs  provide 
fault,  over-voltage,  and  EMI  protection  for  the  major  individual  loads  in  the 
subsystem  that  interface  with  the  power  networks.  Output  power  items  to  be 
operated  by  command  are  energized  by  the  EDUs.  Such  commands  received 
via  the  RCDs  activate  the  proper  power  switching  controls.  Power  semi- 
conductors and  relay  matrices  available  in  the  EDU  output  modules  can  be 
used  to  produce  parallel  or  subcontrolled  stimuli  from  the  serial  commands. 

The  EDUs  were  sized  for  the  largest  block  of  secondary  power 
initially  anticipated.  The  unit  size  given  in  Table  IV- 8 was  for  a basic,  three 
channel,  500  watt  maximum  unit  and  did  not  include  add-on  modules  for 
specific  output  functions  to  be  established.  The  latest  load  information 
indicates  that  a larger  size  is  needed.  Electrical  rating  adjustments  have 
been  made  but  time  did  not  permit  coordinating  a new  physical  size . 

The  OTA  represents  the  largest  block  of  power  to  be  supported 
by  EDUs.  As  indicated  in  Volume  IV,  a 500  watt  average  rating  may  be  low. 
Also,  high  peak  requirements  may  be  expected  because  of  the  mechanical 
drives  in  the  system.  The  OTA  concepts  divided  distribution  into  five  parts 
with  the  thermal  control  subsystem  having  the  highest  potential  average.  For 
these  reasons  the  basic  EDUs  are  rerated  to  conservatively  cover  potential 
load  growth. 


The  basic  unit  will  have  input  connections  for  five  separate 
inputs,  redundantly  wired,  and  five  ground  returns.  Provisions  for  shielding, 
as  required,  will  be  made.  The  basic  EDU  input  module  will  use  four  inputs 
and  have  protective  isolation  switching  for  four  sections  of  outputs.  Each  of 
these  controlled  sections  will  be  rated  an  average  of  5 A at  28  to  30  volts, 
giving  the  basic  input  module  a nominal  rating  of  600  watts.  Redundant  switch 
contacts  shall  be  provided  and  these  shall  permit  peaks  of  at  least  7.5  A. 
Smaller  switching  modules  may  be  used  if  loads  are  lower.  An  additional 
module  will  be  added  to  the  OTA  units  for  the  thermal  load.  Since  this  load 
may  be  452  watts  ( 16  A at  28  volts)  , 25  A master  switches  were  selected  for 
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this  module.  Thus,  the  EDU  for  the  OTA  would  have  a rating  of  1200  watts. 

Input  module  protection  is  linked  with  the  ECA  and  master  switches  are  con- 
trolled via  the  ECAs. 

Submodule  selection  for  output  modules  permits  subdivision  of 
input  modules  into  any  number  of  outputs,  depending  on  the  ratings  and  number 
of  modules  used.  Sixteen  circuits  at  1 A,  or  8 at  2 A are  convenient  configura- 
tion ratings  for  a module.  Two  would  be  required  for  more  outputs  of  these 
ratings.  Larger  numbers  are  available  for  individual  outputs  rated  less  than 
500  mA,  where  semiconductor  switches  may  be  used.  All  output  switching  is 
to  be  controlled  by  remote  command  decoders.  EDU  output  modules  incorporate 
solid  state  circuitry  and  drive  amplifiers  for  the  size  switching  selected. 

Electrical  access  to  external  connectors  for  test  and  checkout 
was  requested  but  the  specific  number  of  functions  and  lines  was  not  deter- 
mined. Therefore  a 39-pin  connector  was  allocated  on  each  EDU  for  this 
purpose.  Since  two  EDUs  are  allocated  for  the  OTA,  for  instance,  the 
capability  for  78  test  lines  exists,  if  needed.  Test  lines  are  not  to  be  made 
redundant. 


4.  Test  and  Maintenance  Support  Networks . The  test  and  maintenance 
support  networks  are  activated  only  through  external  LST  connections  when 
electrical  support  equipment  is  available  for  the  various  test  and  maintenance 
operations.  The  test  network  will  be  common  for,  and  made  compatible  with, 
both  ground  electrical  support  equipment  (GESE)  and  in-space  electrical 
support  equipment  (IESE)  . The  maintenance  networks  are  needed  only  for 
in-space  maintenance  with  the  Shuttle.  These  provide  for  illumination,  local 
communications,  life  support  sensors  and  accommodations,  and  warning 
alerts  necessary  for  manned  maintenance  operations. 

Based  on  historical  safety  concepts  and  procedures,  approximately 
39  kg  of  electrical  equipment  are  installed  in  the  LST  to  satisfy  estimated 
interface,  test,  and  maintenance  requirements . These  accommodations  will 
be  dependent  on  the  mechanization  and  equipment  provisions  of  the  orbiter. 

The  operational  procedures  and  constraints  and  safety  requirements  have  not 
yet  been  fully  defined  for  the  Shuttle . 

Eight  30-watt  fluorescent  light  fixtures  are  located  in  the  vicinity 
of  the  OTA,  SIP,  and  SSM  equipment  for  visibility  during  maintenance.  These 
units,  which  may  be  individually  controlled,  are  powered  from  the  IESE.  The 
power  needed  will  be  supplied  from  the  orbiter  power  source  to  the  IESE. 
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A caution  and  warning  assembly  is  installed  to  provide  visual  and 
audible  alarms  to  a crew  member  working  in  the  LST.  He  will  be  alerted  of 
potential  hazardous  conditions  that  may  occur  in  either  the  LST  or  the  Shuttle . 

An  isolated  cable  exchanges  safety  signals  between  the  LST  and  Shuttle  so  that 
the  same  alerts  are  displayed  at  the  payload  work  station,  with  some  transferred 
to  the  cockpit. 

Separate  test  cables  are  provided  for  the  OTA,  SIP,  EPS,  ACS,  and 
C&DHS  for  easier  integration  and  troubleshooting.  This  avoids  complex 
harnesses  and  is  consistent  with  modularization  and  maintenance  concepts.  It 
is  expected  that  most  of  these  will  be  small.  They  provide  special  hardwire 
access  for  checking  redundancy  or  critical  components,  and  permit  checkout 
and  fault  location  in  the  event  of  failures  such  as  nonoperative  command  or 
data  equipment.  Should  the  number  of  external  connectors  be  constrained  by 
the  docking  adapter  or  the  Shuttle  system,  a junction  box  will  be  added  to  the 
SSM  to  channel  the  internal  test  cabling  to  the  interface  connectors. 

Coax  cables  provide  data  and  command  channels  to  the  IESE  for  the 
normal  checkout  and  maintenance . Normally , the  onboard  LST  data  and 
command  equipment  will  be  used  for  maintenance  and  checkout.  The  IESE 
serves  as  a command  station  and  accumulates  data  during  maintenance . 

Three  plug-in  receptacles,  cabling,  and  an  interface  connector 
provide  a voice  communication  link  to  the  Shuttle . This  link  is  to  be  adapted 
to  either  suited  or  unsuited  operations  within  the  LST. 

The  LST  has  provisions  to  accept  power  from  the  Shuttle  via  the 
IESE.  Control  of  power  distribution  and  major  EPS  assemblies  may  be 
effected  from  the  IESE . 

5.  System  Hardware  and  Standards . The  electrical  system  defined 
for  the  LST  was  based  on  the  use  of  the  latest  applicable  specifications  and 
existing  hardware  qualified  for  similar  space  applications . The  equipment 
shall  be  designed  for  reliable  service,  maintainability,  and  environmental 
conditions  established  for  the  missions.  Conservative  component  ratings 
and  established  processes  are  to  be  used  to  avoid  excessive  testing.  The  need 
to  impose  flammability  requirements  of  MSFC-Spec-101  was  not  established. 
Typical  distribution  hardware  considered  applicable  and  cost-effective  was 
defined  from  that  specified  for  HEAO . 

a.  Connectors.  Zero-g  connectors  were  considered  for  in-space 
replacement  reasons.  These  offer  handling  and  disconnection  advantages  for 
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suited  man  operations  and  are  applicable  to  unpressurized  payloads.  Since 
the  LST  is  pressured,  such  connectors  are  not  required.  They  incur  a 3 to  1 
mass  penalty  and  require  more  volume  for  cabling.  Therefore,  the  standard 
circular  connectors  used  for  LST  conform  to  MSFC-Spec-40M39569  and 
-40M38277 . 


b.  Wire.  To  assure  mechanical  strnegth,  wire  shall  be  no 
smaller  than  AWG  24  and  shall  comply  with  MSFC-Spec-40M39513  as  modified. 
Silver-plated,  Kapton-insulated  wire  is  recommended  for  LST  because  of  its 
dielectric  characteristics  and  weight.  It  offers  a 2 to  1 reduction  in  harness 
weight  compared  to  Teflon  of  the  same  voltage  rating.  In  general,  wire  should 
be  rated  for  600  volts.  This  recommendation  is  contingent  upon  the  results  of 
outgassing  tests  being  conducted. 

c.  Cabling.  For  general  distribution  cabling,  the  smallest  gage 
wire  allowable  for  external  harnessing  (box  to  box)  shall  be  24  gage.  Shielded 
cable  shall  comply  with  MSFC-Spec-40M39526/5;  unshielded  cable  will  meet 
MSFC-Spec-40M39513/5. 

Dielectric  tests  on  cables  shall  be  performed  to  meet  MSFC 
specifications.  The  pin-to-pin  resistance  measurements  will  be  made  at 
1500  volts. 


Coaxial  cables  are  recommended  for  digital  data  transmission 
to  assure  signal  quality  and  avoidance  of  interference  problems.  Coaxial 
cables  shall  conform  to  MSFC-Spec-40M38286.  Triaxial  cables  (shielded 
twisted  pairs)  were  considered  for  this  application  and  may  later  be  proven 
to  be  adequate . This  may  offer  some  cost  and  connection  advantages . 

6.  Electromagnetic  Control.  Rigid  controls  will  be  imposed  on  the 
design  and  implementation  of  the  LST  system  to  assure  trouble-free  operation, 
accuracy  of  controls,  and  high  quality  data.  Applicable  concepts  and  standards 
are  given  with  the  following  paragraphs . 

a.  System  Design  Requirements 

( 1)  Electrical  Bonding.  The  structure  will  be  electrically 
bonded  to  provide  a low  impedance  electrical  ground  reference  plane  and  an 
electrostatic  discharge  path  between  spacecraft,  scientific  instruments,  and 
the  boost  vehicle . 

(2)  Electrical  Grounding.  A single-point  electrical  ground 
concept  with  design  implementation  will  be  specified  in  the  electromagnetic 
control  (EMC)  plan. 
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b.  System  Compatibility  Requirement.  The  spacecraft  equipment 
and  scientific  instruments  will  be  designed  such  that  an  electromagnetic 
compatibility  margin  exists  at  the  integrated  spacecraft  level  with  respect  to 
the  self-generated  interference  environment  in  accordance  with  MIL-E-6051D. 

c.  System  EMC  Verification.  EMC  compatibility  tests  shall  be 
accomplished  to  verify  that  the  EMC  plan  has  been  satisfied.  Tests  shall  be 
conducted  on  LST  Integration  Simulator  and  LST  Integrated  Vehicle. 

d.  Unit  or  Subsystem  Requirements 

( 1)  Electrical  Bonding.  A dc  resistance  of  2.5  mfi  or  less 
per  joint  ( MIL-B-5087B,  Class  R)  and  an  impedance  of  0.5  ohm  or  less  at  a 
frequency  of  1.0  MHz  are  design  goals. 

(2)  Electrostatic  Grounding.  A dc  resistance  of  1.0  ohm  or 
less  per  joint  (MIL-B-5087B,  Class  S)  is  planned. 

(3)  Electrical  Grounding  (implementation  per  Figure  IV-35)  . 
Primary  dc  power  employs  single -point  ground  (SPG)  located  near  ECAs. 
Secondary  dc  power  employs  dedicated  transformer  windings  with  internal 
vehicle  ground  point  (VGP)  for  each  applicable  equipment  load.  Signal  circuits 
employ  the  structure  as  a signal  return  path;  the  current  limit  is  to  be  determined. 

(4)  Electrical  dc  Insolation.  Primary  dc  power  leads  to  unit 
case  shall  have  a minimum  dc  resistance  of  1. 0 Mfi  at  5. 0 Vdc  prior  to 
electrical  connection.  Primary  to  secondary  dc  circuitry  insolation  shall  be 
greater  than  1.0  Mfi  dc  resistance  prior  to  electrical  connection. 

(5)  Interference  Control  Requirements.  MIL-STD-461A 
requirements  tailored  specifically  for  the  LST  system  will  be  integrated  with 
the  MSFC  power  quality  requirements. 


E.  Electrical  Interfaces 

A significant  amount  of  interface  information  was  determined;  however, 
the  design  status  and  depth  of  information  available  during  this  Phase  A study 
did  not  permit  or  warrant  detail  interface  descriptions.  Full  investigation  and 
description  of  interfaces  will  be  feasible  only  when  the  Shuttle  systems 
capabilities  and  interfaces  (under  development)  become  firm  and  are  detailed. 
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Figure  IV-35.  Electrical  grounding  schemes. 


1.  OTA/SIP  Electrical  Interface.  No  electrical  interface  exists 
between  the  OTA  and  SIP . The  SSM  will  satisfy  the  interface  requirements  of 
both  elements. 

2.  SSM/OTA/SIP  Electrical  Interfaces.  The  electrical  functional 
requirements  derived  for  power,  data,  commands,  and  attitude  control  are 
described  in  Chapters  IV,  V,  and  VI  of  this  volume.  The  allocations  and 
implementation  are  briefly  described  here . 
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Although  functional  requirements  differ,  it  was  intended  to  define 
standard  interfaces  for  both  the  OTA  and  SIP  and  to  maintain  constant  require- 
ments at  the  separable,  electrical  interface  plane  to  be  defined  by  the  SSM. 

This  is  accomplished  by  standardized,  remote  units  located  within  these 
elements  but  furnished  and  controlled  by  the  SSM.  The  separable  interfaces 
are  to  be  established  at  the  input  connectors  to  these  remote  units.  The 
interfaces  at  the  SIP  differ  only  slightly  from  those  for  the  OTA  because 
additional  data  and  command  units  were  allocated  for  the  SIP  and  several 
control  signals  are  exchanged  between  the  OTA  and  SSM.  The  simplified 
diagram  shown  in  Figure  IV-36  illustrates  interface  concept  and  units  involved. 

a.  SSM/OTA  Interface  Allocations.  Redundant  remote  distribution 
units  are  provided  to  permit  a high  degree  of  adaptability  and  versatility  without 
significant  influence  on  the  inputs  or  separable  interfaces.  The  interface  alloca- 
tions, including  redundancy,  are  given  in  the  following  paragraphs. 

(1)  Remote  Command  Decoders.  Two  RCDs  are  allocated 
for  redundancy.  Each  unit  provides  the  capability  to  receive  256  digital 
commands . 

( 2)  Data  Aquisition  Units.  DAUs  are  allocated  including 
redundancy.  Each  unit  has  the  capacity  to  distribute  64  discretes  or  8 digital 
words  to  the  SSM  data  management  subsystem.  Data  delivered  to  storage  will 
be  limited  to  a rate  of  1 . 6 kbs . The  sampling  rate  is  200  times  per  second  for 
real-time  data  and  4 times  per  second  for  stored  data.  The  OTA  will  condition 
signals,  as  necessary,  to  5 volts  before  they  are  supplied  to  the  DAU. 

(3)  Electrical  Distribution  Units.  Two  EDUs  provide 
redundant  access  to  power  to  be  regulated  at  28  ±2  percent  Vdc.  The  number 
and  characteristics  of  outputs  are  selectable  and  commandable  by  RCDs.  Five 
separate  inputs  and  ground  returns  are  provided.  The  total  rating  of  each  unit 
is  1200  watts.  The  EDUs  provide  EMI  protection  and  local  fault  isolation  for 
over-voltage  and  overloads. 

(4)  Power.  An  average  of  500  watts  was  allocated  to  the 
OTA  for  this  study. 

(5)  Control  Signals.  Three  line  pairs  are  allocated  for  feed- 
back signals  from  the  OTA  fine  pointing  subsystem  to  the  SSM  transfer 
assemblies.  If  these  are  amplified,  high  level  analog  signals,  the  same 
separable  connectors  designated  for  EDUs,  should  be  used.  Coaxial  cable  is 
recommended  if  these  are  high  rate  digital  signals.  Several  lines  are  required 
for  the  SSM-supplied,  magnetic  torquers  to  be  located  on  the  OTA. 
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Figure  IV-36.  SSM  electrical  interfaces 


(6)  Separable  Connectors.  Connectors  allocated  for  the 
electrical  separation  plane  between  SSM  and  OTA  will  be  attached  to  SSM 
cabling.  These  cables  will  be  routed  near  the  RCD,  DAU,  and  EDUs  on  the 
OTA  and  will  have  sufficient  free  length  for  mating  with  these  units  after  the 
OTA  and  SSM  are  assembled.  Connectors  allocated  were: 


1 . Two  standard  circular  connector  for  EDUs . 

2.  Two  connectors  for  controls  via  EDUs. 

3.  One  test  and  checkout  connector,  39  pins  to  one  EDU. 
(Connector  on  alternate  EDU  for  expansion  — not  cabled) 

4.  Coaxial  connectors  for  cabling  to  two  RCDs,  six 
DAUs,  and  two  clocks. 


mined. 


5.  Connectors  for  fine  pointing  feedback  to  be  deter- 


b.  SSM/SIP  Interfaces.  These  interfaces  are  implemented  in  the 
same  manner  as  those  for  the  OTA  (refer  to  Figure  IV-36) . 

( 1)  Four  redundant  RCDs  as  described  for  OTA,  are  provided. 

( 2)  Twelve  DAUs  provide  redundant  data  channels.  These 
units  have  the  same  description  as  OTA  units. 

(3)  Two  EDUs  are  provided  for  redundant  access  to  power. 

The  units  are  equivalent  to  those  for  the  OTA,  except  the  additional  input 
module  was  not  provided  and  the  unit  rating  was  600  watts . 

( 4)  An  average  power  of  500  watts  was  allocated  to  the  SIP 
during  this  study. 

(5)  Separable  Connectors.  The  separable  connectors,  for 
the  electrical  separation  plane  between  the  SSM  and  SIP,  will  be  attached  to 
SSM  cabling.  This  cabling  will  be  routed  near  the  RCDs,  DAUs,  and  EDUs 
where  interface  mating  occurs . Cables  will  have  sufficient  free  length  to 
permit  connection  and  tiedown  after  the  SIP  is  installed  on  the  SSM. 
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3.  SSM/Shuttle  Electrical  Interfaces.  Umbilical  and  external  connec- 
tions located  on  the  LST  are  to  be  made  compatible  with  launch  vehicle 
provisions  and  with  orbiter  provisions  for  checkout  and  maintenance.  Manual 
disconnects  should  satisfy  the  majority  of  the  electrical  interface  require- 
ments for  the  reference  LST.  The  LST  external  connectors  will  be  located 
around  the  docking  port  of  the  SSM  for  each  access  but  will  avoid  interference 
with  passageways  and  will  not  pass  through  doors  for  safety  reasons.  All 
cabling  will  be  routed  and/or  protected  to  guard  against  possible  damage 
during  manned  access  operations.  Cabling  and  hardware  dedicated  to  test 
and  checkout  will  not  be  redundant.  The  system  design  should  provide  access 
and  installation  features  that  will  make  replacement  easy  to  accomplish  if 
necessary;  for  instance,  complex  harnessing  or  installation  strapping  should 
be  avoided. 


Cabling  and  provisions  for  test  and  maintenance  should  be  separated 
and  electrically  isolated,  to  the  extent  possible,  from  the  active  LST  system  to 
assure  reliable,  trouble-free  operations. 

The  erection  mechanism  includes  a docking  adapter  and  airlock  or 
tunnel  for  access  to  the  SSM.  The  cabling  on  the  Shuttle  side  can  be  routed  into 
the  pressurizable  adapter  using  feedthrough  connectors.  These,  then,  are 
routed  to  the  docking  plane  and  are  manually  connected  to  the  SSM  connectors 
by  either  an  unsuited  or  a suited  man,  as  desired.  Automatic  flyaway  connec- 
tions do  not  appear  to  be  necessary  since  the  LST  can  be  made  self-sustaining 
by  transferring  power  and  control  to  the  LST  in  advance  of  disconnection  and 
the  subsequent  physical  release  and  separation.  Cabling  to  initiate  release 
and  separation  of  the  spacecraft  will  be  from  connector  panels  in  the  cargo  bay 
to  the  erection/docking  mechanisms  and  need  not  interface  with  the  SSM. 

In  general , cabling  from  the  LST  interface  will  be  routed  to  in- 
space electrical  support  equipment  to  be  located  at  a payload  checkout  station. 
Special  routing  requirements  may  develop  for  sending  caution  and  warning 
information  and  special  controls  to  the  commander's  station  and  to  the 
mission  specialist's  station  in  the  orbiter.  At  present,  it  appears  practical 
and  safe  to  accommodate  such  requirements  by  interfaces  made  at  the  IESE 
with  these  other  stations . 

a.  SSM  Interface  Connector  Allocation.  The  following  connectors 
are  consistent  with  preliminary  orbiter  interface  documents  and  were  allocated 
for  typical  functions  as  indicated: 
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1 . Power  and  distribution  control  ( 1) . 

a.  40  to  80  volts  to  primary  buses. 

b.  28  to  30  volts  to  main  distribution. 

c.  Distribution  switch  controls. 

d.  Voltage,  current,  switch  status  signals. 

e.  Special  battery  conditioning  and  temperature. 

f.  Load  bank  lines  for  array  and  battery  checks. 

g.  Transfer  switch  control. 

h.  Lighting  control. 

2.  Audio  communication  link  ( 1)  . 

a.  Voice  link  between  LST  and  orbiter  stations. 

b.  Audible  alarms. 

3 . Narrow  band  data  coax  ( 2)  . 

a.  Data  handling  redundancy  checks. 

b.  Real  time  data. 

4.  Wide  band  data  coax  ( 2)  . 

a.  Computer  checks. 

b . Recorder  playbacks . 

5 . Command  coax  ( 2) . 

a.  Inputs  to  LST  command  networks. 

b.  Redundancy  tests. 
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6.  Caution  and  warning  ( 1)  . 

See  Table  IV- 18  for  potential  functions. 

7.  G,  N,  and  C ( 1)  . 

a.  Special  test  points  for  attitude  control  subsystem. 

b.  Comparison  with  Shuttle  system. 

c.  Transfer  assembly  checks. 

8.  Data  handling  and  communication  test  ( 1)  . 

a . Automatic  gain  control . 

b . Clocks . 

c.  Control  and  baseband  unit  test  points. 

d.  Transponder  checks. 

9.  OTA/SIP  (1). 

a.  Special  test  points  for  instruments. 

b . Distribution  redundancy  tests . 

c.  Sensor  calibration  checks. 

b.  Electrical  Support  Equipment.  The  in-space  electrical  support 
equipment  (IESE)  which  locates  at  the  payload  checkout  station  in  the  Shuttle 
will  provide  manual  controls,  visual  indicators  and  instalments,  CRTs  and 
keyboard,  power  convertors,  electronic  buffers  or  adaptive  circuitry  as 
required,  signal  supplies,  patch  distributors,  and  interface  connections 
required  to  operate  and  check  out  the  various  LST  functions . 

This  equipment  will  have  connections  to  interface  with  the 
cables  routed  to  the  SSM  external  connectors  although  the  Shuttle  requirement 
may  impose  special  routing  for  caution  and  warning  and  audio  cables . Ground 
electrical  support  equipment  used  for  predelivery  and  prelaunch  test  will  have 
interfaces  made  identical  to  those  of  the  IESE  in  addition  to  other  provisions. 
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TABLE  IV-18 . CAUTION  AND  WARNING  PRELIMINARY  INTERFACE 
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Shuttle  commander  station,  W — Shuttle  work  station,  L — LST/SSM. 


The  IESE  will  serve  as  an  interface  adapter  between  the  LST 
and  the  orbiter  subsystems  that  will  provide  power,  data,  and  communications 
services  during  launch  and  in-orbit  checkout  or  maintenance  operations.  It 
will  also  have  connections  to  ground  utilities  and  services  provided  by  carry-on 
cabling  for  installation  checkout  prior  to  the  orbiter  being  staged  or  made 
ready . 


c.  Electrical  Support  Operations.  Once  the  orbiter  is  made  ready 
at  the  launch  pad,  it  supplies  services  to  the  IESE  for  payload  operation  and 
checkout.  The  payload  is  then  under  local  control  of  the  crew  from  the  payload 
checkout  station  or  in  some  cases  from  the  other  orbiter  stations.  From  this 
point  on,  RF  command  up-link  or  data  down-link  to  the  LST  will  be  via  the 
orbiter  system.  During  launch  and  orbital  checkout,  the  payload  command 
system  will  be  interlocked  so  that  only  hardwire  commands  via  the  IESE  can 
operate  LST  equipment.  Normal  checkout  and  exercising  of  the  LST  sub- 
systems will  be  accomplished  from  the  payload  checkout  station  using  the 
coaxial  cables  provided  for  command  and  data  retrieval.  The  IESE  interfaces 
with  the  orbiter  data  and  communications  subsystem  provide  means  of 
receiving  commands  and  sending  data  to  the  ground  over  Shuttle  channels. 

The  orbiter  can  also  provide  computer  and  recorder  services  as  needed. 

The  IESE  receives  power  at  30  Vdc  from  the  orbiter  power 
subsystem  during  launch,  orbital  checkout,  and  maintenance  operations. 

Manual  controls,  instrumentation,  and  converters  in  the  IESE  energize  the 
LST  buses  and  control  distribution.  Converters  step  up  and  control  the 
voltage  delivered  to  the  primary  ( solar)  buses . The  IESE  has  special 
provisions  for  conditioning  batteries  and  for  load  checks  on  batteries  and 
arrays  during  maintenance . Controls  and  instrumentation  are  also  provided 
for  energizing  contamination  control  equipment  and  for  internal  lighting. 

The  test  connectors  provide  access  to  special  test  points 
within  the  SSM/OTA/SIP  subsystems  for  calibrating  sensors,  troubleshooting 
faults,  and  evaluating  the  status  and  redundancy  of  various  critical  assemblies 
and  instruments . 

The  voice  communication  link  is  provided  for  possible  main- 
tenance and  replacement  operations  within  the  LST.  The  crew  member  in  the 
LST  is  in  constant  communication  with  the  Shuttle  crew . This  enhances  the 
safety  of  such  operations. 
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To  assure  safety  to  crew  and  equipment  during  the  various 
operational  periods  with  Shuttle  support,  caution  and  warning  ( C&W)  signals 
are  exchanged  between  the  LST  and  orbiter.  The  rationale  pertaining  to 
selection  of  caution  and  warning  provisions  are: 

1.  C&W  provides  protection  for  crew  and  overall  system. 

2.  One-way  interface  during  launch  and  return  (LST  to 

Shuttle)  . 

3 . Two-way  interface  during  maintenance . 

a.  Alerts  Shuttle  crew  and  man  in  LST. 

4.  Exact  requirement  will  depend  on  Shuttle  C&W,  number 
in  crew,  maintenance  procedures,  and  work  stations. 

5.  C&W  system  normally  has: 

a.  Redundant  sensors,  supplies,  signal  transmission. 

b . Voting  logic  in  critical  cases . 

c.  Manual  test  and  verification  features. 

6.  LST  provisions  for  C&W: 

a.  Interface  connectors-cables-sensors-alert  lights/ 

alarm  box. 

b . Are  isolated  from  LST  functional  system . 

c.  Are  energized  from  Shuttle  side  only  when  attached. 

7.  Spare  C&W  components  will  be  carried  on  all  LST  visits. 


Potential  caution  and  warning  functions  were  listed  in  Table 
IV- 18  with  an  indication  for  the  mission  phase  during  which  these  functions 
will  probably  be  monitored. 

Revised  interface  documents  indicate  that  the  Shuttle  can  supply 
1500  watts  average  and  3000  watts  peak  for  payloads  during  ascent  and  descent. 
In  orbital  coast,  3000  watts  average  and  6000  watts  peak  can  be  sustained. 
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Such  provisions  are  considered  adequate  to  support  the  LST  during  launch  and 
orbital  checkout.  It  was  estimated  that  2700  watts  would  be  the  maximum 
requirement  for  the  payload  for  worst-case  maintenance  conditions  where  the 
array  was  not  operating  and  battery  charging  was  needed.  During  such  revisit 
operations,  the  power  may  be  constrained  if  the  874  watts  needed  for  contamina- 
tion control  is  required  for  extended  periods . 

It  appears  that  the  50  kW-h  limit  on  energy  is  not  sufficient  to 
support  an  extended  orbital  checkout  or  a maintenance  operation  for  the  LST . 

It  will  require  over  100  kW-h.  The  interface  document,  however,  does  permit 
the  supply  of  additional  reactants  for  the  fuel  cell  power  system  from  the 
payload  or  from  tanks  to  be  installed  in  the  cargo  bay . Selecting  the  add-on 
tank  approach,  the  cost  of  tanks  and  plumbing  hardware  is  defrayed  by  the 
Shuttle  system . The  only  penalties  to  the  payload  are  the  installation  charge 
and  the  weight.  For  nominal  fuel  cell  performance  the  mass  penalty  should  be 
about  0.45  kg/kW-h  for  reactants.  The  additional  installation,  therefore, 
would  be  in  the  order  of  30  to  45  kg. 

F.  Trade  Studies 

1 . EPS  Configuration  Tradeoff  Analyses.  Four  EPS  configurations 
were  analyzed  in  the  selection  of  the  reference  design.  Each  of  the  candidates 
has  been  used  previously  and  is  based  on  existing  design  and  hardware  tech- 
nology. The  four  configurations  were  evaluated  against  LST  basic  require- 
ments and  probable  ranges  of  operating  conditions  to  determine  whether  or  not 
significant  performance,  functional,  or  programmatic  advantages  were 
offered. 


The  first-order  effects  of  EPS  configurations  on  solar  array  power 
and  energy  storage  requirements  were  determined  as  a function  of  the  dark-to- 
daylight  load  ratio  variation  possible  to  evaluate  whether  or  not  the  performance 
of  the  candidates  depended  on  the  load  regime.  In  one  case,  the  ratio  of 
unregulated-to-regulated  load  was  considered. 

Subsequent  consideration  was  given  to  reliability  for  expected 
ranges  of  environment,  operational  loading,  and  maintenance  provisions. 
Inherent  protection  features,  voltage,  and  current  stress  levels  incurred  on 
components,  potential  sensitivity  to  power  management  controls  and  adaptability 
to  redundancy,  modularization,  and  requirement  changes  were  some  of  the 
qualities  considered.  EPS  design  and  hardware  costs  can  be  related  to  solar 
array  power  and  energy  storage  capacity;  however,  application  and  program- 
matic requirements,  the  design  status  of  the  rest  of  the  system,  and  integration 
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can  be  significant  cost  drivers.  In  all  cases,  to  be  cost-effective,  a high 
confidence  in  the  system  reliability  must  be  established  because  the  mission 
and  vehicle  survival  is  critically  dependent  on  the  EPS. 

Cost  avoidance  is  considered  a prime  requirement  on  configuration 
selection.  Thus,  the  final  selection  should  not  occur  until  the  system  design 
has  matured  to  the  point  where  basic  requirement  ranges  are  well  established, 
unless  the  design  is  highly  modularized  and  versatile  for  adaptation  to  large 
changes  in  requirements.  Equipment  should  be  designed  for  low  stress  levels 
and  should  be  conservatively  rated  for  the  range  of  design  conditions  expected. 
Components  and  modules  should  be  selected  to  avoid  costly,  extensive  develop- 
ment testing  and  qualification.  The  system  should  be  resistant  to  abuse  and 
abnormal  load  conditions,  such  as  transients  or  EMI,  and  it  should  provide 
good  protection  and  corrective  features.  To  avoid  extensive  waiting  time  for 
requirements  and  to  avoid  difficult  integration  or  costly  changes  after  system 
assembly,  the  configuration  should  provide  design  isolation  and  features  that 
desensitize  EPS  equipment  to  external  system  conditions  and  changes . 

Analyses  were  based  on  a fixed  1500  watt  orbital  average  load  and 
on  a 96.9  min  orbit  with  maximum  occultation  of  35.5  min.  The  sensitivity  of 
the  candidate  systems  to  load  and  time  of  occurrence  is  shown  by  the  perform- 
ance dependence  on  the  dark-to-daylight  load  ratio  variations  considered. 

Two  of  the  configurations,  designated  as  Type  1 and  Type  2 in 
Figure  IV- 37,  have  the  capability  of  tracking  the  peak  power  point  on  the  solar 
array  V-I  curve.  The  Type  1 system  is  representative  of  the  reference  selected. 
The  Orbital  Workshop  (OWS)  part  of  the  Skylab  uses  the  Type  2 concept.  The 
efficiencies  and  design  parameters  used  in  the  analyses  are  identified  in 
Table  IV- 19. 

The  Type  1 system  contains  a stepdown  charger  and  a stepup- 
stepdown  regulator.  The  regulator  is  designed  for  an  input  voltage  to  vary  from 
the  minimum  battery  voltage  to  the  maximum  solar  array  voltage.  In  the  Type 
2 system  there  is  a stepdown  preregulator  and  a stepdown  load  regulator . 

The  performance  equations  that  determine  the  energy  storage  and 
solar  array  requirements  for  the  Type  1 (reference  design)  configuration  are 
given  in  Section  C.  2.  Figures  IV-5  through  IV-8  show  the  energy  required  and 
the  performance  factor  ( ratio  of  solar  array  power  to  load  power)  as  a function 
of  dark-to-daylight  load  ratio. 
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CONFIGURATION  TYPE  I 


CONFIGURATION  TYPE  2 


Figure  IV-37.  Electrical  power  subsystem  configurations 
Type  1 and  Type  2. 


Using  the  values  denoted  in  Table  IV- 19,  equations  for  Type  1 
[equations  ( 1) , ( 2)  , ( 3)  , ( 5) , and  ( 8)  (Section  3.2)]  are  applicable  to  the 
Type  2 configuration.  Because  of  the  series  preregulator  the  equations  for 
required  solar  array  power  is  slightly  different  from  equations  (6)  or  ( 7)  for 
the  reference  Type  1 . The  required  solar  array  power  for  the  Type  2 system 
may  be  determined  from  the  following  equation: 
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TABLE  IV-i 9.  PARAMETERS  AND  VALUES  FOR 
TYPE  1 AND  TYPE  2 SYSTEMS 


PARAMETER 


SYMBOL 


VALUES  USED 


TYPE  1 


TYPE  2 


SOLAR  ARRAY  TRANSMISSION 
EFFICIENCY 


0.98 


0.98 


CHARGER  EFFICIENCY 


0.95 


0.95 


BATTERY  EFFICIENCY  (ENERGY 
OUT  / ENERGY  IN) 


0.80 


0.80 


BATTERY  TO  REGULATOR  EFFICIENCY 


0.98 


0.98 


REGULATOR  EFFICIENCY 


0.91 


0.95 


DISTRIBUTIONS  EFFICIENCY 


0.95 


PRE-REGULATOR  EFFICIENCY 


0.98 


ORBITAL  AVERAGE  LOAD 
POWER  - WATTS 


1500 


1500 


DARK  LOAD  POWER  - WATTS 


Ld 


LIGHT  LOAD  POWER  - WATTS 


DARK  TIME -MINUTES 


35.5 


35.5 


LIGHT  TIME -MINUTES 


61.4 


61.4 


DARK  TO  DAYLIGHT  LOAD  RATIO 


SOLAR  ARRAY  POWER  - WATTS 


BATTERY  ENERGY  STORAGE 
REQUIRED  FOR  td 
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Type  2 system  performance  is  also  given  as  a function  of  dark-to -daylight  load 
ratio.  Figures  IV-38  and  IV-39  illustrate  the  energy  requirement  and  perform- 
ance factor  variation  for  the  Type  2 system,  respectively,  as  a function  of  the 
load  ratio. 


The  energy  requirements  for  Type  1 were  slightly  higher  than  for 
Type  2 but  the  performance  factor  was  somewhat  better.  The  preregulator 
efficiency  penalizes  the  Type  2 configuration.  Other  variations  considered 
where  the  preregulator  handles  both  the  charger  and  output  loads  gave  much 
poorer  performance.  The  Type  2 approach  has  additional  disadvantages  not 
obvious  from  the  block  diagram  shown.  To  gain  efficiency  in  power  condition- 
ing, nonisolated,  stepdown  converters  are  used  in  the  regulator,  preregulator, 
and  charger.  This  incurs  higher  array  voltages,  higher  stress  on  input 
components,  and  lower  isolation  protection.  For  an  output  equivalent  to  Type  i, 
the  battery  reliability  and  charge  control  is  penalized  by  the  requirement  for  a 
greater  number  of  series  cells  per  battery. 

Two  shunt-regulator  schemes,  designated  as  Type  3 and  Type  4 
systems,  were  also  analyzed.  These  are  shown  in  Figure  IV-40.  The  design 
parameters  assigned  to  the  Types  3 and  4 systems  are  given  in  Table  IV- 20. 


For  the  shunt-regulated  systems,  the  performance  is  very  dependent 
on  the  degree  of  regulation,  the  energy  storage  subsystem  configuration,  and  the 
environmental  and  operational  ranges  expected.  For  the  same  design  condi- 
tions used  for  Types  1 and  2,  equivalent  energy  storage  and  input  power  require- 
ments were  determined  for  the  Types  3 and  4 appraoches.  Solar  power 
requirements  in  these  cases  are  those  from  the  combined  array  and  shunt. 
Additional  considerations  were  given  to  shunt  power  dissipation  and  to  param- 
eters that  affect  the  array  size.  Since  the  shunt  concept  is  sensitive  to 
regulation  specifications,  the  effect  of  varying  the  unregulated-to-regulated 
load  ratio  was  evaluated  for  the  Type  3 configuration.  Type  3 was  used  for 
this  analysis  because  it  seems  that  it  would  benefit  most  from  broader  regu- 
lation tolerances. 

To  the  extent  possible,  the  same  relationships  and  symbols  used 
previously  were  maintained,  but  equations  differ  because  of  the  connection 
differences.  As  may  be  noted  from  Table  IV- 20,  additional  parameters  are 
needed  to  distinguish  between  regulated  and  unregulated  loads  and  the  factor 
Z,  representing  the  ratio  of  unregulated  load  to  regulated  load,  is  introduced 
as  a variable  for  evaluating  how  regulation  requirements  affect  the  system . 

To  avoid  over  complicating  the  analysis,  Z is  assumed  to  be  the  same  for 
daylight  and  dark  periods  as  given  in  equation  ( 27) : 
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PERFORMANCE  FACTOR,  P /P,  ENERGY  STORAGE  REQUIREMENTS,  ED  (watt-hr) 


0 0.5  1.0  1.5  2.0  2.5  3.0 


DARK  TO  DAYLIGHT  LOAD  RATIO 


Figure  IV-38.  Energy  storage  versus  dark-to-daylight 
load  ratio  for  Type  2 system. 


0 0.5  1.0  1.5  2.0  2.5  3.0 

DARK  TO  DAYLIGHT  LOAD  RATIO 

Figure  IV-39.  Performance  factor  versus  dark-to-daylight 
load  ratio  for  Type  2 system. 
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TABLE  IV-20.  PARAMETERS  AND  VALUES  FOR 
TYPE  3 AND  TYPE  4 SYSTEMS 


PARAMETER 


SOLAR  ARRAY  EFFICIENCY 


CHARGER  EFFICIENCY 


BATTERY  EFFICIENCY 


BATTERY  TO  REGULATOR  EFFICIENCY 


REGULATOR  EFFICIENCY 


DISTRIBUTION  EFFICIENCY 


DARK  TIME -MINUTES 


LIGHT  TIME -MINUTES 


DARK  TO  DAYLIGHT  LOAD  RATIO 
UNREGULATED  TO  REGULATED  LOAD  RATIO 


POWER  REQUIRED  FROM  SOLAR  ARRAY 
AFTER  SHUNT 

ORBITAL  AVERAGE  LOAD  - WATTS 
REGULATED  DARK  LOAD  - WATTS 
UNREGULATED  DARK  LOAD  - WATTS 


REGULATED  LIGHT  LOAD  - WATTS 


UNREGULATED  LIGHT  LOAD  - WATTS 


BATTERY  ENERGY  STORAGE  REQUIRED  FOR  tj 


DARK  LOAD  POWER 


LIGHT  LOAD  POWER 


ARRAY  POWER  TEMPERATURE  COEFFICIENT 


REFERENCE  TEMPERATURE 

POWER  AT  REFERENCE  TEMPERATURE 

AVERAGE  ARRAY  DAYTIME  TEMPERATURE 

MAXIMUM  TEMPERATURE 

CONSTANT  OF  PROPORTIONALITY 

SIZE  OF  ARRAY 


SIZE  OF  ARRAY  FOR  PEAK  POWER  TRACKING 
SYSTEM 


SIZE  OF  ARRAY  FOR  A SHUNT  REGULATED 
SYSTEM 


SymbOL 
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The  energy  required  during  occultation  is  determined  by  either  of  the  following 
equations: 


E 


D 


Vd 


tdP  RD  / 1 ' 

I + z 
W \^R 


(29) 


JPL'd 

t + t 
s d 

1 . v 

Vd 

(1  + Z)  t + J (1  + Z)  t, 
s d 

— + z 
. ^ 

(30) 


The  power  required  from  the  solar  array-shunt  combination  is  obtainable  from 
several  equations,  one  of  which  is 


, pl(*+”r  z) 

AS  Wt 


t + t 
s d 


(1  + Z)  t + J (1  + Z)  t. 

s d 


+ 


E. 


D 


t D C S 


(31) 


The  relative  array  sizes  for  a shunt-regulated  and  peak  tracing 
system  need  to  be  determined  in  order  to  evaluate  performance  factors . 

The  maximum  solar  array  power  output  change  with  temperature 
can  be  closely  approximated  by  a linear  function  as  follows: 


‘-kP  (T-Ti) 


(32) 


Systems  with  peak  power  tracking  can  use  maximum  solar  array 
power  at  all  times.  From  equation  (32)  it  can  be  shown  that  the  maximum 
average  power  available  in  the  daytime  is  simply  the  solar  array  power  at  the 
average  daytime  temperature . The  array  is  sized  for  end-of-life  conditions 
and  the  combination  of  daylight  time  and  corresponding  average  temperature 
that  gives  the  largest  array.  On  the  LST,  as  with  most  systems,  this  is  the 
maximum  dark-time  condition.  The  peak  power  tracking  systems  can  deliver 
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power  in  excess  of  their  worst  case,  end-of-life  rating.  Excess  power  would 
be  available  early  in  the  mission  when  the  array  is  not  degraded  and  whenever 
the  average  daytime  temperature  is  lower  than  the  design  value. 

For  most  shunt-regulated  systems,  the  array  is  designed  to  supply 
the  required  power  at  maximum  temperature  during  the  worst-case  orbit.  This 
requires  the  array  voltage  at  maximum  power  and  maximum  temperature  to  be 
at  least  the  minimum  required  by  the  load.  The  shunt  operates  so  that  the 
shunt  current  plus  the  current  drawn  by  the  charger  and  the  loads  will  keep  the 
array  at  an  essentially  constant  voltage.  Under  light  load  conditions,  the  shunt 
must  dissipate  a power  equal  to  the  array  output  voltage  times  the  array  current 
less  that  drawn  by  any  loads.  Since  the  LST  is  to  be  highly  controllable  from 
the  ground,  the  large  load  swings  expected  will  result  in  high  shunt  dissipations 
which  detract  from  the  system  reliability. 

Using  the  power  temperature  relationship  from  equation  ( 32)  for  a 
fixed  power  input,  the  ratio  of  the  array  size  for  a shunt  system  to  the  array 
size  for  a peak  power  tracking  system  can  be  determined. 

The  size  of  an  array  is  proportional  to  the  power  output  at  tempera- 
ture T.  Let  K be  the  constant  of  proportionality  so  that 


A - K P.  . (33) 

For  the  peak  power  tracking  systems  solving  equation  ( 32)  for  P with 
^ ’ and  substituting  in  equation  (33) , the  size  (A  ) of  the  peak  power 

tracking  system  array  is 


A 

P 


(34) 


The  size,  A^  , of  the  shunt-regulated  power  system  array  is  obtained  by 
setting  T = Tm.  Therefore, 


A 

s 


= K 


(35) 
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For  the  same  P and  K,  the  ratio  of  the  array  sizes  are 


A i - k (t  - T.  ) 
s = P \ a 1/ 

A 1 - k (T  -T.) 
P P m ij 


(36) 


This  size  ratio  only  assures  that  both  arrays  can  supply  the  same  load  power 
at  the  end-of-life,  worst-case  condition.  The  peak  power  tracking  systems 
can  supply  substantially  more  power  early  in  life  or  when  the  temperature  is 
low.  The  shunt-regulated  system  cannot  do  this  because  of  the  fixed  array 
voltage.  It  can  supply  a limited  amount  of  additional  power  in  early  life  due 
to  the  higher  current  available  at  the  fixed  array  voltage . 

The  equations  for  the  Type  4 configurations  are  similar  to  the 
foregoing  equations  except  that  the  factor  Z was  not  used.  Curves  illustrating 
the  performance  of  the  Types  3 and  4 systems  are  plotted  on  the  same  scale 
as  used  for  Types  1 and  2,  for  comparison  purposes.  The  energy  storage 
requirement  determined  by  equation  ( 30)  is  shown  for  Type  3 as  a function  of 
the  dark-to-daylight  load  ratio  in  Figure  IV-41  for  the  two  extreme  values  of 
Z.  As  indicated,  the  unregulated-to-regulated  load  ratio  has  a minor  effect 
on  energy  storage.  Comparing  this  figure  with  Figure  IV-6  shows  that  energy 
requirements  for  Types  3 and  1 are  equivalent  for  Z = 0.  The  Type  3 
improvement  with  Z = °°  is  almost  negligible. 

The  input  power  factor  (ratio  P /V  ) for  the  Type  3 configuration 

clS  Xj 

is  plotted  in  Figure  IV-42  for  three  values  of  Z . Here  the  advantages  of  high 
unregulated  loads  are  noticeable  but  still  small.  The  1 percent  difference 
between  Type  3 at  Z = 0 and  Type  1 could  easily  be  taken  by  the  shunt,  and 
regulation  is  sacrificed.  Even  with  Z = °°,  the  difference  is  less  than  3 
percent.  This  difference  needs  to  be  near  10  percent  for  Type  3 to  be  a good 
competitor,  since  voltage  is  clamped,  and  utilizing  the  array's  peak  power 
when  cold  is  not  possible.  The  array  design  is  much  more  sensitive  to  the 
accuracy  of  thermal  predictions . 

Similar  energy  requirements  and  input  power  factor  curves  are 
given  for  the  Type  4 system  in  Figures  IV-43  and  IV-44.  Although  energy 
reduction  compared  to  Figure  IV-6  is  small,  the  solar  power  reduction  of 
approximately  8 percent  comparing  Figures  IV-44  and  IV- 8,  is  significant. 
Therefore , Type  4 should  be  a candidate  for  further  study  and  evaluation . 
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DARK  TO  DAYLIGHT  LOAD  RATIO 


Figure  IV-43.  Energy  storage  required  versus  dark-to-daylight 
load  ratio  for  Type  4 system. 
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Figure  IV  44.  Input  power  factor  versus  dark-to-daylight 
load  ratio  for  Type  4 system. 
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Although  it  has  some  of  the  disadvantages  noted  for  Type  3,  Type  4 is  capable 
of  maintaining  close  regulation.  The  shunt  and  the  up-regulator  from  the 
battery  together  can  be  made  to  control  the  bus  voltage  throughout  the  orbit. 
Also  the  battery  design  and  number  of  series  cells  are  less  constrained  than 
by  Type  3. 


From  equation  ( 36) , since  the  average  temperature  is  always  less 
than  the  maximum  temperature  ( T^  < T^) , the  size  of  a shunt-regulated  array 

(A  ) is  always  larger  than  the  size  of  peak  power  tracking  system  array  (A  ) 
s p 

for  the  same  power  requirement.  This  must  be  taken  into  account  in  comparing 

performance  factors.  The  unregulated  array  power  is  given  by 


P = P 
sar  as 


(37) 


Thus  the  performance  factor,  unregulated  array  power  divided  by  available 
load  power,  is 


M = 


(38) 


This  equation  allows  comparison  of  these  two  types  of  systems  on  an  equal 
basis.  Multiplying  the  input  power  factors  given  in  Figures  IV-42  and  IV-44 
by  the  ratio  A^/A^  results  in  a performance  factor  equivalent  to  those  plotted 

in  Figures  IV- 8 and  IV-39. 


On  the  basis  of  the  above  cursory  analyses  the  Type  1 system 
appears  to  be  the  best  candidate  for  LST  when  protection,  design  isolation, 
array  utilization  and  other  factors  are  considered.  However,  the  Type  4 
system  performance  indicated  makes  it  worthy  of  further  investigation. 

2.  Alternate  Solar  Arrays . The  reference  solar  array  configuration 
was  selected  early  and  had  the  benefit  of  more  indepth  analysis  (e.g. , struc- 
tural, thermal,  and  dynamic)  than  the  alternates  studied.  There  were  several 
reasons  for  considering  alternate  arrays:  ( 1)  The  configuration  and  alternate 
launch  vehicle  constraints  caused  the  reference  design  to  be  complex  and 
massive,  (2)  retraction  was  required,  and  (3)  the  reference  array  is  not  a 
good  candidate  for  in-space  maintenance  and  replacement. 
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Several  solar  array  designs  developed  under  previous  R&D  contracts 
were  evaluated  for  adaptation  to  the  LST.  There  were  several  rollout,  flexible 
panel  types  to  consider.  These  had  the  same  basic  concept  but  differed  in 
mechanization  and  detail.  Semirigid,  folding  arrays  were  considered. 

Designs  for  other  programs  using  large  arrays,  e.g. , Skylab, 

HEAO,  ATM,  OAO,  SCS  (Air  Force) , were  also  considered.  These,  however, 
were  more  conventional  and  similar  to  the  reference  design. 

Of  their  own  volition,  several  companies  supplied  design  concepts 
derived  from  their  recent  studies  related  to  LST.  Some  estimates  based  on 
previous  programs  were  also  offered. 

A general  appraisal  of  the  various  types  of  solar  arrays  is  given  in 
Table  IV- 21.  The  advantages  and  disadvantages  compared  reflect  the  rationale 
used  to  select  the  reference  array  design  for  the  study. 

In  general,  the  same  cell  and  cover  slide  characteristics  were  used 
for  evaluation  of  alternates  because  these  were  considered  good  selections  for 
the  mission.  Alternates  not  using  these  were  adjusted  for  equivalent  perform- 
ance. Some  consideration  was  given  to  thermal  differences  but  these  were  not 
thoroughly  analyzed.  Time  did  not  permit  reconfiguration  studies  of  the  SSM 
to  adapt  alternates  to  dimensional  and  structural  constraints . 

a.  Alternate  No.  1 Solar  Array.  Aside  from  the  conventional 
rigid  arrays,  the  first  alternate  considered  was  the  flexible,  rollup  solar  array 
(FRUSA)  developed  for  the  Air  Force.  This  is  the  only  one  of  the  flexible 
types  that  has  been  flight  tested.  Several  variations  of  this  design  were 
suggested  by  others.  The  design  goals  for  the  FRUSA  development  were  to 
deliver  1500  watts  of  raw  power  with  a mass-to-power  ratio  of  15. 88  kg/kW. 

The  flight  tested  FRUSA  used  0.015  cm  coverslides  and 
2 x 2 x 0.020  cm  N/P  solar  cells  left  over  from  another  project.  The  cells 
were  mounted  on  a substrate  composed  of  0.0025  cm  Kapton  film  and  0.0025 
cm  fiberglass.  The  panel  dimensions  were  487.7  x 167.6  cm,  giving  16.35  m2 
area  for  the  two  panels. 

In  general,  the  test  results  were  good.  Many  deployment- 
retraction  operations  were  performed.  Mechanical  and  dynamic  characteristics 
measured  indicated  good  correlation  with  design  predictions . The  orientation 
system  malfunction  and  minor  instrument  deficiencies  noted  did  not  affect 
usefulness  of  array  tests  for  this  flight.  Although  the  electrical  performance 
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TABLE  IV- 21 . GENERAL  APPRAISAL  OF  SOLAR  ARRAY  TYPES 
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of  the  array  was  considered  adequate,  its  power  appeared  low  and  the  degrada- 
tion rate  of  18  percent  for  the  first  year  was  quite  high  for  the  given  orbit. 

Such  rates  were  near  predictions  in  the  report  and  the  manufacturer  attributes 
this  mostly  to  the  narrow  cover  slides  used. 

The  FRUSA  configuration  is  shown  in  Figure  IV-45.  The  two 
flexible  panels,  on  which  cells  are  mounted,  rollup  on  a single  drum.  A soft, 
cushion  panel  rolls  between  the  cells  and  panels  to  protect  the  cells  (and 
cover  slides)  from  breakage  or  snagging.  When  the  panels  are  deployed,  the 
cushion  panel  rolls  up  on  the  cushion  takeup  roller  that  is  gear  synchronized 
with  the  drum.  The  extendible  booms  are  of  the  "Bistem"  type.  When 
retracted,  they  are  stored  in  two  small  cylindrical  housings. 

The  spreader  bars  and  boom  compensators  keep  tension  on  the 
panels  to  maintain  alignment  during  roll  in/out  and  to  keep  the  natural  frequency 
from  being  excessively  low. 


SPREADER  BAR 


Figure  IV-45.  Solar  array  alternate  no . i. 
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The  drum/actuator/panel  assembly  is  mounted  on  a rigid, 
cylindrical  boom  as  shown.  The  orientation  mechanism  and  controls  rotate 
the  rigid  boom  for  array  orientation.  The  orientation  mechanism  was  designed 
to  drive  two  array  assemblies,  although  only  one  assembly  was  used  in  the 
FRUSA  flight  test.  This  mechanism  was  specifically  adapted  to  the  flight  test 
vehicle  constraints  for  mounting  on  the  forward  end  of  the  spacecraft. 

Automated  processes  were  developed  to  interconnect  and 
assemble  the  solar  cell  coverslide  modules.  The  cell  assemblies  are  attached 
to  the  panels  with  adhesives.  Flat  conductors  collect  and  deliver  power  to  slip 
ring  assemblies  which  transfer  power  across  the  rotary  joints  for  transmission 
into  the  spacecraft. 

Using  the  existing  design  dimensions  and  mounting  provisions, 
this  array  would  not  fit  within  the  shroud  envelope  on  the  reference  SSM. 

Figure  IV -46  shows  the  rollup  drum  assembly,  mechanisms,  and  an  end 
view  of  the  stowed  array.  The  34.3  cm  height  of  this  assembly  violated  the 
shroud  envelope.  Changes  were  made  to  mountings,  etc. , to  reduce  the 
height,  but  these  were  not  enough  without  modification  to  the  basic  array 
mechanisms . Information  from  the  manufacturer  indicated  that  variations 
were  possible,  but  concepts  adapted  to  the  LST  were  not  furnished.  The  fit 
was  close  enough,  however,  to  consider  it  a feasible  candidate  worthy  of 
further  study.  Study  of  shroud  details,  SSM  modification,  or  modification  to 
the  array  could  make  stowage  practical  for  the  LST. 

Additional  investigations  considered  modifications  needed  to 
make  the  electrical  performance  equivalent  to  the  reference  array  design.  Two 
assemblies  with  approximately  25  percent  more  area  would  be  needed  for  LST . 
Since  changes  in  width  were  considered  most  significant  and  expensive,  the 
length  of  the  booms  and  panels  were  extended  to  588.6  cm.  The  manufacturer 
indicated  that  a maximum  of  700  cm  could  be  accommodated.  Use  of  thicker 
cells  and  covers,  considered  necessary  for  the  5 year  mission  and  economy, 
imposed  thicker  panels  and  an  increase  in  drum  diameter;  neither  is  desirable. 
Analysis  indicated  that  the  panels  should  be  about  0.025  cm  thick  and  that 
larger  boom  diameters  would  be  needed  for  the  increased  mass  and  length. 

The  manufacturer  did  not  agree  that  larger  booms  were  meeded  but  indicated 
that  larger  booms  and  drive  mechanisms  were  being  designed. 

Panel  coatings  or  fiberglass  panels  were  considered  possible 
means  of  improving  thermal  characteristics  for  better  cell  efficiency  and 
lower  thermal  cycle  stresses. 
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Figure  IV-46.  Mounting  for  alternate  no.  i array. 


The  characteristics  of  the  "modified”  FRUSA  designated  as 
Alternate  No.  1 Solar  Array,  derived  on  a preliminary  design  basis,  are  shown 
in  Table  IV- 22. 


TABLE  IV- 22.  ALTERNATE  NO.  1 SOLAR  ARRAY 
CHARACTERISTICS 


Stored  Dimensions: 

Height 

34. 3 cm 

Length 

45.7  cm 

Width 

194.  9 cm 

Unrolled  Length 

1 223 . 0 cm 

Panel  Size 

165.0  x 588.6  cm 
(9.77  m2) 

Total  Array  Area 

39.02  m2 

Total  Mass  of  Array  and  Orientation 
Mechanism 

158.8  kg 

b.  Alternate  No.  2 Solar  Array.  Figure  IV-47  shows  one  wing 
on  the  second  alternate,  also  a flexible,  rollup  type  array  mounted  on  the  SSM. 
This  alternate  uses  a central  "Bi-stem"  boom  for  extending  and  retracting 
two  panels.  The  boom  diameter  is  3.5  cm,  larger  and  thicker  than  the 
FRUSA,  and  is  commensurate  with  the  length  and  panel  mass.  This  design 
simplifies  the  boom  and  actuator  complexity  since  only  one  boom  instead  of 
four  are  used.  Two  drums  instead  of  one  is  the  penalty  for  the  boom 
simplification . 


The  array  storage  drums,  the  interleaf  storage  drums,  and 
extension  actuator  are  mounted  on  a cradle  which  can  rotate  when  released. 
The  orientation  mechanism  located  inside  the  SSM  provides  rotational  drive 
to  control  the  orientation  of  the  solar  cell  panels. 

Another  advantage  of  this  concept  is  that  it  does  not  require 
deployment  of  an  additional  rigid  boom  to  permit  panel  extension  and  wing 
orientation.  Also,  it  does  not  have  to  depend  on  the  shroud  mounting  ring  for 
bearing  support.  These  aspects  simplify  deployment,  retraction,  and  main- 
tenance of  the  array. 
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Figure  I V-47 . Solar  array  alternate  no . 


Like  alternate  no.  i,  however,  its  stowage  height  was  too 
large  to  stay  within  the  shroud  envelope.  The  interfence  was  7.1  cm;  this  is 
also  close  enough  to  consider  feasible  and  worthy  of  further  study . 

As  shown,  alternate  no.  2 would  provide  an  area  of  37. 72  m2 
and  its  power  performance  would  be  equivalent  to  the  reference  array.  Table 
IV-23  gives  a mass  summary  for  the  second  alternate. 

TABLE  IV-23.  ALTERNATE  NO.  2 SOLAR  ARRAY  MASS 


Component 

System  Mass  (kg) 

Flexible  Blanket  ( 2) 

80.76 

Extension  Mechanism  ( 2) 

7. 26 

Extension  Boom  ( 2) 

7.26 

Tiedown/Containment  ( 2) 

39.02 

Solar  Array  Drive  ( 2) 

11.79 

Drive  Electronics  ( 1) 

1.81 

Total  Mass 

147.90 

c.  Alternate  No.  3 Solar  Array.  The  third  alternate  may  be 
considered  a semirigid-type  array  because  the  solar  cells  are  mounted  on  a 
flexible  substrate  and  are  attached  to  a rigid  frame.  Asa  wing  assembly, 
this  alternate  is  quite  rigid. 

Alternate  array  no.  3 utilizes  a solar  reflector/solar  cell 
array  to  reduce  the  active  array  cell  area.  The  reflector  is  integrated  with 
the  large  triangular  backbone  structure  that  provides  primary  support  for  the 
solar  cell  panels.  Figure  IV-48  shows  an  outline  drawing  of  this  concept. 

Each  wing  consists  of  six  segments.  The  innermost  is  a transition  section 
from  the  drive  mechanisms  to  the  triangular  backbone  which  runs  down  the 
other  five  solar  cell  modules.  The  solar  cell  modules  are  made  of  solar  cells 
mounted  onto  a flexible  substrate  which,  in  turn,  is  mounted  onto  a low-mass 
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isogrid  rigid  structure  (a  hollow  structure  like  the  floors  of  Skylab) . The 
reflector  /'concentrators  reportedly  reduce  the  solar  cell  area  required  by 
about  33  percent,  thereby  reducing  the  solar  panel  costs.  The  reflector/ 
concentrator  costs  and  the  lightweight  structure  costs  would  reportedly  be  as 
low  as  for  the  conventional  honeycomb  material.  Resulting  solar  cell  tempera- 
ture increases  have  been  considered  in  estimating  the  projected  solar  ceil  area 
reduction.  R&D  results  have  projected  that  the  electroformed  isogrid  struc- 
tures could  be  made  at  a low  cost  with  the  proper  tooling. 

It  may  be  noted  that  stowage,  deployment,  and  retraction 
concepts  are  similar  to  those  of  the  reference  array.  When  deployed,  it  is  a 
more  rigid  structure.  Also,  this  alternate  meets  the  Titan  shroud  clearance 
constraints.  The  array  area  of  42.74  m2  allowed  for  more  degradation  than 
used  for  the  reference  and  also  more  area  was  needed  to  keep  the  cell  tempera- 
ture down  because  of  the  increased  (reflected)  illumination. 

A mass  estimate  for  alternate  no.  3 array  is  given  in  Table 

IV- 24. 


TABLE  IV- 24.  ALTERNATE  NO.  3 SOLAR  ARRAY 
MASS  ESTIMATE 


Component 

Mass  (kg) 

Solar  Cells,  Coverslides,  and  Adhesives 

40 

Insogrid  Substrates 

410 

Nylon  Reflector 

5 

Hardware,  Hinges 

130 

Total  Mass 

585 

d.  Alternate  No.  4 Array.  The  variation  of  the  reference  design 
array  using  substrate  loaded  with  a phase  change  material  was  considered  as 
alternate  no.  4.  It  is  discussed  in  Section  C. 
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e.  Assessment  of  Alternates.  Other  alternates  are  under  con- 
sideration but  have  not  been  evaluated.  All  of  those  shown  offer  advantages 
over  the  reference  design  and  are  worthy  of  more  consideration.  However, 
the  better  retraction  and  deployment  design,  the  replaceability  features,  and 
the  weight  of  the  flexible,  rollout  types  make  them  most  attractive  for  the  LST 
mission.  An  extensive  investigation  of  cost  is  required  to  accurately  deter- 
mine whether  or  not  any  of  the  alternates  offer  a cost  advantage  to  the  program. 

3.  Battery  Trades.  Numerous  battery  tradeoffs  were  considered 
during  the  study  in  an  attempt  to  optimize  performance  and  to  select  optimum 
cell  size  and  battery  assembly  configurations  for  the  LST  mission.  Data  on 
typical  assemblies  for  other  projects  and  on  cell  models  available  from  four 
manufactures  were  used  in  these  trade  studies.  The  same  LST  load  and 
environmental  conditions  used  for  the  reference  battery  were  used  for  the 
alternates  considered. 

Rectangular  and  cylindrical  cells  were  considered.  Most  of  the 
cylindrical  cells  produced  are  for  small  commercial  applications  such  as 
radios,  razors,  flashlights,  toys,  etc.  Preliminary  designs  were  made  to 
optimize  assemblies  for  the  application  and  for  the  variations  in  cell  ratings 
and  configurations  considered.  Energy,  voltage,  mass,  and  thermal  charac- 
teristics of  the  assemblies  were  evaluated.  In  turn,  these  characteristics 
were  also  traded  for  their  effects  on  system  complexity,  redundancy,  controls 
needed,  and  subsystem  mass.  It  was  found  that  assembly  characteristics  are 
only  slightly  affected  by  variations  in  cell  dimensions  or  manufacturers  once 
the  rating,  style  or  type  of  cell  construction,  and  the  number  of  cells  have 
been  selected.  A few  examples  of  battery  assembly  characteristics  are  given 
in  Table  IV- 25.  These  are  typical  of  assemblies  of  the  given  cell  rating, 
depending  on  passive  thermal  control.  It  may  be  noted  that  for  the  rectangular 
cells,  the  energy  to  mass  ratio  increased  very  slightly  with  rating  size.  The 
high  performance  of  the  cylindrical  cell  assembly  results  from  the  high 
pressure,  low  mass  construction  of  the  cells. 

Three  of  the  above  battery  assemblies  are  compared  on  a sub- 
system basis  in  Table  IV-26.  For  the  LST  load  and  orbit  requirements,  the 
practical  limits  on  cells  per  assembly,  number  of  assemblies,  and  depth-of- 
discharge  are  shown.  The  mass  of  the  battery  assemblies,  chargers,  and 
total  subsystem  are  compared  at  a DOD  of  17.5  percent  for  the  three 
configurations . 
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TABLE  IV-26.  SUBSYSTEM  COMPARISONS  OF  BATTERY  ASSEMBLIES 
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Battery  characteristics  were  evaluated  for  optimum  operating 
conditions  and  for  optimum  use  of  the  battery  mass  for  long  term  mission 
intervals.  The  cycle  life  rating,  DOD  temperature,  specific  mass  of  the 
battery  assemblies,  and  LST  energy  requirements  determined  the  character- 
istics compared.  Curves  for  cycle  life  as  a function  of  temperature  and  DOD, 
as  discussed  in  Section  C and  in  Chapter  VIII,  served  as  a basis  for  deter- 
mining performance  as  a function  of  DOD.  Figure  IV-49  is  an  example  of  the 
performance  curves  obtained  for  the  31-A-h  rectangular  cell  assembly  shown 
in  foregoing  comparisons . 

For  the  design  temperature,  the  cycle  life  limit  and  DOD  were 
related  to  the  total  energy  that  an  assembly  would  deliver . The  energy  required 
per  orbit  determined  the  battery  mass  as  a function  of  DOD. 
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Figure  IV-49.  Battery  performance  comparisons,  rectangular 

cell  assemblies. 
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The  total  energy  the  battery  would  deliver  during  its  life  and  the 
battery  mass  may  be  related  for  each  DOD  selected.  Thus,  the  curve  for 
total  energy-to-mass  ratio  is  determined.  As  indicated  in  Figure  IV-49,  the 
DOD  should  be  about  21  percent  for  optimum  use  of  the  example  battery. 
Optimistic  cycle  life  curves  were  used  for  this  example.  On  this  basis,  the 
optimum  battery  design  should  be  for  about  a 2.5  year  life. 
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CHAPTER  V.  COMMUNICATIONS  AND  DATA  HANDLING 


The  communications  and  data  handling  (C&DH)  system  design  guide- 
lines were  derived  from  the  collective  data  and  command  requirements  of  the 
optical  telescope  assembly  (OTA),  the  scientific  instrument  package  (SIP), 
and  the  support  systems  module  (SSM).  The  philosophy  used  in  configuring 
the  reference  design  for  early  missions  was  to  obtain  the  maximum  worth- 
while scientific  data  within  the  constraints  of  existing  technology  and  ground 
facilities  with  no  further  investment  in  additional  special  data  reduction  equip- 
ment and/or  ground  facility  modification.  The  growth  potential  to  take  advan- 
tage of  possible  increases  in  ground  station  capability  and  the  availability  of 
the  Tracking  and  Data  Relay  Satellite  System  (TDRSS)  for  later  Shuttle- 
launched  LST  missions  was  considered. 


A.  Requirements  and  Assumptions 

In  addition  to  the  general  requirements  specified  for  the  overall  LST 
mission,  the  following  specific  requirements  and  assumptions  were  imposed 
on  the  Communications  and  Data  Management  function. 

1 . Communications  Facilities 


a.  Ground  Network.  The  ground  network  chosen  for  the  LST 
reference  design  is  the  Spacecraft  Tracking  and  Data  Network  (STDN).  These 
stations  include  the  Canary  Islands  (CYI) , Ascension  Island  (ACN)  , 

Orroral  Valley  (ORRX)  as  a proposed  site  change  for  Carnarvon  (CRO), 

Guam  (GWM),  Hawaii  (HAW),  and  Goldstone  (GDSX).  For  a 611  km  (330 

n.  mi. ) circular  orbit  with  an  inclination  of  28.  5 degrees,  this  network  can 
achieve  an  average  contact  time  of  26  minutes  per  revolution.  The  average 
contact  time  per  revolution  per  station  is  11.09  minutes.  The  calculations 
were  based  on  existing  STDN  capabilities  operating  at  2200  to  2300  MHz. 

Downlink  capabilities  at  each  station  will  permit  a scientific 
data  rate  of  1 megabit/sec.  The  LST  status,  diagnostic,  and  command  veri- 
fication data  will  be  transmitted  down  at  a rate  of  51.2  kbs.  These  rates  have 
proved  adequate  to  meet  mission  requirements. 

b.  Tracking  and  Data  Relay  Satellite  Systems.  Data  relay  satel- 
lites would  not  be  available  for  early  launches  but  might  be  considered  later. 
VHF  and  Ku-band  data  relays  may  become  available.  The  Ku-band  relay  is 


projected  as  a 14.4  to  15.35  GHz  system  uMng  a 2.4  m ( 8 ft)  parabolic 
antenna  on  the  LST.  A system  noise  temperature  of  1200°K',  a video  bandwidth 
suitable  for  color  television,  and  an  RF  bandwidth  of  200  MHz  are  projected. 

2.  Data  Quality.  The  bit  error  rate  (BER)  for  data  and  commands 
transmitted  to  the  equipment  onboard  the  LST  must  be  less  than  one  part  in 

109  (the  probability  of  a bit  error,  , is  less  than  10-9).  For 'data  trans- 
mitted to  the  ground,  the  probability  of  a bit  error  will  be  less  than  10" 5 for 
differentially  coherent  phase  shift  keyed  ( PSK)  operation. 

3.  Command  Capability.  A capacity  for  5 hours  of  operations  without 
contact  for  receiving  commands  will  be  provided.  Command  storage  for  4000 
28-bit  words  is  provided.  Command  messages  are  received  at  a rate  of  200 
bits/sec. 


4.  Experimental  Data.  Experimental  data  will  be  sent  directly  from 
the  SIP  to  ground  through  the  communication  system  at  a maximum  rate  of  1 
megabit/sec.  A camera  tube  resolution  of  20  to  30  cycles/mm1  and  a 50  by  50 
mm  target  is  assumed  as  the  design  reference  because  this  is  thought  to  be 
likely  from  projections  of  the  state  of  tube  development  at  the  time  of  flight  of 
the  LST.  However,  a resolution  of  60  cycles/mm  and  a 50  by  50  mm  target 
was  used  to  size  the  C&DH  system  to  provide  for  growth  for  possible  increased 
image  tube  capabilities.  The  number  of  bits  required  for  the  high  resolution 
picture  frame  is  576  megabits  with  8 bits/sample  coding  and  4 samples/cycle 
sampling  rate.  At  least  one  frame  per  orbit  is  required  from  the  SIP.  With 
a maximum  downlink  data  rate  of  1 megabit/sec  a 576  megabit  frame  requires 
about  10  minutes  of  contact  time  to  transmit  to  ground.  Comparable  numbers 
for  a tube  resolution  of  20  cycles/mm  would  be  64  megabits/frame  and  would 
take  64  seconds  of  contact  time  to  dump  at  a 1 megabit/ sec  rate. 


B.  Ground  Station  Network  and  Facilities 

The  primary  guidelines  used  in  this  overall  study  were  those  that  would 
satisfy  the  basic  requirement  of  good  scientific  data  being  transmitted  from  the 
spacecraft  to  the  ground.  The  ground  network  in  existence  during  the  LST 
mission  flight  time  is  probably  one  of  the  more  important  constraints. 

1.  The  designation  cycles/mm  is  used  throughout  this  volume  and  is  equiva- 
lent to  the  designation  of  a line  pair/ mm  [ V-l] . 
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The  network  that  will  be  used  as  design  reference  is  STDN  which  is  composed 
of  the  stations  of  the  Manned  Space  Flight  Network  (MSFN)  and  the  old  Space 
Tracking  and  Data  Acquisition  Network  (STADAN)  system.  However,  only 
stations  with  unified  S-band  (USB)  capability  were  selected  for  this  mission. 
The  locations  of  the  stations  comprising  the  STDN  are  indicated  in  Figure  V-i. 
There  is  a possibility  that  this  network  will  be  limited  to  only  15  stations. 

The  stations  that  are  scheduled  ( or  are  being  contemplated)  for  retirement 
are  shown  by  the  triangles  on  the  map.  The  six  stations  were  selected  to 
provide  support  in  the  tracking  of  the  spacecraft,  commanding  the  spacecraft, 
and  for  retrieving  data  from  the  spacecraft  in  near-real  and  real  time . Stored 
data  may  also  be  transmitted  to  these  stations  for  forwarding  to  the  control' 
center . 


Two  criteria  were  used  in  selecting  the  stations.  The  first  was  that 
the  station  had  to  be  visible  to  the  spacecraft  during  its  pass  around  the  earth, 
and  the  second  ground  station  selection  parameter  was  the  equipment  available 
at  the  station. 

1.  Mission  Coverage  Analysis.  Generally,  the  mission  coverage 
requirement  means  that  the  only  stations  with  coverage  within  a band  less 
than  28.  5 degrees  of  latitude  north  and  south  can  be  used.  In  Table  V-l  the 
entire  15  STDN  stations  are  shown  with  their  corresponding  latitudes.  In 
some  instances  the  spacecraft  may  be  visible  from  stations  at  slightly  more 
than  28.  5 degrees  of  latitude  north  or  south,  but  the  time  over  those  stations 
is  greatly  reduced.  To  confirm  the  coverage  obtained  from  available  ground 
stations  with  the  LST  launch  data  programmed  for  1979  from  the  Merritt 
Island  launch  area,  a coverage  analysis  was  based  on  a circular  orbit  at  an 
altitude  of  611  km  (330  n.  mi. ) and  an  inclination  of  28.  5 degrees  (see 
Volume  II,  Mission  Analysis) . 

To  maintain  the  intensive  communications  and  control  links 
between  earth  and  LST  experiments,  the  STDN  provides  six  ground  tracking 
stations  equipped  with  a 9.144  m (30  ft)  diam  antenna.  The  selected  ground 
sites  were  originally  CYI,  ACN,  CRO,  GWM,  HAW,  and  GDSX.  Current 
NASA  studies  have  dictated  a requirement  that  the  tracking  facilities  at  CRO 
be  phased  out  of  the  STDN  in  1974.  Since  the  LST  is  scheduled  to  operate 
initially  in  1979,  a subsequent  simulation  analysis  has  assumed  a possible 
participation  of  ORRX  instead  of  CRO. 
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Figure  V-l.  STDN  station  map 


TABLE  V-l.  STDN  GROUND  STATION  LOCATION 


a 

Station 

System 

Latitude  u 

Longitude  (E) 

Height 

(Above 

Ellipsoid) 

(m) 

Ascension  Island 

9.144  m (30  ft)  USB 

- 7°  57'  17.26" 

345°  40'  22.59" 

527 

Santiago,  Chile 

S-band  Goddard  Range  and 

-33°  09’  02.73" 

289°  20’  03.25” 

Range  Rate  (GRARR)  VHF 

-33°  09'  05.21" 

289°  20’  03.25” 

GRARR  Interferometer 

-33°  08'  57.24" 

289°  19'  56.40" 

720 

Bermuda 

9.144  m (30  ft)  USB 

32°  21'  04.50" 

295°  20’  31.93" 

-43 

FPQ-6  Radar 

32°  20'  52.54" 

295°  20'  47.91” 

-45 

FPS-16  Radar 

32°  20'  53.04" 

295°  20'  47.70" 

-46 

Johannesburg, 
Republic  of  South 
Africa 

Interferometer 

-25°  52'  58.86" 

27°  42’  27.93" 

Not  Available 

Grand  Canary 
Island 

9.144  m (30  ft)  USB 

27°  45'  52.33" 

344°  21'  57.90" 

179 

Goldstone,  Calif. 

25.91  m (85  ft)  USB 

35°  20'  26.74" 

llMBlIliilfli 

921 

9.144  m (30  ft)  USB  Earth 
Resources  Technology 
Satellite  (ERTS) 

35°  20'  29.63" 

243°  07’  40.46” 

946 

Guam 

9.144  m (30  ft)  USB 

13°  18'  38.07" 

144°  44'  12.54" 

114 

Hawaii 

9.144  m (30  ft)  USB 

22°  07' 34.71" 

200°  20'  05.42" 

FPS-16  Radar 

22°  07'  24.61" 

200°  20’  04.00” 

BH 

Honeysuckle  Creek/ 

25.91  m (85  ft)  USB 

-35°  35'  00.58" 

148°  58' 40. 12" 

1143 

Ororral,  Australia 

9.144  m (30  ft)  USBC 

-35°  37'  37. 50" 

148°  57'  10.70" 

941 

Madrid,  Spain 

25.91  m (85  ft)  USB 

40°  27'  17.97” 

355°  49’  53.57" 

763 

Merritt  Island, 

9.144  m (30  ft)  USB  No.  1 

nno  na!  on  <~7 C>t  1 
2jO  OV  I u 

279°  18* 23 ,5l” 

-54 

Fla. 

9.144  m (30  ft)  USB  No.  2 

28°  30'  26.34" 

279°  18*  22.93” 

19 

Quito,  Ecuador 

Interferometer 

-00°  37'  20.62" 

281°  25'  17.94" 

3593 

Rosman,  N.  C. 

S-band  GRARR 

35°  11'  45.05" 

277°  07'  26.23" 

880 

VHF  GRARR 

35°  11' 41. 10" 

277°  07'  26.23" 

880 

Tananarive, 

S-band  GRARR 

-19°  01'  09.33" 

47°  18'  12.56" 

Not  Available 

Malagasy 

VHF  GRARR 

-19°  01'  11.80" 

47°  18'  12.56" 

Not  Available 

Interferometer 

-19°  00'  27.10" 

47°  18'  00.46" 

Not  Available 

FPS-16  Radar 

-19°  00'  06.49" 

47°  18'  53.03" 

Not  Available 

Fairbanks,  Alaska 

S-band  GRARR 

64°  58'  20.89" 

212°  29'  22.41" 

349 

VHF  GRARR 

64°  58'  19.19" 

212°  29'  28.12" 

349 

Interferometer 

64°  58'  38.60" 

212°  28'  40.90" 

292 

a.  System  locations  are  subject  to  minor  changes  as  refinements  in  positional  accuracies  are  made. 

b.  A minus  sign  (-)  indicates  south  latitude. 

c.  Equipment  to  be  moved  from  Carnarvon. 


\) 
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A Tracking  and  Data  Relay  Satellite  ( TDRS)  concept  using  two 
tracking  and  data  relay  satellites  placed  in  geostationary  orbit  to  simulate 
tracking  of  the  LST  spacecraft  over  long  arcs  in  the  circular  orbit  was  also 
analyzed.  The  primary  aim  of  this  hypothetical  concept  is  to  increase  orbital 
and  geographical  coverage  and  to  improve  tracking  accuracy.  With  its  unique 
capability  for  the  continuous  reception  of  data  in  real  time,  the  TDRS 
commands,  tracks,  and  relays  data  from  the  LST  to  fewer  ground  stations. 
Although  it  would  provide  complete  tracking  coverage  for  the  LST,  the  TDRS 
may  have  the  problem  of  accessibility  since  the  scientific  data  generated  on 
the  LST  orbital  mission  would  not  require  continuous  real-time  data  dumping 
or  real-time  ground  control  of  experiment  and  subsystem  operations. 

The  STDN  configuration  was  evaluated  to  satisfy  one  contact  per 
orbit  with  a 5-minute  minimal  contact  and  to  satisfy  the  minimum  data  hours 
that  may  be  specified  in  the  data  handling  requirements . An  evaluation  of 
ground  coverage  statistics  for  the  reference  design  network  is  illustrated  in 
Table  V-2.  Contact  conditions  are  shown  for  a length  of  computer  simulation 
of  70  orbital  revolutions,  which  are  adequate  to  assure  reasonably  stable 
statistics.  In  this  table,  the  conditions  computed  are  externally  constrained 
by  a minimum  5-minute  contact  time  and  elimination  of  the  ground  station  with 
shorter  contact  time  in  the  event  of  station  multicoverage . This  configuration 
could  acquire  an  average  contact  time  of  26  minutes  per  revolution.  An 
average  contact  time  of  11  minutes  per  revolution  is  established  for  each 
STDN  station  whenever  a contact  is  made. 

Table  V-3  shows  a summary  of  cumulative  contact  time  per  24 
hours  for  each  STDN  station,  using  the  antenna  horizon  coverage  limits  as  a 
constraining  factor.  Minimum  zero-minute  contact  time  is  considered.  The 
elimination  requirement  is  not  imposed  on  an  overlapped  station  with  a shorter 
contact  time.  A comparison  of  the  individual  station  coverages  in  terms  of 
minutes  and  seconds  indicates  that,  when  the  overlapping  elimination  con- 
straint applies,  the  ability  to  meet  the  one  contact  per  orbit  requirement 
decreases.  Replacement  of  CRO  by  ORRX  did  produce  a substantial  reduction 
in  the  total  station  cumulative  contact  time  per  24  hours. 

The  mission  analysis  using  the  TDRS  shows  that  each  communica- 
tions satellite  tracked  the  LST  constantly  for  about  an  hour  during  each  revolu- 
tion. Thus,  a 611-km  orbit  gives  an  average  TDRS  network  coverage  of  about 
95  percent  compared  with  26  percent  coverage  for  the  STDN  Configuration. 

The  coverage  statistics  generated  in  the  mission  analysis  indicate 
that  the  STDN  Configuration  which  includes  ORRX  instead  of  to-be -phased-out 
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TABLE  V-2.  STDN  COVERAGE  SUMMARY  FOR  THE  LST  ’ ’ 

[ orbital  count  = 70  revolutions,  altitude  = 611  km  (330  n.  mi.),  inclination  = 28.  5 degrees] 
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CRO  may  be  adequate  for  the  LST  coverage  requirements.  The  TDRS  concept, 
when  developed  and  deployed,  should  be  designed  to  track  a spacecraft  such  as 
the  LST.  (See  Chapter  HI,  Mission  Analysis  in  Volume  II  of  this  report  for 
a more  detailed  discussion  of  station  contact  statistics. ) 

2.  Ground  Station  Equipment.  It  was  decided  that  only  USB  would  be 
used  in  the  overall  mission  operations.  This  assures  compatibility  with 
existing  designs  and  enhances  commonality  between  the  LST  and  the  High 
Energy  Astronomy  Observatory  (HEAO) . Table  V-4  shows  all  the  15  stations 
and  some  of  the  stations  that  are  planned  for  retirement  and  the  equipment 
that  is  presently  available  or  planned  by  the  time  LST  would  require  it.  As 
can  be  seen  the  stations  with  9.144  m (30  ft)  antennas  are  ACN,  Bermuda, 
CRO,  CYI,  the  Engineering  Center  at  Goddard,  GDSX,  GWM,  HAW,  Merritt 
Island,  Corpus  Christi,  and  the  Vanguard  Ship.  These  have  USB  equipment. 
Several  of  these  stations  can  be  eliminated  because  they  are  keyed  for  other 
missions.  In  particular,  this  would  eliminate  Bermuda  and  Merritt  Island. 

It  is  not  planned  to  use  the  Vanguard  Ship  because  of  the  long  duration  of  the 
mission. 


a.  USB  Stations.  The  receivers  in  the  LST  reference  design 
operate  at  2200  to  2300  MHz,.  It  can  be  seen  from  Table  V-4  that  certain 
stations  have  reception  capability  at  2200  to  2300  MHz  (or  plan  to  have)  but 
one  finds,  that  the  command  capability,  the  tracking,  and  the  telemetry  in  these 
bands  are  not  necessarily  in  agreement  with  the  planned  mission  operation. 

For  instance,  only  the  MSFN  stations  have  the  capability  of  demodulating 
subcarriers  which  will  be  necessary  for  near  real  time  and  real  time  trans- 
mission of  spacecraft  data.  It  is  also  planned  to  use  the  USB  command  sys- 
tem for  LST  operation.  The  stations  with  the  9. 144  m ( 30  ft)  antennas  have 
the  USB  capability.  The  tracking  function  is  also  planned  to  be  performed  on 
the  USB  for  all  known  requirements.  As  indicated  on  the  figure,  Santiago  has 
neither  the  9. 144  m ( 30  ft)  antenna,  the  S-band  command  capability,  or  the 
8-band  telemetry  capability.  Therefore,  it  was  not  considered  in  this  overall 
mission  even  though  it  has  been  considered  in  the  past  as  a possible  site  for 
HEAO  missions.  The  six  stations  that  were  primarily  considered  as  useful 
for  this  mission  were  ACN,  CRO,  CYI,  GDSX,  GWM,  and  HAW.  Stations 
such  as  Madrid,  Honeysuckle,  etc. , were  not  considered  as  primary  candi- 
dates because  they  have  25.91  m (85  ft)  antennas,  which  is  an  overkill  of 
the  problem  in  this  case.  The  other  stations  which  were  not  considered  were 
Corpus  Christi,  since  it  is  anticipated  that  it  would  be  retired  and  that  the 
equipment  from  GWM  that  has  been  moved  to  GDSX  could  be  used  in  that 
location  with  similar  latitude  and  longitude  of  the  present  site;  Merritt  Island, 
and  Bermuda,  which  are  primarily  keyed  for  launch  operations  and  are  avail- 
able only  on  a noninterfering  basis  with  launch  operations. 
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TABLE  V-4.  GROUND  STATION  CHARACTERISTICS 


3 

Li 
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Tananarive 


b.  Ground  Station  USB  Receivers.  A block  diagram  of  a ground 
station  receiver  is  shown  in  Figure  V-2  to  give  a better  understanding  of  the 
constraints  imposed  upon  the  spacecraft  by  the  ground  stations.  It  should  be 
noted  that  although  much  of  the  equipment  was  custom  designed  for  the  Apollo 
operation  and  can  be  adapted  for  the  LST  operation,  it  is  certainly  not  opti- 
mum for  that  purpose.  However,  for  the  sake  of  standardization  and  reduced 
cost,  it  is  anticipated  that  the  LST  can  be  designed  to  use  it  without  any  signi- 
ficant modifications  other  than  in  the  software.  Not  shown  in  the  diagram  are 
the  digital  synchronizers  and  word  synchronizers  which  are  downstream  from 
the  overall  receiver  operation.  The  demodulations  shown  in  the  design  are 
primarily  for  those  1.024  and  1.25  MHz  subcarriers  commonly  used  in 
Apollo.  It  is  anticipated  that  these  will  be  quite  useful  in  the  overall  operation 
of  the  LST  for  voice,  if  necessary,  and  in  some  cases  where  real  time  data  is 
transmitted  to  the  ground  simultaneously  with  voice  and  ranging. 


The  ranging  portion  of  the  circuit  is  not  shown  on  the  block 
diagram  but  can  be  visualized  as  a replacement  for  the  base-band  of  the  FM 
modulation.  The  ranging  circuit  uses  PM-type  modulation  and  determines 
the  range  and  the  range  rate  to  the  spacecraft  on  occasions  when  it  is  neces- 
sary to  know  the  vehicle’s  position  in  order  to  update  orbital  predictions. 

The  basic  design  of  the  USB  receiver  is  a phase  locked  loop 
operating  at  10  MHz.  In  the  FM  mode,  the  frequency  is  taken  from  the  IF 
amplifier,  further  amplified  in  a second  IF  stage  at  50  MHz,  and  fed  into  a 
50  MHz  FM  modulator  that  uses  a closed  loop.  The  bandwidth  of  the  IF  amp- 
lifier is  about  11  MHz,  which  is  further  reduced  to  7.  5 MHz  in  the  predetec- 
tion filter  preceding  the  FM  detector  in  the  upper  right  hand  portion  of  the 
diagram.  The  5 MHz  is  plus/minus  1 dB  while  in  the  PM  mode  it  can  be 
operated  to  -3  dB  wdth  4 ±0.  5 MHz  of  bandwidth.  In  the  lower  right  hand  side 
of  Figure  V-2  is  shown  a subcarrier  demodulator  as  it  demodulates  the  PM 
biphase  modulation  that  contains  the  1.25  MHz  voice  channel  and  the  1.024 
MHz  subcarrier  for  real  time  telemetry.  It  is  quite  evident  that  this  design 
dictates  the  overall  design  of  the  spacecraft  communication  system  and  must 
be  considered  if  the  LST  is  to  be  compatible  with  the  ground  station.  Each 
point  in  the  overall  design  of  the  LST  to  ground  station  interface  has  been 
carefully  taken  into  account  in  the  spacecraft  communication  system  reference 
design  concept. 


The  USB  system  includes  four  main  receivers  and  is  capable 
of  receiving  four  downlink  frequencies  simultaneously,  provided  the  trans- 
mitting sources  are  within  the  USB  antenna  beamwidth.  Two  of  these 
receivers  have  been  modified  so  that  they  can  be  tuned  across  the  2200  to 
2300  MHz  frequency  band,  with  open-loop  mode  IF  bandwidths  to  30  MHz 
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Figure  V-2.  USB  single  receiver  and  demodulator. 


permissible.  The  remaining  two  are  limited  to  5 MHz  open  loop  IF  bandwidth 
frequency  reception  at  Apollo  frequencies  in  the  range  of  2270  to  2300  MHz. 
All  four  receivers  have  closed-loop  (PM)  IF  bandwidths  to  about  3.3  MHz. 
Normally  the  downlink  carrier  will  be  modulated  with  a composite  signal 
consisting  of  ranging  data  and  modulated  subcarriers,  but  as  with  the  uplink, 
data  may  be  modulated  on  the  carrier.  The  receivers  can  be  operated  in 
either  an  open-loop  or  closed-loop  configuration  with  carrier  tracking  loop 
bandwidths  ranging  from  12  to  700  MHz. 


c.  Command  Transmission.  The  USB  configuration  has  a cap- 
ability of  transmitting  commands  both  in  the  UHF  and  the  VHF  frequency  band. 
VHF  command  capability  is  possible  in  the  225  to  399.  9 MHz  region  at  most 
of  the  MSFN  stations  using  equipment  normally  configured  for  VHF  air-to- 
ground  voice  communications.  In  the  latter  case,  tone  encoders  and  decoders 
of  the  UHF  command  systems  are  used.  However,  only  the  lower  frequency 
tones  may  be  employed  because  of  the  transmitter  bandwidth  limitation.  Also, 
amplitude  modulation  is  employed  instead  of  frequency  modulation  which  . 
makes  it  susceptible  to  noise. 


The  USB  system  is  capable  of  transmitting  commands  on 
uplink  frequencies  of  2090  and  2120  MHz  with  the  command  data  modulated 
directly  on  the  carrier  frequency  or  on  a subcarrier  prior  to  modulation  on 
the  main  carrier.  An  update  buffer  is  used  to  interface  between  the  USB 
transmitting  system  and  the  command  data  processor.  The  command  data 
processor  is  a Univac  642V  computer.  The  buffer  receives  digital  command 
data  in  parallel  form  from  the  processor  and  converts  them  to  a 1 kbs  serial 
data  stream.  The  data,  in  turn,  PSK  modulates  a 2 kHz  sinewave  and  is 
linearly  added  with  a phase  coherent  1 kHz  sinewave.  This  composite  signal 
is  then  modulated  onto  the  70  kHz  subcarrier  or  main  carrier  as  desired. 
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The  1 kbs  serial  stream  represents  an  intelligence  rate  of 
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and  for  rejection  of  nonvalid  commands.  A variety  of  command  word  struc- 
tures is  available  and  the  commands  may  be  transmitted  from  the  station  or 
a command/ control  center  through  the  station.  Command  verification  is 
employed  by  sampling  and  demodulating  the  power  amplifier  output  and  per- 
forming a bit  for  bit  comparison  with  a command  computer.  It  can  also  be 
verified  from  the  spacecraft  through  the  telemetry  downlink. 


The  power  amplifier  and  USB  antenna  characteristics  have 
been  discussed  earlier  and  are  pointed  out  in  Table  V-5.  The  9. 144  m ( 30  ft) 
systems  contain  only  one  power  amplifier  capable  of  operating  at  20  kW. 
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TABLE  V-5.  USB  ANTENNA  CHARACTERISTICS 


However,  when  two  signals  are  transmitted  simultaneously,  the  power  must 
be  reduced  to  prevent  intermodulation  products.  In  most  cases  the  power  is 
reduced  to  2 kW  per  uplink. 

d.  The  USB  Tracking  System.  When  tracking  a phase  modulated 
carrier  in  a closed-loop  mode,  the  USB  tracking  system  maintains  a continuous 
update  of  the  position  of  the  spacecraft  by  measuring  the  antenna  pointing  angle 
and  range  and  the  range  rate  of  the  vehicle  with  respect  to  the  station.  Each 
USB  system  can  determine  the  range  and  the  range  rate  of  two  vehicles  simul- 
taneously, provided  both  are  within  the  beamwidth  of  the  antenna,  but,  of 
course,  it  can  only  angle  track  on  one  vehicle. 

(1)  Ranging.  A digital  ranging  technique  is  used  to  deter- 
mine the  range.  In  this  system  a pseudo- random  binary  code  is  phase  modu- 
lated on  the  S-band  uplink  and  transmitted  to  the  spacecraft.  A transponder 
system  in  the  spacecraft  extracts  the  ranging  code  and  applies  it  to  a coherent 
downlink  carrier,  which  is  transmitted  back  to  the  ground  station.  A ranging 
receiver  accepts  the  ranging  data  from  the  main  receiver  at  the  10  MHz  IF. 
Here  a correlation  process  occurs  wherein  the  received  code  is  compared 
with  the  time-shared  code  provided  by  the  ranging  system  and  thus  turnaround 
time  for  the  code  is  determined.  From  this  information  the  spacecraft  range 
is  determined.  It  is  possible  to  disable  the  full  code  modulation  and  use  only 
the  2 bit  clock  code.  This  limits  the  spectral  distribution  due  to  ranging  to  a 
single  spectral  line  at  496  kHz  above  and  below  the  carrier  frequency.  The 
range  to  the  spacecraft  can  be  resolved  to  about  1 m and  the  maximum  range 
tracking  rate  is  about  12  000  m/sec.  The  other  system  and  accuracy  data  are 
presented  in  Table  V-6. 


TABLE  V-6.  REPRESENTATIVE  USB  METRIC  TRACKING  ACCURACIES 


1 

Characteristic 

Bias 

Noise 

Range 

25 

5 

Range  Rate  (mm/sec) 

500 

5.  5 (l/6  sec) 

Angle  (deg) 

0.015 

0.015 

(2)  Range  Rate.  Spacecraft  range  rate  is  determined  by 
measuring  the  Doppler  shift  of  the  transponder  carrier  signal.  The  Doppler 
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counting  system  is  designed  to  handle  ±180  kHz  biased  about  a 1 MHz  fre- 
quency. Doppler  is  counted  in  either  of  two  operating  modes,  destruct  or 
nondestruct.  The  first  mode  consists  of  simply  determining  the  time  required 
for  a preset  number  of  Doppler  cycles  to  be  counted.  In  the  second  mode, 
Doppler  is  counted  continuously  throughout  the  tracking  period.  The  number 
of  Doppler  cycles  in  any  given  time  period  is  then  representative  of  the  range 
rate  of  that  period.  The  tracking  data  process  formats  the  information  for 
transmission  to  the  central  control  center. 

(3)  Angle  Tracking.  All  the  USB  stations  have  X-Y  mounts. 
The  X-Y  mounts  allow  tracking  through  the  zenith  but  have  a gimbal  restric- 
tion in  two  areas  of  about  6 degrees  of  elevation  at  the  9. 144  m (30  ft)  antenna 
stations.  The  stations  are  capable  of  tracking  at  an  angular  rate  of  4 degrees/ 
sec,  with  an  angular  acceleration  of  5 degrees/sec2.  All  the  stations  can  be 
either  auto-tracked  or  programmed.  In  the  auto-tracked  mode,  the  antenna 
monopulse  tracking  system,  after  the  acquisition  of  the  spacecraft,  provides 
error  signals  to  the  USB  servo  system  to  keep  the  antenna  pointed  to  the 
signal  source.  The  angular  direction  to  the  spacecraft  is  measured  by 
encoders  mounted  on  the  two  antenna  axes.  In  addition  to  the  PM  tracking, 
the  system  can  provide  angle  track  on  suppressed  carrier  FM  signals  using 
separate  cross  correlation  auto-track  receivers. 

(4)  Acquisition.  The  programmed  mode  of  using  X and  Y 
axis  and  time  information  can  be  supplied  as  acquisition  data  to  position  the 
antenna.  The  initial  acquisition  of  the  spacecraft  signal  is  facilitated  by  a 
small  acquisition  parabolic  antenna  mounted  in  the  center  of  the  ground-based 
USB  antenna.  The  wider  bandwidth  of  the  smaller  antenna  aids  in  the  acqui- 
sition process.  The  gain  of  the  antenna  is  approximately  44  dB  for  receiving 
and  43  dB  for  transmitting.  The  beamwidth  is  1 degree  and  is  capable  of 
either  right-hand  circular  polarization  or  left-hand  circular  polarization. 

This  will  become  quite  important  in  the  overall  design  of  the  spacecraft  since 
it  will  allow  for  frequency  diversity  and  obtaining  an  omnidirectional  pattern 
for  the  entire  spacecraft.  The  acquisition  antenna  has  only  a 10  degree  beam- 
width  and  the  acquisition  gain  is  only  22  dB. 

e.  Noise  Temperature.  Low  noise  preamplifiers  and  multi- 
couplers are  connected  between  the  antenna  and  the  receiving  equipment.  The 
amplifiers  are  generally  mounted  on  the  antenna  to  minimize  the  system  tem- 
perature. Multicouplers  are  used  throughout  the  network  to  provide  isolation 
between  preamplifier  and  receiver  and  to  permit  the  connection  of  several 
receivers  to  a single  preamplifier. 
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USB  antenna  systems  have  several  configurations  resulting  in 
a variety  of  noise  temperatures.  Many  of  the  USB  stations  with  the  9. 144  m 
(30  ft)  antennas  have  cryogenically  cooled  preamplifiers  giving  a system  noise 
temperature  of  95°K;  the  remaining  stations  with  uncooled  parametric 
amplifiers  have  noise  temperatures  of  170°  K.  The  uncooled  stations  con- 
sidered for  the  LST  are  CYI  and  Bermuda  (BDA) . To  insure  compatibility 
with  all  these  stations,  it  will  be  necessary  to  use  the  170°K  figure  for  all 
link  calculations  even  though  many  of  the  stations  have  the  quieter  front  ends. 

f.  Telemetry.  Pulse  code  modulation  is  the  primary  telemetry 
concept  employed  in  the  entire  system  to  support  space  projects.  The  PCM 
decomutator  systems  are  located  throughout  the  network. 

PCM  systems  are  by  several  different  manufacturers:  Radia- 
tion, Dynatronics,  EMR,  and  Magnavox  are  used  in  the  network.  All  the 
equipment,  including  the  necessary  signal  conditions  and  bit  synchronizers, 
can  operate  under  the  control  of  stored  programs  or  patchboards.  In  general, 
the  units  can  handle  PCM  coded  NRZ,  RZ  and  split  phase  data  with  a data  rate 
capability  of  1 megabit/sec  for  NRZ  format  and  500  kbs  for  RZ  and  split 
phase.  An  exception  is  that  of  the  Magnavox  equipment,  which  can  handle  data 
rates  of  only  200  kbs.  It  is  anticipated  at  the  time  of  the  LST  mission  that  the 
equipment  will  be  updated  to  a capability  of  5.  5 megabits/sec.  The  Dynatronics 
and  Radiation  stored  program  equipment  utilizes  magnetic  core  memories  and 
can  be  programmed  in  any  of  three  ways:  by  manual  entry  from  the  front  panel, 
by  paper  tape  reader,  or  by  on-line  computer.  Output  from  the  decomutators 
may  be  through  the  digital  to  analog  (D/A)  decomutator  digital  PCM  suitable 
for  future  on-station  processing  or  transmission  to  the  central  control.  Dis- 
plays vary  with  the  different  equipment  but  include  recorders  for  D/A  decomu- 
tation. They  may  be  used  to  provide  additional  capability  for  support  and  to 
replace  some  of  the  patch  panel  program  units.  These  decomutators  will  be 
c enable  of  a data  rate*  nn  ho  5 mepra  hits  /sec. 

g.  Recording.  Each  of  the  stations  contains  a wideband  magnetic 
tape  recorder  that  has  a response  from  400  Hz  to  1. 5 MHz  using  direct 
recording  techniques  and  from  direct  current  to  500  kHz  with  FM  recording 

at  a tape  speed  of  120  in/sec.  Tape  speeds  from  10  cm/sec  (3  3/4  ips)  to 
300  cm/sec  (120  ips)  are  available  with  proportional  response  in  the  frequency 
range.  These  recorders  have  14  tracks  with  a capability  of  combining  up  to 
7 tracks  using  FM  recording  and  direct  recording  on  the  remaining  tracks. 

h.  Computation  and  Data  Processing.  Each  USB  station  has  a 
significant  computer  capability,  referred  to  as  the  remote  site  data  proces- 
sors (RSDP).  Generally,  each  USB  station  has  two  identical  Univac  642B 
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(modified)  medium  scale  computers.  Associated  with  these  computers  is  an 
"expanded  memory  unit"  which  contains  two  memory  systems,  one  associated 
with  each  computer. 

Most  of  these  USB  stations  have  two  smaller  Uni  vac  1218 
computers.  The  RSDP  computers  are  described  briefly  in  the  following  para- 
graphs. 


(1)  Univac  642B  Computers.  The  two  642B  computer  sys- 
tems are  capable  of  intercommunications  via  an  intercomputer  channel, 
allowing  them  to  be  operated  as  an  integral  unit.  Normally  one  computer  is 
designated  as  a command  processor  and  the  second  as  a telemetry  processor, 
with  the  equipment  configuration  and  software  programming  arranged  so  that 
if  one  computer  fails,  the  other  can  be  switched  to  perform  the  major  mission 
functions  of  the  failed  computer.  The  expanded  memory  unit  serves  to  double 
the  memory  capacity  of  each  computer  from  32  768  30-bit  words  and  increases 
the  number  of  input/output  channels  from  16  to  20.  Other  characteristics  of 
the  computer  are  a 2.  0 psec  read-write  cycle  time,  a magnetic  core  memory 
capable  of  being  randomly  accessed,  and  an  overlap  memory  capability  which 
can  increase  the  execution  speed  of  various  programs.  The  following  periph- 
eral equipment,  in  addition  to  the  expanded  memory  unit,  is  used  with  the 
Univac  642B  computer. 

(a)  The  Univac  1540  Magnetic  Tape  Units  (MTUs). 
These  contain  four  transports  each  and  are  accessible  from  either  computer. 
The  MTUs  are  capable  of  reading  and  writing  with  densities  of  200,  556,  or 
800  bits/in.  at  a speed  of  300  cm  (120  ips)  and  will  rewind  at  600  cm/sec 
(240  ips) . 


(b)  The  Peripheral  Communication  System  (PCS). 
This  system  contains  data  transmission  units  (DTUs)  and  a model  1000  inter- 
face system  adapter  (ISA) . The  DTUs  are  used  by  the  computer  to  transmit 
and  receive  high-speed  data.  The  ISA  contains  a Greenwich  mean  time  (GMT) 
buffer,  which  transfers  parallel  GMT  data  from  the  station  timing  standard  to 
the  computers,  and  a computer  address  matrix  (CAM)  multiplexer,  which 
provides  a means  of  communication  between  the  CAM  keyboards  and  the 
computers. 


(c)  The  1299  Interconnection  Panel.  This  panel  is 
equipped  with  multipole,  double-throw  switches  for  connecting  and  disconnect- 
ing the  peripheral  equipment  to  and  from  the  computers,  thus  providing 
system  flexibility. 
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(d)  The  Univac  1232  Input/Output  (I/O)  Console.  This 
console  contains  a paper  tape  reader,  punch  keyboard,  and  printer.  It  is  used 
by  the  computer  operator  to  load  and  control  programs  and  to  monitor  compu- 
ter operations. 


(e)  The  Motorola  TP-400  Printer.  This  printer  inter- 
faces with  the  printer  systems  adapter  (1222), "which  serves  as  an  interface 
between  the  computer  and  the  high-speed  printers  located  at  the  integrated 
operations  control  console  (IOCC)  and  in  the  computer  area. 

(f)  The  Updata  Buffer  (UDB).  This  is  the  interface 
between  the  command  computer  and  the  RF  transmission  equipment  and  serves 
to  transform  digital  command  data  to  a form  suitable  for  modulating  the 
command  transmitters. 

(g)  The  1259  Teletype  Unit.  This  consists  of  a stan- 
dard AN/UGC-13  teletypewriter  (TTY)  with  an  adapter  to  interface  with  the 
computer.  It  acts  as  an  input/output  device  for  the  computer.  The  TTY  is  a 
Model  28  automatic  send/receive  (ASR)  unit,  which  offers  an  automatic  means 
of  transmitting  data  between  two  points  using  either  a land  or  radio  link.  The 
TTY  may  be  operated  with  mechanical  changes  at  speeds  of  60,  75,  100,  or 
200  words  per  minute. 

(2)  Univac  1218  Computer.  This  computer  has  associated 
with  it  a 1232  I/O  console  and  a 1259  teletype  adapter  with  a modified  ASR-28 
TTY.  The  1218  computer  has  a memory  of  17  3 84  1 8-bit  words  (expandable 
to  32  768)  and  eight  I/O  channels.  It  electrically  interfaces  with  the  USB 
antenna  position  programmer  (APP)  so  that  it  can  process  acquisition  mes- 
sages into  pointing  data  for  driving  the  USB  antenna.  The  1259  teletype  antenna 
and  the  modified  ASR-28  TTY  interface  the  1218  computer  with  off-station 
commit!)  ic  at  i ons . 


A second  1218  computer  is  being  used  to  provide  each 
USB  station  with  a computer- controlled  automated  checkout  system.  This 
system,  which  will  be  used  to  perform  tests  and  monitor- selected  functions, 
is  a recent  implementation  and  is  identified  by  the  acronym  ASTAM  ( auto- 
mated system  test  and  monitor) . 

(3)  Remote  Site  Data  Processing  Capability.  The  remote 
site  642B  computers  are  normally  operated  so  that  one  performs  command 
data  processing  and  the  other  telemetry  processing.  Trajectory  and  tracking 
data  processing  is  performed  by  the  1218  computer. 
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(a)  Command  Data  Processing.  The  computer  pro- 
grams and  equipment  at  the  stations  provide  for  receiving  commands  from  a 
computer  center.  The  commands  are  transmitted  in  a digital  format  together 
with  a polynominal  error  checking  code.  The  station  computer  program  per- 
forms a check  of  the  command  and  the  error  code  and  determines  whether 
errors  occurred  during  transmission.  If  an  error  is  detected,  the  received 
comifiand  can  be  rejected  and  a retransmission  request  initiated.  The  soft- 
ware program  performs  five-to-one  sub-bit  encoding  of  the  stored  commands 
and  sends  this  information  to  the  UDB  and  transmitters  for  uplinking  the 
information  to  a spacecraft.  The  computer  also  performs  a command  verifi- 
cation function  in  which  data  from  the  telemetry  computer  indicate  that  a 
command  has  been  received  by  the  spacecraft. 

The  use  of  the  polynominal  error  checking  code 
and  sub-bit  encoding  is  part  of  the  secure  updata  transmission  system  which 
is  designed  to  insure  that  the  probability  that  a spacecraft  will  accept  an 
invalid  command  is  less  than  1 x 10-9.  The  computer  can  also  be  programmed 
to  print  out  a command  history  which  indicates  each  command  transmitted, 
the  commands  accepted  or  rejected  by  the  spacecraft  as  shown  by  telemetered 
data,  the  status  of  ground  system  equipment,  the  time  of  events,  the  output  of 
the  command  verification  receivers,  equipment  control  and  status  information, 
and  the  timing  system  information  which  is  provided  to  the  computer.  This 
command  history  information  can  also  be  formatted  for  transmission  to  the 
Operations  Center. 


(b)  Telemetry  Data  Processing.  In  general,  the 
reason  for  on- station  telemetry  data  processing  is  to  adapt  or  modify  tele- 
metered data  rates  to  be  compatible  with  the  off- station  communications  line 
capability.  The  computational  techniques  for  accomplishing  this  modification 
range  from  sophisticated  data  compression  techniques  to  simple  format  filling. 
Some  of  these  techniques  are  discussed  briefly  in  the  following  paragraphs. 

Format  selection  is  a process  whereby  various 
formats  are  planned  in  advance  of  the  mission,  with  each  format  containing 
only  those  parameters  most  pertinent  to  a particular  phase  of  the  mission. 

The  desired  format  is  then  selected  at  the  proper  time  in  the  mission  sequence. 

A similar  process,  parameter  selection,  involves 
selecting  out  of  the  telemetry  data  stream  only  those  parameters  desired  to 
be  transmitted  in  real  time.  The  remaining  data  can  be  recorded  and  mailed 
back  or  alternatively  transmitted  in  near  real  time  postpass. 
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Rate  reduction  and  truncation  schemes  may  also 
be  used;  however,  some  loss  of  data  results  when  using  these  techniques. 

Rate  reduction  involves  transmission  of  a reduced  number  of  samples  (e.g. , 
transmitting  only  every  10th  sample  of  a particular  word,  thereby  reducing 
the  rate  by  a factor  of  1 0)  of  a particular  parameter  and  truncation  and  reduced 
number  of  bits  (e.g. , transmit  the  eight  most  significant  bits  of  a 10-bit 
word) . These  techniques  are  applicable  where  the  resultant  deterioration  in 
the  parameter  measurement  would  not  be  inconsistent  with  the  planned  use  of 
the  data.  Again,  the  original  bit  stream  can  be  recorded  and  transmitted 
postpass,  for  more  detailed  analysis. 

Data  compression  programs  are  being  readied  for 
use  with  the  Skylab  program  because  studies  and  test  have  indicated  that  cer- 
tain types  of  data  can  be  "compressed”  by  significant  ratios  without  data 
quality  deterioration.  For  example,  tests  have  shown  that  Apollo  Command/ 
Service  Module  data  can  be  compressed  by  a ratio  of  20  to  1.  In  addition,  the 
Orbiting  Astronomical  Observatory  (OAO)  project  has  been  using  compression 
techniques  at  several  stations  where  special  computers  have  been  installed 
for  this  purpose. 


Data  compression  basically  involves  the  removal 
of  most  of  the  redundancy  in  the  data  stream  so  that  only  a minimum  number 
of  bits  are  required  to  send  the  information  over  the  data  line.  A compatible 
program  must  be  used  at  the  receiving  center  to  interpret  the  compressed 
data. 


i.  National  Aeronautics  and  Space  Administration  Communica- 
tions Network  (NASCOM).  The  NASCOM  is  a global  system  established  and 
operated  by  NASA  to  provide  long-line  operational  communications  support 
for  all  NASA  projects.  The  network  provides  for  voice,  data,  and  teletype 
communications  between  all  ground  stations  and  the  appropriate  operations 
and  control  centers.  It  also  provides  for  television  and  other  wideband  trans- 
missions from  selected  stations.  The  network  includes  land  lines,  submarine 
cables,  microwave  and  satellite  links,  and  necessary  terminal  and  switching 
facilities.  In  general,  geographically  diverse  routes  have  been  established 
from  each  station  where  possible  so  that  no  total  communications  loss  will 
occur  if  the  primary  route  fails. 

The  NASCOM  provides  a system  of  full  period  leased  voice 
circuits  (nominal  3-kHz  bandwidth)  to  virtually  all  station  and  terminal  points 
in  the  NASCOM  network.  Essentially  all  voice/data  circuits  are  routed  either 
directly  to  the  Goddard  Space  Flight  Center  (GSFC)  switching,  conferencing, 
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and  monitoring  arrangement  (SCAMA)  or  through  various  overseas  NASCOM 
switching  centers  where  conferencing,  monitoring,  and  test  facilities  are 
available.  The  voice  links  interface  with  air-to-ground  voice  equipment  at 
manned  flight  support  stations  to  support  spacecraft  voice  communications  in 
addition  to  the  general  mission  support  services. 

In  general,  the  voice/data  circuits  are  conditioned  and  tariffed 
so  that  they  may  be  switched  easily  to  provide  either  voice  or  data  communi- 
cations. 


High-speed  data  modem  (called  modem  for  modulator- 
demodulator)  sets  are  provided  at  all  STDN  stations.  Modems  at  STDN 
stations  operate  at  4800  bps  or  7200  bps  for  transmission  of  telemetry  data 
and  at  2400  bps  (different  modems)  for  transmission  of  high- speed  tracking 
data.  By  the  third  quarter  of  the  calendar  year  1972,  the  telemetry  trans- 
mission rate  was  to  be  standardized  at  7200  bps. 

Analog  data  may  also  be  transmitted  over  the  3-kHz  voice/ 
data  lines  either  directly  or  using  multiplex  equipment  described  in  the  sec- 
tion on  telemetry.  TV  channels  for  transmission  of  manned  flight  telecasts 
are  leased  as  required. 


C.  Communications 

With  the  ground  station  system  now  defined,  the  LST  onboard  commu- 
nications system  must  be  examined.  This  system  receives  all  commands 
from  ground  and  sends  them  to  the  data  handling  system  for  processing.  In 
addition,  all  engineering  and  experimental  data  are  routed  to  this  system  for 
transmission  to  ground. 

1.  Antenna  Configuration  Analysis.  The  operational  requirement 
that  the  telescope  be  capable  of  pointing  to  any  object  in  the  heavens  presents 
a major  problem  for  the  antenna  subsystem.  A near  omnidirectional  antenna 
coverage  is  required  at  a rather  short  wavelength,  6.35  cm  (2-1/2  in. ). 

The  size  of  the  vehicle  and  the  solar  array  prevents  a single  antenna  from 
radiating  a spherical  pattern.  Several  antennas  located  so  that  at  least  one 
would  be  in  a favorable  position  with  respect  to  the  earth  station  is  the  only 
solution.  However,  there  must  be  no  multipath  or  other  interference.  To 
provide  multiantenna  coverage  without  interference  some  type  of  isolation 
(either  phase,  frequency,  or  space  separation)  must  be  used. 
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The  shape  and  size  of  the  spacecraft  plays  a major  role  in  the 
location  of  the  antennas  * In  this  case  the  spacecraft  is  characterized  as  a 
cylinder  with  movable  flat  wings. 

a.  Antenna  Configuration  Tradeoff.  Figure  V-3  shows  one 
possible  antenna  configuration  for  full  47r  sr  coverage.  Four  antennas  would 
be  located  around  the  circumference  of  the  cylinder  midway  from  the  end. 
Each  of  these  four  would  be  separated  by  90  degrees.  One  antenna  would  be 
required  at  each  end  of  the  cylinder.  Electromagnetic  isolation  must  be  used 
to  prevent  interferometer  nulls.  The  two  most  commonly  used  techniques 
are  frequency  and  polarization  isolation.  The  ground  station  may  be  able  to 
provide  right-  and  left-hand  circular  polarization  and  transmit  on  two 
frequencies  simultaneously.  However,  this  still  leaves  two  antennas  that 
are  not  isolated. 

Another  possible  antenna  configuration  places  an  antenna  at 
either  end  of  the  cylinder  ( Fig.  V-4).  At  least  one  antenna  would  be  on  a 
boom  to  insure  overlapping  coverage  for  the  case  when  the  axis  of  the 
cylinder  is  normal  to  the  LOS  to  the  tracking  station.  The  advantage  of  this 
scheme  is  that  either  polarization  diversity  or  frequency  diversity  could  be 
used  since  only  two  antennas  would  be  involved.  If  it  were  not  for  the  solar 
array  panels,  this  scheme  would  provide  good  coverage  with  a minimum 
number  of  antennas.  However,  the  presence  of  the  solar  arrays  could 
preclude  overlap  of  the  patterns  and  thus  result  in  a serious  null  in  the  plane 
of  the  solar  panels. 


Figure  V-3.  Antenna  configuration  Figure  V-4.  Antenna  configuration 
no.  1.  no.  2. 


A third  configuration  would  use  two  antennas  180  degrees  apart 
on  the  cylinder  body  with  one  positioned  on  a boom  and  the  other  body  mounted 
( Fig.  V-5)  . Again,  the  solar  panel  could  cause  interference  nulls  in  the 
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pattern  coverage . The  solar  array  apparently  plays  a larger  role  in  the 
antenna  location  than  any  other  factor.  Therefore,  it  seems  appropriate  to 
try  to  find  a location  that  minimizes  this  impact. 

Figure  V-6  shows  a configuration  that  utilizes  the  solar 
arrays  as  antenna  "booms."  Here  the  antennas  are  positioned  a considerable 
distance  from  the  spacecraft.  While  both  the  telescope  and  solar  arrays  will 
no  doubt  have  some  impact  on  the  resulting  antenna  pattern,  this  configuration 
provides  a better  coverage  than  either  of  the  configurations  shown  in  Figures 
V-3  or  V-4. 


Figure  V-5.  Antenna  configuration 
no.  3. 


Figure  V-6.  Antenna  configuration 
no.  4. 


b.  Antenna  Pattern  Tests.  The  uncertainty  of  the  antenna  per- 
formance in  the  presence  of  the  solar  array  prompted  the  building  and  testing 
of  a scale  model.  The  conical  spiral  antenna  was  selected  because  the  basic 
pattern  is  cardioidal  in  shape.  A full-scale  antenna  was  fabricated  and  tested 
at  2300  MHz  to  serve  as  a reference  for  the  one-fifth  scale  model,  which 
should  have  the  same  shape  pattern  except  that  it  must  radiate  at  11  GHz. 

The  one-fifth  scale  model  antenna  is  shown  in  Figure  V-7. 

The  test  pattern  for  the  full-scale  antenna  very  nearly 
approached  the  theoretical  cardioid  shape.  Extreme  difficulty  was  expe- 
rienced trying  to  duplicate  this  shape  using  the  11  GHz  antenna.  These  two 
patterns  are  shown  in  Figures  V-8  and  V-9.  The  pattern  shape  of  the  smaller 
antenna  was  not  symmetrical.  Although  this  is  a significant  problem  with  very 
high  frequency  systems,  its  significance  is  reduced  in  the  lower  frequencies 
as  evident  in  the  2300  MHz  reference  pattern. 
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Figure  V-7.  One- fifth  scale  model  conical  spiral  antenna 
frequency  — 11.0  GHz. 


The  test  antenna  was  mounted  on  the  tips  of  a scale  model 
spacecraft  and  placed  on  the  rotary  table  of  an  antenna  range.  The  basic  test 
setup  is  depicted  by  the  artist’s  sketch  in  Figure  V-10.  Since  the  actual 
spacecraft  would  use  two  identical  antennas,  only  a single  antenna  was  used 
for  the  tests.  In  the  case  where  the  second  antenna  would  be  required,  a 
composite  pattern  was  devised  using  a mirror  image  of  the  single  antenna 
pattern  as  the  second  antenna.  The  model  can  be  rotated  in  azimuth  by  the 
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Figure  V- 8.  Two-GHz  antenna  reference  pattern.  Figure  V- 9.  One- fifth  scale  model  reference 

pattern  (11  GHz). 
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Figure  V-1Q.  Antenna  pattern  measuring  arrangement. 


turntable  and  can  be  rolled  through  360  degrees  in  small  increments  and 
measurements  made  at  each  increment.  The  test  antenna  was  used  in  a 
receive  mode  while  the  reference  system  transmitted  at  a known  level.  The 
entire  operation  was  computer  controlled.  The  solar  array  was  placed  in 
three  positions  ( Fig.  V-ll) . In  the  first  position  the  plane  of  the  solar  array 
lies  in  a plane  containing  the  long  axis  of  the  telescope.  In  the  second  position 
the  plane  of  the  array  made  an  angle  of  45  degrees  with  the  plane  passing 
through  the  axis.  In  the  third  position  the  solar  array  is  90  degrees  to  the 
long  axis.  Two  patterns  are  shown  in  Figures  V-12  and  V-13.  The  influence 
of  the  solar  array  can  be  seen  by  examining  two  cases  in  the  azimuth  cut, 
with  the  panels  parallel  to  the  LST  and  at  45  degrees  with  the  LST.  The  polar 
plots  indicate  a fairly  uniform  pattern.  The  area  on  the  left  side  of  the 
pattern  is  slightly  diminished  because  of  the  characteristics  of  the  test 
antenna  and  not  the  presence  of  the  spacecraft.  At  about  40  degrees  in  a 
clockwise  direction  in  the  45  degree  solar  array  pattern  (Fig.  V-14) , there 
is  about  a 5 dB  null,  which  occurs  again  at  220  degrees.  This  appears  to  be 
due  to  solar  array  shadowing.  With  the  solar  panels  parallel  the  elevation 
cut  requires. a composite  pattern  to  analyze  the  basic  design  (Fig.  V-15). 

Nulls  of  -8  dB  appear  at  5,  140,  220,  and  355  degrees.  These  deep  nulls  are 
attributed  to  the  characteristics  of  the  test  antenna  and  would  not  be  present 
in  the  full-scale  spacecraft  configuration. 

The  data  are  plotted  in  a rectangular  coordinate  system 
(Fig.  V-16)  to  show  the  ability  of  the  antennas  to  provide  4t r sr  coverage. 

The  areas  have  been  coded  to  indicate  pattern  intensity.  Again  a composite 
was  made  to  simulate  two  antennas,  one  on  the  end  of  each  solar  array.  The 
codes  cover  a range  from  0 to  -6  dB.  Below  -6  dB  is  indicated  by  the  clear. 
The  area  of  the  clear  is  extremely  small  (~  10  percent) . The  area  covered 
becomes  nearly  100  percent  if  the  -8  dB  level  is  considered.  Two  clean 
areas  in  the  upper  portion  of  the  dark  areas  running  from  left  to  right  appear 
to  be  due  to  fiberglass  supports  that  hold  the  spacecraft  model.  The  clear 
areas  at  the  center  that  run  vertically  are  due  to  improper  overlap.  The 
clear  areas  in  the  upper  left  and  upper  right  are  due  to  the  poor  shape  of  the 
test  antenna.  This  would  not  be  present  in  a full-size  spacecraft. 

The  conical  spiral  antenna  has  proved  to  be  a very  good  choice 
for  boom  mounting  because  its  circularly  polarized  hemispheric  coverage 
does  not  require  a ground  plane.  With  the  solar  panels  retracted,  the  antenna 
centerlines  are  perpendicular  to  the  spacecraft  axis.  This  permits  the 
establishment  and  maintenance  of  communications  when  the  solar  panels  are 
not  deployed.  As  the  solar  panels  are  deployed,  the  antennas  will  rotate  to 
maintain  the  cone  centerline  normal  to  the  spacecraft  axis . 
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With  only  two  antennas,  both  frequency  and  polarization 
diversity  schemes  can  be  considered.  The  hardware  needed  to  implement 
each  of  these  two  schemes  is  given  in  Figures  V-17  and  V-18. 

Frequency  diversity  seems  to  be  much  more  complex  because 
it  requires  two  additional  transmitters.  However,  the  power  should  be  compa- 
rable since  the  output  of  each  of  the  transmitters  in  the  polarization  scheme 
must  be  double  that  for  frequency  diversity  (each  transmitter  must  drive  two 
separate  antennas) . It  may  be  that  doubling  the  RF  output  power  at  these  very 
low  levels  does  not  result  in  a doubling  of  the  weight  or  primary  power.  This 
is  not  a serious  consideration  because  of  the  small  amount  of  weight  in  either 
case.  Of  prime  importance  is  the  capability  of  the  ground  station.  Dual 
polarization  transmission  does  not  presently  exist.  Dual  frequency  operation 
is  standard  in  the  Apollo  mission.  A dual  USB  site  is  capable  of  receiving 
four  frequencies  or  downlinks  simultaneously.  Therefore,  to  be  sure  of  a 
feasible  operation,  some  form  of  frequency  diversity  seems  mandatory.  If 
redundancy  for  each  of  the  four  transmitters  in  the  frequency  diversity  case 
is  required,  the  weight  becomes  a factor.  However,  this  can  be  eliminated 
and  ground  operation  simplified  by  reducing  the  number  of  links  to  two  if  a 
switch  is  added  that  connects  both  the  transmitters  to  the  antenna  that  has  the 
strongest  received  signal  (Fig.  V-19)  . Thus,  switched  frequency  diversity 
has  been  chosen  for  the  design  reference. 

2.  Reference  Communications  Configuration.  The  reference  commu- 
nications configuration  shown  in  Figure  V-20  consists  of  two  unified  S-band 
transponders,  an  Apollo  Block  II  type  called  the  engineering  data  transponder 
and  a modified  ERTS  transponder  (proposed  for  the  HEAO-C)  called  the 
scientific  data  transponder.  The  engineering  data  (PM-FM)  transponder  and 
scientific  transponder  combination  provides  a flexible  communications  system . 
The  PM  receiver-transmit  capability  of  the  engineering  transponder  is  required 
for  tracking  to  match  the  ground  station  PRN  ranging  capability  in  the  PM 
mode.  The  transponder  also  provides  the  PM  data  downlink  for  command 
verification,  spacecraft  housekeeping,  and  slow  speed  television  data.  The 
scientific  transponder  provides  the  high  data  rate  ( 1 megabit/sec)  downlink 
for  the  star  field  camera  data. 

The  reference  system  uses  four  frequencies,  two  for  the  frequency 
diversified  uplink  and  two  for  downlinks.  Redundant  information  is  sent  from 
the  ground  to  the  LST  on  the  two  uplink  frequencies.  One  of  these  frequencies 
is  received  through  one  of  the  antennas  by  the  active  receiver  in  the  engineering 
transponder  (the  other  receiver  is  in  a standby  condition)  and  sent  to  the  PSK 
demodulator  assembly  in  the  data  management  equipment.  The  other  uplink 
frequency  is  received  through  the  other  antenna  by  the  active  receiver  in  the 
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Figure  V-14.  Solar  panels  45  degree  antenna  Figure  V-15.  Composite  solar  panels  45  degree 

pointing  up  azimuth  cut.  elevation  cut. 


Figure  V-17.  Polarization  diversity. 


Figure  V-18.  Frequency  diversity. 
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Figure  V-19.  ’'Switched"  frequency  diversity. 
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Figure  V-20.  The  baseline  communication  system. 


scientific  transponder  (one  receiver  is  on  standby)  and  also  sent  to  the  PSK 
demodulator  assembly.  This  assembly  uses  the  signal  of  highest  strength  and 
sends  signals  back  to  the  communications  equipment  to  switch  both  transmitter 
outputs  to  the  antenna  feeding  the  receiver  with  the  highest  automatic  gain 
control  (AGC)  signal. 

a.  The  Engineering  Transponder  Downlink.  The  engineering 
downlink  consists  of  a baseband  assembly,  an  active  and  a standby  PM  (phase 
modulated)  transmitter,  and  an  FM  (frequency  modulated)  exciter  and  trans- 
mitter. Only  one  of  the  three  transmitters  can  be  used  at  any  one  time.  The 
active  transmitter  feeds  a diplexer  that  is  switched  to  drive  the  proper 
antenna. 


Real-time  LST  status,  diagnostic,  and  command  verification 
data  are  sent  to  the  ground  stations  using  a 1.  025  MHz  subcarrier  transmitted 
on  an  active  PM  transmitter.  The  baseband  of  an  active  PM  transmitter  can 
be  used  for  several  purposes.  In  normal  operations,  the  PM  baseband  is 
used  to  transmit  stored  LST  spacecraft  status  and  diagnostic  data,  a pseudo- 
random ranging  signal,  or  a command  storage  dump.  The  PM  baseband  may 
also  be  used  as  a backup  mode  for  the  transmission  of  experiment  data  when 
it  is  not  required  for  normal  housekeeping  operation. 

When  the  engineering  PM  transmitters  are  not  being  used  for 
transmission  of  spacecraft  data,  the  FM  transmitter  can  be  used  as  a slow 
scan  television  data  link  from  the  slit  jaw  camera  for  ground  station  quick- 
look. 


b.  The  Scientific  Data  Downlink.  The  scientific  data  downlink 
consists  of  two  FM  transmitters,  one  active  and  one  on  standby.  The  output 
of  the  active  transmitter  can  be  switched  to  one  of  two  diplexers  which  feed 
the  two  spacecraft  antennas.  The  modified  ERTS  transponder  is  dedicated  to 
the  transmission  of  scientific  experiment  pulse  code  modulated  (PCM)  data 
at  a rate  of  up  to  1 megabit/ sec.  This  rate  corresponds  to  the  current  single 
downlink  capacity  to  ground  stations  for  NRZ  data  streams.  The  ERTS  trans- 
ponder may  also  be  used  in  a backup  mode  to  transmit  the  FM  video  signal  for 
slow-scan  television  coverage. 

3.  Operating  Modes.  There  are  several  modes  of  operation  of  the 
communications  equipment  to  provide  normal  mission  operational  require- 
ments and  backup  should  a primary  mode  of  operation  fail.  The  nominal 
modes  are  depicted  in  Figure  V-21.  The  reference  system  has  growth  capa- 
city for  sending  additional  experiment  data  through  the  engineering  link  when 
desired. 
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a.  Uplinks  Modes.  Basically  there  are  three  uplink  modes  of 
operation  (Fig.  V-21).  In  the  first  mode  (Mode  l)  only  the  ground  station 
carrier  is  transmitted  to  acquire  tracking.  The  downlinks  respond  and  the 
0.9144  m (3  ft)  antenna  is  used  to  locate  the  position  of  the  spacecraft  for 
ground  station  lockup  of  the  antenna.  Mode  2.  the  mode  most  often  used, 
consists  simply  of  commands  transmitted  on  the  70  kHz  subcarrier.  In  Mode 
3,  pseudorandom  noise  (PRN)  ranging  will  be  handled  on  the  baseband  in 
addition  to  the  commands  coming  up  over  the  70  kHz  subcarrier. 

b.  Downlinks  Modes.  The  many  downlink  modes  provide  a very 
flexible  and  adaptive  system  which  will  be  necessary  for  a long  duration 
mission.  In  Mode  A2  the  PM  transmitter  sends  stored  LST  spacecraft  and 
diagnostic  data  on  its  baseband  and  real-time  LST  spacecraft  and  command 
verification  data  on  a subcarrier.  A command  storage  dump  may  also  be 
executed  over  this  PM  transmitter.  Scientific  experiment  PCM  data  are 
transmitted  through  the  modified  ERTS  FM  transmitter.  Commands  are 
received  on  the  receiver  with  the  higher  AGC  signal.  This  is  the  primary 
mode  of  operation.  Mode  Al,  the  tracking  mode,  is  similar  to  Mode  A2 
except  that  the  PRN  ranging  signal  is  transmitted  on  the  PM  baseband  in  place 
of  stored  spacecraft  data.  This  is  a required  mode  of  operation  during 
tracking.  Mode  B is  the  normal  operational  mode  of  the  scientific  link.  It 
consists  simply  of  PCM-FM  modulation  on  the  carrier.  The  data  rate  of 

1 megabit/ sec  is  well  within  the  assigned  bandwidth  and  should  result  in  a 
very  high-quality  signal  without  intermodulation  products  from  the  subcarrier, 
etc. 


c.  Alternative  or  Contingency  Modes.  In  addition  to  these  pri- 
mary modes  there  are  alternative  or  contingency  modes  yielding  increased 
system  flexibility.  The  alternative  mode  is  included  for  the  transmission  of 
tube  data  from  the  slit  jaw  camera.  Here,  slow-scan  television  replaces  the 
stored  spacecraft  data  transmission  of  the  nrimarv  mnrlp  hnf  naps  Ar~»rJ1r> 

' I *-^W4»W 

FM  exciter  and  transmitter  instead  of  the  Apollo  PM  transmitter.  There  is 
also  a contingency  mode  which  provides  for  experiment  PCM  data  normally 
transmitted  by  the  ERTS  FM  transmitter  to  be  sent  through  the  PM  transmitter 
on  its  baseband  frequency.  Real-time  LST  spacecraft  data  and  command 
verification  would  use  the  subcarrier  of  the  PM  transmitter.  Another  contin- 
gency mode  exists  for  use  when  the  Apollo  Block  II  type  equipment  is  inoper- 
ative. The  ERTS  receiver  can  be  used  to  receive  commands  to  control  the 
spacecraft  or  switch  in  standby  Apollo  transponder  equipment. 
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D.  Data  Handling 


The  design  reference  data  handling  configuration  shown  in  Figure  V-22 
contains  all  the  equipment  required  to  manage  the  flow  of  data  to  and  from  the 
LST,  SIP,  and  SSM.  This  includes  the  receipt,  processing,  and  execution  of 
real-time  and  stored  commands;  the  processing,  formatting,  storage,  and 
forwarding  for  transmission  of  all  diagnostic  and  status  information  from  all 
LST  systems  and  subsystems,  and  the  routing  of  scientific  data  for  trans- 
mission to  ground  stations. 
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Figure  V-22.  Data  handling  system. 


1.  Command  Distribution  System.  Command  signals  from  the  two 
active  receivers  (one  engineering  and  one  scientific  transponder)  enter  the 
PSK  demodulator  assembly.  This  assembly  selects  the  channel  with  the 
strongest  AGC  signal  and  sends  a switching  signal  to  the  antenna  switch  so 
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that  transmissions  will  be  routed  to  the  antenna  receiving  the  strongest  signal 
from  the  ground.  The  antenna  switch  can  also  be  controlled  by  command 
from  the  ground  stations.  The  commands  are  in  the  form  of  five  sub- bits  per 
information  bit.  Each  command  is  checked  for  consistency  with  the  command 
repertoire  prior  to  verification  to  the  ground  through  the  control  unit  and 
communications  equipment. 

a.  Word  Format.  The  word  format  for  LST  commands  is  given 
in  Figure  V-23.  A 2-bit  vehicle  address  code  is  sent  with  each  command.  If 
the  command  has  the  proper  code  for  the  LST,  a pulse  is  sent  to  the  command 
processor  and  command  decoders  indicating  that  the  following  bits  are  either 
a real-time  or  stored  command  for  the  LST.  Real-time  commands  contain 
11  bits,  a 3-bit  address  for  the  command  decoders  and  an  8-bit  command  text. 
Stored  commands  contain  28  bits,  which  include  a 17-bit  time  tag  specifying 
at  what  time  the  command  is  to  be  executed.  This  time  tag  allows  an  accuracy 
of  one  part  in  131  072  for  command  execution  time,  thus  permitting  a reso- 
lution of  1 second  in  a 36 -hour  period. 


Figure  V-23.  LST  command  word. 


b.  Command  Processor/Memory.  All  LST  commands  must  be 
routed  past  a special-purpose  unit  located  in  the  SSM  called  the  command 
processor  (Fig.  V-24).  The  purpose  of  this  unit  is  to  inspect  all  commands 
and  determine  whether  they  are  real-time  or  time-tagged  commands.  The 
11-bit  long  real-time  commands  are  not  acted  upon  by  the  processor  and  are 
sent  directly  to  the  command  decoders.  Whenever  a time-tagged  command  is 
recognized,  the  command  processor  stores  the  command  in  the  next  available 
write  address  of  the  plated  wire  command  memory  for  later  execution. 

The  command  memory  with  a capacity  for  4096  words  of  28- 
bit  length  is  continually  read  in  cycles.  As  each  word  is  read  it  is  put  into 
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Figure  V-24.  Command  processor. 


an  output  buffer  where  its  time  tag  is  compared  with  the  vehicle  clock  (Fig. 
V-24).  If  the  time  tag  and  clock  agree,  the  11-bit  command  is  gated  onto  the 
command  bus  and  acted  upon  as  a real-time  command. 

c.  Command  Decoders.  The  11  bits  that  are  sent  to  the  command 
decoders  from  the  command  processor  are  clocked  serially  into  a register 
within  each  decoder.  However,  only  the  one  decoder  with  the  proper  3-bit 
address  code  can  act  upon  the  8-bit  command.  What  happens  to  this  8-bit 
command  once  it  is  accepted  by  the  proper  command  decoder  is  a function  of 
the  location  of  the  command  decoder.  In  some  cases  the  command  may  be 
left  in  digital  form  such  as  commands  that  are  sent  to  the  ASC  computer. 

Other  cases  will  require  the  8 bits  to  be  converted  to  an  analog  signal. 

The  3 bits  allotted  for  command  decoder  address  allow  eight 
decoders  to  be  addressed.  Eight  redundant  decoders  are  also  included  for 
increased  reliability.  The  8-bit  command  gives  each  decoder  a repertoire  of 
256  different  commands  for  its  assigned  equipment.  The  allocation  of  the 
decoders  is  given  as  follows: 

Addressable  Total  Including 

Decoders  Redundancy 


2 

(4) 

ACS 

1 

(2) 

Electrical  Distribution 

1 

(2) 

C & DH 

1 

(2) 

Power 

1 

(2) 

OTA/Fine  Guidance 

2 

_ilL 

SIP 

8 

(16) 

Total 

Should  it  be  determined  that  more  than  eight  addressable 
decoders  are  needed,  a bit  will  be  removed  from  the  time  tag  and  added  to 
the  decoder  address.  With  a 4-bit  decoder  address , 16  command  decoders 
could  be  addressed.  The  price  that  must  be  paid  for  this  increased  number 
of  addressable  decoders  is  a loss  in  time  resolution  for  command  execution. 
A 16-bit  time  tag  can  resolve  one  part  in  65  536  or  approximately  1 second  in 
18-hours  whereas  the  17-bit  time  tag  could  resolve  1 second  in  a 36  hour 
period. 
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2.  Data  Acquisition  System.  The  Data  Acquisition  System  accepts 
both  analog  and  digital  data  (status  and  diagnostic)  from  the  OTA,  SIP,  and 
SSM  equipment.  These  data  can  be  handled  in  one  of  two  modes.  In  the  real- 
time mode  the  data  are  taken  directly  from  the  data  acquisition  units  (DAUs), 
formatted,  and  sent  to  ground  at  a rate  of  51.  2 kbs.  In  the  stored  mode,  data 
are  stored  on  magnetic  tape  at  a rate  of  1.  6 kbs  until  time  for  transmission 
to  the  ground  stations  at  the  51.  2 kbs  rate. 

a.  Data  Acquisition  Units  (DAU).  The  conceptual  design  of  the 
DAUs  needed  to  meet  the  LST  format  requirements  is  compatible  with  state- 
of-the-art  technology  in  the  field  of  remote  multiplexing  units.  Each  DAU  is 
capable  of  addressing  64  lines,  which  may  contain  either  analog  or  digital  data. 
Digital  data  are  received  in  parallel  form  by  addressing  eight  lines  containing 
discrete  inputs.  When  a single  line  containing  analog  data  is  addressed,  the 
analog  sample  is  converted  to  an  8-bit  digital  word  within  the  DAU.  Analog 
inputs  must  be  conditioned  by  the  user  to  a 0 to  5 volt  scale.  It  has  been 
estimated  that  28  of  these  DAUs  would  fulfill  the  LST  requirements.  These 
DAUs  have  been  tentatively  allocated  as  follows:  SIP,  12;  SSM,  10;  OTA,  6. 

In  the  SIP  it  is  desirable  to  have  one  DAU  per  instrument  if  possible  to  provide 
flexibility  for  future  growth,  and  to  facilitate  instrument  repair  and  replace- 
ment. However,  both  the  number  and  location  of  the  DAUs  are  certainly 
subject  to  change  during  the  later  phases  of  the  LST  study. 

b.  Control  Unit/Format  Generator.  The  control  unit/format 
generator  combination  supervises  the  multiplexing  of  all  engineering  data. 

The  control  unit  addresses  lines  within  each  DAU.  Data  from  these  lines 
are  formatted  by  the  format  generator  and  either  stored  on  tape  or  sent 
real-time  to  the  ground.  These  two  units  are  capable  of  handling  several 
formats  of  data  acquisition. 

Each  address  initiated  by  the  control  unit  results  in  a word  of 
data  for  the  format  generator.  In  the  stored  mode  200  8- bit  words  constitute 
a frame  of  data  that  is  stored  on  tape.  Four  of  these  200  words  (32  bits)  are 
allocated  for  frame  synchronization.  The  frame  rate  for  this  mode  is  1 
frame/sec,  yielding  a data  rate  of  1.6  kbs.  This  stored  data  can  be  played 
back  32  times  faster  than  it  is  recorded,  giving  a 51.  2 kbs  transmission  rate 
to  ground.  In  the  real-time  mode  the  frame  length  is  shortened  to  128  words 
(still  using  32  bits  for  synchronization)  and  the  frame  rate  is  increased  to 
50  frames/sec.  This  yields  the  51.2  kbs  transmission  rate. 

Each  frame  of  data  is  composed  of  words  or  samples  that  are 
acquired  or  sampled  at  various  rates.  The  three  primary  sampling  rates  are 
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1 sample/sec,  5 samples/sec,  and  10  samples/sec.  Table  V-7  gives  an 
approximate  list  of  how  many  measurements  are  required  within  each  1ST 
subsystem  and  at  what  rate  these  measurements  are  sampled. 


TABLE  V-7.  APPROXIMATE  MEASUREMENT  LIST. 


LST 

Sample  Interval 

No.  of 

Subsystem 

(sample/ sec) 

Measurements 

Structure 

5 

30 

Power 

5 

115 

C & DH 

5 

100 

Altitude  Sensing  and  Control 
(AS  & C) 

5 

142 

1 

111 

OTA 

10 

204 

1 

62 

SIP 

10 

20 

1 

100 

c.  Tape  Storage.  Upon  examining  the  tape  system  needed  for 
storing  data  from  the  DAUs,  one  finds  that  several  manufacturers  have  mag- 
netic tape  machines  capable  of  recoding  at  the  rate  of  1.6  kbs.  Past  experi- 
ence w\th  unmanned  spacecrafts  indicate  that  they  may  go  as  many  as  three 
to  four  orbits  in  which  a ground  contact  is  not  made  because  stations  are  out 
of  operation  for  maintenance,  other  spacecraft  are  being  launched,  or  because 
of  a malfunction.  A review  of  the  stations  selected  for  the  mission  simulation 
indicates  that  if  certain  stations  should  be  out  of  operations,  it  might  be  two 
or  three  orbits  before  a tape  recorder  could  be  dumped  to  the  ground.  The 
orbital  period  is  96.  9 minutes,  resulting  in  about  291  minutes  of  data  to  be 
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played  back  during  a single  contact.  Partial  playbacks  are  not  desirable.  The 
average  contact  time  is  11.  00  minutes.  Allowing  time  for  spacecraft  acquisi- 
tion and  tape  recorder  turn-on,  the  actual  playback  period  is  approximately 
10  minutes.  The  ratio  of  record  to  playback  would  be  about  30:1.  A ratio  of 
32:1  results  in  a playback  bit  rate  of  51.  2 kbs,  which  is  the  standard  bit  rate 
for  the  ground  station.  The  ratio  32:1  is  very  reasonable. 

The  reference  design  tape  system  used  for  storing  data  from 
the  DAUs  contain  three  tape  units.  For  reliability  only  one  track  of  data  will 
be  recorded  per  tape.  The  width  of  the  tape  is  0.  636  cm  (l/4  in.  ) and  each 
unit  will  contain  7 x 102  m of  tape.  The  recording  tape  speed  will  be  4.  76 
cm/sec  (1.275  in. /sec).  Using  this  tape  speed  at  a data  rate  of  1.6  kbs 
yields  a bit  packing  density  of  approximately  336  bits/cm  (850  bits/in.  ). 

Figure  V-25  shows  the  combined  C & DH  system  for  the  LST. 

3.  Scientific  Data  Handling.  Scientific  experimental  data  will  be 
gathered  from  the  instruments  contained  within  the  SIP  primarily  by  utilizing 
TV  tubes  as  sensors.  With  TV  sensors  the  electronic  image  from  the  sensor’s 
target  may  be  read  sequentially,  coded  digitally,  and  transmitted  to  ground 
over  the  scientific  transponder  at  a maximum  rate  of  approximately  1 mega- 
bit/sec. 


When  considering  the  selection  of  an  image  tube  for  the  LST,  it 
should  be  noted  that  each  instrument  has  its  own  requirements.  The  matching 
of  the  detector  to  the  instrument  for  the  best  possible  resolution,  signal  to 
noise  (S/N)  ratio,  and  high  data  collecting  efficiency  is  the  main  objective. 
Desirable  criteria  for  the  tube  are  as  follows: 

1.  Long  Integration  Time. 

2.  High  Internal  Gain. 

3.  Good  Resolution  at  50  percent  Modulation  Transfer  Function 
(MTF). 

4.  Large  Storage  Capacity. 

5.  Large  Format  Size. 

6.  Low  Internal  Noise  Background. 

7.  Space  Qualified. 
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Preliminary  specifications  for  the  LST  called  for  a TV  tube  having 
a 60  cycle/mm  resolution  at  50  percent  MTF  on  a 50  by  50  mm  target  format. 

A survey  of  state-of-the-art  tube  technology  revealed  that  the  return  beam 
vidicon  (RBV)  had  the  greatest  promise  of  attaining  this  goal.  However,  the 
high  conductivity  of  this  tube's  photoconductive  target  resulted  in  very  limited 
integration  time  and  target  storage  capability.  To  effectively  utilize  this  tube 
in  the  LST  project,  a mass  memory  would  be  needed  for  storing  tube  images 
until  ground  contact  was  available.  This  memory  would  also  be  utilized  with 
an  averaging  process  required  when  using  the  RBV  on  high- magnitude  stars 
for  increasing  S/N  ratio. 

a.  Mass  Memory  Storage.  Several  considerations  must  be  made 
to  determine  the  size  of  a mass  memory  required  for  this  case.  The  quantiza- 
tion noise  and  the  inherent  noise  of  the  sensor  will  combine  in  an  additive 
manner.  To  maintain  an  extremely  high  quality  video  signal  means  that  the 
light  signal  collected  (S)  must  be  very  large.  If  the  S/N  out  of  the  camera  is 
45  dB  and  the  degradation  is  to  be  limited  to  1 dB,  the  value  of  S would  have  to 
be  256,  which  corresponds  to  8 bits/word.  It  would  take  10  bits/word  for  the 
quantization  noise  to  be  completely  ignored.  One  final  parameter  — the 
sampling  rate  — must  be  established  before  the  required  storage  can  be 
determined.  The  Nyquist  criterion  states  that  fQ  ^ 2f  where  f — sampling 

rate  and  f — highest  signal  frequency.  The  minimum  sampling  frequency 

must  be  twice  the  highest  frequency  in  the  signal.  Stated  another  way,  one 
sample  must  be  made  per  half  cycle.  However,  this  results  in  low  pass 
filtering  of  the  signal  with  a response  of  63  percent.  To  obtain  a 90  percent 
response  requires  a sampling  rate  four  times  maximum  or  twice  per  half 
cycle.  Now  the  required  storage  capability  for  onboard  integration  of  images 
external  to  the  camera  tube  can  be  determined.  A tube  target  having  a 
horizontal  and  vertical  resolution  of  60  cycles/mm  on  a 50  mm  by  50  mm 
format  will  contain  3000  cycles  per  horizontal  line  or  6000  pixels.  The  four 
samples  per  cycles  and  8 to  10  bits  per  sample  would  yield  9.  6 x 104  bits  for 
8 bits  and  1.2  x 105  for  10  bits  to  code  a single  line  on  the  target.  At  the 
completion  of  each  line  the  reading  beam  is  returned  to  the  left  and  lowered 
the  equivalent  of  one  pixel,  then  scanned  across  again.  This  continues  until 
the  beam  reaches  the  bottom  of  the  target,  thus  completing  one  frame  of  data. 
Since  the  vertical  height  of  the  target  contains  600  pixels,  a total  frame  of 
data  would  contain  5.  76  x 108  bits  for  8 bits  of  coding  or  7.  2 x io8  bits  for 
10-bit  coding. 


A memory  large  enough  for  a single  frame  of  data  presents  a 
significant  technology  problem.  Several  techniques  were  investigated  in  hopes 
of  finding  a small,  lightweight,  low  power,  nonvolatile  memory.  Since  the 
tube  is  read  sequentially,  the  memory  need  not  be  random  access. 
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The  following  memories  were  examined  as  candidates  for  the 
LST  mass  memory:  ferrite  core,  tape  recorders,  magnetic  bubble,  plated 
wire,  laminated  ferrite,  disc,  drum,  electron  beam , charge  coupled  devices, 
metal  nitride  oxide  silicon  ( MNOS) , and  complementary  metal  oxide  semi- 
conductor (CMOS)  . Estimates  were  made  in  each  case  for  the  following 
characteristics  of  a 300-megabit  system:  power,  mass,  volume,  cost,  data 
rate,  and  mean  time  between  failures  (MTBF)  . The  results  of  this  study  are 
presented  in  Table  V-8.  The  listed  specifications  were  obtained  from 
References  V-2  through  V-4  and  a number  of  personal  communications.2 

A brief  summary  of  the  detailed  results  from  portions  of  this 
study  are  included  as  follows. 

( l)  Tape  Recorder.  The  main  disadvantages  of  tape 
recorders  stem  from  the  fact  that  they  are  electromechanical  devices  built 
to  very  tight  specifications.  Wear  of  the  tape,  heads,  and  bearings  limits  the 
life  of  the  tape  system.  The  transfer  of  tape  coating  to  the  head  and  head 
material  to  the  tape  aggravates  this  problem. 

Tape  lives  of  over  10  000  passes  have  been  attained, 
which  would  be  inadequate  for  the  highly  used  SIP  mass  memory.  However, 
tape  wear  is  being  improved  through  the  development  of  new  surface  lubricants 
which  remain  on  the  tape  rather  than  shedding  onto  the  head. 

Head  life  is  now  somewhere  between  4000  and  5000  hr, 
depending  on  the  application.  This  figure  is  still  being  improved  by  the  intro- 
duction of  better  alloy  materials.  Goddard  Space  Flight  Center  (GSFC)  has 
let  a contract  to  Applied  Magnetics  Corporation  for  a head  that  will  have  a 
5-yr  life. 


2.  Telephone  conversation  in  spring  of  1972  with  Mr.  Jim  Dickson  of  SCI 
Systems,  Inc. , Huntsville,  Ala. , plated  wire  memory;  with  Mr.  Bob  Lindburg 
of  General  Instrument  Corp. , Systematics  Magne-Head  Div. , Hawthorne, 
Calif. , disc  and  drum  memories;  correspondence  with  Mr.  John  Kelly, 
Physical  Electronics  Group,  Engineering  Sciences  Laboratory  at  Stanford 
Research  Institute,  Menlo  Park,  Calif.,  electron  beam  memory,  and  estimate 
on  laminated  ferrite  memory  specifications  obtained  from  Mr . Harrison 
Garrett,  Astrionics  Laboratory,  Marshall  Space  Flight  Center. 
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TABLE  V-8.  (Continued) 
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Volatile;  RCA. 

Expert  on  production  1973  (Fairchild  semiconductor) . 

Nonvolatile.  Expect  on  production  1975  (Fairchild  semiconductor) . 


Considerable  bearing  wear  is  included  by  shocks  and 
vibrations,  causing  errors  in  record  and  playback.  Low  vapor  pressure 
lubricants  are  necessary  to  reduce  this  wear,  which  becomes  intense  if 
resonance  occurs.  Various  new  developments  for  seals  and  lubricants  are 
yielding  continuous  progress  in  the  reduction  of  bearing  wear. 

Motor  life  is  another  parameter  to  consider  when 
examining  the  tape  system.  A life  of  25  000  hr  is  attainable;  however, 
part  of  this  is  expended  in  ground  testing.  Mission  experience  has  shown 
that  mechanical  problems  limit  the  lifetimes  of  the  motors. 

The  weight,  power,  and  volume  requirements  for  a 300 
million  bit  tape  system  would  be  no  problem.  Exact  values  for  these  param- 
eters will  depend  upon  the  system  design.  Rough  estimates  of  these  values 
taken  from  the  Arthur  D.  Little,  Inc.,  study  [V-2]  yield:  weight,  14  to  18  kg 
(30  to  40  lb)  (includes  tape,  motors,  motor  control,  reels,  write  and  read 
heads,  information  buffers,  and  parity  checking  electronics);  volume,  0.  02  m3 
(0. 5 ft3) ; and  power,  8 watts  to  record  and  10  watts  to  reproduce. 

(2)  Magnetic  Bubble.  The  magnetic  bubble  technology  was 
recommended  by  Arthur  D.  Little,  Inc.  , [V-2]  under  NASA  Contract 
NAS5-21531,  presented  in  August  1970,  as  the  most  suitable  replacement  for 
spaceborne  tape  recorders  in  the  mid-1970s.  The  tradeoffs  discussed  in  this 
report  led  to  the  conclusion  that  a serial  access  memory  which  is  nonvolatile, 
has  nondestructive  readout  capability,  and  can  be  arranged  in  blocks  is  the 
most  attractive  contender  as  a replacement  for  a spaceborne  tape  system. 

These  attributes  would  also  be  desirable  for  the  mass  memory  needed  for  the 
SIP  calculations.  The  magnetic  bubble  shift  registers  have  all  these  properties. 

The  most  pressing  problem  is  with  the  storage  medium 
for  the  bubbles.  None  of  the  materials  which  demonstrate  bubble  domains  have 
been  produced  in  large  quantities  of  good  quality.  The  two  types  of  materials 
that  seem  to  be  best  suited  for  bubble  domain  storage  are  the  orthoferrites  and 
the  garnets.  The  garnets  have  some  definite  advantages  over  the  orthoferrites, 
notably  a smaller  stable  domain  size,  combined  with  a reasonable  mobility, 
and  a better  response  to  cutting  and  polishing.  It  seems  unlikely  that  one 
material  will  sweep  the  market  as  silicon  did  with  the  integrated  circuit 
industry.  Some  materials  will  have  the  advantage  on  data  rates  and  others 
may  be  able  to  attain  a higher  bit  density.  Surely  there  will  still  be  other 
materials  with  varying  degrees  of  these  parameters.  It  is  possible  that 
certain  materials  will  be  better  suited  for  a particular  application  than  others. 
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The  second  problem  associated  with  the  bubble  technol- 
ogy is  the  temperature  sensitivity  of  the  systems . The  operation  of  this  type 
of  memory  is  highly  dependent  upon  a predetermined  and  fixed  ratio  between 
the  diameter  of  the  bubble  domain  and  the  spacing  of  the  bit  storage  cells. 

In  summary,  the  conceptual  design  of  the  magnetic 
bubble  memory  is  attractive  in  many  respects  but  there  are  several  develop- 
mental problems  still  to  be  negotiated.  The  most  important  features  of  the 
further  development  of  the  bubble  memory  as  far  as  NASA  is  concerned  seem 
to  be  the  improvement  in  the  quality  of  the  storage  materials,  the  introduction 
of  epitaxial  growth  techniques  capable  of  producing  materials  with  a low 
coercive  force,  the  announcement  of  a material  with  a good  temperature  range, 
and  continuing  developments  in  photolithography. 

(3)  Electron  Beam.  Mass  data  storage  using  electron  beam 
techniques  is  currently  a developmental  item.  At  present  no  known  read/write 
erasable  systems  are  available.  However,  a number  of  organizations  are 
attempting  to  develop  such  systems. 

It  appears  that  the  first  prototype  systems  could  be 
available  during  1973,  although  their  capacity  is  likely  to  be  limited  to  107 
bits.  Systems  of  108  bits  should  appear  about  12  months  later.  These  systems 
should  be  in  production  in  the  period  1974  to  1976. 

Larger  memories  of  up  to  1010  bits  appear  possible  but 
there  is  still  a large  amount  of  R&D  to  be  done . Big  memories  are  likely  to 
be  compounded  from  a number  of  smaller  channels  or  modules,  enabling 
parallel  access  to  read  and  write  information.  This  subdivision  will  be 
controlled  by  the  economics  of  tube  fabrication  and  required  system  perform- 
ance. 


(4)  Memory  Summary.  The  majority  of  the  mass  memory 
systems  surveyed  had  undesirable  physical  characteristics.  The  magnetic 
bubble  and  electron  beam  memory  systems  would  seem  to  be  the  two  best 
Candidates  from  the  standpoint  of  power,  mass,  volume,  cost,  and  reliability. 
However,  both  of  these  memory  schemes  are  still  in  the  developmental  stages. 
Thus  no  suitable  mass  memory  system  was  found  for  the  SIP.  The  question  of 
system  efficiency  with  no  mass  memory  is  treated  in  Appendix  B . 

b.  Secondary  Electron  Conduction  (SEC)  Vidicon.  With  the  mass 
memory  scheme  now  considered  a doubtful  candidate  for  use  in  the  LST  data 
handling  system,  the  constraining  criterion  in  tube  selection  must  be  target 
storage  capability,  i.  e. , a tube  must  be  found  which  has  the  ability  to  store  a 
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single  frame  of  data  on  its  target  until  ground  contact  is  made  and  yet  attain 
suitable  resolution,  target  size,  etc.  Upon  this  basis  the  SEC  vidicon  was 
chosen  as  the  reference  design  tube  for  the  LST. 

The  distinguishing  characteristic  of  an  SEC  vidicon  is  its 
capability  to  store  collected  photons  for  several  hours.  This  quality  enables 
the  SEC  vidicon  to  integrate  for  hours  on  high- magnitude  (dim)  stars.  On 
the  other  hand,  if  a low-magnitude  (bright)  star  is  viewed,  causing  a short 
integration  time,  the  SEC  vidicon  can  store  the  frame  of  data  until  a ground 
station  is  contacted.  The  contents  of  the  tube  can  then  be  read  out  directly  to 
ground. 


The  low  conductance  target  of  the  SEC  vidicon  allows  it  to 
attain  this  long  storage  capability.  This  target,  shown  in  Figure  V-26,  is 
constructed  of  KCl  with  an  Al  substrate.  The  price  paid  for  this  storage 
capability  is  low  capacity  and  low  resolution.  The  low  capacity  implies  that 
it  takes  fewer  photons  per  unit  area  to  saturate  the  SEC  vidicon  target  than  it 
takes  for  the  return  beam  vidicon  (RBV).  The  present  resolution  of  the  SEC 
vidicon  is  approximately  20  cycles/mm  at  50  percent  MTF.  The  physical  size 
of  the  SEC  vidicon  target  is  also  small  (25  mm  by  25  mm)  because  of  the 
strength  limitations  of  the  target  material.  However,  a 50  mm  by  50  mm 
target  is  presently  being  tested.  Figure  V-27  gives  a basic  operational 
schematic  of  the  SEC  vidicon  and  a list  of  tube  characteristics. 


The  optimum  readout  time  of  the  SEC  vidicon  is  a function  of 
the  preamplifier  because  it  is  the  dominant  noise  source  of  the  tube.  The  first 
impression  would  be  that  only  the  bandwidth,  input  impedance,  and  the  gain 
would  be  important.  This  would  be  true  for  high  illumination;  however,  where 
the  system  is  used  for  photon  counting  or  low- light- level  slow  scan,  the  pre- 
amplifier, bias  resistor,  and  shunt  capacitance  of  the  leads  from  the  SEC 
vidicon  to  the  amplifier  become  very  important.  The  field  effect  transistor 
amplifier  with  its  high  imput  impedance,  low  noise,  and  wide  bandwidth  makes 
it  ideal  for  this  application.  Its  low  voltage  gain,  however,  requires  additional 
stages  of  amplification. 


Calculations  show  that  the  preamplifier  will  operate  with  mini- 
mum noise  contribution  at  approximately  30  kHz  ( see  Appendix  C) . Utilizing 
this  result  with  the  sampling  rates  and  encoding  levels  developed  earlier,  opti- 
mum readout  rates  can  be  determined.  For  8-bit  coding  the  readout  rate  = (4 
samples/cycle)  (8  bits/sample)  (30  kHz)  - 96  0 x 103  bits/sec.  A 25  mm  by 
25  mm  target  with  20  cycles/mm  at  50  percent  MTF  sampled  and  coded  using 
the  above  specifications  would  contain  1.  6 x lo7  bits.  Using  the  above  readout 
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• MEDIUM  TARGET  GAIN  (~100)  OBTAINED  BY  SECONDARY 
ELECTRON  CONDUCTION 

• LOW  CONDUCTANCE  TARGET  ALLOWS  LONG  INTEGRATION 
AND  STORAGE  TIMES 

• SIGNAL  IS  PREAMPLIFIER  NOISE  LIMITED 

• LOW  CAPACITY  TARGET 


Figure  V-26.  SEC  vidicon  target  cross  section. 


rate  it  would  take  less  than  17  seconds  to  read  out  a frame  of  data.  However, 
should  the  SEC  vidicon  reach  the  desired  50  mm  by  50  mm  format  with  60 
cycles/mm  at  50  percent  MTF,  it  would  take  10  minutes  to  read  out  a single 
frame. 
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PHOTOCATHODE 


• PHOTOCATHODE  AND  STORAGE  TARGETS  SEPARATE 

• TARGET  GAIN  AVAILABLE  (50  - 100) 

• OUTPUT  SIGNAL  FROM  TARGET  FED  DIRECTLY 
TO  PREAMPLIFIER 

• PHOTOELECTRONS  PRODUCE  SPATIAL  VARIATION  OF 
CHARGE  ON  THE  TARGET 

• ELECTRON  BEAM  DESTROYS  THIS  SPATIAL  CHARGE 
VARIATION,  CREATING  A SIGNAL  CURRENT  PROPORTIONAL 
TO  THE  SPATIAL  CHARGE  VARIATIONS 

• SIGNAL  CURRENT  IS  TIME  CORRELATED  WITH  THE  ELECTRON 
BEAM  POSITION 

• LOW  CONDUCTANCE  TARGET  ALLOWS  LONG  INTEGRATION 
AND  STORAGE  TIME 

• SIGNAL  IS  PREAMPLIFIER  NOISE  LIMITED 

• LOW  CAPACITY  TARGET 


Figure  V-27.  SEC  vidicon. 
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Typical  exposure  times  for  the  LST  high  resolution  imagery 
experiments  will  be  several  hours  and  storage  after  exposure  up  to  1 hour. 

The  usefulness  of  a television  sensor  for  long  exposures  is  directly  related 
to  the  internal  background  within  the  television  tube  and  the  environment  in 
which  it  must  operate.  This  background  consists  of  dark  emission  from  the 
photocathode,  field  emission  from  the  electrodes  in  the  image  section,  and 
the  phosphorescence  of  the  materials  that  make  up  the  image  section  of  the 
tube.  In  a low  earth  orbit  there  will  be  a background  caused  by  energetic 
particles  striking  the  window,  the  walls,  and  the  target  of  the  television  tube. 
Operation  of  the  television  system  has  demonstrated  that  the  internal  back- 
ground is  less  than  100  background  photoelectrons/cm2/sec  from  the  photo- 
cathode when  the  tube  is  cooled  to  15°  C. 

There  is  little  data  on  the  background  caused  by  energetic 
particle  radiation  of  this  type  of  sensor.  Theoretical  calculations  are  encour- 
aging but  hardly  adequate  because  of  the  uncertainty  of  the  model.  To  deter- 
mine the  feasibility  of  operating  the  camera  as  the  basic  device  for  storage, 
two  tubes  typical  of  the  design  that  would  be  used  in  the  LST  were  tested  at 
Princeton  University  in  proton  and  gamma  ray  environments.  One  tube  had  an 
MgF2  window  and  the  other  a 7056  glass  window.  The  TV  tubes  were  operated 
during  and  after  the  irradiation  period  to  measure  the  background  caused  by 
the  radiation.  The  results  of  these  tests  have  been  plotted  on  a curve  of 
background  noise  in  Figure  V-28  to  indicate  the  magnitude  of  this  form  of 
background  to  that  inherent  in  the  tube  and  preamplifier.  There  are  several 
possible  explanations  for  the  difference  in  the  results  on  the  glass  and  MgF2 
faceplates  but  they  are  not  important  to  this  discussion. 

During  these  tests  there  was  a gamma  ray  flux  in  the  area 
caused  by  the  main  beam  dissipating  its  energy  in  the  dump  located  nearby. 
This  added  an  undetermined  background  to  the  proton-induced  background. 

A 100  Curie  source  of  Cobalt-60  was  positioned  25  mm  in 
front  of  the  television  tube  window,  resulting  in  a gamma  ray  flux  of  approx- 
imately 43  000  per  cm2.  The  C^60-rays  have  energies  of  1.  17  and  1.33  MeV. 

The  3-mm  thick  MgF2  window  had  a projected  mass  of  0.  9 g/cm2.  With  about 
5 percent  of  the  gamma  rays  undergoing  Compton  scattering  in  this  distance, 
it  is  estimated  that  2000  energetic  electrons  are  produced  per  squared  centi- 
meter per  second.  The  computed  mean  energy  of  the  secondary  electrons  is 
0.  6 MeV.  The  7056  glass  window  is  2.3  mm  thick  and  has  a projected  mass 
of  0.6  g/cm2.  The  energetic  electron  density  in  this  case  is  approximately 
1300  / cm2  / sec. 
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SPATIAL  FREQUENCY  IN  CYCLES/mm 
Figure  V-28.  Interim  results  of  Princeton  irradiation  tests. 


Each  tube  was  irradiated  for  40  minutes  with  the  following 
results.  The  photocathode  voltage  of  8000  volts  and  the  focus  field  of  0.  008  T 
(80  G)  were  on  during  the  irradiation.  The  results  are  again  plotted  to  show  a 
comparison  with  other  parameters.  This  indicates  a slightly  higher  level  for 
gamma  radiation  than  protons,  which  is  not  of  particular  concern  since  gamma 
radiation  is  easier  to  shield  against. 

The  effect  of  these  results  on  the  LST  mission  can  be  extrapo- 
lated to  show  feasibility  . The  radiation  environment  inside  the  instrument 
compartment  of  the  LST  will  be  highly  directional  because  of  the  relatively 
thick  mirror  and  mirror  cell  in  one  direction  and  the  support  spacecraft  in  the 
other  direction.  The  magnetic  focus  coils  assembly  for  the  television  camera 
itself  will  be  relatively  thick  and  provide  considerable  attenuation.  The  proton 
dose  rate  averaged  over  several  orbits  is  2 x 106  protons/cm2  per  day, 
presuming  an  aluminum  skin  thickness  of  3.5  mm  and  an  orbit  altitude  of 
6. 1 x 105  m ( 330  n.mi.) , 28.5  degree  inclination.  This  is  comparable  to  the 
dose  received  by  the  MgF2  windowed  tube  when  one  considers  that  all  of  the 
photons  were  at  the  relatively  high  energy  of  42  MeV.  The  glass  window  tube 
is  more  sensitive  and  it  is  probably  more  accurate  to  say  that  the  tube  sensitive 
to  longer  wavelength  photons  is  more  vulnerable . Even  in  this  case  the  test 
dose  is  comparable  to  2 to  3 hours  in  orbit.  If  the  photocathode  is  turned  off 
during  the  South  Atlantic  anomaly  portion  of  the  orbit,  a substantial  reduction 
in  the  background  can  be  achieved.  The  absence  of  an  afterglow  following  the 
irradiation  period  indicates  that  there  should  be  no  problem  with  storing  an 
image  during  the  pass  through  the  anomaly. 

In  the  SEC  vidicon  the  target  thickness  is  the  determining 
factor  of  its  resolution.  It  can  be  made  thin  but  eventually  reaches  a point 
where  mechanical  considerations  dominate.  The  thickness  of  the  SEC  vidicon 
is  not  directly  measurable;  however,  the  effective  thickness  can  be  calculated 
from  the  measured  apparent  capacitance.  In  a recent  SEC  vidicon  tube  the 
measurements  indicated  a target  thickness  of  about  7 l*m.  Some  data  indicate 
a target  thickness  as  thin  as  3.56  Mm.  In  Figure  V-29  the  MTF  of  image 
section,  the  electron  beam,  and  the  target  have  been  plotted  to  indicate  the 
influence  of  each. 

The  product  of  the  individual  parameter  provides  us  with  the 
expected  system  performance.  These  curves  indicate  that  the  SEC  vidicon  is 
a factor  of  three  off  the  desired  resolution  ( 60  cycle/mm)  . While  it  is  not 
the  purpose  of  this  section  to  discuss  the  scientific  instruments,  it  can  be 
shown  that  for  a 50  percent  response,  the  limiting  resolution  of  a 3-m 
telescope  at  500  nm  (5000  A)  with  f/96  focal  length  is  only  22.5  cycle/mm. 
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MTF 


CYCLES/mtn 


Figure  V-29.  SEC  camera  tube  MTF . 
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A curve  labeled  electrostatic  camera  is  also  included  that  has 
a 60  cycle/mm  resolution  at  the  50  percent  response.  This  camera  was  under 
development  by  Columbia  Broadcasting  System  for  the  outerplanet  missions. 

The  development  has  been  discontinued  because  of  budgetary  restrictions.  The 
design  is  quite  unique  in  concept  (Fig.  V-30)  . The  imaging  section  uses 
electrostatic  focus  and  target  material  is  S02.  The  S02  is  deposited  onto  a 
drum  that  rotates  in  front  of  the  photocathode  for  exposure  and  later  through 
180  degrees  to  the  read-beam.  The  higher  resolution  is  achieved  with  a thinner 
target  than  KC1.  The  drum  is  capable  of  storing  10  frames.  Its  mass  and 
power  compare  favorably  with  the  SEC  vidicon,  60  watts  readout  and  mass 
23  kg  ( 50  lb)  for  a 70  mm  format.  The  prestorage  target  gain  is  quoted  by  the 
contractor  to  be  100  to  200.  Magnetic  focus  in  the  image  section  could  possibly 
improve  the  resolution  to  as  high  as  100  cycles/mm  for  30  percent  response. 

E.  Scientific  Instrument  Control 

1.  Introduction.  The  purpose  of  this  section  is  to  provide  a reference 
design  for  the  control  of  a typical  set  of  instruments  located  in  the  SIP. 

Although  the  details  of  this  set  of  instruments  may  change  as  the  LST  project 
progresses,  they  are  assumed  to  be  adequate  for  this  reference  design.  They 
are 


1 . Mid-IR  Fourier  Spectrograph , 1 . 0 to  5 . 0 M m . 

2.  Faint  Object  Spectrograph,  0.66  to  1.0  Mm. 

3.  Faint  Object  Spectrograph,  0.22  to  0.66  Mm. 

4.  Faint  Object  Spectrograph,  0.110  to  0.22  Mm. 

5.  Echelle  Spectrograph,  0.18  to  0.35  Mm. 

6.  Echelle  Spectrograph,  0.11  to  0.18  Mm. 

7.  Slit  Jaw  Camera  Assembly. 

8.  One  F-12  Camera. 

9.  Three  F-96  Cameras;  0. 115  to  0. 3 Mm,  0.16  to 
0.6  Mm,  0.5  to  1.1  Mm. 
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The  possibility  that  the  control  of  these  instruments  as  well  as  the 
control  of  other  systems  within  the  LST  may  require  computer  support  raises 
the  question  of  computer  configuration  and  dedication,  i.e. , how  many  com- 
puters will  be  utilized  and  what  will  they  control.  Three  primary  LST  func- 
tions were  identified  initially  as  candidates  for  onboard  computer  support. 

1.  ACS  System  and  Solar  Array  Pointing. 

2.  Spacecraft  Data  Handling  and  the  SIP  and  OTA  Housekeeping 
( engineering  data) . 

3.  OTA  and  SIP  Control  and  Computations. 

Three  computer  configurations  were  considered  to  support  these 

functions: 


1 . Alternative  I — three  separate  computers , one  for  each 

function . 

2.  Alternative  H — a single  computer  for  all  functions. 

3.  Alternative  III  — two  separate  computers. 

a.  Alternative  I.  The  attitude  control  system  (ACS)  in  the  SSM 
requires  a digital  computer.  The  functions  requiring  the  computer  are  control 
moment  gyros  (CMGs) , strapdown  inertial  measurement  unit,  star  trackers, 
sun  sensors,  and  fine  guidance  sensor  signals  from  the  OTA. 

SSM  data  handling  requirements  and  the  SIP  and  OTA  engineering 
data  requirements  are  not  sufficient  to  justify  a separate  computer.  The  SSM 
data  handling  will  be  accomplished  with  special-purpose  hardware.  Engineering 
data  from  the  SIP  and  OTA  will  be  telemetered  to  the  ground  for  processing. 
Onboard  checkout  will  be  minimum. 

Part  of  the  OTA  and  SIP  control  and  computation  function 
involves  the  figure  sensors  of  the  OTA  which  require  digital  computations  to 
calculate  the  reference  force  input  to  the  force  actuators.  However,  these 
computations  are  only  required  once  per  week  early  after  launching  and  one 
per  month  later  in  the  mission.  Data  from  the  figure  sensor  can  be  transmitted 
to  the  ground,  the  computations  performed,  and  the  results  transmitted  up  the 
command  link  to  the  force  actuators.  The  OTA  utilizes  closed-loop  servos  for 
control  and  receives  commands  from  the  ground.  Since  the  scientific  data 
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taken  from  the  SIP  will  not  be  processed  onboard,  there  are  no  projected 
computation  requirements  for  this  unit.  However,  the  control  of  the  instru- 
ments within  the  SIP  will  require  either  a computer  or  special-purpose  hard- 
ware for  command  sequencing  and,  possibly,  data  formatting. 

Therefore,  at  most  two  computers  or  processors  are  required: 
the  ACS  definitely  needs  computer  support;  the  SIP  controlling  system  may 
need  computer  support.  The  question  of  a special-purpose  controller  versus 
general-purpose  computer  for  SIP  control  will  be  discussed  later. 

b.  Alternative  n.  Existing  technology  can  readily  provide  a 
single  digital  computer  that  can  perform  both  the  required  functions  discussed 
above:  ACS  control  in  the  SSM  and  SIP  control.  The  single  computer  configura- 
tion will  show  an  advantage  in  mass,  power,  and  volume.  However,  the  single 
computer  configuration  is  a disadvantage  for  LST  operational  requirements. 
These  requirements  are 

1 . The  LST  must  remain  operational  over  a long  period  of 
time.  The  ACS  is  responsible  for  telescope  pointing,  solar  array  pointing,  and 
the  general  safety  and  integrity  of  the  spacecraft.  The  ACS  is  generally  under 
control  of  the  digital  computer.  The  flight  program  of  the  computer  and 
subsequent  changes  must  be  highly  tested  and  verified  before  it  is  qualified  to 
operate  the  spacecraft. 

2.  The  utilization  of  the  SIP  must  be  flexible.  Experimental 
procedures  will  change  frequently.  Probably  many  changes  will  be  made  within 
a few  hours  as  the  experimenter  gets  a quick  look  at  the  data.  This  type  of 
operational  procedure  does  not  lend  itself  to  extended  testing  and  verification  of 
flight  programs  for  the  computer. 

Thus,  these  two  requirements  are  not  compatible  and  the  single 
computer  configuration  is  not  recommended  as  the  reference  design. 

c . Alternative  HI . This  configuration  consists  of  a digital 
computer  for  the  ACS  and  a digital  computer  or  a digital  processor  for  SIP 
control.  The  details  of  the  requirements  for  a digital  computer  or  a simpler 
digital  processor  are  discussed  in  the  following  sections. 

2.  Functional  Analysis  of  SIP  Instruments.  In  addressing  the  question 
of  how  best  to  control  the  instruments  in  the  SIP,  one  must  begin  by  isolating 
the  controllable  variables  within  each  instrument.  Once  this  is  accomplished 
a control  sequence  or  control  flow  chart  can  be  established  for  each  instrument 
and  the  conceptual  design  of  a control  system  for  the  SIP  can  be  discussed. 
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Figure  V-31  shows  the  present  complement  of  instruments  con- 
tained in  the  SIP.3  With  the  exception  of  the  fine  guidance  sensors,  whose 
operations  are  controlled  by  the  pointing  control  system  of  the  OTA , and  the 
folding  mirrors  and  f/96  optics,  which  are  fixed  in  position,  all  other  blocks 
shown  in  this  figure  contain  elements  that  must  be  commanded  to  obtain  the 
desired  instrument  operation.  In  the  following  paragraphs  the  makeup  of  each 
of  these  controllable  blocks  will  be  examined  to  determine  what  items  have  to 
be  controlled  and  in  what  sequence  they  must  be  commanded.  This  will  be 
followed  by  a discussion  of  the  tradeoffs  in  controlling  the  SIP  operation. 

a.  f/96  Camera  Assembly.  The  f/96  camera  assembly  contains 
three  image  tube  assemblies  or  cameras.  Each  tube  is  preceded  by  a filter 
selector.  Only  one  of  the  three  filter  selector /tube  assembly  combinations 
can  be  utilized  at  any  one  time . The  position  of  the  mirror  select  and  drive 
assembly  determines  which  of  the  three  combinations  is  used.  The  f/96 
shutter  positioned  before  the  mirror  select  and  drive  assembly  will  be 
operated  to  either  admit  light  or  totally  block  the  entrance  of  light.  As 
mentioned  above,  the  f/96  optics  located  in  front  of  the  shutter  are  fixed  in 
position  and  thus  require  no  control.  By  examining  each  of  these  components 
in  further  detail,  one  can  determine  what  variables  must  be  controlled. 

(l)  f/96  Shutter  and  Drive  Assembly.  Figure  V-32  includes 

a concept  of  the  operation  of  the  f/96  shutter  and  drive  assembly.  The  control 
logic  shown  in  this  figure  will  contain  a position  register  which  can  be 
commanded  to  place  the  shutter  in  one  of  its  two  possible  positions,  open  or 
closed. 


( 2)  Mirror  Select  and  Drive  Assembly.  A functional  diagram 
of  the  mirror  select  and  drive  assembly  is  included  in  Figure  V-32.  The 
purpose  of  this  mechanism  is  to  direct  the  incoming  light  into  one  of  the  three 
filter  selector/tube  assembly  combinations  of  the  f/96  camera.  This  assembly 
can  be  controlled  by  commanding  its  position  register . Two  digital  bits  would 
be  the  minimum  requirement  for  positioning  the  mirror  to  its  three  positions. 

If  for  some  reason  a finer  mirror  control  were  desired,  more  control  bits 
would  have  to  be  allocated. 


3.  It  should  be  noted  here  that  this  complement  is  subject  to  change.  However, 
the  discussion  of  command  and  control  for  the  present  group  of  instruments 
should  provide  a sound  basis  for  deciding  upon  a general  command  and  control 
mechanism  for  any  instrument  complement. 
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(3)  Filter  Assembly.  The  filter  assembly,  is  envisioned  as 
a wheel  containing  several  filters  and  perhaps  one  open  hole.  The  desired 
filter  could  be  positioned  in  front  of  the  image  tube  by  rotating  the  wheel.  If 
no  filter  is  desired,  the  wheel  could  be  rotated  until  the  open  hole  was  in  front 
of  the  tube . 


The  three  filter  assemblies  used  with  the  f/96  cameras 
can  be  controlled  in  a manner  similar  to  that  used  for  control  of  the  mirror 
select  and  drive  assembly.  This  is  depicted  in  Figure  V-32.  Each  of  the 
filter  assemblies  would  have  its  own  position  register  for  control  of  its  filter 
wheel.  The  number  of  bits  needed  to  command  the  position  registers  would 
depend  upon  the  number  of  filters  contained  within  the  filter  wheels  and  whether 
fine  control  over  the  wheel  position  is  required. 

(4)  Image  Tube  Assemblies.  Behind  each  filter  assembly 
will  be  a tube  assembly  containing  as  SEC  vidicon  with  associated  electronics. 
Each  tube  contains  different  combinations  of  window  and  photocathode  materials 
corresponding  to  the  different  spectral  ranges  to  be  imaged;  however,  all  are 
controlled  in  a like  fashion. 

Two  tube  variables  may  be  controlled:  integration  time 
and  target  scan  rate.  Setting  an  integration  time  for  the  tube  could  be  accom- 
plished by  commanding  the  start  and/or  stop  positions  of  a digital  counter  that 
would  signal  when  to  start  and  stop  tube  integration.  By  controlling  the  number 
of  counts  made  by  this  counter,  one  could  control  the  integration  time.  The 
target  scan  rate  or  readout  rate  is  determined  by  the  rate  of  the  video  clock 
shown  in  Figure  V-33.  This  video  clock  rate  may  be  controlled  by  a number 
of  methods;  the  particular  method  used  will  depend  upon  the  final  scan  control 
requirements.  Regardless  of  the  particular  method  of  control,  a digital 
command  will  select  the  appropriate  clock  rate.  It  is  assumed  that  these 
clock  rates  will  be  chosen  to  yield  tube  data  rates  that  are  compatible  with  the 
receiving  capabilities  of  existing  ground  stations.  If  it  should  be  determined 
that  multiple  clock  rates  are  required,  provisions  will  have  to  be  made  for 
formatting  tube  data. 


Once  these  variables  are  set,  a tube  command  sequence 
can  be  initiated.  This  command  sequence  consists  of  the  four  mode  commands 
shown  in  Figure  V-34.  Each  mode  command  will  start  a specific  hardware 
sequence,  which  will  control  all  the  operations  within  a tube  mode.  A possible 
hardware  sequence  is  given  for  each  mode  in  this  figure . 
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Figure  V-31.  Scientific  instrument  package. 


INTERFACE 


Figure  V-33.  Functional  block  diagram  of  digital  scan  control  system. 


Note  that  in  the  exposure  mode  the  operation  of  the  shutter 
has  been  listed  as  optional.  The  reasoning  behind  this  follows.  Two  methods 
have  been  proposed  for  starting  and  stopping  tube  integration . In  one  method  a 
mechanical  shutter  is  operated  to  either  pass  or  block  light.  This  method  is 
exemplified  by  the  f/96  shutter.  The  alternative  method  relies  upon  the  on/off 
switching  of  the  high  voltage  (~8000  volts)  between  the  photocathode  and  target 
of  the  SEC  vidicon.  When  the  high  voltage  is  off,  the  photoelectrons  from  the 
photocathode  are  not  accelerated  to  the  tube  target . Thus , the  optical  image  on 
the  photocathode  is  not  projected  to  the  target. 
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VARIABLES 


INTEGRATION  TIME 

VIDEO  CLOCK  RATE  FOR  SCAN  RATE  CONTROL 


OPERATIONS 
WITHIN  EACH 
MODE  ARE 
HARDWARE 
CONTROLLED 


Figure  V-34.  Tube  command  sequence. 
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Regardless  of  which  method  is  decided  upon,  the  tube  will 
be  commanded  by  the  same  mode  commands.  The  only  impact  upon  these 
commands  will  be  in  the  hardware  sequence  of  operations  in  the  Exposure 
Mode.  For  the  mechanical  shutter  concept  the  hardware  would  command  the 
shutter  to  either  open  or  close.  If  the  high-voltage  method  were  used,  the 
hardware  would  simply  command  it  either  on  or  off. 

One  exception  to  this  concept  of  hardware-controlled 
sequences  occurs  during  long  integration  times  (hours)  when  it  becomes 
necessary  to  start  and  stop  tube  integration  due  to  occulted  sources . When 
occultation  occurs,  it  will  be  necessary  to  block  the  incoming  signal  to  the 
tube  target,  using  either  one  of  the  two  aforementioned  methods,  and  to  halt 
the  integration  time  counter.  Once  the  source  is  reacquired,  integration  may 
be  resumed.  Thus,  access  will  be  required  to  both  the  integration  time  counter 
and  either  the  instrument's  shutter  or  the  high  voltage  of  the  tube. 

A functional  block  diagram  of  the  SEC  tube  assembly  is 
shown  in  Figure  V-32.  The  f/96  camera  structure  will  have  three  of  these 
tube  assemblies . This  block  diagram  shows  that  the  following  components  may 
be  controlled:  the  tube  sequence  logic  for  giving  mode  commands,  the  integra- 
tion time  counter  for  setting  the  integration  time  and  accounting  for  occultation, 
the  video  clock  for  setting  scan  rates,  and,  finally,  either  the  photocathode 
high  voltage  or  the  instrument  shutter  (not  shown)  for  stop/start  integration 
control  during  occultation.  The  other  items  shown  are  under  the  hardware 
control  of  the  tube  sequence  logic. 

It  has  been  proposed  that  for  some  instruments  in  the 
SIP  only  a portion  of  the  SEC  tube's  target  would  be  transmitted  to  ground. 

This  can  be  accomplished  by  additional  hardware  within  the  tube  assembly. 

By  setting  an  additional  variable  register  or  registers  (not  shown  in  Fig. 

V-32) , the  hardware  sequence  can  be  switched  to  the  desired  sweep  mode. 

No  change  in  the  tube  mode  command  sequence  need  be  implemented. 

( 5)  Self  Checking  Capability.  It  should  be  pointed  out  at 
this  time  that  a number  of  points  within  both  the  f/96  camera  structure  and 
those  systems  yet  to  be  discussed  will  be  monitored  through  the  data  acquisi- 
tion system.  Data  from  these  points  will  be  taken  through  DAUs  and  either 
transmitted  real-time  to  ground  or  stored  on  tape  recorders  for  later  trans- 
mission. On  the  ground  these  data  will  be  analyzed  to  insure  that  the  instru- 
ments are  in  proper  operating  order.  In  addition  to  this  checking  capability, 
each  instrument  will  have  its  own  self-check  procedure  implemented  through 
individual  hardware  packages  called  self-check  logic.  Upon  command  these 
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individual  hardware  units  will  distribute  test  voltages  to  numerous  points  within 
the  instrument's  control  system.  Some  of  the  results  of  these  test  voltages  will 
be  hardware  inspected  to  determine  go/no  go  operation . The  remainder  of  the 
results  will  be  monitored  through  the  data  acquisition  system . 

(6)  Control  Sequence.  Now  that  the  discussion  of  controllable 
variables  within  each  component  of  the  f/96  camera  assembly  is  completed,  a 
control  sequence  for  this  structure  may  be  formulated.  The  following  sequence 
of  commands  would  provide  operational  control: 


1. 

2. 

3. 

drive  assembly. 

4. 

assembly. 

5. 

variables. 

6. 

Command  instrument  power  on. 

Initiate  self-check  logic  for  hardware  test  routine. 
Read  out  engineering  data  to  tape  or  ground . 
Command  position  register  of  the  mirror  select  and 

Command  position  register  of  appropriate  filter 

Command  the  appropriate  registers  to  set  tube 


a.  Integration  time  set  by  commanding  start/ stop 
position  of  integration  time  counter. 

b . Scan  rate  set  by  commanding  register  for 
control  of  video  clock  rate. 

7 . Submit  mode  commands  to  tube  sequence  logic . 

a.  Prepare  mode. 

b.  Exposure  mode  (command  integration  time 
counter  and  either  shutter  or  photocathode  high  voltage  during  occultation)  . 

c . Read  out  mode . 

d.  Erase  mode. 
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b.  SIP  Axial  Instruments.  The  SIP  axial  instrument  group  consists 
of  two  Fchelle  spectrographs  for  the  wavelength  ranges  0.11  to  0,18  Mm  and 
0.18  to  0.35  Mm,  a faint  object  spectrograph  for  the  wavelength  range  0.11  to 
0.22  Mm,  and  an  unassigned  instrument.  All  these  instruments  share  the  same 
collimating  mirror  and  entrance  slit  mechanism . If  it  is  determined  that 
shutters  will  be  used,  possibly  one  would  be  positioned  in  the  vicinity  of  the 
entrance  slit  mechanism  and  shared  by  all  the  axial  instruments . 

(i)  Spectrograph  Selector.  The  collimating  mirror  for  these 
instruments  is  contained  in  the  spectrograph  selector.  It  can  be  positioned  to 
one  of  four  positions  to  determine  which  of  the  four  axial  instruments  is  to  be 
used.  A conceptual  block  diagram  of  the  spectrography  selector  is  included 
in  Figure  V-32.  This  control  mechanism  is  very  similar  to  the  one  discussed 
previously,  with  the  exception  of  the  presence  of  a locking  device  to  fix  the 
mirror  in  place  once  it  has  been  properly  positioned.  This  locking  device  is 
under  the  hardware  control  of  the  digital  comparator.  Thus,  the  position 
register  is  still  the  only  item  to  be  commanded.  Here  again  the  number  of 
command  bits  needed  will  be  dictated  by  the  final  requirement  on  position 
control . 


(2)  Slit  Mechanism.  The  slit  mechanism,  which  is  located 
at  the  telescope  f/12  focal  plane,  contains  the  slits  through  which  light  passes 
before  being  directed  to  the  appropriate  instrument  by  the  selector . Figure 
V-31  indicates  the  path  of  light  to  each  of  the  axial  instruments. 

The  slits  within  the  slit  mechanism  will  be  located  on  a 
wheel.  By  controlling  the  position  of  this  slit  wheel,  one  may  select  a desired 
entrance  slit.  The  proposed  mechanism  for  controlling  the  position  of  the  slit 
wheel  is  the  same  as  the  control  mechanism  for  the  filter  wheel . The  only 
requirement  for  control  is  the  commanding  of  a position  register.  The  number 
of  bits  needed  for  the  command  will  be  a function  of  the  number  of  slits  on  the 
wheel  and  the  possible  requirement  for  fine  control  of  the  wheel  position. 

( 3)  Slit  Jaw  Camera.  It  has  been  proposed  that  a slit  jaw 
camera  be  used  in  conjunction  with  all  slit  mechanisms.  The  purpose  of  this 
instrument  is  to  provide  a device  through  which  the  stellar  field  around  an 
entrance  slit  may  be  examined  to  insure  that  the  object  of  interest  is  positioned 
within  the  slit.  If  it  is  determined  by  examining  the  picture  transmitted  to 
ground  by  this  camera  that  the  object  of  interest  is  not  positioned  within  the 
slit,  then  appropriate  commands  will  have  to  be  submitted  to  the  spacecraft 
sensing  and  control  system  to  reposition  the  telescope  line  of  slight.  The  slit 
jaw  camera  provides  a possible  way  of  accomplishing  this  objective  but  it  is 
not  the  only  way . Other  methods  are  presently  being  proposed  and  analyzed  in 
an  effort  to  optimize  the  SIP  performance. 
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Figure  V-35  presents  a possible  implementation  of  the 
slit  jaw  concept.  The  present  complement  of  instruments  in  the  SIP  contains 
three  slit  mechanisms:  one  for  the  four  axial  instruments  and  one  each  for  the 
two  radial  faint  object  spectrographs.  The  slit  wheel  within  each  mechanism 
can  be  controlled  by  commanding  individual  position  registers  as  discussed 
earlier.  Once  a slit  wheel  has  properly  positioned  a slit  before  the  optics  of 
an  instrument,  the  image  on  the  mirrored  area  surrounding  this  slit  is 
projected  through  a slit  jaw  folding  mirror  assembly  to  one  of  the  three  optical 
paths  of  the  slit  jaw  optics. 

All  three  optical  paths  of  the  slit  jaw  optics  are  focused 
onto  the  slit  jaw  SEC  tube’s  target.  Various  methods  for  selecting  which  of 
the  three  optical  paths  will  be  integrated  on  the  tube's  target  at  any  one  time 
are  presently  being  analyzed.  The  method  presented  in  Figure  V-35  utilizes 
"nonreflective  surfaces"  on  the  slit  wheels.  By  properly  positioning  the 
nonreflective  portion  of  two  slit  wheels  before  two  of  the  three  optical  paths , 
the  third  optical  path  may  be  integrated  without  interference  and  transmitted 
to  ground  for  examination.  This  concept  requires  no  movable  parts  within 
either  the  slit  jaw  fold  mirror  assemblies  or  the  slit  jaw  optics.  However, 
if  it  is  determined  that  shutters  will  be  used,  the  nonreflective  surfaces 
would  not  be  needed . 


Based  upon  the  concept  of  the  slit  jaw  camera  shown  in 
Figure  V-35,  the  following  control  sequence  may  be  utilized. 


1.  Command  instrument  power  on. 

2.  Initiate  self  check  logic  for  hardware  test  routine. 

3.  Readout  engineering  data  to  tape  or  ground. 

4.  Command  the  position  register  of  the  two  slit 
mechanisms  not  being  used  to  properly  position  the  nonreflective  surfaces,  or 
command  shutters  to  close  on  two  instruments . 


5.  Command  the  position  register  of  the  slit  mechanism 
being  utilized  to  position  the  proper  slit  (if  not  already  done)  . 


variables. 


6.  Command  the  appropriate  registers  to  set  tube 


7.  Submit  mode  commands  to  tube  sequence  logic. 
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Figure  V-35.  Functional  block  diagram  of  slit  jaw  camera  assembly. 
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It  should  be  noted  here  that  the  silicon  intensified  target 
(SIT)  vidicon  is  a strong  candidate  for  replacement  of  the  SEC  vidicon  in  the 
slit  jaw  camera.  Should  this  replacement  occur,  it  is  assumed  that  the  SIT 
vidicon  will  be  controllable  through  mode  commands  similar  to  the  SEC 
control . 


(4)  Echelle  Spectrographs.  Two  Echelle  spectrographs  are 
included  in  the  axial  instrument  compartment.  Both  instruments  contain  a 
section  of  fixed  optics  followed  by  a tube  assembly,  as  shown  in  Figure  V-32. 
The  differences  between  the  two  instruments  are  the  rulings  of  the  reflection 
gratings  and  cross  dispersers  and  differences  in  the  window  and  photocathode 
materials  in  the  two  tube  assemblies. 


The  following  control  sequence  was  formulated  for  the 
Echelle  spectrographs: 


1.  Command  instrument  power  on. 

2.  Initiate  self-check  logic  for  hardware  test  routines. 

3 . Read  out  engineering  data  to  tape  or  ground . 

4.  Command  position  register  of  slit  mechanism. 

5.  Command  position  register  of  spectrograph  selector. 

6.  Utilize  slit  jaw  camera  routine  to  check  relative 
position  of  desired  stellar  object  and  slit. 

7.  Command  the  appropriate  registers  to  set  tube 


variables. 


8.  Submit  mode  commands  to  tube  sequence  logic. 

(5)  Faint  Object  Spectrograph.  This  spectrograph  operates 
over  the  spectral  range  of  0.11  to  0.22  jum.  A functional  block  diagram  of 
this  instrument  is  included  in  Figure  V-32.  Since  this  instrument  contains 
two  reflecting  gratings,  a grating  drive  assembly  had  to  be  included.  This 
mechanism,  similar  to  those  previously  discussed,  operates  through  a position 
register.  The  control  sequence  for  this  instrument  is  as  follows: 
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1.  Command  instrument  power  on. 

2.  Initiate  self-check  logic  for  hardware  test  routines. 

3 . Readout  engineering  data  to  tape  or  ground . 

4.  Command  position  register  of  slit  mechanism. 

5.  Command  position  register  of  spectrograph  selector. 

6.  Utilize  slit  jaw  camera  routine  to  check  relative 
position  of  desired  stellar  object  and  slit. 

7.  Command  position  register  of  grating  drive  assembly. 

8.  Command  appropriate  registers  to  set  tube  variables. 

9 . Submit  mode  commands  to  tube  sequence  logic . 

(6)  Unassigned  Instrument.  The  last  instrument  in  the  axial 
group  is  unassigned  at  this  time.  However,  since  it  is  positioned  with  the  other 
axial  instruments  its  operational  control  sequence  would  have  to  include 
control  of  the  slit  mechanism  and  the  spectrograph  selector . Further  specula- 
tion on  its  control  cannot  be  made  at  this  time . 

c.  SIP  Radial  Instruments.  The  instruments  in  this  group  receive 
their  light  signals  from  the  field  select  mirrors  which  divert  the  light  from  the 
optical  axis  of  the  telescope  into  the  instrument's  line  of  sight.  These  instru- 
ments include  a mid-IR  Fourier  spectrograph  covering  the  spectral  range  from 
i to  5 Mm,  an  f/12  camera  assembly,  and  two  faint  object  spectrographs 
covering  the  spectral  ranges  from  0. 22  to  0.66  Mm  and  from  0.  66  to  1 Mm. 

( i)  Mid-IR  Fourier  Spectrograph.  The  basic  operation  of 
the  mid-IR  Fourier  spectrograph  is  outlined  in  Figure  V-36.  After  light  has 
passed  through  an  aperture,  it  is  split  by  a beamsplitter  into  two  directions. 

In  one  direction  the  light  is  reflected  from  a fixed  mirror  and  in  the  other 
direction  it  is  reflected  by  a movable  mirror.  Both  reflected  beams  return 
to  the  beamsplitter,  where  a portion  of  each  is  passed  to  an  intensity  detector. 
Two  items  of  information  must  be  extracted  from  this  instrument.  First,  the 
position  of  the  movable  mirror  must  be  known,  and  second,  the  intensity 
reading  of  the  detector  for  that  particular  position  of  the  movable  mirror  must 
be  monitored. 
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FIXED 


Figure  V-36.  Block  diagram  of  mid-IR  Fourier  spectrograph. 


A detailed  functional  block  diagram  of  this  instrument  is 
presented  in  Figure  V-32.  Although  the  diagram  included  in  the  figure  is  more 
detailed  than  Figure  V-36,  the  basic  operation  is  the  same.  A step  command 
from  the  command  interface  initiates  a reference  counter  in  the  control  logic 
which  steps  the  movable  cat's  eye  through  a finite  series  of  positions.  This  is 
analogous  to  the  movable  mirror  of  Figure  V-36.  A reading  is  taken  from  the 
Pb-Se  detector  at  every  position.  This  reading,  along  with  periodic  informa- 
tion about  the  position  of  the  movable  cat's  eye  taken  from  the  fringe  counter, 
is  sent  either  directly  to  ground  over  the  scientific  data  link  or  stored  on  the 
tape  system  within  the  data  acquisition  system  for  later  transmission  to 
ground.  The  quantity  of  data  produced  by  this  instrument  (~2  megabits/ 
interferogram)  will  not  tax  the  tape  system’s  capacity.  Also,  the  movable 
cat's  eye  within  this  instrument  may  be  moved  at  a slow  enough  rate  to  make 
the  instrument's  data  rate  compatible  with  the  recording  rate  of  the  tapes. 
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By  using  this  information,  a possible  control  sequence 
for  this  instrument  may  be  formulated  as  follows: 

1.  Command  instrument  power  on. 

2.  Initiate  self-check  logic  for  hardware  test  routine. 

3.  Readout  engineering  data  to  tape  or  ground. 

4.  Command  switching  logic  to  route  data  either  real- 
time to  ground  or  to  the  data  acquisition  tape  system  for  storage . 

5.  Submit  step  command  to  reference  counter. 

6.  Read  out  fringe  counter  and  Pb-Se  detector. 

( 2)  f/i 2 Camera  Assembly.  The  f/12  camera  assembly 
consists  of  two  components , a filter  assembly  and  a tube  assembly  ( as 
mentioned  before  a shutter  assembly  may  possibly  be  included  with  each 
instrument) . The  control  mechanism  for  the  filter  selector  will  be  similar 
to  the  ones  used  in  the  f/96  camera  assembly  and  the  tube  assembly  will  have 
the  same  functional  block  diagram  as  the  one  shown  in  the  f/96  assembly  of 
Figure  V-32. 


as  follows: 


The  control  sequence  for  the  f/12  camera  would  proceed 


1.  Command  instrument  power  on. 

2.  Initiate  self-check  logic  for  hardware  test  routine. 

3.  Readout  engineering  data  to  tape  or  ground. 

4.  Command  position  register  of  f/12  filter  assembly. 

5.  Command  appropriate  registers  to  set  tube  variables. 

6 . Submit  mode  commands  to  tube  sequence  logic . 

(3)  Faint  Object  Spectrographs.  The  radial  faint  object 
spectrograph  covering  the  spectral  range  from  0.22  to  0.66  is  illustrated 
in  Figure  V-32.  The  only  items  to  control  in  this  instrument  are  the  position 
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of  the  slit  wheel  and  the  operation  of  the  tube  assembly . Every  other  item  is 
fixed  in  position.  The  proposed  mechanism  for  controlling  the  position  of  the 
slit  wheel  is  the  same  as  the  one  shown  for  the  slit  mechanism  used  with  the 
axial  instruments.  Thus,  the  position  of  the  slit  wheel  is  controlled  by 
commanding  a position  register.  Once  again  the  size  of  the  command  will 
depend  upon  the  tolerance  to  which  the  wheel  position  must  be  controlled. 

The  control  sequence  for  this  instrument  is  as  follows: 

1.  Command  instrument  power  on. 

2.  Initiate  self  check  logic  for  hardware  test  routine. 

3.  Readout  engineering  data  to  tape  or  ground. 

4.  Command  position  register  of  slit  mechanism. 

5.  Utilize  slit  jaw  camera  routine  to  check  relative 
position  of  desired  stellar  object  and  slit. 

6.  Command  appropriate  registers  to  set  tube  variables. 

7 . Submit  mode  commands  to  tube  sequence  logic . 

This  control  sequence  may  also  be  applied  to  the  other 
radial  faint  object  spectrograph  covering  the  spectral  range  from  0.66  to  1 Jim. 
The  only  difference  in  these  two  spectrographs  lies  in  their  fixed  position 
optics  and  their  image  tubes. 

3.  Discussion  of  SIP  Control.  With  control  sequences  for  each 
instrument  now  defined , attention  can  be  focused  upon  the  choice  of  a controlling 
scheme  for  the  whole  SIP.  In  the  following  paragraphs  two  methods  of  SIP 
control  will  be  examined:  special-purpose  hardware  control  and  general- 
purpose  computer  control. 

Commands  that  are  addressed  to  the  SIP's  command  decoder! s) 
will  pass  from  the  decoder!  s)  to  a unit  called  the  scientific  instrument  con- 
troller, as  shown  in  Figure  V-37.  This  controller,  which  will  either  be 
special-purpose  hardware  or  a small  computer,  will  supervise  the  distribution 
of  command  sequences  to  the  instruments  of  the  SIP.  It  will  have  the  capability 
of  storing  instructions  in  its  memory  and  recalling  them  upon  command.  Each 
instrument  in  the  SIP  has  its  own  control  sequence.  These  sequences  are  lists 
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of  commands  to  be  submitted  to  control  points  within  the  SIP  at  particular 
times.  No  calculations  are  required  in  the  command  sequences.  The  only 
variables  associated  with  these  sequences  are  the  variable  commands  given 
to  position  registers  (positions  no.  i,  no.  2,  etc.)  and  possibly  the  time  of 
execution  of  certain  commands  within  the  sequence.  Once  these  variables 
are  set  within  the  control  sequence,  the  control  of  the  instrument  is  also  set. 


Figure  V-37.  Control  of  SIP  by  scientific  instrument  controller. 
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The  scientific  instrument  controller  memory  will  be  loaded  with 
the  control  sequences  for  all  the  instruments.  Whenever  an  instrument  is  to 
be  used,  commands  coming  either  real-time  from  ground  or  time  tagged  from 
the  command  processor  will  load  any  new  variable  instructions  that  are  needed 
in  the  instruments  control  sequence  and  then  call  the  sequence  into  operation. 

a.  Special-Purpose  Controller.  Since  the  control  sequences  for 
the  proposed  complement  of  instruments  require  no  arithmetic  computation  to 
accomplish  their  control,  a special-purpose  controller  will  be  sufficient  for 
commanding  the  present  SIP.  A conceptual  design  of  such  a controller  is 
shown  in  Figure  V-38. 

The  control  unit  within  this  special-purpose  controller  will 
process  interrupt  requests  coming  either  from  the  command  processor  through 
the  command  decoder(s)  or  from  the  instruments.  It  will  provide  signals  to 
control  the  input/output  ( IO)  operations  of  the  memory  and  handle  all  output 
sync  pulses  on  the  controller  to  instrument  control  lines.  It  will  also  handle 
the  input  sync  pulses  for  transferring  information  in  from  the  command 
decoder (s)  and  handle  any  interrupt  priority  system  that  may  be  deemed 
necessary . The  program  counter  will  hold  the  address  of  the  word  currently 
being  referenced  in  memory . The  memory  data  register  holds  the  word  that 
is  either  written  into  or  read  out  of  memory.  The  select  and  timing  section 
contains  all  the  circuitry  required  for  accessing  a word  in  memory  and 
supplies  regulated  word  currents  for  either  reading  or  writing.  It  will  also 
contain  timing  circuitry  for  strobing  the  sense  amplifier  and  providing  digit 
current  timing.  The  working  registers  will  be  multiple  registers  that  may  be 
needed  to  route  information  into  and  through  the  controller.  The  instrument 
selection  register  will  contain  the  code  of  the  instrument  being  commanded 
by  the  controller  and  the  instrument  command  register  would  contain  the 
command  for  the  selected  instrument.  In  essence,  this  design  represents  a 
small  computer  without  an  arithmetic  capability. 

Commands  will  be  distributed  to  the  appropriate  control  points 
in  the  SIP  through  an  interface  similar  to  the  one  shown  in  Figure  V-39.  Each 
instrument  will  have  its  own  separate  interface  to  facilitate  the  addition  or 
substitution  of  instruments.  The  individual  instrument  interfaces  will  route 
commands  from  the  command  lines  to  the  appropriate  control  points  within  the 
instrument.  The  instrument  selection  lines  will  be  used  to  select  the  instru- 
ment to  be  commanded.  The  control  lines  to  the  instrument  will  synchronize 
all  transfers  of  commands  on  the  command  lines  and  control  any  interrupt 
priority  system.  Signals  on  the  instrument-to-controller  control  lines  will 
permit  the  instrument  to  request  a program  interrupt,  indicating  that  it  is 
ready  for  a data  transfer . 
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Figure  V-38.  Special-purpose  design  configuration  for  scientific  instrument  controller. 
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Figure  V-39.  Command  interface  between  scientific  instrument  controller  and  SIP  instruments 


b.  General-Purpose  Controller.  If  it  should  be  determined  at  a 
later  date  that  an  arithmetic  capability  in  the  SIP  would  be  desirable  for  onboard 
status  checks  of  the  instruments,  computation  requirements  of  a new  instru- 
ment, etc. , the  special-purpose  controller  would  be  inadequate.  In  this  case 
a small  computer  would  be  more  desirable.  The  computer  would  have  the  same 
data  handling  capability  of  the  special-purpose  controller  plus  an  arithmetic 
capability.  A likely  candidate  for  this  role  is  Control  Data's  469  computer, 
which  has  already  been  recommended  for  the  ACS  of  the  LST  and  other  NASA 
projects. 


A block  diagram  of  the  central  processor  of  the  469  computer 
is  presented  in  Figure  V-40.  This  diagram  is  functionally  the  same  as  the 
special-purpose  hardware  conceptual  design  in  Figure  V-38  with  the  addition 
of  an  arithmetic  unit. 


I/O  CHANNEL 
SELECT 


OUTPUT  BUS 
(SERIAL  OUTPUT  INCL  ) 


Figure  V-40.  469  computer  functional  block  diagram. 


V-87 


The  arithmetic  section  consists  of  two  identical  metal  oxide 
semiconductor/large-scale  integrated  circuits  (MOS/LSI)  devices,  each  being 
a fully  self-contained  8-bit  adder.  The  device  has  two  holding  registers  which 
are  inputs  to  the  adding  network.  The  adder  also  has  the  ability  to  perform  a 
1-bit  right  shift  or  masking  operation. 

An  extra  LSI  register  file  is  implemented  in  the  central 
processor  to  perform  the  fast  fractional  multiply.  It  is  shown  as  the  box 
labeled  SHIFT  above  the  arithmetic  LSIs  in  Figure  V-40. 

The  control  section  of  the  469  computer  consists  of  five  MOS/ 
LSI  devices.  Control  No.  1 provides  signals  to  the  remaining  control  devices 
and  provides  the  four  bits  of  channel  information  for  IO  operation.  Control 
No.  2 processes  interrupt  requests  and  the  associated  selection  of  registers 
related  to  interrupt  operation.  Control  No.  3 provides  signals  to  operate  the 
memory  in  conjunction  with  the  central  processor.  Control  No.  4 provides 
some  commands  to  the  arithmetic  section  as  well  as  the  input  and  output 
strobe  signals  for  I/O  operations.  Control  No.  5 handles  the  serial  input  and 
provides  additional  commands  to  the  arithmetic  unit. 

The  output  register  group  consists  of  two  MOS/LSI  devices, 
each  containing  three  general-purpose  8-bit  holding  registers.  One  register 
is  used  to  hold  data  from  the  most  recent  parallel  output  instruction.  These 
data  will  remain  in  the  register  until  a new  parallel  output  instruction  is 
executed  and  will  then  go  to  the  command  lines  of  the  output  bus  in  a fashion 
similar  to  the  transfer  of  data  from  the  instrument  command  register  in 
Figure  V-38.  The  second  register  (digit)  holds  the  data  which  are  to  be 
written  into  the  memory.  This  register,  in  conjunction  with  the  sense  digit 
section,  which  contains  all  the  necessary  circuitry  required  for  sensing 
signals  from  memory,  provides  a function  similar  to  the  memory  data 
register  of  Figure  V-38.  The  third  register  (S)  is  used  to  hold  the  address 
of  the  word  being  referenced  in  memory  (program  counter,  Fig.  V-38)  . The 
select  and  timing  section  provides  the  same  function  as  the  one  in  Figure 
V-38. 


The  register  file  for  the  469  computer  consists  of  16  words  of 
16  bits  each.  The  file  is  made  up  of  four  MOS/LSI  devices,  each  consisting  of 
eight  words  by  8 bits.  The  speed  of  the  standard  469  computer  is  2.  5 MHz. 

The  memory  used  in  this  digital  processor  is  constructed  with 
plated  wire  elements.  This  type  of  memory  allows  random  access  and  is  word 
organized.  It  does  not  require  rewriting  after  a read  cycle  and,  therefore, 
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provides  for  faster  operation  through  its  inherent  nonvolatile  or  nondestructive 
readout  (NDRO)  characteristics.  The  basic  word  length  is  16  bits  with  a read 
cycle  time  of  1. 6 M sec,  a write  cycle  time  of  2.4  Msec,  and  an  access  time  of 
500  nsec. 


The  size  requirements  placed  upon  this  memory  by  the  SIP 
instrument  control  sequences  are  expected  to  be  minimal.  Two  K of  this  16- 
bit  memory  should  be  more  than  sufficient  for  this  purpose.  Utilizing  this 
size  memory  for  the  scientific  instrument  controller  would  yield  a flexible 
unit  with  excellent  expansion  capabilities . 

The  physical  characteristics  of  a 469  general-purpose  computer 
with  a 2K  plated  wire  memory  are  as  follows: 


1. 

Weight: 

< 1 kg. 

2. 

Volume: 

< 900  cm3. 

3. 

Power: 

<15  watts. 

With  the  discussion  of  both  special-purpose  hardware  control 
and  general-purpose  computer  control  completed,  the  following  observations 
can  be  made: 


1 .  The  only  outstanding  hardware  difference  in  the  two 
control  schemes  is  the  presence  of  an  arithmetic  unit  in  the  general-purpose 
computer . 


2.  The  special-purpose  hardware  would  require  a develop- 
mental cost,  whereas  the  computer  is  readily  available. 

3.  The  arithmetic  capability  of  the  computer  would  provide 
more  flexibility  and  a greater  expansion  capability  than  special-purpose 
hardware . 

4.  Should  it  be  determined  that  data  formatting  of  tube  data 
is  necessary,  the  computer  could  handle  this  development  whereas  the  special- 
purpose  hardware  would  possibly  require  additional  hardware  to  accomplish  it. 

5.  The  main  advantages  to  a special-purpose  hardware 
controller  would  lie  in  its  physical  characteristics:  smaller  size  and  weight, 
smaller  power  requirement,  and  greater  speed. 
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6.  The  question  of  reliability  is  more  a function  of  system 
configuration  ( redundancy)  than  either  special-purpose  hardware  or  general- 
purpose  computer  per  se. 

On  the  basis  of  these  observations,  it  is  recommended  that  a 
general-purpose  computer  be  utilized  as  the  scientific  instrument  controller. 
Since  the  Control  Data  469  computer  has  already  been  recommended  for  other 
related  NASA  applications , it  would  be  logical  to  consider  this  unit  for  use 
here. 


4.  Reference  Design  of  SIP  Control  System . On  the  basis  of  the 
functional  analysis  of  the  SIP  instruments  and  the  discussion  of  SIP  control. 
Figure  V-32  was  developed  as  a reference  design  of  the  SIP  control  system. 
This  figure  shows  the  data  paths  from  the  SIP's  remote  decoder(s)  to  the 
control  points  within  each  instrument,  the  optical  interface  with  the  OTA,  and 
also  lists  the  points  that  must  be  commanded  for  proper  operation  of  each 
instrument.  To  reduce  repetition  in  Figure  V-32  only  one  detailed  portrayal 
was  made  of  a tube  assembly,  filter  selector,  and  slit  mechanism.  The 
detailed  drawing  of  each  was  assigned  the  number  one  and  subsequent  repeti- 
tions were  numbered  accordingly. 

F.  Tracking  and  Data  Relay  Satellite  System 
(TDRSS)  to  LST  Data  Link 


1 . Introduction . The  design  reference  communication  subsystem  for 
transmitting  scientific  data  to  earth  does  not  allow  a continuous  look  at  high 
data  rate  experiments  because  of  the  relatively  narrow  information  bandwidth 
of  the  STDN  ground  intercommunication  system  and  the  intermittent  contact 
time  of  satellites  in  low  to  medium  earth  orbits.  Use  of  the  synchronous 
altitude  TDRSS  with  its  wide  information  bandwidth  and  nearly  continuous 
contact  time  will  allow  a real-time  look  at  high  data  rate  experiments.  The 
following  discussion  contains  tradeoffs  in  an  alternative  TDRSS  terminal  data 
link  for  the  LST. 

a.  Design  Approach.  Wideband  communication  (greater  than 
10  MHz)  from  low  to  medium  altitudes  to  earth  via  TDRSS  requires  a high 
gain  antenna  and  moderate  transmitter  power.  Fifty  megabits  of  data  require 
2. 4 m ( 8 ft)  antenna  dish  and  40  watts  of  RF  power,  as  will  be  shown  later. 
One  major  design  obstacle  was  the  storage  and  deployment  of  two  2.4  m (8  ft) 
diameter  dishes.  Two  antennas  are  required  to  minimize  contact  time 
outages . 
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Figure  V-41  shows  the  LST  in  the  payload  bay  of  the  orbiter. 
As  can  be  seen,  there  are  two  areas  where  an  angcnna  may  be  stowed.  The 
volume  between  the  sunshield  end  of  the  LST  and  the  end  of  the  cargo  bay  has 
more  than  adequate  space  for  antenna  stowage,  as  the  figure  shows.  Since  the 
antenna  must  gimbal  to  track  the  Tracking  and  Data  Relay  Satellite  ( TDRS) , 
the  antenna  dish  must  be  mounted  on  a boom.  The  boom  could  be  attached  to 
the  sunshield  or  to  the  bottom  of  the  OTA . Attaching  the  boom  to  the  sunshield 
is  not  attractive  because  the  sunshield  deploys.  This  would  make  it  necessary 
to  have  deployable  signal  and  power  leads  to  the  antenna.  Attaching  the  boom 
to  the  bottom  of  the  OTA  requires  approximately  a 7. 6 m (300  in.)  boom.  In 
addition,  the  boom  must  have  a joint  at  the  end  of  the  sunshield  to  allow  the 
antenna  to  clear  the  cargo  bay  walls  when  stored . The  other  area  in  which  to 
stow  the  antenna  is  between  the  SSM  and  the  cargo  bay  wall.  The  dimension 
between  the  SSM  and  the  bay  walls  is  approximately  35  cm.  In  this  case,  a 
deployable  dish  would  be  required. 

The  choice  of  the  type  of  transmitter  is  limited  because  40 
watts  of  power  is  required  at  Ku  bank  ( 13. 5 to  15.3  GHz) . Efficient  solid- 
state  generation  of  power  at  this  frequency  is  not  presently  available.  The 
most  efficient  and  reliable  source  of  power  at  the  Ku  band  is  the  traveling 
wave  tube  (TWT)  amplifier. 

b.  Typical  Antenna  Tracking  Requirements.  The  angle  tracking 
requirement  of  the  antenna  was  assessed  while  the  LST  was  fixed  on  several 
stars.  Figures  V-42  and  V-43  are  typical  examples  of  the  antenna  require- 
ments. As  can  be  seen,  the  angle  traced  per  orbit  is  approximately  1.4  rad 

( 80  degrees)  maximum  and  0.15  rad  ( 10  degrees)  minimum. 

Typical  LST  antenna  rates  for  tracking  a TDRS  are  shown  in 
Figure  V-44.  This  figure  gives  the  tracking  rates  about  two  antenna  axes 
for  a single  orbital  period. 

c . Tracking  Methods . Three  methods  were  considered  in  the 
selection  of  a tracking  technique  for  the  antenna  system:  programmed  tracking, 
step  tracking,  and  monopulse  tracking. 

( 1)  Programmed  Tracking.  This  requires  that  the  LST  and 
TDRS  positions  be  accurately  known.  In  addition,  computer  support  is  required 
to  generate  the  antenna  look  angles  versus  time  for  the  particular  orbit.  These 
are  not  severe  requirements , which  makes  programmed  tracking  a candidate 
tracking  technique.  Pointing  errors  due  to  the  LST  and  TDRSS  known  position 
inaccuracies  and  their  transformation  into  antenna  look  angles  are  within  the 
pointing  error  budget.  Other  error  sources  to  be  considered  are  those  caused 
by  boom  alignment,  antenna  bore  sight,  and  boom  deflection. 
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Figure  V-42.  Look  angles  from  LST  to  TDRS  — star  declination  = 0 degree,  sun  declination  = -23.4  degrees 

(sun  right  ascension  is  180  degrees  greater  than  that  of  star)  . 


NOTE:  i,  TRACKING  RATE  ABOUT 


Figure  V-44.  LST  antenna  rotation  rates  required  to  track  the  TDRS 


(2)  Step  Tracking.  The  basic  concept  in  step  tracking  is  to 
sense  variations  in  the  strength  of  the  received  signal  caused  by  perturbing  the 
antenna  position.  The  antenna  is  then  moved  to  a position  which  maximizes 
the  signal  strength . Typically  the  antenna  is  randomly  offset  from  neutral  and 
the  signal  amplitude  integrated  for  a given  period.  The  antenna  is  then  offset 
in  the  opposite  direction  and  the  signal  amplitude  is  integrated  again.  The 
comparison  of  the  two  offset  amplitudes  with  the  neutral  amplitude  will  then 
determine  the  direction  in  which  to  move  the  antenna . Step  tracking  has  the 
advantage  of  requiring  only  a single  channel  receiver  for  operation.  The 
primary  disadvantage  is  its  slow  tracking  capability  because  of  the  required 
signal  integration  time . 

(3)  Monopulse  Tracking.  In  monopulse  tracking,  the  direc- 
tion in  which  to  move  the  antenna  for  the  maximum  signal  is  determined  by 
phase  comparing  the  outputs  from  offset  feeds  with  the  sum  of  the  feeds . Each 
feed  determines  a different  beam  offset  according  to  the  feed  arrangement  and 
accordingly  can  be  used  for  angle  determination.  The  primary  disadvantage  of 
monopulse  tracking  is  the  complexity  because  three  receiver  channels  are 
required.  The  receiver  requirement  may  be  reduced  through  multiplexing  tech- 
niques. The  advantages  of  monopulse  tracking  are  that  it  does  not  need  computa- 
tion support  ( except  in  acquisition)  and  a smooth  continuous  drive  is  imparted 

to  the  antenna,  which  results  in  minimum  perturbations  to  the  LST  pointing 
stability.  Because  of  these  advantages,  monopulse  tracking  was  selected  for 
the  design  reference  concept. 

2.  Reference  Design  Description.  The  reference  design  configuration 
of  the  LST  TDRSS  terminal  consists  of  two  2.4  m (8  ft)  Ku  band  rigid  dishes 
with  subreflectors  and  a two-axis  gimbal,  a monopulse  tracking  system,  a 
40  watt  TWT  transmitter,  and  a data  receiver. 

Figure  V-45  is  a block  diagram  of  the  reference  design.  The  2.4  m 
antennas  have  a two-gimbal  mounting  and  are  located  on  the  end  of  a 9. 15  m 
( 30  ft)  boom . The  boom  is  deployable  and  once  deployed  is  locked  in  place . 

A servo  system  provides  drive  to  the  antenna.  The  servo  drive  signals  are 
provided  by  a conventional  monopulse  tracking  receiver  and  by  the  guidance 
computer  in  the  SSM.  The  guidance  computer  calculates  antenna  look  angles 
to  the  TDRS  relative  to  the  local  body  references  using  the  known  TDRS 
ephemeris  and  the  ephemeris  and  attitude  of  the  LST.  The  angle  data  provided 
to  the  servo  should  be  accurate  enough  to  place  the  TDRS  in  the  3 dB  beam 
width  of  the  antenna.  In  this  case  the  monopulse  receiver  will  detect  acquisi- 
tion, and  automatic  tracking  will  begin  using  error  signals  derived  from  the 
antenna  feed . Should  the  TDRS  not  fall  within  the  antenna  beam  width , a local 
scan  routine  would  be  initiated  until  acquisition  is  detected. 
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Figure  V-45 . LST  Ku  band  terminal . 


Since  the  antenna  has  two  degrees  of  freedom , RF  signals  to  the 
antenna  must  pass  through  rotary  or  flexible  joints.  Two  means  of  hardware 
division  were  considered  for  the  terminal.  In  Case  i,  the  transmitters, 
antenna  feed,  and  preamplifiers  are  located  on  the  antenna  boom  with  the 
remaining  hardware  in  the  spacecraft.  In  Case  2,  all  hardware  except  the 
data  receiver  is  located  on  the  boom  on  the  antenna  side  of  the  gimbal  joint. 

The  primary  differences  between  the  two  cases  are  the  equipment  weight  on 
the  boom  and  the  frequency  of  the  signals  that  must  pass  through  the  rotary 
joints.  In  Case  1,  the  boom-mounted  components  are  lighter  than  in  Case  2; 
however,  the  RF  signals  would  be  at  Ku  band  versus  approximately  100  MHz 
for  Case  2 and  flexible  cables  could  be  used  instead  of  a rotary  joint  trans- 
mission line . 

A preliminary  analysis  of  the  pointing  error  produced  by  Case  2 
indicates  that  the  error  is  within  the  correction  capability  of  the  LST  stabiliza- 
tion system.  Because  Case  2 is  feasible  and  does  not  require  the  development 
of  a two  degree  of  freedom  Ku  band  rotary  joint,  it  is  the  recommended 
configuration . 

The  receiver  is  a double  conversion  type  of  standard  design  with 
crystal  controlled  local  oscillators.  The  demodulator  receives  the  second 
intermediate  frequency  and  demodulates  the  command  subcarrier  to  baseband. 

It  then  detects  the  command  date  to  video.  The  detected  video  or  digital  code 
is  then  presented  to  the  command  decoder  and  processed  identical  to  commands 
sent  via  the  S-band  link. 

Information  received  from  the  data  handling  system  is  phase 
modulated  on  a reference  frequency.  This  phase  modulated  frequency  is  then 
multiplied  to  Ku  band.  The  driver  and  TWT  amplifier  then  raise  the  power 
level  to  40  watts  prior  to  deplexing  to  the  antenna . 

Figure  V-46  shows  the  antenna  attached  to  the  LST  in  the  deployed 
position.  The  two  gimbal  axes  will  allow  360  degree  movement  around  the 
boom  and  approximately  340  degree  movement  in  the  plane  formed  by  the  booms 
and  the  LST.  The  booms  extend  beyond  the  solar  panels  and  thus  the  antennas 
are  not  blocked  by  the  panels  as  they  track  the  sun.  Tables  V-9  and  V-10  show 
the  estimated  mass  and  power  requirements  of  the  TDRSS  terminal.  The  mass 
and  power  estimations  are  in  two  parts,  boom -mounted  and  spacecraft-mounted 
equipment.  The  boom -mounted  components  listed  are  for  Case  2,  in  which  the 
entire  terminal  minus  the  modulator  and  command  decoder  is  located  in  an 
instrument  container  behind  the  antenna  dish.  Estimated  battery,  solar  panel, 
and  power  conditioning  weights  are  also  included  in  the  spacecraft-mounted 
portion  of  the  terminal . 
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TABLE  V-9.  ESTIMATED  MASS  AND  POWER  REQUIREMENTS 
OF  THE  TDRSS  TERMINAL  — BOOM-MOUNTED  EQUIPMENT 


Power  (W) 

Mass- (kg) 

Antenna  Dish 

- 

5.4 

Antenna  Feed  and  Supports 

- 

2.3 

Servo  Motor,  Signal 
Couplers  Servo  System 

5 

4.5 

Preamplifiers 

3 

2.7 

Auto-Track  Receiver 

10 

2.3 

Transmitter 

210 

10.5 

Modulator /Driver 

5 

0.5 

Total  (Boom) 

233 

28.2 

TABLE  V-10.  ESTIMATED  MASS  AND  POWER  REQUIREMENTS  OF  THE 
TDRSS  TERMINAL  — SPACECRAFT-MOUNTED  EQUIPMENT 


Power  (W) 

Mass  (kg) 

Data  Receiver 

8 

1.4 

Energy  Storage 

- 

11.6 

Solar  Array 

- 

8.1 

Total  (Spacecraft) 

8 

21.1 

Total  ( Spacecraft  and  Boom) 

241 

49.4 

3.  Functional  Analysis 


a.  Antenna  and  Amplifier  Selection.  The  requirement  for  a 40 
watt  transmitter  and  a 2.4  m ( 8 ft)  antenna  was  determined  by  considering  the 
link  margin  calculation  for  50  megabits  of  data  via  the  TDRSS: 


P/KT  = P + G + L + L +G/T-K-M 
t t s m r 


where 

P/KT  = ratio  of  average  signal  power  to  noise  power/dB-Hz 
P - power  transmitted, 

L 

G = transmitter  antenna  gain, 

l 

L = free  space  loss, 
s 

L = miscellaneous  losses  (atmospheric,  pointing,  etc.) , 
m 

G^/T  = receiver  antenna  gain/system  noise  temperature  = 

13.63  dB/°K, 

K = Boltzmann's  constant, 


and 


M = link  margin. 

The  assumptions  and  restraints  are  as  follows: 


Frequency 

Distance 


G /T 
r 


L 

m 

P/KT 


15.3  GHz 
42  200  km 
13.63  dB/°K 
-5  dB 

10.8  dB-Hz 
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Thus, 


10.8  = P + G - 208.67  - 5 + 13.63+  228.6  - 6 

V l 

P = 65.24  - G 

L l 


and 


P = 34.15  - 20  log  D 

A survey  of  Ku  band  power  amplifier  availability  indicated  that 
a 40  watt  TWT  amplifier  would  be  the  largest  available  in  the  allowed  time 
frame  with  a reasonable  risk  factor.  Figure  V-47  is  a plot  of  the  link  equation 
in  terms  of  LST  transmitted  power  versus  antenna  size  and  indicates  that  a 
2.4  m (8  ft)  antenna  would  be  required.  The  following  list  shows  the  proposed 
TDRSS  characteristics  used  in  the  analysis: 

1.  Receive  Frequency  — 14.4  to  15.35  GHz 

2.  System  Noise  Temp.  — 1200°K 

3.  Antenna  1.5  m (5  ft)  Dish  — 44.43  dB 

4.  Beam  Width  — 0.8  deg 

5.  Antenna  Gain  to  System  Noise  Temperature  (G/T)  — 

13.63  dB/°K 

6.  Linear  Frequency  Translation 

7 . Limiting  Amplifier 

Angle  Modulation  Only 

8.  Transmission  Frequency  — 13.4  to  14.2  GHz 

9.  Effective  Isotropic  Radiated  Power  (EIRP)  — 52  dBW 
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ANTENNA  DIAMETER  (m) 

Figure  V-47.  TDRSS  terminal  weight/power  versus  antenna  diameter. 


Also  shown  in  Figure  V-47  is  a plot  of  terminal  mass  versus 
antenna  diameter.  The  antenna  mass  increases  as  diameter  increases. 
However,  this  increase  is  more  than  offset  by  the  reduction  of  transmitter, 
battery,  solar  cells,  and  power  conditioning  required  as  antenna  diameter 
increases 


b.  Uplink  Calculations.  The  capabilities  of  the  TDRSS  used  as 
an  uplink  to  the  LST  were  also  assessed.  The  results  of  a TDRS  to  LST  link 
calculation  shown  in  the  following  list  allow  an  uplink  information  bandwidth  of 
1.66  MHz,  which  is  more  than  adequate  to  meet  the  LST  uplink  requirements. 


1 . Effective  Radiated  Power  ( ERP)  [ 1 . 2 m ( 4 ft)  Dish, 
10  W]  - 52  dBW 

2.  Free  Space  Loss  (42  000  km,  14.3  GHz) 208  dB 

3.  Gr/T  2.4  m (8  ft)  Dish,  2500°K  - 14.  6 dB/°K 

4.  Miscellaneous  Losses  (Pointing,  Atmosphere,  and 

Checkout) 5 dB 


5.  Boltzmann's  Constant 228.6  dBW/°K-Hz 

6.  TDRSS  Degradation 1 dB 

7.  Link  Margin 6 dB 

Total  - 75.  2 dB-Hz 

Required  Signal  to  Noise  (S/N)  — 13  dB 

Excess  S/N  — 62.2  dB 

Possible  Bandwidth  — to6-  22  = 1.66  MHz 


c.  Pointing  Impact  Assessment.  An  analysis  was  made  to 
determine  the  effect  that  antenna  tracking  movements  would  have  on  the  pointing 
accuracy  of  the  LST.  The  nominal  antenna  movement  rate  (Fig.  V-44)  was 
taken  to  be  5. 210-4  rad  (0.03  degrees)  per  second  while  tracking  the  TDRSS 
and  repositioning  of  2. 1 rad  ( 120  degree)  in  10  minutes  while  slewing  to  acquire 
the  TDRSS.  The  antenna  boom  is  8.6  m (338  in.)  long  with  a mass  of  38.6  kg 
( 85  lb)  at  the  end.  The  polar  mass  moment  of  inertia  is  13. 44  kg-m2 
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( 10  slug-ft2)  and  the  mass  moment  of  inertia  about  the  Ya  and  Za  axis  is 
13.55  kg-m2  ( 10  slug-ft2) . An  antenna  boom  was  designed  for  a fundamental 
natural  frequency  of  about  i Hz.  The  mass  of  one  boom  made  of  Lockalloy 
material  is  43  kg  (95  lbm)  . It  has  a circular  section  of  8.9  cm  (3.5  in.) 
outside  diameter  and  0.95  cm  (0.374  in.)  thickness. 

The  roll  error  about  the  spacecraft  X-axis  caused  by  the 
movement  of  one  antenna  for  tracking  and  another  for  repositioning  is  4 x 10-4 
arc  sec  for  a boom  natural  frequency  of  1 Hz.  The  roll  error  about  the  space- 
craft Y-axis  is  about  8.5  x 10-5  arc  sec  for  a boom  natural  frequency  of  i Hz. 
The  roll  error  about  the  spacecraft  Z-axis  is  less  than  that  for  the  Y-axis. 
These  roll  errors  in  all  three  spacecraft  axes  are  much  less  than  the  space- 
craft pointing  stability  requirement  of  0.005  arc  sec.  This  shows  that  the 
movement  of  the  antennas  for  simultaneous  tracking  and  repositioning  can  be 
made  without  exceeding  the  pointing  stability  error  tolerance  of  the  spacecraft. 

The  error  in  the  pointing  axis  of  the  antenna  caused  by  the 
deflection  of  the  boom  is  about  1.95  x 10-3  arc  sec.  This  error  is  negligible 
in  comparison  with  the  allowable  error  limit  in  the  antenna  pointing  axis  of 
4. 4 x 10~3  rad  (0.25  degree) . 

Figure  V-48  shows  the  LST  spacecraft  with  two  deployed 
tracking  antennas.  The  X,  Y,  Z coordinate  system  shown  in  this  figure  is 
centered  at  the  center  of  gravity  of  the  LST  spacecraft  with  deployed  solar 
panels  and  deployed  antennas . The  , Y^  , Z^  coordinate  system  is  centered 

at  the  tip  of  the  antenna  boom,  as  shown  in  Figure  V-48  and  rotates  with  the 
antenna  relative  to  the  X,  Y,  Z coordinate  system. 

The  antennas  have  2 degrees  of  freedom , a roll  about  the 

Y -axis  and  a roll  about  the  Z -axis.  The  dimensions  and  the  mass  breakdown 
a a 

for  the  various  parts  of  the  antenna  are  shown  in  Figure  V-48. 

( 1)  Design  of  Antenna  Boom.  The  antenna  boom  is  860  cm 
(~340  in.)  long  and  supports  an  antenna  mass  of  38.5  kg  (86  lbm)  at  its  tip. 
The  boom  will  be  subjected  to  bending  and  torsion  due  to  the  application  of 
torque  for  rotating  the  antenna.  The  smallest  natural  frequency  in  bending  and 
torsion  modes  for  the  boom  should  be  larger  than  the  spacecraft  control 
frequency.  The  boom  is  designed  so  that  its  smallest  natural  frequency  in 
both  the  bending  and  torsion  modes  of  vibration  is  about  1 Hz. 
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Figure  V-48.  Schematic  of  LST  spacecraft  with  deployed 

antenna  booms. 


(a)  Design  in  Bending.  The  fundamental  natural  fre- 
quency in  bending  for  a cantilever  beam  fixed  at  the  end  attached  to  the  space- 
craft and  supporting  a tip  mass  at  the  other  end  is: 


c o 

n 


K 

M + 0.  23  m 


y2 


a) 


where  M is  the  tip  mass  at  the  end  of  the  boom,  m is  the  mass  of  the  boom, 
and  K is  the  spring  constant  in  bending  for  the  boom  material . The  value  of 
the  spring  constant  K for  the  cantilever  boom  is 
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(2) 


K = 


3 El 
L3 


where  E is  Young's  modulus  of  elasticity  for  the  boom  material,  I is  the 
area  moment  of  inertia  of  the  boom  section,  and  L is  the  length  of  the  boom, 

Lockalloy  (62  Be-38  Al)  was  selected  for  the  boom 
material  because  it  is  light  [material  density  = 2.1  gm/cm3  (0.0756  lbm/in.3)  ] 
and  has  a high  value  of  E = 1 . 98  x 1011  N/m2  (28.7  x 106  lbf/in. 2)  . A Lockalloy 
hollow  circular  tube  of  8.9  cm  (3.5  in.)  outside  diameter  and  0.95  cm  (0.374 
in.)  thickness  has  a cross-sectional  moment  of  inertia  of  19  cm4  (0.456  in.4) 
and  a mass  of  about  43  kg  ( 95  lbm)  for  a 860  cm  (340  in.)  length.  The 
fundamental  natural  frequency  for  the  boom  with  the  antenna  at  its  end  was 
computed  as  6 rad/ sec . 

(b)  Design  in  Torsion.  The  fundamental  natural  fre- 
quency in  the  torsion  mode  for  the  cantilever  beam  is 


co 


t 


(3) 


where  co^  is  the  fundamental  natural  frequency  in  the  torsion  mode , is 

the  spring  constant  in  torsion  for  the  boom  material,  I is  the  polar  mass 
moment  of  inertia  for  the  tip  mass,  and  I is  the  polar  mass  moment  of 

inertia  for  the  boom.  The  value  of  K.  for  a cantilever  beam  is 

t 


(4) 


where  G is  the  shear  modulus  for  the  boom  [for  Lockalloy,  G = 7.56  x 1010 
N/m2  (11  x 10e  lbf/in. 2)  ] , L is  the  length  of  the  boom,  and  J is  the  polar 
area  moment  of  inertia  of  the  boom  section . 
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The  value  of  the  polar  mass  moment  of  inertia,  I , 
for  the  tip  mass  (one  antenna)  is  13.44  kg-m2  (10  slug -ft2)  . 

For  the  same  hollow  circular  section  boom  designed 
in  bending,  the  fundamental  natural  frequency  in  torsion  was  computed  as  about 
49  rad/sec.  This  shows  that  the  designed  boom  is  stiffer  in  torsion  than  in 
bending. 


(2)  Spacecraft  Pointing  Error  Analysis.  The  mass  moment 

of  inertia  of  one  antenna  was  calculated  to  be  13. 55  kg-m2  (10  slug-ft2)  about 

both  the  Y - and  Z -axes.  The  momentum  of  an  antenna  moving  at  the 
a a 

maximum  tracking  speed  of  5.2  x 10-4  rad/sec  (0.03  degrees/sec)  is 
0.0071  N-m-sec  ( 5. 24  x 10-3  ft-lbf-sec)  . The  momentum  required  for 
maneuvering  the  second  antenna  through  2. 1 rad  ( 120  degrees)  in  10  minutes 
is  0.095  N-m-sec  (0.07  ft-lbf-sec)  . This  momentum  is  computed  on  the 
basis  of  accelerating  the  antenna  for  half  the  maneuver  time  and  decelerating 
it  for  the  remaining  maneuver  time . The  total  momentum  required  for  the 
two  antennas  is  maximum  when  the  tracking  momentum  and  maneuvering 
momentum  are  in  phase;  this  value  is  0. 1021  N-m-sec  (0.07524  fr-lbf-sec)  . 

Driving  mechanisms  for  moving  individual  antenna  can 
be  designed  so  that  the  vector  sum  of  the  driving  mechanism  momentum  and 
the  antenna  momentum  is  zero.  This  will  require  a proper  design  of  the 
torque  motor  and  various  gearing  mechanism  if  used.  When  the  vector  sum 
momentum  is  zero  at  every  instant  of  time,  no  reaction  torque  will  act  on  the 
spacecraft.  Under  this  condition  the  spacecraft  pointing  will  not  be  disturbed. 
However,  if  the  vector  sum  momentum  is  not  zero  at  every  instant  of  time, 
reaction  torque  will  act  on  the  spacecraft.  If  this  reaction  torque  is  not 
counteracted  by  the  torque  of  the  CMGs,  spacecraft  motion  will  result. 

At  the  instant  torques  are  applied  for  moving  the 
antennas,  the  antenna  booms  will  start  vibrating  because  of  their  flexibility. 
The  amplitude  of  the  vibrations  will  depend  upon  the  natural  frequency  and  the 
damping  of  the  booms.  The  amplitude  of  the  vibrations  also  depends  upon  the 
type  of  torques  applied.  For  example,  if  a ramp  type  of  torque,  a torque  that 
increases  linearly  with  time,  is  applied  instead  of  a step-type  torque,  the 
amplitude  of  the  boom  vibrations  can  be  decreased  appreciably . In  this  study , 
however,  the  application  of  step-type  torques  for  moving  the  antennas  is 
assumed.  It  is  also  assumed  that  no  cancellation  of  antenna  momentum  occurs 
by  the  driving  mechanism  momentum  and  that  all  the  torque  required  for 
moving  the  antennas  is  transferred  as  a reaction  torque  to  the  spacecraft 
through  the  flexible  booms. 
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(a)  Roll  Error  About' X-Axis . When  torques  are  applied 
at  both  the  antenna  tips  for  tracking  and  repositioning  of  the  antennas,  the 
antenna  booms  deflect,  as  shown  in  Figure  V-49.  Using  the  Lagrangian 

formulation  for  the  system  dynamics,  the  value  of  the  roll  error,  0 (t)  about 

x 

the  spacecraft  X-axis  due  to  the  application  of  step  torques  is  . 


e (t) 

X 


T t2 
I 

sx 


T K 

CO  2 

n 


1 

vT  exp 

(1-42)  2 


- £co  t 
n 


sin 


CO 

n 


1 


V2 

I2)  t 


+ tan  1 


(5) 


where 


0 (t)  rotation  of  the  spacecraft  about  the  X-axis 

as  shown  in  Figure  V-49, 

T step  torque  applied  at  both  the  antennas  as 

shown  in  Figure  V-49, 

t time , 

1 moment  of  inertia  about  the  X-axis  of  the 

SX 

spacecraft  with  deployed  solar  panels  and 
antenna  booms, 

M tip  mass  at  the  end  of  the  boom  (this 

includes  the  mass  of  the  antenna  disk  and 
associated  electronics  and  drive 
mechanisms)  , 

m mass  of  the  boom, 

K constant  defined  by 
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distance  of  the  center  of  mass  of  the  boom 
from  the  X-axis  of  the  spacecraft, 

distance  of  the  tip  mass  M from  the  X-axis 
of  the  spacecraft, 

spacecraft  moment  of  inertia  about  the  X- 
axis  without  antennas  and  antenna  booms, 

natural  frequency  of  the  antenna  boom 

radius  of  the  spacecraft  as  shown  in  Figure 
V-49, 


damping  factor  for  the  antenna  boom. 


z 


spacecraft  and  deflection  of  the  booms 
T applied  at  the  antennas . 


Equation  ( 5)  has  been  derived  by  assuming  that  the 
LST  main  body  is  rigid  and  the  antenna  booms  are  elastic.  Furthermore,  it 
is  assumed  that  the  mass  of  the  antenna  is  concentrated  at  the  tip  of  the 
antenna  boom  and  the  mass  of  the  boom  is  concentrated  at  the  center  of  mass 
of  the  boom . 


In  equation  (5) , the  first  term  represents  the  space- 
craft motion  considering  the  spacecraft  and  antenna  booms  as  rigid  and  the 
second  term  represents  the  effect  of  the  flexibility  of  the  antenna  booms  on  the 
spacecraft  motion.  It  is  noted  from  equation  ( 5)  that  the  first  term  is  a direct 
current  component  and  has  no  transients;  however,  the  second  term  has 
exponentially  decaying  sinusoidal  transients.  The  frequency  of  these  tran- 
sients is  the  same  as  the  natural  frequency  of  the  antenna  booms . The  time 
constant  r , defined  as  the  time  taken  for  the  transients  to  decay  by  63  percent 
is  approximately  equal  to 


1 


(6) 


The  component  of  9 (t)  given  by  the  first  term  of 

X 

equation  (5)  can  be  controlled  by  the  use  of  CMGs  because  it  is  direct  current, 
but  the  transient  part  of  9 ( t)  , given  by  the  second  term , cannot  be  controlled 

X 

by  CMGs  because  it  contains  high-frequency  transients.  The  maximum  value 
of  the  transient  part,  (A0  ) , is  given  approximately  by 


(7) 


The  value  of  I is  26  200  kg-m2  ( 19  330  slug-ft2) 
sx 

and  the  value  of  I is  14  650  kg-m2  ( 10  810  slug-ft2)  . These  values  produce 
* s 

a K value  of  1.485  x 10-4.  Substituting  this  value  of  K into  equation  (7) 
gives 


(M  \ = 2.97  x 10"4 

^ x J max 


(8) 
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The  amount  of  torque  required  for  maneuvering  one 
antenna  is  computed  as  about  3. 25  x 10-4  N-m  ( 2. 4 x 10-4  ft-lbf) . The  above 
computation  assumes  that  the  antenna  mass  is  accelerated  half  the  time  and 
decelerated  the  other  half-time.  The  same  amount  of  torque  is  more  than 
sufficient  for  continuous  tracking  of  the  second  antenna.  Using  this  value  of 
the  torque  in  equation  ( 8)  gives 


max 


= 7.13  x 10-8 


(9) 


(b)  Roll  Error  About  Y-Axis . Equation  (9)  gives  the 
roll  error  about  the  spacecraft  X-axis  caused  by  the  flexibility  of  the  antenna 
boom . A similar  equation  is  obtained  for  the  roll  error  about  the  spacecraft 
Y-axis  caused  by  the  flexibility  of  the  antenna  boom.  This  equation  is 


max 


= 1.6  x 10“8 


(10) 


Equations  (9)  and  ( 10)  are  plotted  in  Figure  V-50. 

From  this  figure  it  is  noted  that  the  roll  errors  in  both  the  spacecraft  X-  and 

Y-axes  for  u>  - 6. 28  rad/sec  ( 1 Hz)  are  much  less  than  the  spacecraft 
n 

pointing  stability  requirement  of  0.005  arc  sec. 

The  effect  of  the  antenna  boom  damping  £ ( £ lies 
in  the  range  of  0.05  to  0.001)  on  the  magnitude  of  the  roll  error  0 (t)  is  very 

small,  as  noted  from  equation  (5)  . However,  the  effect  of  £ on  the  settling 

time  t , which  is  approximately  equal  to  4/£a>  , is  more  pronounced.  The 
s n 

natural  frequency  of  the  antenna  boom  affects  both  the  magnitude  of  the  roll 

error  and  the  settling  time . 

(c)  Roll  Error  About  Z-Axis.  A torque  applied  about 
the  Z -axis  for  moving  the  antenna  will  result  in  a roll  error  about  the  space- 

craft  Z-axis.  The  antenna  boom  will  be  in  torsion  because  of  this  torque. 

Since  the  antenna  boom  is  very  stiff  in  torsion  because  of  its  high  natural 
frequency  in  the  torsion  mode,  the  roll  error  about  the  spacecraft  Z-axis  will 
be  less  than  that  about  the  spacecraft  Y-axis  given  in  Figure  V-50. 
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(3)  Antenna  Pointing  Error.  When  torque  is  applied  for 
moving  the  antenna,  the  antenna  boom  bends  and  with  this  the  pointing  axis  of 
the  antenna  disk  also  bends,  as  shown  in  Figure  V-49.  The  maximum  angle 
through  which  the  antenna  axis  rotates  is 


0 = 


K) 


max 


0 o 


(11) 


where  <p  is  the  antenna  pointing  axis  rotation  angle  as  shown  in  Figure  V-49, 

(Ad  ) is  defined  previously;  its  value  is  4 x 10-4  arc  sec  for  u>  = 1 Hz, 
x max  n 

and  <Pq  is  the  steady- state  deflection  angle  at  the  tip  mass  for  a cantilever 

beam.  The  value  of  is  given  by 


0o  = 


T L 
E I 


(12) 


Substituting  the  various  values  into  equation  (12),  gives 
0O  = 1.55  x 1CT3  arc  sec.  Substituting  this  value  in  equation  (11) , gives 
0 = 4 x 10~4  + 1 . 55  x 10-3  = 1 . 95  x 10-3  arc  sec.  This  value  of  the  antenna 
pointing  error  0 is  within  the  allowable  antenna  pointing  error  of  4.4  x 10~3 
rad  (0.25  degree)  . 

4.  Conclusions.  The  following  conclusions  are  made  as  a result  of 
this  preliminary  study: 

1 . A TDRSS  terminal  is  technically  feasible  for  the  LST . 

2.  Two  steerable  42.4  m (8  ft)  diameter  Ku  band  antennas  and 
a 40  watt  transmitter  will  meet  the  requirement  to  relay  the  wideband  data. 

3.  The  antenna  dishes  must  be  mounted  on  booms  to  allow 
clearance  to  see  around  the  solar  panels  in  order  to  provide  maximum  coverage . 

4.  The  pointing  error  imparted  to  the  LST  because  of  antenna 
motion  is  within  the  correction  capability  of  the  attitude  sensing  and  control 
system  (ASCS) . 
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5.  Recommendations . It  is  recommended  that  an  in-depth  analysis  be 
made  of  the  LST  TDRSS  terminal.  The  analysis  should  include  but  not  be 
limited  to  the  following  areas: 

1.  Consider  a rigid  versus  a rollup  antenna  reflector.  A rollup 
reflector  may  alleviate  the  stowage  problem . Cost  and  reliability  should  be 
included. 


2.  Examine  the  possible  places  to  locate  the  antenna  during 
storage  and  after  deployment.  Key  issues  are  reliability,  antenna  blockage, 
or  interference  with  other  items  such  as  solar  arrays  or  star  trackers. 

3.  Analyze  the  various  antenna  tracking  techniques  considering 
simplicity,  accuracy,  and  the  effect  upon  the  LST  pointing  accuracy. 
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CHAPTER  VI.  ATTITUDE  CONTROL  SYSTEM 


A.  Requirements 

1.  Guidelines  and  Constraints.  An  established  guideline  for  com- 
monality with  the  High  Energy  Astronomy  Observatory  (HEAO)  subsystem 
was  a strong  driver  in  the  selection  of  LST  attitude  control  system  (ACS) 
components.  The  basic  reference  for  this  selection  was  the  TRW  HEAO 
proposal  [ VI-1  ] in  response  to  the  HEAO  RFP  [ VI-2] . However,  it  was 
recognized  that  the  components  defined  in  this  document  were  preliminary  and 
that  the  LST  ACS  should  be  updated  as  the  HEAO  design  is  finalized.  Addi- 
tionally, the  decision  was  made  late  in  the  study  to  consider  the  Space  Shuttle 
as  the  design  reference  launch  and  maintenance  vehicle. 

The  following  requirements  have  been  specified  for  the  LST 

mission: 


1.  Provide  the  capability  for  viewing  any  source  on  the  celestial 
sphere  at  any  time  while  satisfying  sun,  moon,  and  earth  avoidance  constraints. 
No  observations  will  be  made  when  the  telescope  line  of  sight  (LOS)  is  within 
45  degrees  of  the  sun  or  within  15  degrees  of  the  limb  of  the  earth  or  moon. 

2.  Spacecraft  coarse  pointing  accuracy . 

a.  Two  axes  — ±30  arc  sec,  3o  . 

b.  About  LOS  — ±0.1  degree,  3a  . 

3.  Spacecraft  fine  pointing  accuracy. 

a.  Three  axes  — ±1  arc  sec,  la  , using  the  optical  telescope 
assembly  (OTA)  fine  guidance  system  (FGS)  . 

4.  Fine  pointing  accuracy  (experiment  LOS) . 

a.  Two  axes  — ±0.1  arc  sec,  la  (LOS  relative  to  guide 

star  locations) . 


5.  Image  motion  stabilization. 


a.  Two  axes  — 0.005  arc  sec,  la,  using  the  OTA  FGS. 

b.  About  LOS  — ±1  arc  sec,  la. 

6.  Maneuvering. 

a.  60  degrees  in  40  min  required. 

b.  90  degrees  in  5 min  to  be  considered. 

7.  Provide  momentum  accumulation  capability  for  a minimum  of 
one  orbit  during  experimentation  without  desaturation. 

Additional  requirements  that  are  considered  potential  LST  mission 
requirements  are  the  following: 

1.  Boresight  guiding  (stars  and  planets) . 

2.  Fine  guidance  adjustment  capability  — ±0.025  arc  sec 

(2  axes) . 

3.  Spectrometer  slit  scanning  — 0.1  arc  second  steps  over 
several  arc  seconds. 


4.  Provide  the  roll  reference  and  maneuver  requirements  for 
spectrometer  slit  orientation. 

These  additional  requirements  were  introduced  late  in  the  study 
and  confirmation  as  real  requirements  necessitates  a detailed  study  of  the 
experiments,  spacecraft,  and  ACS  interfaces.  In  most  cases,  additional 
sensing  capabilities  will  be  required. 


The  following  guidelines  have  been  specified: 

1.  HEAO  commonality. 

2.  Spacecraft  and  secondary  mirror  stabilization  time  of  5 min 
(includes  OTA  coarse/fine  guidance  handoff) . 

3.  Antisolar  hemisphere  viewing  is  preferred. 
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4.  Target  selection  will  be  made  by  ground  command. 

5.  Use  1974  state-of-the-art  for  required  hardware  development. 

6.  Refurbish  with  Shuttle,  as  available,  when  indicated  by  ground 

diagnostics. 

7.  ACS  assemblies  including  control  moment  gyros  (CMGs)  will 
be  activated  and  partially  checked  out  prior  to  release  from  the  Space  Shuttle. 

8.  The  mass  properties  used  for  performance  analysis  and 
simulation  are  considered  typical  values  and  do  not  necessarily  reflect  the 
latest  updating  of  the  mass  properties  given  in  the  master  equipment  list. 

The  primary  requirement  for  a reaction  control  system  (RCS)  on 
the  LST  is  to  serve  as  an  emergency  backup  control  system  to  the  1ST  pri- 
mary ACS.  Normally,  during  the  entire  LST  mission,  it  is  anticipated  that 
there  will  be  no  disturbance  torques  of  a magnitude  that  the  CMGs  cannot 
overcome.  However,  it  is  envisioned  that  during  certain  critical  LST  maneu- 
vers) , abnormal  control  situations  could  occur  and  an  RCS  on  the  LST  in  a 
standby  ’'go”  condition  would  be  highly  desirable,  e.g. , during  docking  or 
misdock  recovery  of  the  LST  and  the  Shuttle.  Also,  in  the  event  of  a complete 
or  partial  failure  of  the  LST  primary  ACS,  the  RCS  would  provide  the  control 
torques  necessary  until  the  Shuttle  can  arrive  to  perform  maintenance  on  the 
failed  system. 

The  guidelines  and  assumptions  considered  for  the  RCS  are  as 

follows : 


1.  The  primary  launch  vehicle  for  the  LST  is  the  Shuttle  with  the 
Titan  HIE  as  an  alternate. 

2.  The  CMGs  are  assumed  to  be  spun -up  pripr  to  LST  release 
from  the  Shuttle. 

3.  The  LST  is  assumed  to  be  released  by  the  Shuttle  in  such  an 
orientation  that  minimum  maneuvering  is  necessary  to  acquire  the  sun. 

4.  The  LST  RCS  must  not  be  a contamination  producing  source. 

5.  Components  of  the  LST  RCS  will  have  a shelf  and  operating 
minimum  lifetime  design  goal  of  2.5  years  and,  where  possible,  5 years. 
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6.  The  LST  RCS  design  will  be  based  on  meeting  a man  rating 
requirement. 

7.  The  support  systems  module  (SSM)  will  be  pressurized  so 
that  man  can  perform  orbital  maintenance  to  the  LST  in  a shirt  sleeve  environ- 
ment. Limited  extravehicular  activity  (EVA)  will  be  allowed  for  maintenance. 

8.  The  LST  RCS  design  will  be  based  on  modularization  such  that 
RCS  maintenance  can  be  easily  performed  in  orbit. 

9.  In  designing  the  LST  RCS,  efficient  use  will  be  made  of 
existing  and  proven  components. 

10.  The  1ST  RCS  design  will  be  based  on  maintaining  a low  total 
system  weight,  low  cost,  simplicity,  and  reliability. 

11.  The  RCS  will  not  be  sized  to  be  used  as  a backup  to  the 
magnetic  torquers  for  CMG  desaturation. 

12.  The  RCS  will  be  sized  and  used  for  abnormal  control  situations. 

2.  Reference  Attitudes.  Based  on  the  guidelines  and  constraints, 
several  reference  attitudes  must  be  defined  to  which  the  1ST  body -fixed  axes 
are  oriented  during  various  operational  modes.  In  Figure  VI-1,  the  body 
principal  axes  and  geometric  axes  are  assumed  to  be  identical  and  denoted 
by  the  (X,  Y,  Z)  right-hand  triad.  The  X-axis  (minimum  inertia)  is  along 
the  LST  line  of  sight  and  is  referred  to  as  the  experiment  or  pointing  axis. 

The  Y-axis  (intermediate  inertia)  is  aligned  with  the  solar  wing  gimbal  axis  of 
the  LST.  The  Z-axis  (maximum  inertia)  completes  the  triad  and  is  perpen- 
dicular to  the  LST  X-Y  plane.  It  is  directed  outward  from  that  side  of  the 
LST  that  is  normally  in  the  solar  hemisphere.  When  the  solar  wings  are 
initially  deployed,  they  are  rotated  90  degrees  so  that  their  active  surface  is 
normal  to  Z . 

Since  the  LST  depends  upon  solar  energy  to  supply  its  power  needs 
and  the  solar  wings  have  only  one  degree  of  gimbal  freedom,  some  restric- 
tions must  be  placed  upon  the  orientation  of  the  LST.  During  normal  opera- 
tional modes,  the  LST’s  attitude  is  restricted  so  that  the  Z-axis  is  always  in 
the  solar  hemisphere  and  contained  in  a plane  defined  by  the  sunline  and  the 
experiment  source  (target  direction).  With  these  restrictions,  the  LST  can 
orient  its  experiment  axis  to  any  point  on  the  celestial  sphere  and  receive 
maximum  solar  energy  by  gimbaling  its  solar  wings.  Since  one  side  of  the 
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LST  will  normally  be  sunward,  the  thermal  control  system  can  be  designed 
and  subsystem  mounting  locations  can  be  selected  advantageously.  As  a 
reference,  the  solar  wing  gimbal  position  is  measured  relative  to  the  vehicle 
X-Y  plane.  However,  for  short  periods  of  time,  the  solar  power  and  thermal 
constraints  can  be  disregarded  and  the -LST  is  permitted  to  acquire  any  inertial 
attitude  ( see  Section  A . 3) . 

Since  the  solar  wing  normal  usually  points  to  the  sun  and  the 
Z-axis  must  be  in  the  solar  hemisphere,  solar  ecliptic  coordinates  are  defined 
and  used  to  describe  the  attitude  of  the  LST  for  simulation  and  analysis  pur- 
poses. The  solar  ecliptic  coordinate  system  is  defined  relative  to  the  sun 
and  ecliptic  plane  by  the  right-hand  triad  (X  , Y , Z ) . The  X -axis  points 

S S S S' 

to  the  sun,  the  Z -axis  is  perpendicular  to  the  ecliptic  plane  (PEP) , and  the 
s 

Yg-axis  completes  the  triad  in  the  ecliptic  plane.  The  attitude  of  the  LST  is 

specified  by  three  Euler  angles:  $ , about  the  sunline;  ip,  in  the  sun  experi- 
ment target  plane;  and  Q,  about  the  experiment  axis.  To  acquire  a target 
during  simulation  runs,  the  vehicle  is  rolled  about  the  sunline  until  the  X-axis 
intersects  the  suntarget  plane;  it  is  then  rotated  about  the  Y-axis  until  the 
target  is  acquired.  The  third  rotation,  0,  is  not  used  except  to  facilitate 
finding  guide  stars  with  star  trackers  centered  about  the  negative  Z-axis  in 
the  Y-Z  plane.  As  illustrated  in  Figure  VI-1,  the  pointing  error  is  a function 
of  A <p  and  A ip.  Normally,  the  solar  gimbal  angle  is  given  by  ip  and  the  Z-axis 
is  offset  from  the  sunline  by  the  angle  6 = C_1[C$C0],  where  C represents 

the  cosine  function. 

During  the  LST  mission  sequence,  several  ACS  operational  modes 
are  utilized.  In  most  cases,  an  attitude  reference  and  body  orientation  can 
be  defined  for  each  mode.  However,  for  some  modes,  the  attitude  is  the 
same  but  the  sensors  used  to  obtain  attitude  error  signals  are  different,  thus 
defining  a different  ACS  operation  with  the  same  general  orientation.  For 
example,  coarse  pointing  and  fine  pointing  modes  have  the  same  vehicle 
orientation  requirements  but  differ  in  the  sensors  being  used  and  the  pointing 
accuracies  obtained.  Table  VI-1  lists  some  possible  reference  attitudes 
that  can  be  used  to  describe  the  LST’s  orientation  during  various  ACS  modes. 
After  initial  orbit  attainment,  the  body  rates  are  nulled  and  the  sun  is  acquired. 
Then  the  LST  is  slowly  rotated  about  the  sunline  until  the  star  trackers  on  the 
negative  Z-axis  pick  up  selected  guide  stars.  An  initial  reference  is  then 
established  with  the  Z -axis  pointing  to  the  sun.  Solar  ecliptic  coordinates 
can  be  used  as  a basis  to  describe  the  initial  orientation  of  the  LST  and  the 
guide  star  locations  as  illustrated  in  Figure  VI-2.  Once  a target  star  has 
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TABLE  VI-1.  REFERENCE  ATTITUDES 


Reference 

Attitudes 

Orientation 

Use 

Sun  Acquisition 

The  Z -axis  points  toward  the  sun  and 
all  body  rates  are  nulled. 

Initial  sun 
acquisition  or 
reacquisition 

Reference 
A lignment 

The  Z -axis  points  toward  the  sun  and 
fixed  star  trackers  (FSTs)  about 
negative  Z-axis  are  pointed  toward 
guide  stars. 

Establish 

celestial 

orientation 

Fine  (Coarse) 
Pointing 

The  X-axis  points  to  an  experiment 
source,  the  Y-axis  is  perpendicular 
to  the  sunline,  and  the  Z -axis  is 
within  the  solar  hemisphere. 

Normal 

experiment 

operation 

Special  Pointing 

The  LST  can  assume  any  inertial 
attitude  except  those  within  sun 
avoidance  cone.  Solar  power  may 
not  be  received. 

Unusual 
Experiment 
operation  for 
short  periods 

Emergency 
Sun  Acquisition 

The  Z -axis  points  toward  the  sun 
with  roll  about  the  sunline 
uncontrolled. 

Failure  modes 

Solar  Ecliptic 

The  Z -axis  points  to  the  sun,  the 
Y-axis  points  north  perpendicular 
to  the  ecliptic  plane,  and  the  X- 
axis  completes  a right-hand  triad 
in  the  ecliptic  plane. 

Reference  for 
description  of 
vehicle  attitude 

been  specified,  new  guide  stars  must  be  selected  such  that  they  are  within  the 
fields -of-view  (FOV)  of  the  active  star  sensors  mounted  in  the  -Z-Y  plane 
when  the  X-axis  is  pointing  toward  the  target  source.  The  LST  is  then  in  a 
coarse  celestial  pointing  mode  (Fig.  VI-3)  and  is  ready  to  enter  normal 
experiment  operation.  Whenever  the  OTA  fine  guidance  sensor  (FGS)  star 
trackers  have  acquired  other  guide  stars  near  the  target  star,  the  LST  enters 
a fine  pointing  mode  with  the  same  inertial  orientation.  Data  taking  begins 
and  continues  until  a new  target  source  is  selected. 
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In  the  event  of  failures,  emergencies,  or  loss  of  reference,  the 
LST  reacquires  the  sun  and  goes  into  a solar  pointing  attitude.  The  Z-axis 
points  to  the  sun  with  roll  about  the  sunline  uncontrolled.  Even  though  RCS  has 
been  selected  for  emergency  backup,  simulation  and  analysis  have  indicated 
that  the  magnetic  torquer  system  (MTS)  can  hold  the  LST  in  such  an  orientation 
using  only  sun  sensor  attitude  information.  Such  a control  mode  could  be 
implemented  so  that  its  operation  would  not  depend  upon  the  onboard  computer 
or  CMGs. 


Analysis  has  shown  that  the  LST  could  enter  a storage  mode  (with 
the  solar  wings  folded  against  the  vehicle)  in  which  random  tumbling  is  per- 
mitted and  still  receive  enough  solar  power  to  keep  the  communications  and 
thermal  subsystems  operating.  There  is  no  attitude  reference  for  the  storage 
mode.  All  the  experiments  and  most  subsystems  must  be  turned  off  to  con- 
serve power  as  the  LST  awaits  retrieval  and/or  repair  by  the  Shuttle. 

There  may  be  unusual  experiment  operating  modes  or  maneuvers 
for  taking  polarization  data  such  that  solar  power  might  not  be  received.  How- 
ever, the  allowable  periods  for  such  modes  would  be  relatively  short  and 
depend  upon  the  thermal  and  power  (depth  of  battery  discharge)  restrictions. 

In  a special  pointing  attitude,  any  inertial  orientation  can  be  attained.  It  is 
assumed  that  the  experiment  axis  will  either  point  to  or  point  and  rotate  about 
a celestial  target. 

3.  Mission  Sequence.  The  principal  operational  control  modes  can 
be  described  under  the  following  seven  major  headings: 

1.  Sun  acquisition. 

2.  Reference  alignment. 

3.  Maneuver. 

4.  Coarse  pointing. 

5.  Fine  pointing. 

6.  Special  pointing. 

7.  Emergency  sun  acquisition. 
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Figure  VI -4  is  a flow  chart  showing  the  mode  flow  concept  in 
changing  from  mode  to  mode.  This  concept  is  based  on  the  assumption  that  the 
Space  Shuttle  provides  the  necessary  support  functions  to  place  the  LST  into  a 
correct  orbit.  The  normal  mode  flow  leading  to  data  taking  is  indicated  by  the 
heavy  arrows: 


Sun  acquisition. 

Reference  alignment. 

Maneuver. 

Coarse  pointing. 

Fine  pointing. 

The  sun  acquisition  mode  can  be  entered  directly  from  any 
other  mode  without  the  aid  of  the  RCS.  This  mode  would  be  entered  generally 
when  all  ACS  components  are  functioning  normally  and  a period  of  attitude 
hold  with  the  sun  vector  normal  to  the  solar  wing  surfaces  is  required. 


Figure  VI-4.  ACS  control  mode  functions  for  LST. 
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The  emergency  sun  acquisition  mode  can  also  be  entered  from 
any  control  mode.  However,  it  is  used  after  the  occurrence  of  major  system 
component  failures.  In  this  mode,  the  1ST  is  placed  in  a stable  two-axis  sun 
hold  mode  for  troubleshooting  analysis. 


The  reference  alignment  mode  serves  to  establish  an  initial 
analytic  inertial  reference  frame  for  the  onboard  computation  prior  to  the 
slew  maneuver  required  to  acquire  the  initial  experiment  orientation  in  the 
coarse  pointing  mode.  During  the  experimentation  phases  of  the  mission,  an 
inertial  reference  frame  will  be  maintained  in  a continuously  updated  state  in 
the  digital  processor  assembly  software.  Therefore,  it  will  not  be  necessary 
to  return  to  the  reference  alignment  mode  before  acquiring  each  new  data 
source.  Since  celestial  bodies  are  the  primary  reference  sources  for  estab- 
lishing an  inertial  reference  frame,  gyro  drift  compensations  and  computer 
software  attitude  solution  parameters  can  be  computed  and  updated  in  this 
mode. 


The  coarse  pointing  mode  provides  a means  of  transition  from 
reference  alignment  to  the  fine  pointing  mode.  The  coarse  mode  uses  the 
SSM  sensors  and  actuators  to  align  the  LST  in  three  axes  to  an  accuracy  suit- 
able for  the  OTA  fine  guidance  sensors  to  acquire  the  preselected  guide  stars 
in  their  coarse  fields -of-view.  Using  the  OTA  FGS  and  the  SSM  actuators,  the 
LST  maintains  the  1 arc  sec  spacecraft  fine  pointing  accuracy. 

The  fine  pointing  mode  is  the  primary  experimentation  mode. 
Using  the  OTA  pointing  control  system  for  sensing  and  actuation,  the  experi- 
ment LOS  is  adjusted  to  point  to  the  data  source  and  to  maintain  pointing  sta- 
bility. A transfer  from  this  mode  to  the  special  pointing  mode  is  made  when 
an  experiment  requires  precise  orientation  of  a spectrometer  slit  that  cannot 
be  obtained  by  normal  fine  pointing  mode  scheduling.  The  fine  or  coarse 
pointing  modes  can  be  reentered  directly  from  the  special  pointing  mode. 

A maneuver  mode  has  been  selected  to  mechanize  the  maneu- 
vers to  the  various  data  sources.  This  mode  requires  special  sensor  and 
actuator  utilization  to  perform  the  maneuvers  and  acquire  the  coarse  pointing 
attitude. 


B.  Design  Reference  System  Description 

The  individual  components  of  the  LST/SSM  ACS  were  selected  largely 
to  preserve  commonality  with  the  ACS  components  selected  for  the  HEAO 
missions.  Based  on  TRW  information  for  HEAO  Missions  A and  B and  the 
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MSFC  Phase  A study  report  for  the  HEAO-C  (NASA  TM  X-64652) , hardware 
was  selected  to  meet  the  LST  ACS  requirements.  Final  hardware  selections 
will  be  made  as  a result  of  additional  tradeoff  studies  and  to  maintain  HEAO 
commonality  as  the  HEAO  designs  are  refined  and  updated. 

Figure  VI-5  provides  a functional  block  diagram  of  the  design  reference 
ACS  with  a complete  complement  of  sensors,  actuators,  and  interface  equip- 
ment to  perform  all  phases  of  the  LST  mission.  Also  included  in  this  block 
diagram  are  the  key  interfaces  with  the  LST  OTA/SIP  system  components. 
These  interfaces  are  critical  to  establishing  and  maintaining  LOS  stability  and 
will  be  discussed  further  in  Section  E.  Table  VI-2  provides  a corresponding 
hardware  summary  for  the  SSM/ACS.  The  utilization  of  this  hardware  in 
various  combinations  to  perform  the  required  mission  phases  will  be  described 
in  Section  C and  detailed  component  characteristics  will  be  provided  in 
Section  G. 

The  three  fixed  star  trackers  (FSTs)  are  oriented  in  the  Y-Z  plane  as 
shown  in  Figure  VI-6.  Normally,  two  are  active  with  the  third  in  a redundant 
standby  status.  When  operated  in  this  manner,  approximately  99  percent 
coverage  of  the  celestial  sphere  is  attained  with  the  capability  of  providing 
3 -axis  attitude  error  signals.  The  accuracy  of  the  trackers  has  been  selected 
to  adequately  align  the  telescope  LOS  so  that  preselected  guide  stars  will 
appear  within  the  coarse  FOV  of  the  FGS  star  trackers  located  within  the  OTA. 

Five  coarse  sun  sensors  (CSSs)  are  included.  Three  of  these  are 
body-mounted  with  two  aligned  to  the  +Z-axis  (one  redundant)  and  one  aligned 
to  the  -Z-axis.  Coverage  of  4ir  steradians  is  provided  for  sun  acquisition  and 
emergency  sun  acquisition.  The  two  remaining  CSSs  are  located  on  the  solar 
wings  (one  per  wing)  and  provide  monitoring  of  solar  panel  offset  with  respect 
to  the  sunline. 

The  reference  gyro  assembly  (RGA)  consists  of  six  gyros  arranged 
in  a skewed  dodecahedron  configuration  along  with  the  necessary  support 
electronics.  In  normal  operation,  four  gyros  are  active  and  two  are  in  a 
redundant  standby  mode.  The  four  active  gyros  provide  sufficient  information 
for  onboard  fault  detection,  but  not  fault  isolation,  with  respect  to  a particular 
gyro.  The  RGA  and  FSTs  are  to  be  physically  located  in  the  same  area  of  the 
spacecraft  and  aligned  to  each  other  to  provide  an  accurate  operational 
interface. 

A magnetometer  sensing  system  (MSS)  consisting  of  two  3 -axis 
magnetometers  ( one  redundant)  is  provided  to  sense  the  earth*  s magnetic 
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Figure  VI-5.  ACS  block  diagram  and  key  interface  for  LST. 


TABLE  VI-2.  SSM  ACS  HARDWARE  SUMMARY  FOR  LST 
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+X  FOV  8°  x 8° 

Mv  SENSITIVITY  +€ 


Figure  VI- 6.  LST  star  tracker  configuration. 


field.  Voltage  outputs  proportional  to  the  field  strength  along  each  axis  with 
the  polarity  of  the  signals  indicating  the  field  direction  along  each  axis  are 
used  to  calculate  and  generate  torquing  currents  for  the  magnetic  torquer 
coils. 

The  transfer  assembly  (TA)  serves  as  an  interface  assembly  for  all 
ACS  components.  It  has  a sensor  buffer  unit  that  places  the  required  sensors 
on  line  for  the  control  mode  in  use  and  routes  signals  between  the  sensors 
and  digital  processor  assembly  (DPA)  via  the  computer  input/output  section 
of  the  TA . The  computer  input/output  section  is  the  interface  between  the 
digital  processor  assembly  (DPA) , the  sensors,  and  the  actuators  and 
includes  provisions  for  multiplexing,  D/A  and  A/D  conversions,  and  signal 
conditioning.  A power  switching  unit  provides  power  to  ACS  components 
according  to  the  control  mode  selection.  A power  converter  unit  converts 
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primary  power  to  special  voltage  levels  as  required  by  ACS  components  and 
provides  isolation  of  these  special  sources.  The  command  and  telemetry 
unit  of  the  TA  provides  data  buffer,  and  command  storage  and  processing 
functions. 

The  DPA  receives  data  inputs  from  the  various  sensors  via  the  TA, 
processes  the  data,  and  provides  the  following  outputs  via  the  TA: 

1.  CMG  gimbal  commands. 

2.  Torque  commands  to  the  magnetic  torquer  system. 

3.  Gyro  drift  compensation  obtained  from  onboard  sensors  or  ground 
update  commands. 

4.  Solar  wing  actuator  commands. 

Four  single-gimbal  CMG  assemblies,  each  complete  with  redundant 
drive  electronics  assemblies  (DEAs)  are  mounted  in  a skewed  configuration 
so  that  each  CMG  can  provide  a portion  of  the  momentum  requirements  for 
each  control  axis.  The  CMGs  provide  the  momentum  storage  capability 
required  to  maintain  the  LST  in  an  accurate  inertial  hold  attitude  and  supply  the 
control  torques  required  to  maneuver  the  LST.  The  magnetic  torquers  supply 
control  torques  for  CMG  momentum  desaturation. 

The  cold  gas  reaction  control  system  (RCS)  provides  the  control 
torques  to  place  and  maintain  the  LST  in  the  emergency  sun  acquisition  mode 
attitude.  An  additional  function  of  the  RCS  is  to  control  the  LST  if  large 
disturbances  due  to  Space  Shuttle  misdock  occur. 


C.  System  Operation 

The  configurations  of  ACS  sensors  and  actuators  that  are  placed  on 
line  by  the  transfer  assembly  are  given  in  Table  VI-3  for  the  control  mode 
functions  of  Figure  VI -4.  Included  in  Table  VI -3  are  OTA /SIP  subsystems 
that  are  not  listed  as  part  of  the  ACS  but  are  vital  to  data  source  acquisition 
and  pointing  stability  through  interfaces  with  the  ACS. 

All  ACS  components  will  be  in  an  operating  state  at  release  into  orbit 
and  a partial  checkout  completed.  The  ACS  will  be  in  a sun  acquisition  mode 
configuration  at  release  and  no  orbit  adjust  capability  will  be  available. 
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TABLE  VI-3.  LST  ACS  CONTROL  MODE  CONFIGURATIONS 
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OTA/SIP  Subsystems  — not  pa  rt  of  ACS  hardware. 


The  sun  acquisition  mode  functions  to  align  the  +Z-axis  to  the  sunline. 

It  is  a rate  and  position  mode  with  the  CSS  supplying  two-axis  error  informa- 
tion about  the  X-  and  Y-axis  and  the  RGA  providing  three-axis  rate  signals. 

A rate  stabilized  attitude  is  maintained  about  the  +Z-axis.  A CSS  aligned  to 
the  +Z  -axis  having  a 2 ir  steradian  FOV  and  an  identical  CSS  aligned  to  the 
-Z-axis  provide  47r  steradian  sun  sensing  capability.  A redundant  CSS  is 
provided  for  the  +Z-axis.  If  the  -Z-axis  CSS  senses  the  sun,  bias  commands 
are  generated  to  torque  the  -Z  -axis  away  from  the  sunline  and  bring  the  sun 
into  the  FOV  of  the  +Z-axis  CSS.  Error  signals  from  the  CSS  are  then  used 
in  a null  seeking  mode  by  the  vehicle  control  law  to  align  the  +Z-axis  to  the 
sunline  in  two  axes  to  less  than  one  degree.  This  attitude  is  maintained  using 
the  RGA  for  rate  stabilization  until  orbit  determination,  final  systems  checkout, 
and  preparations  for  entering  the  reference  alignment  mode  have  been  com- 
pleted. Control  torques  for  sun  acquisition  and  attitude  hold  are  provided  by 
the  CMGs  with  the  magnetic  torquer  coils  providing  momentum  unloading  for 
the  CMGs. 

The  reference  alignment  mode  (RAM)  is  entered  from  the  sun  acquisi- 
tion mode  and  is  used  initially  to  establish  a three-axis  analytical  inertial 
reference  frame.  This  is  used  by  the  DPA  in  computing  the  maneuver  to 
acquire  the  coarse  attitude  for  the  first  data  source.  Later  in  the  mission, 
it  will  be  used  at  times  when  reference  attitude  has  been  lost  or  after  the  sun 
acquisition  has  been  reentered  for  any  reason. 

The  general  steps  to  be  followed  in  establishing  the  reference  frame 

are: 

1.  Selection  of  reference  stars  by  the  control  center. 

2.  Transmission  of  star  data  to  the  LST. 

3.  Roll  about  the  sunline  (if  required)  and  acquire  stars  with  the 

FSTs. 

4.  Perform  three-axis  hold  on  reference  stars  and  adjust  attitude  if 
required. 

5.  Compute  and  store  the  reference  frame  in  the  DPA. 

6.  Compute  and  compensate  RGA  drift  rates. 

7.  Compute  and  store  attitude  bias  compensations. 

8.  Maintain  attitude  using  the  RGA  during  reference  star  occultations. 
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With  two  trackers  operating,  the  FOV,  sensitivity,  and  configuration 
of  the  FSTs  provide  the  capability  of  acquiring  one  star  per  tracker  for  3- 
axis  control  approximately  99  percent  of  the  time  for  any  attitude.  This 
capability  may  eliminate  the  requirement  for  a roll  about  the  sunline,  and  a 
star  reference  can  be  obtained  by  star  identification  by  the  method  of  comparing 
star  magnitudes  and  separation  angles  with  a stored  star  catalog.  By  their 
scan  and  acquisition  routine,  the  FSTs  will  have  selected  the  brightest  stars 
in  the  FOV,  thus  simplifying  the  identification  procedure. 

The  three-axis  hold  is  accomplished  under  RGA  control  with  updates 
from  the  star  trackers.  During  this  hold,  gyro  drift  terms  will  be  computed 
by  a comparison  of  RGA  and  star  tracker  measurements,  and  drift  bias  com- 
pensations will  be  inserted  into  the  individual  gyro  torquer  loops.  After  com- 
pensations, the  attitude  bias  terms  to  be  used  in  the  attitude  error  computations 
will  be  stored  in  the  DPA . 

During  star  occultations  or  when  bright  sources  deactivate  the  star 
trackers,  the  attitude  will  be  maintained  using  the  RGA  outputs.  Attitude  can 
be  maintained  to  less  than  30  arc  sec  during  the  occultation  period. 

A special  maneuver  mode  is  mechanized  because  the  potential  maneuver 
of  90  degrees  in  5 min  will  require  RGA  system  gains  and  quantizations  to  be 
modified.  This  is  a direct  result  of  the  large  rate  difference  between  the 
highly  stabilized  pointing  mode  and  the  maneuver  mode. 

The  following  information  is  received  from  the  control  center  prior  to 
initiation  of  a maneuver: 

1.  Maneuver  parameters. 

2.  Star  data  for  stars  acquired  by  the  FSTs  at  maneuver  completion. 

3.  Solar  panel  position  commands. 

4.  Maneuver  mode  configuration  command. 

5.  Maneuver  initiation  command. 

To  perform  the  maneuver,  the  RGA  outputs  are  used  in  a strapdown 
calculation  employing  a four-parameter  quaternion  transformation.  Maneuver 
parameters  are  used  in  onboard  calculations  to  generate  the  maneuver  com- 
mands for  an  eigenaxis  maneuver  to  rotate  the  LST  coordinate  frame  to  the 
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desired  attitude.  To  avoid  damage  and  to  facilitate  operation  of  the  FSTs,  the 
eigenaxis  and  final  reference  stars  should  be  selected  so  that,  during  the 
maneuver,  the  -Z-axis  is  directed  to  the  antisolar  hemisphere.  The  maneuver 
will  be  accomplished  in  three  parts.  These  are  an  acceleration  phase  to  reach 
a given  rate  about  the  eigenaxis,  a coast  phase  to  reach  a specified  angular 
rotation,  and  a deceleration  phase  at  the  end  of  which  the  rate  will  be  reduced 
to  zero  at  the  desired  angular  rotation.  Ramp  torque  commands  with  shaping 
filters  will  be  used  to  reduce  settling  times  and  to  minimize  disturbances  on 
the  solar  panels  and  LST  structure. 

The  coarse  pointing  mode  is  designed  to  provide  pointing  of  the  LST 
to  an  accuracy  of  ±30  arc  sec  in  2 axes  and  0. 1 degree  about  the  LOS.  This 
accuracy  is  compatible  with  the  coarse  FOV  of  the  OTA  FGS  sensors 
and  permits  the  prepositioned  fine  guidance  sensors  to  acquire  the  guide  stars 
selected  for  a particular  data  source.  The  coarse  pointing  mode  is  entered 
at  the  conclusion  of  a maneuver  when  the  FSTs  have  acquired  their  reference 
stars.  At  this  time,  control  system  parameters  are  reset  for  pointing  and  the 
RGA  outputs  are  used  by  the  DPA  to  compute  CMG  gimbal  commands'  to 
maintain  a stable  three-axis  hold.  The  FSTs  provide  attitude  error  informa- 
tion in  three  axes  that  is  used  to  frequently  update  the  RGA  data  in  the  DPA 
attitude  error  calculations.  This  stable  three-axis  hold  is  maintained  until 
guide  star  acquisition  by  the  fine  guidance  sensors  is  confirmed.  At  this 
time,  the  primary  optical  attitude  error  sensing  functions  are  transferred 
to  the  fine  guidance  sensors.  Gyro  drift  compensations  and  attitude  error  bias 
terms  are  updated  while  in  the  coarse  pointing  mode. 

The  fine  pointing  mode  is  entered  upon  guide  star  acquisition.  The  fine 
guidance  system  electronics,  an  OTA  subsystem,  processes  the  fine  guidance 
sensor  outputs  and  supplies  three-axis  attitude  error  signals  via  the  TA  to  the 
DPA.  Initially,  this  information  is  obtained  from  the  FGS  star  trackers  and  is 
used  to  generate  torque  commands  to  point  the  spacecraft  to  ±1  arc  sec  and  to 
bring  the  guide  stars  into  the  fine  FOV  of  the  sensors.  After  the  fine  pointing 
mode  acquisition,  the  LOS  is  stabilized  to  0.  005  arc  sec  rms  using  secondary 
mirror  position  sensors.  Roll  errors  are  generated  by  an  FGS  star  tracker. 

In  the  fine  pointing  mode,  sensor  noise  characteristics  of  the  RGA 
and  FGS  will  determine  how  signal  mixing  is  mechanized  to  provide  the  control 
sensing  functions.  The  RGA  can  be  used  as  the  primary  sensor  for  the  design 
reference  ACS  with  the  FGS  three-axis  error  information  used  to  provide 
frequent  updates  to  attitude  error  calculations.  This  is  desirable  to  provide 
smooth  transition  between  control  modes.  Based  on  state-of-the-art  gyro 
technology,  this  may  also  provide  operational  advantages  from  the  standpoint 
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of  sensor  noise  and  structural  disturbances.  The  alternate  operating 
concept  would  be  to  use  the  three-axis  FGS  error  signals  as  inputs  to  the  DPA 
in  generating  control  system  actuator  commands  to  directly  control  the  LST 
LOS. 


For  this  alternate  scheme,  the  RGA  outputs  provide  rate  stabilization. 
When  the  guide  stars  become  occulted  or  for  any  reason  cannot  be  used  in 
generating  error  signals,  the  RGA  will  assume  the  sensing  function  for  control 
of  the  vehicle.  During  these  periods,  it  is  expected  that  the  LOS  will  wander 
sufficiently  to  allow  the  guide  stars  to  leave  the  fine  guide  field.  This  requires 
realignment  of  the  LOS  to  bring  guide  stars  back  to  the  original  position  in 
the  fine  FOV.  For  very  long  viewing  periods  on  one  data  source,  this  must 
be  done  numerous  times  and  will  take  place  automatically  on  reappearance  of 
the  guide  stars. 

The  special  pointing  mode  will  be  entered  from  the  fine  pointing  mode 
because  precise  attitude  positioning  is  required  prior  to  small  adjustments  of 
a slit  orientation.  Special  sensors  may  be  supplied  as  a part  of  the  individual 
spectrometers  to  detect  the  slit  position  with  respect  to  the  data  source.  A 
design  reference  option  is  to  use  the  sensors  in  a very  low  frequency  closed 
loop  to  reposition  the  secondary  mirror  or  the  FGS  micrometer  tilt  plate 
through  small  angles  and  thus  adjust  the  slit  position  with  respect  to  the  data 
source.  This  procedure  avoids  the  ground  loop  and  resulting  time  delays  in 
precisely  orienting  the  slit.  However,  ground  confirmation  probably  will 
still  be  required.  Alternates  are  to  electronically  reposition  the  slit  on  the 
detector  of  the  scientific  instrument  or  to  perform  the  entire  process  through 
a control  center  to  LST  loop.  Detailed  definition  of  experiment  hardware  is 
required  before  a final  decision  can  be  made  on  the  operating  procedure. 

Malfunctions  of  major  ACS  subsystems  that  would  result  in  loss  of 
LST  attitude  control  will  initiate  the  emergency  sun  acquisition  mode  either 
by  onboard  fault  detection  or  ground  control.  The  CSS  provides  attitude 
information  which,  combined  with  derived  rate  error  signals,  commands  the 
RCS  to  torque  the  LST  +Z-axis  into  two-axis  alignment  with  the  sunline.  Rate 
from  the  CSS  is  obtained  by  differentiation  of  its  output.  Special  networks  are 
contained  in  the  TA  for  implementing  this  mode  without  use  of  the  DPA.  This 
state  will  be  maintained  for  troubleshooting  analysis. 


D.  Trade  Studies 


1.  Sensor  Systems 

a.  Reference  Gyro  Assembly.  The  candidate  gyro  configurations, 
selection  criteria,  and  design  reference  selection  characteristics  are 
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summarized  in  Table  VI-4.  The  reliability  and  accuracy  were  considered 
to  be  the  most  critical  selection  criteria,  but  reliability  eventually  was  the 
deciding  factor.  Further  details  on  the  reliability  comparisons  are  given  in 
Chapter  VIII,  Section  B.  2. 

TABLE  VI-4.  REFERENCE  GYRO-ASSEMBLY  TRADES 


Candidates: 

Dodecahedron  — 6 Gyros  — Skewed  Configuration 
(3,  4,  5,  and  6 Active  Gyros) 

Tetrahedron  — 4 Gyros  — Skewed  Configuration 
Five  Pack 

Dual  Orthogonal  Triads 

Selection  Criteria: 

Reliability 

Accuracy 

HEAO  Commonality 
Fault  Detection 

Design  Reference  Selection: 

Dodecahedron  with  4 Active  Gyros 

Design  Reference  Selection  Characteristics: 

Accuracy  — Equivalent  to  3-Axis  Orthogonal  Set 
Gyro  and  Electronics  Modules  Replaceable  on  an  Individual 
Basis 

Replaceable  to  4 arc  sec  Alignment  with  Mechanical 
References 

Fault  Isolation  — 4 Gyros  Required  to  Detect  Fault,  5 
Gyros  to  Isolate  Fault 

Accuracy  Improvement  by  Running  all  6 Gyros 
Alignment  — Can  be  done  as  a Complete  Package 
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The  selection  of  the  dodecahedron  configuration  led  to  a trade 
study  concerning  operational  concepts  with  the  goal  of  providing  best  reliability 
and  acceptable  accuracy.  The  four -active/two-standby  concept  proved  to  be 
most  reliable  and,  in  addition,  provides  easy  implementation  of  fault  detection. 
Fault  isolation  by  onboard  techniques  can  also  be  easily  implemented  by 
activating  one  standby  gyro  so  that  the  minimum  number  of  gyros  for  fault 
isolation  are  available.  These  techniques  are  factual  and  considerable  hard- 
ware testing  and  system  design  have  confirmed  them. 

There  are  actually  15  combinations  of  the  6 gyros  taken  in 
combinations  of  4,  but  for  the  2 LST  axes  requiring  high  precision,  there 
are  only  6 combinations  acceptable  from  an  accuracy  standpoint.  Thus,  an 
acceptable  combination  of  4 gyros  can  be  selected  for  initial  operation,  but, 
after  2 failures,  there  is  the  possibility  that  an  acceptable  combination  from 
an  accuracy  standpoint  might  not  be  available.  These  considerations  were 
factored  into  the  reliability  study  and  the  design  reference  configuration  was 
subsequently  selected. 

b.  Fixed  Star  Tracker  versus  Gimbaled  Star  Trackers.  Table 
VI-5  lists  a number  of  tradeoff  considerations  used  in  selecting  the  fixed  star 
tracker  for  the  design  reference  system.  The  principal  advantage  of  the 
gimbaled  tracker  is  its  large  effective  FOV  that  provides  the  capability  to 
use  bright  stars  for  tracking  and  to  center  these  brighter  stars  in  the  small 
instantaneous  FOV.  Good  pointing  resolution  and  low  noise  are  a direct 
result.  This  large  effective  FOV,  however,  has  the  disadvantage  of  requiring 
a large  viewing  window  which  is  a potential  problem  area  for  the  LST. 

The  state-of-the-art  on  fixed  star  trackers  is  at  a stage 
where  tracking  stars  of  +6  magnitude  presents  no  great  problem.  Using  this 
sensitivity  for  the  1ST  trackers,  with  the  accompanying  reasonable  FOV, 
provides  excellent  coverage  of  the  celestial  sphere.  The  selected  configuration 
provides  a measure  of  redundancy  in  that  two  of  the  three  trackers  operating 
gives  a high  probability  of  acquiring  the  one  star  per  tracker  required  to 
obtain  three-axis  error  information. 

2.  Momentum  Exchange  Systems.  The  basic  objective  of  the  1ST 
attitude  control  system  is  to  maintain  a prescribed  attitude  (orientation) 
relative  to  inertial  space  as  a function  of  time,  irrespective  of  the  orbital 
flight  path.  One  of  the  most  practical  means  for  controlling  the  attitude  are 
momentum- exchange  devices.  These  can  be  reaction  wheels  (RWs) , single 
gimbal  control  moment  gyros  (SGCMGs),  or  double  gimble  control  moment 
gyros  (DGCMGs) . 
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TABLE  VI-5.  ACS  STAR  TRACKER  TRADES 


FIXED  STAR  TRACKER  (FST) 
(DESIGN  REFERENCE) 

GIMBALED  STAR  TRACKER 
(GST) 

Advantages 

Advantages 

HE  AO  Commonality 
Reliability 

Operational  Simplicity 
Mounting  Simplicity 
Cost,  Weight,  and  Power 

Large  Effective  FOV 
Small  Instantaneous  FOV 
Good  Pointing  Resolution 
Low  Noise  Equivalent  Angle 

Disadvantages 

Disadvantages 

Critical  FOV  versus  Sensitivity 
Tradeoff 

Resolution  is  a Function  of  Star 
Location  in  FOV 
Requires  Additional  Trackers 
to  Obtain  Required  Star 
Coverage 

More  Sensitive  Detector  Required 

Operational  Complexity 
and  Design 
Mounting  Constraints 
Reliability 

Gimbal  angle  Encoder 
Gimbal  Dynamics 
Cost,  Weight,  and  Power 

The  candidate  momentum-exchange  systems  considered  for  LST 
are  shown  in  Figure  VI-7  and  in  later  sections  by  Figures  VI-12  and  VI-20. 
Figure  VI-7  illustrates  a three-DGCMG  system  and  a four-RW  system.  (Two 
4-SGCMG  systems  are  shown  in  Figures  VI-12  and  VI-20.)  A change  in 
angular  momentum  of  the  momentum-exchange  system  will  produce  a torque 
on  the  LST  and  may  be  accomplished  by  varying  the  speed  of  a flywheel  or  by 
tilting  the  spin  axis  of  a flywheel  relative  to  the  LST.  For  an  RW,  the  fly- 
wheel axis  of  rotation  is  fixed  relative  to  the  LST  and  the  speed  is  changed  to 
produce  a torque.  For  a CMG,  the  speed  of  the  flywheel  is  constant  with  the 
spin  axis  direction  relative  to  the  LST  changed  to  produce  a torque.  As 
depicted  in  Figure  VI -7,  each  DGCMG  has  two  gimbals  by  which  the  flywheel 
can  be  moved.  Double  gimbals  permit  the  momentum  vector  of  each  CIViG 
to  be  moved  on  a sphere  of  radius  h,  where  h is  the  momentum  per  flywheel. 
Three  DGCMGs  provide  a near-spherical  momentum  envelope  of  3h  radius  and 
provide  excellent  utilization  of  the  total  system  momentum  capacity.  Based 
on  previous  work  during  the  Skylab  program,  steering  laws  and  software  for 
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Figure  VI -7.  DGCMG  and  RW  configurations  considered  for  LST. 


DGCMGs  have  been  perfected  and  their  operational  characteristics  determined 
with  a high  level  of  confidence.  This  past  experience  makes  a system  of  three 
DGCMGs  a possible  candidate  for  1ST. 

The  mounting  arrangement  of  either  RWs  or  SGCMGs  can  be 
selected  to  provide  some  desired  value  of  momentum  along  each  vehicle  axis. 
As  illustrated  in  Figure  VI-7,  the  RWs  are  symmetrically  arranged  about  the 
vehicle  X-axis  of  minimum  inertia.  Each  flywheel  spin  axis  subtends  an  angle 
j3  with  the  X-axis.  An  RW  can  provide  both  torque  and  momentum  only  along 
its  spin  axis.  In  LST  coordinates,  the  system  momentum,  H,  is  the  vector 
sum  of  the  individual  momentum  vectors,  h..  The  normalized  vector  com- 
ponents of  H are  illustrated  in  Figure  VI-8  as  a function  of  the  skew  angle  /3 
for  both  the  RW  system  and  the  four-skewed  SGCMG  system  shown  later  in 
Figure  VI-20.  For  the  4 RWs,  a skew  angle  of  63.4  degrees  results  in  equal 
momentum  capacity  per  vehicle  axis.  Increasing  /3  to  76  degrees  results  in 
the  major  LST  axis  having  twice  the  momentum  capacity  of  the  minimum 
inertia  X-axis.  This  type  momentum  distribution  is  desirable  for  the  LST. 

By  increasing  /3  still  further,  very  little  additional  momentum  is  gained  in 
the  Y-Z  plane  but  much  is  lost  on  the  X-axis.  Therefore,  an  RW  skew  angle 
of  76  degrees  is  a reasonable  selection  for  the  LST.  At  most,  note  that  only 
the  momentum  of  two  RWs  can  be  obtained  for  either  the  Y-  or  Z-axis. 

Because  of  the  momentum  restriction  in  a single  direction  for  each  RW,  a 
system  of  RWs  has  poor  momentum  utilization,  resulting  in  a much  higher 
system  weight  than  an  equivalent  CMG  system. 

The  solid  lines  in  Figure  VI -8  represent  the  normalized  momentum 
components  of  the  four-skewed  SGCMG  configuration  in  LST  coordinates.  A 
skew  angle  of  53. 1 degrees  produces  equal  momentum  per  axis.  Decreasing 
P to  28.1  degrees  produces  twice  the  momentum  capacity  in  the  Y-Z  plane 
(where  it  is  needed  for  LST)  than  on  the  X-axis.  About  3.8  h (h  is  the 
momentum  per  flywheel)  is  available  in  the  Y-Z  plane  and  1.8  h out  of  plane 
on  the  X-axis.  As  illustrated,  the  4-skewed  CMG  configuration  can  utilize  the 
total  system  momentum  of  4 h much  better  than  RWs.  Each  SGCMG  can  pro- 
vide momentum  in  a plane  which  is  perpendicular  to  its  gimbal  axis,  per- 
mitting good  h utilization.  The  mounting  arrangement  of  DGCMGs  does  not 

affect  the  momentum  capacity  per  vehicle  axis.  Only  3 DGCMGs  are  required 

for  LST  and  a 3 h rapacity  exists  in  every  direction.  DGCMGs  provide  the 

best  possible  h.  utilization. 
i 

Based  on  the  LST  impulse  requirements,  the  fast  maneuver  of 
90  degrees  in  5 min  (if  imposed  as  a hard  requirement)  sets  the  momentum 
per  vehicle  axis  that  the  momentum  exchange  system  must  provide.  To  attain 
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3 DGCMG 


Figure  VI-8.  Normalized  momentum  per  vehicle  axis  versus  skew  angle  for  four  RWs  or  SGCMGs 


a maximum  vehicle  rate  of  18  deg/min  requires  about  500  N-m-sec  on  the 
major  inertia  axis  of  the  LST,  as  shown  in  Figure  VI-9.  However,  when 
practical  constraints  are  considered  (such  as  gimbal  rate  limits,  vehicle 
acceleration  and  deceleration  values,  and  stabilization  to  the  desired  pointing 
direction  after  the  maneuver) , a momentum  value  of  about  1000  N-m-sec  is 
required  for  the  LST  to  accomplish  a 90  degree  maneuver  in  5 min.  As 
indicated,  the  4-skewed  SGCMGs  selected  for  LST  have  over  2500  N-m-sec 
on  the  major  inertia  axis,  which  is  more  than  enough  to  meet  the  requirements 
for  this  maneuver. 

Assuming  that  1000  N-m-sec  is  required  for  the  major  inertia 
axis,  Figure  VI-10  indicates  the  flywheel  momentum  sizing  required  for  a 
momentum-exchange  system  composed  of  either  three  DGCMGs,  four-skewed 
SGCMGs,  or  four  RWs.  The  DGCMG  system  requires  333  N-m-sec  per  fly- 
wheel with  a total  system  momentum  of  1000  N-m-sec.  The  SGCMG  system 
requires  about  265  N-m-sec  per  flywheel  with  a total  system  momentum  of 
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MANEUVER  RATE  (deg/min) 

Figure  VI- 9.  Momentum  versus  maneuver  rate  for 
I = 95  041  kg-m2. 
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Figure  VI-10.  Actuator  sizing  as  a function  of  the  required 
momentum  for  maneuvering. 


1054  N-m-sec.  Although  there  are  three  DG  and  four  SGCMGs,  very  little 
weight  difference  is  expected  between  the  two  systems  because  each  SG  fly- 
wheel would  be  smaller  than  that  of  the  DG.  The  RW  system,  however, 
requires  520  N-m-sec  per  flywheel  for  a total  system  momentum  of  2100 
N-m-sec,  about  twice  that  of  the  equivalent  CMG  system.  As  previously 
pointed  out  (Fig.  VI -8) , a system  of  RWs  does  not  utilize  its  total  momentum 
capacity  very  well.  Given  equal  sizing  criteria  in  terms  of  useable  momentum 
per  vehicle  axis,  an  RW  system  would  weigh  about  twice  that  of  a CMG 
system. 


When  time  optimal  maneuvers  are  considered,  the  torque  potential 
as  well  as  available  momentum  becomes  important.  In  a time  optimal  maneu- 
ver, all  the  torque  available  in  the  momentum-exchange  system  is  used  to 
initially  accelerate  the  vehicle  over  the  first  half  of  the  maneuver  and,  then, 
to  decelerate  over  the  last  half  of  the  maneuver  interval.  If  the  momentum- 
exchange  system  saturates  before  one-half  the  maneuver  time,  then  a constant 
vehicle  rate  is  maintained  until  the  deceleration  phase.  Figure  VI-11  illus- 
trates some  time  optimal  slewing  considerations  using  momentum-exchange 
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Figure  VI-11.  Time  optimal  slewing  considerations. 


systems  as  actuators.  The  solid  lines  represent  the  constant  torque  required 
as  a function  of  maneuver  time  to  accomplish  either  a time  optimal  30,  90,  or 
180  degree  maneuver.  A 90  degree  maneuver  in  5 min  requires  a torque  of 
about  7 N-m  and  an  angular  momentum  of  just  under  1000  N-m-sec.  The 
momentum  accumulated  while  performing  a maneuver  is  represented  by  the 
dashed  lines.  If  the  torque  curve  falls  below  a specific  momentum  curve, 
then  the  maneuver  can  be  accomplished.  For  example,  a 90  degree  maneuver 
in  4 min'cannot  be  performed  using  only  1000  N-m-sec  momentum.  As  the 
maneuver  time  gets  longer,  less  torque  as  well  as  peak  momentum  values  are 
required. 


Torque  can  be  related  to  the  power  required  to  drive  the  actuators. 
RW  system  power  is  especially  sensitive  to  torque  output.  RW  power  is  the 
product  of  torque  and  flywheel  speed  or,  equivalently,  the  momentum  multiplied 
by  the  flywheel  angular  acceleration.  Assuming  the  flywheel  is  operating  at 
1000  rpm  with  an  efficiency  of  80  percent,  the  ordinate  on  the  right  of  Figure 
VI-11  gives  the  RW  power  to  accomplish  the  maneuver.  A 90  degree  slew  in 
5 minutes  requires  an  RW  power  input  of  over  1000  watts.  In  contrast, 

SGCMGs  require  very  little  additional  power  for  slewing  above  that  required 
to  keep  the  flywheels  spinning  at  a constant  speed.  The  running  power  for 
four  SGCMGs  is  about  68  watts  and  the  maximum  power  used  while  slewing  is 
only  90  watts.  An  equivalent  DGCMG  system  can  use  about  twice  the  power 
of  a SGCMG  system  while  maneuvering,  because  the  outer  gimbal  must  also 
hold  against  the  inner  gimbal  while  torquing.  Either  SG  or  DGCMGs  can 
provide  a high  torque  output  with  very  little  power  penalty.  However,  the 
power  requirements  for  RWs  become  excessive  for  the  high  torques  required 
during  a time  optimal  maneuver  of  the  LST.  If  the  90  degree  maneuver  in 
5 min  is  imposed,  then  the  power  required  probably  will  eliminate  RWs  as  a 
candidate  momentum-exchange  system  for  the  LST. 

Table  VI -6  illustrates  an  actuator  comparison  for  the  candidate 
momentum-exchange  systems  for  LST.  The  comparison  factors  are  by  no 
means  complete  and  the  ratings  are  somewhat  subjective,  based  on  opinion 
instead  of  deterministic  analysis  data  in  some  cases.  However,  any  of  the 
candidate  systems  should  be  capable  of  holding  the  LST  body  pointing  accuracy 
of  1 arc  sec  when  used  in  conjunction  with  attitude  error  signals  derived  from 
the  OTA  FGS.  Although  RW  power  is  excessive  for  fast  slew  rates,  the  RW 
power  required  for  60  degrees  in  40  min  (LST  guideline)  would  be  acceptable. 
Therefore,  any  of  the  candidate  systems  can  also  meet  the  LST  maneuver 
requirements.  Each  actuator  system  is  given  a rating  of  1,  2,  or  3 for  each 
comparison  factor,  with  the  higher  numbers  best.  The  individual  factor  rat- 
ings are  summed  to  give  the  total  rating  for  each  actuator  system.  Surpris- 
ingly, there  is  very  little  difference  between  the  candidate  totals,  even  though 
there  are  big  differences  between  ratings  on  specific  comparison  factors. 
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There  is  no  weight  or  power  difference  between  the  four  skewed 
or  the  two  scissored  pair  ensemble  explicit  distribution  (2-SPEED)  SGCMG 
configurations.  A system  of  three  DGCMGs  will  weigh  slightly  more  and 
require  more  power  than  a system  of  four  SGCMG s because  of  the  extra 
gimbals.  An  RW  system  (Figs.  VI -8  and  VI-10)  will  weigh  about  twice  as 
much  as  a CMG  system  and  will  consume  about  twice  as  much  power,  espe- 
cially when  the  vehicle  is  slewed  (Fig.  VI-ll).  The  reliability  of  RWs  should 
be  greater  than  that  of  CMGs  because  the  RWs  have  no  gimbals.  Because  of 
the  extra  gimbals,  the  reliability  of  a system  of  three  DGCMGs  should  be  less 
than  that  for  a system  of  four  SGCMGs.  As  illustrated  in  Figure  VI -8, 

DGCMGs  can  utilize  all  the  system  momentum  in  any  direction.  But  RWs  can 
utilize  slightly  less  than  half  the  system  momentum  for  control  purposes. 

Gyro  hang -up  (ghu)  is  discussed  for  SGCMGs  in  Section  F3.d. 

This  is  a gimbal  angle  combination  that  causes  all  the  individual  CMG  torque 
vectors  to  lie  in  a common  plane.  The  parallel  and  antiparallel  constraints 
for  DGCMGs  are  analogous  to  ghu.  The  momentum  distribution  steering  law 
utilized  for  the  Skylab  program  has  solved  the  ghu  problem  for  DGCMGs  and 
the  proposed  2-SPEED  control  (discussed  in  Section  D.3)  appears  to  solve 
the  ghu  problem  for  that  particular  SGCMG  configuration.  There  is  no  known 
solution  to  ghu  for  the  four-skewed  SGCMG  configurations.  RWs  do  not  have 
ghu  or  any  analogous  problem.  The  steering  law  for  an  RW  system  is  constant 
gain  which  can  easily  be  implemented  in  an  analog  fashion,  but  all  CMG  systems 
require  an  onboard  digital  computer  to  invert  and  multiply  matrices  and  to 
handle  the  time  varying  calculations  involved  in  the  steering  laws. 

All  actuator  candidates  have  the  ability  to  perform  the  LST  control 
function  with  one  flywheel  unit  deactivated.  With  the  exception  of  the  pseudo- 
inverse used  for  the  four-skewed  SGCMG  configuration,  all  cases  require 
reprogramming  of  the  steering  law  or  use  of  alternate  algorithms.  With 
the  2-SPEED  steering  law,  the  algorithm  must  be  reprogrammed  for  an  exact 
matrix  inversion  solution.  With  the  four-skewed  configuration,  the  pseudo- 
inverse reduces  to  an  exact  inverse  without  reprogramming  or  altering  the 
algorithm  used.  The  momentum  use  after  a flywheel  deactivation  is  propor- 
tional to  that  before  the  failure,  except  for  the  2-SPEED  which  decreases. 

The  expected  pointing  performance  is  within  the  1 arc  sec  range  and 
does  not  include  the  impact  of  rotor  imbalance,  vibration  propagation  through 
the  LST  structure,  and  shock  mounting  each  CMG  or  RW.  Since  the  steering 
law  for  RWs  is  linear,  composed  of  constants,  and  has  only  one  variable 
(flywheel  speed)  per  unit,  RWs  are  expected  to  perform  better  than  CMGs. 

The  performance  of  DGCMGs  are  expected  to  be  less  than  that  of  SGCMGs 
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because  of  the  extra  gimbals.  The  outer  gimbal  must  provide  a torque  to 
counteract  that  of  the  inner  gimbal  as  well  as  that  required  for  control  in  its 
gimbal  direction. 

As  previously  pointed  out,  RWs  cannot  provide  a high  torque 
without  imposing  a severe  power  penalty.  But  SGCMGs  are  noted  for  their 
ability  to  provide  high  torque  with  a small  power  input.  Due  to  the  extra 
gimbals,  DGCMGs  do  not  have  quite  as  much  torque  output  as  SGCMGs.  As 
indicated  by  the  overall  totals  for  each  candidate  system,  there  is  little  if 
any  difference  between  them.  Although  the  four -skewed  SGCMG  configuration 
has  the  highest  score,  the  comparative  factors  could  be  changed  or  reevaluated 
so  that  one  of  the  other  systems  would  appear  more  favorable.  The  general 
conclusion  is  that  the  momentum-exchange  system  for  LST  should  be  selected 
on  the  basis  of  available  hardware  or  for  commonality  with  other  space 
programs.  Since  it  is  presently  expected  that  the  HEAO  will  utilize  a config- 
uration of  four  SGCMGs,  the  HEAO  momentum-exchange  system  will  be 
selected  for  the  LST.  Four  SGCMGs  with  a skew  angle  of  30  degrees  have 
been  selected  for  LST  (see  section  F.3)  as  a design  reference  for  the  Phase 
A study. 


3.  2-SPEED  SGCMG  Configuration  and  Steering  Law.  Since  the 
operation,  mounting  and  steering  laws  for  reaction  wheels,  4-skewed  SGCMGs, 
and  DGCMGs  are  readily  available  in  the  literature,  they  will  not  be  discussed 
in  detail  in  this  section.  It  is  also  well  known  that  when  a system  of  SGCMGs 
has  its  torque  output  axes  all  in  a common  plane,  no  torque  can  be  produced 
perpendicular  to  that  plane.  Such  a CMG  system  orientation  has  recently  been 
defined  as  gyro  hang -up  (ghu) . Although  many  attempts  have  been  made  to 
devise  a method  for  detecting  and  avoiding  ghu,  none  has  been  entirely  suc- 
cessful and  most  have  met  with  failure.  Recently  a new  SGCMG  configuration 
and  steering  law  have  been  proposed  as  a solution  to  the  ghu  problem.  The 
configuration,  denoted  as  the  2-SPEED,  was  developed  by  Northrop  [VI-3] 
and  the  Aero-Astrodynamics  Laboratory  of  MSFC  [VI -4] . 

The  2-SPEED  acronym  is  somewhat  misleading  since  the  CMGs  are 
not  truly  scissored  pairs  but  can  operate  independently.  This  configuration 
consists  of  four  SGCMGs  that  have  been  mounted  such  that  their  momentum 
vectors  are  restricted  to  two  planes,  as  illustrated  in  Figure  VI-12.  The 
CMGs  numbered  1 and  2 are  restricted  to  face  plane  1 with  their  gimbal  axes 
perpendicular  to  this  plane.  A similar  arrangement  places  CMGs  numbered 
3 and  4 in  face  plane  2.  The  two  planes  intersect  along  the  Y-axis  of  the  LST 
body  coordinates  illustrated  in  Figure  VI-12,  and  each  plane  subtends  an  angle 
0 (skew  angle)  with  the  Y-Z  plane.  For  LST  application,  a 30  degree  skew 
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2 - SG  CMGS  PER  FACE  PLANE  ACT 
AS  A GIMBALEO  REACTION  WHEEL 


Figure  VI-12.  2-SPEED  mounting  and  face  plane  geometry. 


angle  has  been  selected  to  produce  a momentum  envelope  somewhat  propor- 
tional to  the  LST  vehicle  inertias.  Each  pair  of  CMGs  produces  momentum 
in  its  respective  plane.  By  requiring  that  each  CMG  of  a given  pair  contributes 
an  equal  amount  of  momentum  to  their  planar  momentum  vector,  the  two  CMGs 
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in  a plane  have  the  characteristics  of  a gimbaled  reaction  wheel.  As  shown 
in  Figure  VI-12,  the  planar  position  of  the  momentum  vector,  H2,  in  plane  2 is 
specified  by_the  angle  a2  and  its  magnitude  by  Both  the  magnitude  and 
direction  of  H2  can  be  varied.  The  total  momentum  acting  on  the  LST  is  the 
vector  sum  of  the  momentum  vectors  in  each  face  plane  (H  = Hj  + H2) . By 
simplifying,  the  characteristic  of  the  2-SPEED  is  that  the  four  SGCMGs  are 
mathematically  equivalent  to  two  single  gimbaled  reaction  wheels  for  which 
a steering  law  can  be  obtained  without  resorting  to  the  pseudoinverse  type 
solution. 


Normally,  the  torque  needed  for  vehicle  control  is  known  in  the 

(X,  Y,  Z)  vehicle  coordinate  system.  This  torque  must  be  projected  into 

the  face  plane  coordinate  systems  to  obtain  components  in  the(Y  , Z ) 

i i 

i = 1,  2 directions.  A 2 x 2 torque  matrix  for  each  plane  is  inverted  to  obtain 
the  2-SPEED  steering  law.  To  prevent  program  divergence  when  a singularity 
is  approached,  a constant  is  inserted  as  a replacement  for  the  determinant  in 
each  2x2  torque  matrix.  The  known  parameters  at  each  solution  time  are  the 
commanded  torque  in  the  two  face  planes  (Yt,  Zu  and  Y2,  Z2  components) . 

The  Zj  and  Z2  components  are  unique,  but  since  Y is  the  intersection  between 
the  two  planes,  Yt  and  Y2  are  not.  The  solution  variables  are  (at,  b()  and 
(a2,  b2)  for  face  planes  numbers  1 and  2,  respectively,  which  are  directly 
related  to  CMG  gimbal  rates  as  shown  in  Figure  VI-12.  Momentum  (or  torque) 
can  be  arbitrarily  distributed  between  the  two  planes  in  the  Y direction  as  long 
as  the  sum  equals  that  commanded.  A momentum  distribution  function  is  used 
to  prescribe  how  the  Y-component  is  shared  between  planes  while  avoiding  all 
or  as  many  singularities  as  possible  (see  Section  F3.d  for  singularity  and  ghu 
definitions).  The  distribution  function  selected  [ VI-4]  is 


f = 0.5  (X12  + l)2  + (X34  + l)2  - 4 

where 

X12  = h /(4  - h 2)  ^ 

Yl  Z1 

X«  = h /(4-h  v*  , 

Y2  z2 


and  h is  the  momentum  component  in  each  face  plane.  By  standard  coordinate 

transformations,  the  values  for  h and  h are  uniquely  determined  as  well 

zi  z2 
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as  their  time  derivatives  (torques).  The  (jistribution  function  is  utilized  to 
obtain  the  torque  components  h and  h in  the  Y direction  by  requiring 
that 


f = _ kf 


and  using  the  relation  h = h - h . The  positive  constant  k depends  on 

y Yl  y2 

the  solution  time  step  used  to  update  the  steering  law  (o  ^ k < 2/ At  , where 
At  is  the  time  step)  with  k = 2 being  a typical  value.  The  partial  derivatives 
of  f are  calculated  and  then  the  first  order  differential  equation  algebraically 
yields  h and  h . Once  the  desired  torque  components  are  known  in  face 

Yi  y2 

plane  coordinates,  then  the  required  CMG  gimbal  rate  commands  are  obtained 
by  inverting  the  two  2X2  face  plane  torque  matrices.  Using  the  2-SPEED 
CMG  configuration  and  steering  law,  CMG  planar  saturation  occurs  when 
either  Xi2  or  X34  = ±1«  The  system  is  saturated  when  both  of  these  conditions 
exist  simultaneously.  The  CMG  momentum  is  mapped  into  a square  in  the 
Xi2  - X34  space.  The  distribution  function  is  a circle  in  this  space  with  center 
at  (-1,  -l)  and  radius  2.  Once  the  program  starts,  the  CMGs  are  forced 
to  a momentum  state  that  lies  on  a quarter  arc  of  the  circle  between  the  points 
(X12  = -1»  X34  = l)  and  (xi2  = 1,  X34  = -l) . As  all  the  available  momentum  is 
used  in  the  Y direction,  saturation  occurs  on  one  of  the  points  which  are 
corners  of  the  square.  If  h^  = 0 , saturation  in  either  the  X or  Z direction 

does  not  show  up  in  the  X12  - X34  plane.  Figure  VI-13  illustrates  the  momen- 
tum square  for  the  2-SPEED  distribution  function  with  the  f = 0 distribution 
solution.  Only  those  points  inside  the  square  are  obtainable.  Singularities 
of  the  2x2  planar  torque  matrices  occur  when  a pair  of  CMGs  in  a plane  are 
saturated  (parallel)  or  antiparallel  (self-cancelling),  or  equivalently  when 
X42  or  X34  equals  0 or  ±1  . As  long  as  only  one  x..~  0 , the  singularity 

will  be  passed.  Obviously  if  both  x..~  0 , then  the  solution  is  not  on  the 

distribution  curve.  The  sides  of  the  square  represent  singularity  of  the  two 
2x2  face  plane  torque  matrices,  the  f = ±2  corners  represent  antiparallel 
ghu,  and  the  f = 0 corners  represent  true  CMG  system  saturation. 

Figure  VI-14  shows  the  maximum  momentum  for  the  2-SPEED 
configuration  with  a skew  angle  /3  of  30  degrees.  The  units  are  normalized 
in  terms  of  momentum  per  CMG.  As  illustrated,  4 H is  available  in  the  Y 
direction,  3.5  H in  the  Z direction,  and  only  2 H on  the  minimum  inertia  axis. 
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Figure  VI-13.  2-SPEED  momentum  distribution  function. 


This  type  CMG  momentum  distribution  is  well  suited  for  the  LST.  When  one 
CMG  is  deactivated,  the  momentum  distribution  is  no  longer  symmetric,  as 
indicated  by  the  dashed  lines  for  h4  = 0 , and  the  available  H per  axis  is 
reduced  by  about  50  percent.  Also,  the  steering  law  must  be  completely 
reprogrammed.  With  only  three  operational  CMGs,  a momentum  distribution 
is  not  possible  and  an  exact  solution  for  the  gimbal  rates  is  obtained  by 
inverting  the  3x3  torque  matrix  (see  Section  F3.c) . 

In  simulations,  the  2-SPEED  configuration  and  steering  law  was 
compared  with  the  2-SPEED  configuration  with  the  pseudoinverse  steering 
law.  In  all  cases,  the  standard  2-SPEED  gave  performance  equaling  that  of 
the  pseudoinverse.  Constant  torques  were  applied  to  force  the  pseudoinverse 
into  ghu,  at  which  point  control  was  lost.  Under  similar  conditions  the 
2-SPEED  provided  perfect  control,  even  though  gimbal  angle  combinations 
were  encountered  at  which  the  torque  matrix  was  singular.  That  is,  the 
determinant  of  CC*  can  be  zero  while  maintaining  perfect  vehicle  control  using 
the  2-SPEED.  This  ghu  avoidance  capability  of  the  2-SPEED  makes  it  a prime 
candidate  for  the  LST.  The  reasons  it  was  not  baselined  instead  of  the  four- 
skewed  configurations  with  pseudoinverse  steering  are  as  follows:  (l)  It  is 
still  under  development  and  additional  tests  could  uncover  faults,  (2)  the 
four-skewed  with  pseudoinverse  adapts  easier  to  a CMG  failure,  (3)  for  three- 
operational  CMGs,  the  four-skewed  momentum  space  is  much  larger  than  the 
2-SPEED,  and  (4)  ghu  detection  and  avoidance  is  not  needed  for  LST  because 
the  CMGs  are  oversized  and  the  magnetic  torquing  system  (MTS)  continuously 
dumps  momentum  and  can  provide  direct  control  if  a ghu  should  be  encountered. 
At  first  glance,  the  2-SPEED  appears  simpler  than  the  pseudoinverse. 

But  when  the  distribution  function  and  its  derivatives  are  programmed,  along 
with  nonlinear  logic,  to  prevent  mathematical  singularities,  the  2 -SPEED  is 
more  complicated  than  the  pseudoinverse  steering  law.  However,  the  2 -SPEED 
proves,  beyond  doubt,  that  a ghu  avoidance  steering  law  exists  for  a four 
SGCMG  configuration  without  penalizing  vehicle  performance  while  permitting 
use  of  the  entire  CMG  momentum  envelope. 


E.  System  Interfaces 

1.  Subsystems.  Operationally,  the  major  LST  subsystems  interfacing 
with  the  ACS  are: 

1.  Electrical  Distribution  System  (Chapter  IV) . 

2.  Communications  and  Data  Handling  System  (Chapter  V) . 

3.  OTA  Fine  Guidance  and  Secondary  Mirror  Control  Systems. 
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Refer  to  the  referenced  chapters  for  detailed  description  of  the 
functions  supplied  by  these  systems. 

Interfaces  with  the  OTA  fine  guidance  and  secondary  mirror  control 
systems  consist  of: 

1.  Fields-of-View.  The  FSTs,  their  fields -of-view,  and  the  abso- 
lute pointing  capability  of  the  ACS  are  designed  to  point  the  telescope  with  suffi- 
cient accuracy  to  acquire  the  guide  stars  in  the  FGS  coarse  fields-of-view. 

2.  Control  for  Fine  Alignment.  Using  the  three-axis  attitude  error 
signals  generated  by  the  FGS,  the  ACS  actuator  system  provides  pointing  to  the 
accuracy  required  by  the  FGS  fine  FOV. 

3.  Pointing  Stability.  Overall  pointing  stability  to  0.  005  arc  sec 
in  two  axes  is  maintained  by  controlling  the  spacecraft  to  maintain  the  guide 
stars  within  the  fine  fields-of-view  (<  1 arc  sec)  and  by  accomplishing  final 
pointing  stability  with  tip  and  tilt  control  of  the  secondary  mirror. 

4.  Precision  Slew.  Precise  positioning  of  spectrograph  slits  may 
become  a firm  requirement.  This  may  lead  to  precise  slewing  of  the  space- 
craft over  very  small  angles  using  experiment  sensors  or  a slit  jaw  camera  to 
provide  the  intelligence  for  the  slew. 

Through  the  communications  and  data  handling  (C&DH)  system 
uplink,  commands  and  digital  processor  assembly  (DP A)  memory  storage  data 
will  be  provided.  Generally,  the  commands  will  consist  of  operating  instruc- 
tions for  the  ACS,  such  as  component  configuration,  operating  modes,  and 
execution  details,  all  of  which  will  be  transferred  to  the  transfer  assembly 
(TA)  through  the  remote  decoder  units.  Memory  data  will  be  transferred 
directly  to  the  DP  A via  the  TA  computer  input/output  unit.  Typical  types  of 
stored  data  are  star  coordinates,  gyro  drift  compensation  updates,  and 
maneuver  instructions.  Housekeeping  data  are  provided  via  the  TA  command 
and  telemetry  unit  to  the  C&DH  downlink.  Typically  this  data  consists  of 
component  status  monitor  outputs  and  sensor  outputs  for  use  in  ground  compu- 
tations of  attitude. 

Interfaces  that  occur  due  to  interactions  between  systems  and  orbi- 
tal conditions  may  be  classified  as: 

1.  Magnetic  field  propagation. 

2.  Occultation  of  guide  stars. 
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3. 


Structural  vibrations. 


4.  Momentum  de  saturation. 

These  subjects  have  been  considered  in  the  ACS  and  spacecraft 
design  and  operation.  Details  of  the  studies  and  results  are  contained  in 
Section  F. 

2.  LST/Shuttle  Rendezvous  and  Docking.  Primarily,  rate  stabiliza- 
tion of  the  LST  must  be  supplied  by  the  ACS  during  rendezvous  and  docking. 

A secondary  requirement  could  be  orientation  of  the  LST  to  a specific  attitude 
to  aid  in  this  operation.  The  ACS  provides  sufficient  rate  stabilization  capa- 
bility and,  if  no  major  component  failure  has  occurred,  the  orientation  capa- 
bility exists.  However,  if  major  component  failures  have  occurred,  the  rate 
stabilization  capability  may  be  all  that  is  available. 

The  docking  transponder  subsystem  has  not  been  included  as  a part 
of  the  LST  reference  design  due  to  lack  of  definition  of  the  Shuttle  rendezvous 
and  docking  system.  Studies  have  been  made  of  a corner  reflector  cube  system 
used  in  conjunction  with  a laser  radar  system.  Analysis  has  shown  that  a 0. 1 
m diameter  cube  used  with  a GaAs  laser  will  have  a range  of  about  43.  5 km 
(27  mi)  which  is  an  adequate  range  for  almost  any  low  earth  orbit  rendezvous 
navigation  and  guidance  scheme.  The  number  and  configuration  of  the  cubes  to 
provide  adequate  viewing  will  be  dictated  by  the  Shuttle  needs.  If  a CW  radar 
system  is  selected  for  the  Shuttle,  a compatible  transponder  system  must  be 
selected. 


F.  System  Performance  and  Analysis 


1*  Disturbance  Torque,  Momentum  Storage,  and  Impulse  Require- 
ments. For  a vehicle  in  a 611  km  (330  n. mi.)  orbit,  the  dominant  environ- 
mental disturbance  is  due  to  gravity  gradient  (g.  g. ) . The  other  torques  such 
as  aerodynamic  and  solar  radiation  will  be  less  than  10  percent  of  g.g.  Nor- 
mally, the  magnetic  torque  can  be  neglected  if  the  vehicle  is  magnetically 
clean.  However,  if  materials  such  as  invar,  iron,  or  steel  are  used  in  the 
spacecraft  structure,  then  the  magnetic  environment  can  produce  torques 
almost  equal  in  magnitude  to  the  g.g.  For  preliminary  design  analysis  pur- 
poses, it  is  assumed  that  the  LST  will  be  relatively  magnetically  clean  and 
graphite  epoxy  instead  of  invar  will  be  used  for  the  optical  bench.  Internal 
movements  of  parts  or  rotating  devices  can  also  produce  disturbance  torques. 
These  devices  usually  act  over  a short  time  interval  and  it  has  been  assumed 
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during  this  phase  of  the  study  that  all  movements  will  take  place  prior  to  exper- 
imentation so  that  their  effects  will  have  decayed  and  can  be  neglected.  For  a 
long  life  mission  such  as  LST,  the  g.g.  disturbance  torques  and  corresponding 
momentum  accumulation  along  with  the  required  maneuver  rates  will  size  the 
momentum  exchange  system. 

It  is  required  that,  for  a worst-case  disturbance  condition,  the 
momentum  exchange  system  be  sized  for  at  least  one  orbit’s  momentum  accu- 
mulation during  experimentation  without  desaturation.  Then  for  average  envi- 
ronmental torques,  the  ACS  can  maintain  required  stabilization  for  several 
orbits  without  desaturation.  This  type  of  criteria  has  been  specified  so  that 
g.g.  dump  (desaturation  using  environmental  g.g.  field)  can  be  utilized  to 
reset  the  CMGs  in  the  event  the  MTS  has  failed.  However,  during  a pro- 
grammed g.g.  dump,  the  spacecraft’s  pointing  requirements  must  be  ignored 
and  the  vehicle  must  be  maneuvered  in  a specific  sequence  such  that  the  g.g. 
counteracts  the  accumulated  momentum.  Normally,  the  time  required  for 
g.g.  dump  is  about  the  same  as  that  required  to  saturate  the  CMGs  under 
worst-case  disturbances.  Thus,  under  worst  conditions,  one-half  of  the 
experiment  time  would  be  lost  and,  under  average  conditions,  about  one-third 
of  the  time  is  required  for  momentum  management  using  g.g  dump  as  a failure 
mode. 


The  g.g.  torque  acting  on  the  orbiting  spacecraft  is  given  by 


T . 
gi 


= 3 co  2 (I.  - I,  ) R.  R 
o j k j k 


where  c o is  the  orbital  rate,  I - are  the  principal  inertias,  R is  the  local 

O J»k 

vertical  unit  vector  in  principal  body  axes  and  (i,  j,  k)  correspond  to  the 

(X,  Y,  Z)  body  axes.  Depending  on  the  subscripts,  either  the  X,  Y,  or  Z. 

gravity  gradient  torque  component  can  be  obtained.  Since  the  maximum  value 

of  the  product  R.  R is  0.5  [VI-5] , the  maximum  g.g.  torque  is  given  by 
j k 
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The  maximum  g.g.  torque  values  for  the  design  reference  configuration  are 
listed  in  Table  VI -7.  As  indicated,  the  maximum  always  occurs  about  the 
axis  of  intermediate  inertia,  which  for  LST  is  about  0. 14  N-m  (0. 1 ft-lb) . 
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For  an  inertially  orientated  vehicle,  the  torque  components  are  cyclic  with  a 
frequency  of  2 or  4 times  the  orbital  rate.  However,  at  least  one  component 
will  be  offset  from  zero,  resulting  in  a slow  momentum  buildup  with  time 
which  can  eventually  saturate  the  momentum  exchange  system  (CMGs)  unless 
some  type  of  desaturation  device  is  utilized.  This  slow  momentum  buildup 
is  denoted  as  secular  momentum.  The  maximum  secular  momentum  per  orbit 
due  to  g.g.  torque  is  also  shown  in  Table  VI-7  for  each  vehicle  axis.  The 
Y-axis  can  accumulate  410  N-m-sec  (302  ft-lb-s)  per  orbit.  Assuming  four 
678  N-m-sec  (500  ft-lb-sec)  CMGs  skewed  at  30  degrees  for  the  design 
reference  momentum  exchange  system,  the  CMGs  can  be  saturated  in  6. 2 
orbits  without  momentum  desaturation  or  dump.  If  only  3 of  the  4 CMGs  are 
operational,  then  saturation  can  occur  in  4.4  orbits.  However,  the  basic 
ground  rule  is  at  least  one  orbit  between  dumps.  Therefore,  either  4 or  3 
operational  CMGs  have  adequate  momentum  capacity  for  over  400  percent 
increase  in  g.g.  disturbance  torque.  Thus,  the  vehicle  inertias  can  become 
larger  and  more  unfavorable  with  respect  to  the  design  reference  analyzed 
during  this  study  without  impacting  the  selected  momentum  exchange  system. 

The  second  factor  that  sizes  the  momentum  exchange  system  is 
the  maneuvering  requirement.  The  guideline  is  60  degrees  in  40  min  with  a 
possible  requirement  of  90  degrees  in  5 min  for  unusual  cases.  As  shown  in 
Table  VI-8,  the  momentum  required  on  the  major  axis  of  inertia  is  498  N-m- 
sec  (367  ft-lb-sec)  to  maneuver  at  a constant  rate  of  18  deg/min.  Since  some 
time  is  required  to  build  up  to  the  maximum  rate  and  to  stop  once  the  maneuver 
is  completed,  the  actual  momentum  required  to  accomplish  the  maneuver  can 
be  almost  twice  that  required  to  attain  18  deg/min.  Therefore,  about  995  N- 
m-sec  (734  ft-lb-sec)  were  assumed  to  be  required  for  the  maneuver.  How- 
ever, the  4-skewed  CMG  system  has  2530  N-m-sec  (1865  ft-lb-sec) , over 
twice  that  required  for  the  fast  maneuver.  The  number  of  orbits  required 
to  saturate  the  3 operational  CMGs  under  worst-case  g.g.  torque  disturbances, 
the  momentum  required  to  accomplish  the  90  degree  turn  in  5 min,  and  the 


TABLE  VI -7.  MAXIMUM  GRAVITY  TORQUE  AND  MOMENTUM 


Axis 

T 

(N-m) 

H Cyclic 
(N-m-sec) 

H Secular/ 
Orbit 

(N-m-sec) 

No.  of  Orbits 
for  CMG 
Saturation 

X 

0.0057 

5.27 

16.3 

83.3 

Y 

0.1403 

130.2 

410 

6.2 

Z 

0.1347 

124.9 

393 

6.4 
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total  CMG  momentum  available  are  showri  in  Table  VI-9  for  the  case  where 
CMG  number  4 has  been  failed.  On  the  major  inertia  axis;  more  than  1851 
N-m-sec  (1356  ft-lb-sec)  are  available.  This  is  about  twice  that  required 
for  the  fast  maneuver.  The  experiment  pointing  axis  (X)  has  over  thirty 
times  the  momentum  required  for  the  minimum  maneuver.  Based  on  simu- 
lation results,  there  is  no  difference  between  the  performance  of  four  or  three 


TABLE  VI-8.  CMG  MOMENTUM  FOR  MANEUVER3 


Axis 

H (18  deg/min) 
(N-m-sec) 

H (Required) 
(N-m-sec) 

H (Available) 
(N-m-sec) 

Max  Turn  Rate 
( deg/min) 

X 

77 

155 

1356 

318 

Y 

480 

960 

2529 

95 

Z 

498 

995 

2520 

91 

a.  60  deg/40  min=  4.363  x 10  4 rad/sec  =>  h =4.7  N-m-sec 

x 

h = 29.  5 N-m-sec 

y 

h = 30.6  N-m-sec 
z 

TABLE  VI-9.  CMG  MOMENTUM  WITH  NUMBER  4 CMG  OUT3 


Axis 

No.  of  Orbits 
for  g.  g. 
Saturation 

H Required  to 
Maneuver 
(N-m-sec) 

H Available 
(N-m-sec) 

Max  Turn  Rate 
(deg/min) 

X 

62.5 

155 

1017 

238 

Y 

4.4 

960 

1797 

70 

Z 

4.7 

995 

1851 

67 

a.  60  deg/40  min=  4.363  x 10~4  rad/sec  =>  h =4.7  N-m-sec 

x 

h = 29.  5 N-m-sec 

y 

h = 30.6  N-m-sec 
z 
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operational  CMGs,  and  either  case  has  a momentum  envelope  that  is  oversized 
for  LST.  Therefore,  one  CMG  could  be  held  in  standby  status  and  made 
operational  only  after  a failure  of  one  of  the  three  operational  CMGs,  if 
reliability  and  operational  simplicity  so  dictates.  Based  on  g.g.  disturbances 
with  10  percent  added  for  other  environmental  disturbances,  the  required 
maximum  torque  for  attitude  hold  is  0.006  N-m  (0.  0046  ft-lb) , 0. 155  N-m 
(0.114  ft-lb),  and  0.148  N-m  (0.109  ft-lb)  on-the  X-,  Y-,  and  Z-axis, 
respectively.  The  corresponding  momentum  for  one  orbit  hold  without  dump- 
ing is  18  N-m-sec  (13  ft-lb-sec) , 450  N-m-sec  (332  ft-lb-sec),  and  433  N-m- 
sec  (319  ft-lb-sec) . If  the  90-degree  in  5-min  maneuver  is  required,  then 
the  momentum  for  the  maneuver  is  about  twice  that  required  for  environmental 
disturbances  and  establishes  the  LST  momentum  requirement  of  about  995 
N-m-sec  (734  ft-lb-sec)  on  the  major  axis  of  inertia  and  155  N-m-sec  (114 
ft-lb-sec)  on  the  experiment  pointing  axis. 

For  long  life  missions  such  as  LST,  a considerable  amount  of  fuel 
would  be  required  to  desaturate  the  secular  momentum  due  to  biased  environ- 
mental forces  if  RCS  dumping  were  utilized.  Assuming  a cold  gas  RCS  with  a 
specific  impulse  of  70  sec,  about  1. 1 kg  (2.43  lb)  per  day  or  402  kg  (887  lb) 
per  year  is  required  to  dump  the  average  momentum  accumulated.  Over  a 
long  period,  the  average  momentum  is  only  about  one-half  of  the  maximum 
secular  momentum  per  orbit  as  shown  in  Table  VI-7.  When  one  axis  attains 
its  maximum  secular  H per  axis,  the  other  two  components  are  zero.  In  most 
inertial  pointing  orientations,  the  secular  H will  be  distributed  between  the 
vehicle  axes,  but  the  total  magnitude  will  always  be  less  than  the  maximum  on 
any  individual  axis.  Since  the  fuel  weight  and/or  possible  contamination  may 
be  prohibitive,  a magnetic  torquer  system  (MTS)  is  proposed  for  LST.  The 
MTS  must  be  sized  to  dump  the  maximum  secular  momentum  per  orbit.  The 
MST  design  for  LST  is  contained  in  Section  F.4.  As  proposed,  the  MTS  will 
be  used  continuously  to  keep  the  CMGs  near  a small  value  of  momentum. 

Hence,  whenever  a maneuver  sequence  is  initiated,  almost  the  full  CMG 
momentum  capacity  will  be  available  for  the  maneuver.  The  CMGs  must  be 
sized  only  to  obtain  the  specified  maneuver  and  not  to  attitude-hold  for  one 
orbit  and  then  do  the  maneuver  unless  failures  in  the  MTS  are  considered. 

2.  Sensing  System.  Sensor  noise  from  the  reference  gyro  assembly 
and  fine  guidance  star  trackers  will  be  a critical  factor  in  determining  the 
pointing  stability.  Two  simplified  attitude  control  systems  were  analyzed  on 
a single-axis  basis  to  parametrically  relate  pointing  stability  errors  to 
system  bandwidth  for  the  three  major  disturbance  sources,  gravity  gradient 
torques,  gyro  noise,  and  star  sensor  noise.  As  shown  in  Figure  VI-15,  one 
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Figure  VI-15.  Basic  system  block  diagram  for  proportional,  derivative, 
and  integral  or  double  integral  control. 


system  uses  proportional,  derivative,  and  single  integral  control  to  generate 
actuator  commands  while  the  other  system  uses  proportional,  derivative,  and 
double  integral  control. 

Based  on  the  assumption  that  the  errors  due  to  the  major  error 
sources  were  uncorrelated,  the  RSS  error  was  expressed  as 

et  = [(0gg)2  + (0g)2  + (0S)2]  ^ arc  sec  (RSS) 

The  expressions  for  0 , B , and  B , the  pointing  errors  due 

gg  g s 

to  gravity  gradient  torques,  gyro  noise,  and  sensor  noise,  respectively,  were 
developed  from  the  single  integral  system  block  diagram  and  are 
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where  t,  is  the  damping  factor, 
torques  (twice  orbital  frequency) 
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is  the  frequency  of  gravity  gradient 
is  the  gravity  gradient  torque 


magnitude,  g is  the  gain  margin,  I is  vehicle  moment  of  inertia,  BW  is 

system  bandwidth,  N is  the  gyro  noise  spectral  density  — constant  over  BW, 

g 


and  is  the  star  sensor  spectral  density  — constant  over  BW  . 


The  three  individual  error  magnitudes  as  a function  of  system 
bandwidth  are  plotted  in  Figure  VI-16.  The  following  system  parameters 
were  used: 
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GYRO  PSD  (arc  sec/sec)2  /Hz 
STAR  SENSOR  PSD  (arc  sec)2 /Hz 
GRAVITY  GRADIENT  TORQUE 


Figure  VI-16.  LST/ACS  pointing  errors  due  to  sensor  noise  and  gravity  torque 
disturbance  — proportional,  derivative  and  integral  control. 


= 0. 002  rad/sec 


9 


gg 

T = 0.2  N-m  (0.15  ft-lb)  rms  , 
gg 

I = 122  400  kg-m2  (90  000  slug-ft?) 

g = 4 (12  dB) 

t,  = 0.707 
c 

To  facilitate  the  selection  of  the  gain  constants,  the  following 
expressions  are  plotted  as  a function  of  bandwidth  in  Figure  VI-17: 
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If  values  of  star  sensor  and  gyro  noise  are  known,  the  plotted  data 
can  be  used  to  select  a system  bandwidth  to  minimize  the  total  RSS  error. 
Following  the  bandwidth  selection,  the  control  gains  can  be  determined  from 
the  curves  of  Figure  VI-17.  Since  pointing  error  due  to  gyro  noise  decreases 
with  increasing  bandwidth  and  pointing  error  due  to  star  sensor  noise  increases 
with  increasing  bandwidth,  a compromise  bandwidth  selection  is  required. 

The  data  may  be  used  also  to  determine  the  limiting  values  of  noise  to  obtain 
an  acceptable  total  error  because,  in  general,  the  bandwidth  first  selection 
would  be  based  on  a stable  system  with  very  low  steady  state  error  due  to 
gravity  gradient  torques. 

Based  on  a general  look  at  expected  gyro  and  star  sensor  noise 
data,  the  conclusion  is  that  pointing  stability  cannot  be  maintained  to  the 
specified  requirement  by  gyro  control.  However,  star  sensor  control  appears 
feasible.  Computer  studies  using  actual  models  of  the  sensors  and  actuators 
must  be  made  to  substantiate  the  analysis  made  using  ideal  sensors  and 
actuators. 
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The  remaining  constants  are  identical  to  those  used  for  the  single 
integral  case.  Figure  VI-18  is  a plot  of  the  relations  versus  bandwidth. 

The  gain  constants  are  plotted  as  a function  of  bandwidth  in 
Figure  VI-19  for  the  following  expressions: 
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Figure  VI-19.  Gain  constants  for  double  integral  case. 
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As  in  the  single  integral  case,  the  error  due  to  gyro  noise 
decreases  with  increasing  bandwidth  for  the  double  integral  case,  but  for  a 
given  spectral  density  the  errors  in  the  double  integral  case  are  larger.  The 
error  due  to  star  sensor  noise  increases  with  increasing  bandwidth;  however, 
for  a given  spectral  density,  the  errors  are  less  for  the  double  integral  case. 
The  total  RSS  error  may  not  be  appreciably  different  for  the  single  and  double 
integral  cases  and  the  final  choice  will  be  based  on  system  stability  and  the 
method  of  primary  control.  Further  computer  studies  are  required  in  which 
realistic  sensor  and  actuator  models  are  incorporated  into  the  analysis  and  a 
parameter  sensitivity  analysis  accomplished. 

A general  conclusion  is  that  gyro  control  alone  is  not  a feasible 
approach  to  meeting  the  pointing  stability  requirement  and  if  gyros  are  used 
as  primary  control,  frequent  updates  from  the  star  sensor  system  will  be 
required.  In  fact,  the  updates  must  be  so  frequent  that  the  system  will  act  as 
if  pointing  stability  is  being  maintained  with  star  sensor  information. 

3.  CMG  System.  Based  on  previous  study  results  (see  Section  D.2), 
CMGs  offer  several  advantages  over  reaction  wheels,  especially  from  a power 
and  weight  viewpoint.  From  a hardware  availability  standpoint,  there  are 
several  single  gimbal  CMGs  that  are  sized  appropriately  for  the  LST  space- 
craft with  respect  to  both  torque  and  momentum.  Moreover,  for  maximum 
commonality  with  the  HEAO,  the  same  type  SGCMGs  could  be  used  for  the 
LST  momentum  exchange  system.  The  CMG  system  is  required  to  provide 
enough  momentum  accumulation  capability  to  counteract  all  environmental 
disturbances  for  a minimum  of  one  orbit  during  experimentation  without 
desaturation.  In  addition,  the  CMGs  must  also  provide  enough  torque  and 
momentum  to  maneuver  at  least  60  degrees  in  40  min,  with  a desirable  goal 
for  special  maneuvers  of  90  degrees  in  5 min.  Sufficient  reliability  and/or 
redundancy  must  be  incorporated  to  attain  satisfactory  performance  over  the 
total  mission  duration. 

The  mounting  of  the  CMGs  relative  to  the  vehicle  reference  axes 
will  determine  the  shape  of  the  maximum  envelope  within  which  the  CMG 
system  can  provide  momentum.  In  general,  for  an  inertially  oriented  space- 
craft that  does  not  maneuver  frequently,  the  momentum  envelope  should  be 
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sized  proportional  to  the  vehicle  inertia  distribution.  However,  when  the 
spacecraft  is  reoriented,  stored  CMG  momentum  is  transferred  from  one 
axis  to  another.  In  cases  for  which  many  maneuvers  are  made  or  when  the 
spacecraft  spins,  the  CMGs  should  be  mounted  to  produce  a near-spherical 
momentum  envelope.  Although  the  LST  maneuvers  quite  often,  it  has  a mag- 
netic torquing  system  (MTS)  which  continuously  keeps  the  stored  momentum 
contained  about  either  a zero  or  selected  bias  value.  For  the  LST,  therefore, 
the  CMGs  should  be  mounted  to  produce  momentum  proportional  to  the  space- 
craft inertias. 


a.  Four  Skewed  Configuration.  The  SGCMG  mounting  arrange- 
ment relative  to  the  LST  is  shown  in  Figure  VI-20.  Four  SGCMGs  are 
mounted  symmetrically  about  the  experiment  pointing  X-axis.  Each  CMG 
momentum  (and  torque)  vector  is  restricted  to  a plane  that  is  skewed  relative 
to  the  vehicle  Y-Z  plane  by  the  angle  j3.  The  four  planes  form  a pyramid  whose 
apex  is  aligned  with  the  vehicle  X-axis,  and  each  CMG  gimbal  axis  is  perpen- 
dicular to  its  associated  plane.  As  shown,  the  CMG  system  is  at  a zero 
momentum  state.  When  the  CMGs  are  gimbaled,  both  the  torque  and  momen- 
tum vectors  of  each  individual  CMG  change  relative  to  the  LST  axes,  but  the 
gimbal  axes  remain  fixed  relative  to  the  LST  structure.  Asa  result  of  the 
mounting  arrangement,  each  CMG  can  contribute  momentum  along  each  axis 

of  the  LST.  If  any  of  the  four  CMGs  fail  and  is  powered  down,  the  remaining 
three  CMGs  can  provide  three-axis  attitude  control  and  completely  satisfy 
all  the  LST  control  requirements.  With  help  from  the  MTS,  two  CMGs  can 
be  used  to  control  the  LST  in  a degraded  operational  mode. 

b.  Momentum  Envelope.  Both  an  analog  and  a digital  program 
were  developed  to  determine  the  maximum  momentum  surface  that  can  be 
generated  by  a particular  set  of  SGCMGs.  Regardless  of  the  CMG  gimbal 
positions,  there  is  always  some  total  momentum  vector  which  is  the  vector 
sum  of  the  individual  CMG  momentum  vectors.  If  the  CMGs  are  caused  to 
rotate  in  some  random  fashion,  the  locus  of  the  tip  of  the  total  momentum 
vector  will  describe  a solid  in  momentum  space.  The  boundary  of  this  solid 
is  the  maximum  momentum  surface,  or  momentum  envelope.  This  envelope 
is  a function  of  the  number  and  mounting  arrangement  of  the  CMGs  and  is 
independent  of  the  control  law  used  to  command  the  CMGs. 

The  projection  of  the  momentum  envelope  onto  both  the  Y-Z 
and  X-Z  planes  for  the  four  SGCMG  configuration  shown  in  Figure  VI-20,  is 
shown  in  Figure  VI-21.  Since  the  X-Y  view  is  identical  to  the  X-Z  view,  it 
is  not  shown.  With  a skew  angle  of  30  degrees,  the  momentum  envelope 
approximates  an  oblate  spheroid.  The  normalized  units  shown  have  been 
obtained  by  dividing  the  total  momentum  vector  by  the  momentum,  H,  per 
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Figure  VI-20.  LST  reference  design  CMG  configuration. 


individual  CMG.  In  the  Y and  Z directions,  the  capability  is  3.73  H per  axis. 
In  the  minimum  inertia  axis,  X,  the  capability  is  2.0  H.  By  increasing  the 
skew  angle  to  53.1  degrees,  a near— spherical  envelope  with  3. 2 H per  axis 
is  obtained.  By  decreasing  the  skew  angle,  the  profile  shown  is  reduced  on 
the  X-axis  with  some  corresponding  increase  on  the  Y-  and  Z-axis.  A skew 
angle  of  30  degrees  has  been  selected  for  the  LST  to  produce  momentum 
somewhat  proportional  to  the  vehicle  inertias. 
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2.00  H 

Figure  VI-21.  CMG  momentum  envelope. 


When  one  CMG  has  been  failed,  the  envelope  is  no  longer 
symmetric  and  a bulge  occurs  along  the  gimbal  axis  of  the  failed  CMG. 

Figure  VI-22  illustrates  the  momentum  envelope  when  CMG  number  4 has 
been  deactivated.  Only  the  X-Z  view  is  symmetric.  The  momentum  attains  a 
maximum  value  of  2.9  H along  the  gimbal  axis  of  the  deactivated  CMG.  Inden- 
tures or  depressions  of  about  1.3  H occur  along  the  gimbal  axes  of  the  other 
3 CMGs.  As  previously  shown  in  Tables  VI -8  and  VI -9,  either  the  four  or 
three  operational  CMG  cases  can  meet  all  LST  momentum  requirements. 
Assuming  678  N-m-sec  (500  ft-lb-sec)  per  CMG,  the  total  momentum  avail- 
able with  four  CMGs  operating  is  over  six  times  the  actual  requirement  and 
four  times  with  three  operational. 
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Figure  VI-22.  CMG  momentum  envelope  with  CMG  no.  4 failed. 

c.  Steering  Law.  When  the  CMG  gimbal  angles  are  moved,  a 
corresponding  change  occurs  in  the  momentum  relative  to  the  body  axes.  By 
definition,  torque  is  the  inertial  time  rate  of  change  of  angular  momentum. 
Therefore,  torque  stabilization  of  the  LST  requires  a controlled  rate  of  change 
of  the  CMG  gimbal  angles.  One  general  problem  area  is  to  derive  the  gimbal 
rate  commands  so  that  the  LST  is  torqued  by  the  CMGs  in  some  desirable 
manner.  The  general  spacecraft  control  law  (commanded  torque)  is  usually 
derived  as  a linear  combination  of  sensor  outputs  such  as  rate  gyros,  sun 
sensors,  star  trackers,  etc. , which  have  been  weighted  by  a constant  gain 
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on  each  output.  The  gains  are  selected  to  produce  the  desired  vehicle  response 

and  stability  characteristics.  Ideal  LST  control  would  be  obtained  if  the  torque 

called  for  by  the  vehicle  control  law,  T , could  be  exactly  produced  by  the 

c 

CMGs.  The  CMG  gimbal  rate  commands  required  to  make  the  CMG  torque 

an  approximation  of  T are  denoted  as  the  CMG  steering  law. 

c 

The  standard  approach  for  obtaining  the  steering  law  is  to 

equate  the  total  rate  of  change  in  CMG  angular  momentum,  H , to  the  com- 

manded  torque,  T^  . The  CMG  torque,  H , is  mathematically  related  to  the 

gimbal  rates  through  a torque  matrix,  C . If  the  number  of  SGCMGs  is  N, 
then  C is  a 3 x N matrix  with  its  columns  being  vectors  aligned  with  each 

individual  CMG  torque  vector.  For  the  four-skewed  CMG  configuration,  there 

• 

are  three  equations  (components  of  H)  and  four  unknowns  (CMG  gimbal  rates, 
<i) . To  obtain  an  exact  solution,  a constraint  equation  or  relation  between  the 
unknowns  is  needed.  For  each  constraint  or  assumption  that  is  made,  a dif- 
ferent solution  (steering  law)  will  be  obtained  for  the  gimbal  rates.  One  type 
solution  that  has  performed  well  in  simulations  of  the  LST  is  the  Moore- 
Penrose  pseudoinverse,  which  minimizes  the  norm  of  the  gimbal  rates.  The 
steering  law  is  obtained  through  the  solution  of 


T = H = C a 
c 

The  pseudoinverse  of  C is  given  by 


c+  = c*  (cc*)  1 


where  the  superscript  asterisk  represents  the  transpose  of  a matrix  and 
minus  one  represents  the  usual  inverse  of  a square  matrix.  To  obtain  the 
inverse,  the  determinant  of  CC*  must  be  calculated  and  when  it  is  zero  a 
solution  does  not  exist.  To  prevent  such  a singularity  from  causing  program 
divergence,  software  limits  could  be  incorporated  in  the  computer  routine 
for  calculating  the  inverse.  Assuming  1 CC* l is  not  zero,  the  pseudoinverse 
steering  law  is  given  by 

~ + ~ 
a = C T 

c 
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When  a CMG  fails,  the  failed  CMG  must  be  identified  and  the 
corresponding  column  of  C set  to  zero.  The  pseudoinverse  need  not  be 
reprogrammed.  With  one  of  four  CMGs  deactivated,  C reduces  to  a 3 x 3 
matrix  that  has  an  exact  inverse,  in  which  case  the  pseudoinverse  also  reduces 
to  the  exact  inverse. 

As  noted  previously,  the  columns  of  C are  torque  vectors  for 
each  CMG.  When  all  the  torque  vectors  are  coplanar,  the  determinant  of  CC* 
is  zero,  producing  a mathematical  singularity  in  the  steering  law.  For  this 
condition,  the  CMG  system  cannot  produce  a torque  perpendicular  to  the  plane 

in  which  all  CMG  torque  vectors  lie.  If  Tc  is  then  perpendicular  to  H , the 

CMGs  cannot  provide  any  of  the  desired  control  torque,  consequently  vehicle 

control  will  be  lost.  If  T is  not  perpendicular  to  H when  (CC*)  is  zero, 

c 

then  the  pseudoinverse  solution  will  produce  part  of  the  desired  control  torque. 
Although  the  pointing  error  will  increase  as  the  singular  condition  is  passed, 
vehicle  control  will  not  be  lost.  In  digital  simulations  with  cyclic  environ- 
mental disturbances  acting  on  the  LST,  the  only  singular  conditions  which 
prevented  proper  operation  of  the  steering  law  were  those  which  also  corre- 
sponded to  CMG  saturation.  In  most  cases  for  which  an  internal  singularity 
was  approached,  a small  pointing  error  was  observed,  but  the  CMG  system 
would  recover  and  operate  satisfactorily  until  CMG  saturation  was  reached. 
However,  when  constant  torques  were  commanded  (without  the  cyclic 
disturbance  torques) , internal  singularities  could  always  be  encountered  with 
subsequent  loss  of  control.  Only  about  50  to  60  percent  of  the  momentum 
envelope  is  usable  if  it  is  required  to  avoid  all  posible  singularities.  This 
singularity  free  momentum  solid  is  large  enough  to  meet  all  LST  pointing 
control  requirements  without  dumping  any  momentum  for  at  least  one  orbital 
period.  More  research  is  needed  to  fully  understand  the  singularities  associ- 
ated with  SGCMGs  and  to  develop  possible  avoidance  schemes. 

d.  Gyro  Hang-Up  (ghu).  When  I CC*  I = 0 , there  is  a direction 

in  momentum  space  in  which  a torque  cannot  be  produced.  This  direction  is 

a line  perpendicular  to  the  plane  in  which  the  CMG  torque  vectors  are 

coplanar,  commonly  referred  to  as  the  hang -up  plane.  If  the  commanded 

torque  is  perpendicular  to  the  hang -up  plane,  then  the  CMGs  cannot  produce 

any  part  of  this  torque  and  vehicle  pointing  control  is  lost.  Such  a condition 

will  be  defined  as  gyro  hang -up  and  is  identified  whenever  the  scalar  product 

between  the  commanded  torque  and  the  CMG  torque  is  zero  (T  • H = 0) . 

c 

Before  ghu  can  occur,  I CC*I  must  be  zero  and  T must  be  perpendicular 

c 
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to  the  hang -up  plane.  However,  if  T is  in  the  hang -up  plane,  complete 

c 

control  authority  is  available  even  though  |CC*I  = 0.  In  many  simulation 

runs,  T would  subtend  an  angle  less  than  90  degrees  with  the  hang -up  plane, 
c 

For  this  case,  the  CMGs  would  produce  a part  of  the  commanded  torque,  a 
pointing  error  would  be  observed,  the  CMGs  would  be  driven  out  of  the  hang- 
up condition,  and  pointing  control  would  be  resumed.  However,  once  the 
outer  boundary  of  the  momentum  envelope  is  reached,  the  CMGs  are  saturated 
and  in  ghu. 


Using  the  pseudoinverse  steering  law,  these  gimbal  angle 
combinations  which  produce  I CC*I  = 0 correspond  to  potential  ghu  conditions. 
But  other  steering  laws  were  investigated  in  which  mathematical  singularities 
occurred  that  did  not  cause  I CC*I  to  be  zero,  such  as  the  Brown  Engineering 
Company  (BECO)  H -distribution  or  the  Bendix  summation  of  three  gimbal 
inverses.  Still  other  steering  laws  such  as  the  maximum  contribution  or  the 
transpose  with  torque  feedback  had  no  mathematical  singularities  but  certain 
gimbal  angle  combinations  would  prevent  the  commanded  torque  from  being 
generated  by  the  steering  law.  During  the  LST  studies,  several  programs 
were  developed  to  investigate  the  singularities  and  possible  ghu  conditions 
associated  with  SGCMGs.  For  a given  CMG  momentum  state,  it  was  deter- 
mined that  the  corresponding  gimbal  angle  set  was  not  unique.  But  for  a given 
CMG  gimbal  angle  set,  the  momentum  state  is  unique.  Starting  from  a specific 
gimbal  angle  set,  the  momentum  space  was  spanned  in  radial  lines  to  produce 
distinct  surfaces,  lines  and  points  at  which  I CC*I  = 0 and  the  potential  for 
ghu  existed.  However,  changing  the  gimbal  set  (with  the  same  initial  momen- 
tum state)  and  again  spanning  momentum  space  would  result  in  an  entirely 
new  set  of  possible  ghu  surfaces.  If  all  possible  surfaces  where  I CC*  I = 0 
are  viewed  in  momentum  space,  control  with  SGCMGs  appears  almost 
impossible  [VI -6] . However,  only  those  surfaces  associated  with  the  initial 
gimbal  set  are  meaningful. 

With  four  CMGs  operating,  an  infinite  number  of  initial  gimbal 
sets  produce  a zero  momentum  state.  Moreover,  at  a zero  H state  the  gimbal 
angles  can  be  changed  without  torquing  the  vehicle.  Hence,  an  initial  gimbal 
set  should  be  selected  to  give  the  largest  momentum  space  without  hang -up 
surfaces.  Additionally,  if  the  direction  of  the  commanded  torque  is  known 
over  an  extended  time  interval,  the  initial  gimbal  set  can  be  selected  so  that 
the  entire  momentum  solid  in  the  desired  direction  can  be  used  for  control 
purposes. 


Starting  with  the  initial  gimbal  set  a.  = 0 (i  = 1,  2,  3,  4),  the 
momentum  state  is  zero.  Those  possible  ghu  surfaces  associated  with  = 0 
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are  shown  in  Figure  VI-23  for  the  Y-Z  and  Z-X  planes.  In  the  Y-Z  plane 
there  is  a square  box  composed  of  line  ghu  possibilities  which  appear  as 
points  (H^/H  — 1.75  H)  in  the  Z-X  plane.  In  either  plane,  the  outer  boundary 

is  the  maximum  momentum  envelope  which  is  always  a ghu  surface.  The  LST 
momentum  requirement  for  one  orbit  attitude  hold  under  worst-case  environ- 
mental torques  is  also  shown  by  the  dashed  lines  in  the  planes.  The  require- 
ment for  secular  gravity  gradient  momentum  storage  is  a flat  disk  of  1.2  H 
diameter  in  the  Y-Z  plane  and  a thickness  of  0.  048  H in  the  Z-X  plane,  if 
H = 678  N-m-sec  (500  ft-lb-sec)  per  CMG.  For  this  case,  the  momentum 
required  to  produce  a vehicle  angular  rate  of  18  deg/min  is  0.73  H on  the 
Y-Z  axes  and  only  0. 11  H on  the  X-axis.  With  four  CMGs. operating,  there 
is  more  than  enough  singularity  free  momentum  space  to  meet  the  LST  require- 
ments. Although  there  are  other  possible  ghu  surfaces  out  of  the  planes  shown, 
a momentum  sphere  of  at  least  3.5  H diameter  exists  in  momentum  space  that 
is  completely  free  of  any  possible  ghu  surfaces. 

By  changing  the  initial  gimbal  set,  different  ghu  surfaces  are 
obtained.  In  Figure  VI-24,  the  initial  gimbal  set  is  +60,  -60,  +60,  and  -60 
degrees  for  , respectively,  with  i=  1,  2,  3,  4.  Notice  that  the  previous 
ghu  in  the  Y-Z  plane  has  now  become  two  points  with  the  rest  of  the  Y-Z  plane 
completely  free  of  singularities.  In  the  X-Z  plane,  there  are  still  two  point 
singularities  (on  the  X-axis)  and  a ghu  line  appears  vertical  to  the  X-axis  at 
Hx/H  ^ 1*  1 H.  If  the  sign  on  the  initial  gimbal  set  is  reversed,  then  the 

point  singularities  in  the  Y-Z  plane  are  rotated  90  degrees  and  the  line 
singularity  in  the  Z-X  plane  appears  on  the  negative  X-axis.  In  any  case, 
there  is  enough  singularity  free  momentum  space  to  accomplish  the  LST 
mission  without  singularity  (ghu)  detection  and  avoidance  schemes. 


also  produce  enoug 


When  one  CMG  is  deactivated,  the  remaining  three  CMGs  can 
ough  singularity  free  momentum  to  meet  the  LST  requirements. 
With  a skew  angle  of  30  degrees  there  is  a sphere  of  at  least  1.8  H diameter 
centered  about  a zero  momentum  state.  As  the  skew  angle  is  increased,  the 
singularity  free  space  in  the  Y-Z  plane  decreases  slightly  but  increases  in 
parallel  Y-Z  planes  offset  on  the  X-axis.  By  offsetting  its  center  from  zero, 
a 1.8  H diameter  sphere  of  singularity  free  momentum  space  can  be  obtained 
with  almost  any  skew  angle.  Once  a CMG  has  failed,  the  gimbal  angles  will 
automatically  be  forced  by  the  MTS  to  a state  such  that  the  momentum  is  near 
zero.  Without  the  MTS,  however,  the  initial  gimbal  angles  with  their  corre- 
sponding momentum  states  must  be  specified  for  each  CMG  failure  case.  For 
each  CMG  that  has  been  failed,  there  are  eight  possible  gimbal  sets  for  the 
remaining  three  CMGs  that  can  produce  a zero  momentum  state.  Four  corre- 
spond to  positive  values  of  the  determinant  of  the  3x3  torque  matrix  and  the 


VI-63 


Figure  VI-23.  Four  skewed  CMG  ghu  surfaces  in  momentum  space  for  the  initial 

gimbal  set  (0,  0,  Q*  0)^ 
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Figure  VI- 24.  Four  skewed  CMG  ghu  surfaces  in  momentum  space  for  the  initial 

gimbal  set  (60,  -60,  60,  -60). 


other  four  to  negative  values.  The  total  momentum  space  can  be  spanned 
using  only  the  four  initial  gimbal  sets  corresponding  to  a positive  determinant. 
With  one  CMG  deactivated,  the  steering  law  can  be  obtained  as  an  exact 
solution  of  the  equation  = C a ; because  C is  a 3x3  matrix,  the  inverse 

of  which  exists  if  1C  I =£  0.  If  the  initial  gimbal  set  produces  a positive 
determinant,  obviously  I C I cannot  go  negative  without  penetrating  a singu- 
larity surface.  By  selecting  the  proper  initial  gimbal  set  out  of  four  possi- 
bilities, the  CMG  momentum  state  can  vary  from  zero  to  saturation  along  any 
selected  line  without  encountering  a singularity.  This  initialization  makes 
possible  the  use  of  the  entire  momentum  solid  for  control  purposes.  As 
shown  in  Figure  VI -25,  however,  enough  singularity  free  momentum  space 
exists  about  the  origin  to  meet  LST  requirements  without  gimbal  angle  initial- 
ization. With  CMG  number  4 deenergized,  the  initial  gimbal  set  cq  = -35.27 
degrees,  <\  = 0 degrees  and  olz  = 35.27  degrees  has  been  selected  to  produce 
the  zero  momentum  state.  The  disk  shaped  LST  momentum  requirement  has 
been  superimposed  on  Figure  VI-25  assuming  that  H = 678  N-m-sec  (500  ft- 
lb-sec)  per  CMG. 

Since  either  three  or  four  operational  CMGs  can  meet  all 
LST  requirements,  only  three  CMGs  could  be  active  with  the  fourth  on  standby 
in  case  of  a failure,  especially  if  it  would  increase  overall  reliability  or  life- 
time of  the  CMG  system.  As  long  as  the  required  singularity  free  momentum 
space  is  available,  there  is  no  difference  in  LST  pointing  performance  using 
either  three  or  four  CMGs.  As  indicated  by  the  momentum  envelopes  as 
compared  with  the  actual  LST  requirement,  using  678  N-m-sec  (500  ft-lb-sec) 
CMGs  produces  a much  oversized  system.  A CMG  system  with  only  half  as 
much  momentum  per  CMG  would  be  more  than  adequate  for  LST. 

e.  SGCMG  Shock  Mount  Dynamics  Study.  Torques  and  forces 
generated  internally  by  control  moment  gyros  as  a result  of  rotor  imbalance 
and  bearing  characteristics  are  transmitted  to  the  LST  structure  and  are  a 
potential  source  of  pointing  error.  Shock  mounts  to  isolate  the  CMGs  from 
the  structure  are  considered  to  be  a solution  to  the  problem;  however,  the 
dynamics  of  a shock-mounted  CMG  can  also  create  problems.  A study  was 
made  to  analyze  the  performance  of  shock-mounted  CMGs  in  terms  of 
pointing  stability  of  the  LST. 

The  dynamics  analysis  study  was  conducted  in  the  following 

basic  parts: 

1.  A model  was  developed  for  two-axis  control  using  one 
shock-mounted  SGCMG  per  axis. 
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Figure  VI -25.  Three  CMG  ghu  surfaces  for  the  gimbal  set 
(-35.27,  0,  37.27),  CMG  no.  4 out. 
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2.  Transfer  functions  were  developed  for  the  model  and 
frequency  versus  amplitude  plots  were  constructed. 

3.  Torque  disturbances  were  applied  to  the  transfer  functions 
and  the  outputs  were  applied  to  a simplified  structural  model  to  obtain  pointing 
errors. 


Figure  VI -26  is  the  model  used  to  develop  the  transfer  func- 
tions. CMG  A and  CMG  B are  identical  except  the  orientations  are  such  that 
CMG  A controls  the  Z-axis  and  CMG  B controls  the  Y-axis.  The  spring- 
represented  shock  mounts  for  both  rotational  and  translational  isolation  con- 

m • 0 

tain  both  spring  constant  and  damping.  A02>  and  A03  represent  input 

rates  to  the  shock-mount  system  about  the  X-,  Y-,  and  Z-axis,  respectively. 


Figure  VI-26.  SGCMG  shock  mount,  two-axis  dynamics  analysis  study. 
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Figure  VI-27  is  the  simplified  two-axis  block  diagram  obtained 
from  the  model.  Cross  coupling  loops,  as  well  as  direct  coupled  torque  loops, 
are  included.  The  terms  are  defined  as  follows: 
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angular  momentum  for  CMG  A and  CMG  B. 

shock  mount  rates  for  CMG  B about  Y-  and 
Z-axis,  respectively. 

shock  mount  rates  for  CMG  A about  Y-  and 
Z-axis,  respectively. 

vehicle  torques  about  Y-  and  Z-axis  due  to 
CMG  A. 

vehicle  torques  about  Y-  and  Z -axis  due  to 
CMG  B. 

disturbance  torques  to  CMG  B about  Y-  and 
Z -axis. 

disturbance  torques  to  CMG  A about  Y-  and 
Z-axis. 


co  , co  vehicle  rates  about  Y-  and  Z-axis. 

y z 


vehicle  angular  displacement  about  Y-  and 
Z -axis. 


Figure  VI-28  provides  frequency  response  plots  of  the  various 
direct  coupled  transfer  functions  as  a function  of  the  CMGs  angular  momentum. 
The  shock  mounts  are  20  hertz  mounts  with  damping  factor  equal  to  0. 1 of 
critical.  An  ideal  gimbal  servoloop  (a  = a ) was  considered.  The  significant 

points  of  the  direct  coupled  case  are: 

1.  Shock  mount  characteristics  are  provided  by  the  H = 0 

curve. 


2.  H not  equal  to  zero  — Attenuation  occurs  at  the  shock 
mount  frequency  but  high  and  low  frequency  peaks  appear. 
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Figure  VI-27.  Two-axis  block  diagram  for  SGCMG  shock  mount  dynamics  study 


MOMENTUM:  N-m-sec  (ft-lb-tec) 


— FREQUENCY  (Hz) ► 

Figure  VI-28.  Shock  mount  frequency  characteristics  versus  momentum  (direct  coupled  case) 


3.  H increasing  — The  peaks  become  more  pronounced  and 
are  spaced  farther  apart  on  the  frequency  scale. 

4.  Attentuation  increases  at  the  mount  frequency  with 
increasing  H,  but  the  peaks  grow. 

Figure  VI -29  provides  frequency  response  plots  of  the  various 
cross  coupled  transfer  functions  as  a function  of  angular  momentum.  The 
peaking  attributed  to  the  shock  mount  is  noticeable  at  low  H values  and,  as  H 
increases  to  a practical  operating  point,  the  two  peaks  appear  as  in  the  direct 
coupled  case.  Very  little  attenuation  occurs  at  the  shock  mount  frequency. 

The  condition,  in  both  cases,  of  high  frequency  peaks  occurring 
approximately  at  the  fundamental  rotor  frequency  is  undesirable  since  torques 
at  these  frequencies  and  their  harmonics  need  isolation  from  the  structure. 

The  low  frequency  peaks  are  near  the  solar  wing  modes  and  it  must  be  deter- 
mined whether  disturbances  at  these  frequencies  are  generated  by  the  CMG. 

The  final  step  in  the  study  was  to  insert  the  CMG  disturbances 
into  the  LST  structure  and  determine  the  pointing  errors  resulting  as  seen  by 
the  optical  system.  The  following  steps  were  used  to  determine  the  error: 

1.  The  structural  frequency  modes  were  determined  using 
the  structural  model  described  in  Chapter  II  of  this  volume. 

2.  The  displacements  at  each  structural  node  for  torque  or 
force  inputs  at  the  CMG  node  were  obtained  as  a displacement  per  unit  torque 
or  force. 


3.  The  pointing  error  sensitivities  with  respect  to  displace- 
ments were  computed  from  the  LST/OTA  optical  model. 

4.  The  pointing  error  per  unit  torque  or  force  input  was 
obtained  by  combining  the  structural  response  data  and  the  optical  sensitivities. 

5.  An  empirical  CMG  forcing  function  containing  disturbances 
at  the  fundamental  and  four  harmonic  frequencies  was  selected  and  wheel 
speeds  were  selected  t.o  match  disturbance  frequencies  to  structural  vibration 
frequencies. 


6.  The  CMG  forcing  function  was  applied  directly  to  the 
structure  (no  shock  mounts)  at  the  CMG  location  and  the  pointing  error  was 
determined  for  both  force  and  moment  inputs  for  the  selected  wheel  speeds. 
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Figure  VI -29.  Shock  mount  frequency  characteristics  versus  momentum  (cross  coupled  case) . 


7.  The  total  pointing  error  was  determined  as  a root-sum- 
square  value  obtained  from  the  resultant  force  and  moment  errors. 

8.  The  shock  mount  transfer  functions  for  the  direct  and 
cross  coupled  cases  were  separately  inserted  between  the  CMG  forcing  func- 
tions and  the  structure,  and  pointing  errors  obtained. 

9.  A total  RSS  pointing  error  for  each  wheel  speed  was 
determined  by  combining  the  errors  for  force  and  moment  disturbances. 

Figure  VI-30  is  a plot  of  the  RSS  errors  obtained  for  force 
and  moment  disturbance  as  a function  of  rotor  frequency  or  speed.  Curves 
are  given  for  both  the  no-shock-mount  case  and  for  the  case  using  20  Hz,  0. 1 
damping  factor  shock  mounts.  Table  VI-10  summarizes  the  frequencies  used 
and  the  resultant  pointing  errors. 


Figure  VI-30.  CMG  and  reaction  wheel  (RW)  vibration  effects. 
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TABLE  VI-10.  PEAK  POINTING  ERROR  FOR  APPLIED  FORCE 
AND  MOMENT  CMG  DISTURBANCE  INPUTS 


Wheel  Speed 
(rpm) 

RSS  Error  With 
Shock  Mounts 
(arc  sec) 

RSS  Error  Without 
Shock  Mounts 
(arc  sec) 

8460 

4.1 x 10-4 

2.3  x io"3 

6840 

5.2  x lo"5 

7.1 x lo“4 

5850 

5.3  x 10-4 

1.3  X 10"3 

5300 

6.3  x 10"4 

8.5  x 10'3 

4740 

3.9  x 10"4 

2.3  x io-3 

4410 

1.4  x lo-4 

1.9  x 10~3 

4270 

4.7  x io-4 

2.7  x 10~3 

The  following  conclusions  may  be  obtained  from  the  analysis 
with  the  simplified  structure  model: 

1.  CMGs  without  shock  mounts  are  a major  source  of  point- 
ing error  and,  to  be  acceptable  for  LST,  a speed  must  be  carefully  selected 
to  avoid  structural  resonances. 

2.  Shock  mounts  reduce  the  pointing  errors  to  nearly 
acceptable  values  at  any  wheel  speed;  however,  selection  of  wheel  speed  can 
reduce  errors  to  insignificant  values. 

3.  Further  analysis  using  more  sophisticated  structure 
models  and  CMG  torque  and  force  signatures  is  required. 

4.  Pointing  errors  for  a non-shock-mounted  RW  are  given 
in  Figure  VI -30.  These  errors  can  be  reduced  with  shock  mounts  but,  since 
the  RW  controls  by  varying  rotor  speed,  the  selection  of  speed  cannot  be  used 
to  further  reduce  pointing  errors. 

4.  Magnetic  Torquer  System  (MTS) 

a.  Magnetic  Torque.  Control  moment  gyros  require  periodic 
dumping  of  momentum  to  prevent  saturation.  If  a torque  source  such  as 
reaction  jets  are  used  for  desaturation,  a considerable  amount  of  propellant 


VI-75 


is  required  for  long  lifetime  missions  such  as  the  LST.  In  addition,  contami- 
nants from  some  propellants  can  cause  degradation  of  optical  surfaces.  For  long 
lifetime  missions,  it  seems  only  natural  to  consider  the  productive  use  of 
environmental  forces  such  as  the  gravity  gradient  or  earth’s  magnetic  field. 
Previous  studies  for  the  Skylab  program  show  that  g.  g.  can  be  utilized  to 
dump  CMG  momentum.  However,  during  dump,  the  spacecraft’s  pointing 
requirements  must  be  ignored  and  the  vehicle  maneuvered  in  a specific 
sequence  such  that  g.g.  counteracts  the  accumulated  momentum.  Under 
unfavorable  conditions,  g.g.  dump  could  consume  a considerable  portion 
(half  or  more)  of  the  available  time.  For  the  LST,  experiment  viewing  time 
takes  priority  and  precludes  the  use  of  g.g.  dump,  except  as  a backup 
measure. 


Currently,  the  earth's  magnetic  field  offers  the  greatest 
potential  for  utilizing  the  environment  for  LST  control  purposes,  without 
sacrificing  experiment  viewing  time  by  imposed  maneuvers  or  orientation 
restrictions. 


Basically,  the  advantage  of  using  controlled  interactions  with 
ambient  fields  is  that  no  propellant  need  be  carried  aboard  the  vehicle  for  CMG 
momentum  dump,  and  lifetime  is  not  limited  by  expendables.  The  use  of  the 
earth’s  magnetic  field  requires  that  electromagnets  be  installed  on  the  space- 
craft, along  with  a magnetometer  to  measure  the  strength  and  direction  of  the 
geomagnetic  field,  B.  From  a prior  knowledge  of  the  physical  characteristics 
of  the  electromagnets  and  the  state  of  the  CMG  momentum,  an  appropriate 
amount  of  electric  current  is  passed  through  the  solenoid  of  each  electro- 
magnet to  produce  a dipole  moment,  M.  The  magnetic  moment  generated  by 
the  electromagnets  will  then  react  with  the  geomagnetic  field  to  produce  a 

torque,  T , on  the  spacecraft.  The  CMGs  then  act  to  counteract  this  torque, 
m 

resulting  in  momentum  dump  of  the  CMGs.  The  magnetic  torque  produced 
obeys  the  vector  cross  product 


T = M x B 
m 

It  is  apparent  that  the  torque  produced  is  perpendicular  to 
both  the  dipole  moment  and  the  earth’s  field.  Although  limited  in  magnitude 
by  the  electromagnet  size,  the  direction  of  the  dipole  can  be  produced  in  any 
direction.  At  any  instant  of  time,  the  magnitude  and  direction  of  the  earth’s 
field  depends  on  the  spacecraft’s  orbital  position  relative  to  the  surface  of  the 
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earth.  The  vector  components  of  B would  be  obtained  by  onboard  magnetom- 
eters. The  magnitude  of  M varies  as  a function  of  the  currents  being  passed 
through  the  coils  at  any  time.  To  maximize  the  torque  produced  by  a given 
current,  the  dipole  generated  should  be  perpendicular  to  the  earth’s  field. 
Moreover,  it  is  apparent  that  a torque  cannot  be  produced  in  the  direction  of 
B. 


__  At  some  instant  of  time,  the  desired  torque  may  be  aligned 

with  B,  in  which  case  it  cannot  be  produced.  However,  these  periods  are 
relatively  short  because,  as  the  orbital  position  of  the  LST  changes,  a corre- 
sponding change  occurs  in  the  direction  of  the  earth's  field.  Over  any  time 
interval  during  an  orbit,  the  CMGs  produce  the  desired  torque  required  for 
fine  control,  and  the  magnetic  torque,  if  available,  is  used  to  dump  the 
momentum  accumulated  in  the  CMGs.  The  magnetic  system  proposed  for  the 
LST  provides  a torque  proportional  to  the  stored  momentum.  As  such,  it  is 
a secondary  control  torque  and,  if  it  cannot  momentarily  be  produced,  the 
vehicle  performance  is  not  degraded. 

Typical  values  for  the  components  of  the  earth’s  magnetic 
field  are  shown  in  Figure  VI-31  as  functions  of  the  LST’s  longitude  and 
latitude.  The  orbit  starts  at  the  morning  terminator  at  the  time  of  winter 
solstice  with  the  north  magnetic  pole  tilted  toward  the  sun.  The  southward 
component  is  always  negative  since  the  field  dipole  is  directed  from  south  to 
north.  As  the  earth  rotates  and  the  orbit  regresses,  the  components  change 
slowly  with  time  and  generally  repeat  themselves  every  24  hours.  The 
onboard  magnetometer  measures  the  field  in  LST  body  coordinates.  Therefore, 
the  measured  values  depend  on  the  spacecraft’s  inertial  orientation  in  space 
as  well  as  the  orbital  parameters.  The  total  magnitude  varies  from  about 
2.5X10  5 T ( 0. 25  gauss)  to  4 x 10  5 T (0.4  gauss) , with  an  average  of  about 
3 x 10  T (0.3  gauss) . A spherical  harmonic  expansion  was  used  to  generate 
the  field  components  shown  in  Figure  VI -31  for  the  year  1980.  Essentially, 
the  B field  generation  with  appropriate  transformations  to  LST  body  coordinates 
performs  the  functions  of  the  magnetometer  for  analysis  and  simulation  of  the 
LST. 


b.  Torquer  sizing.  As  a general  sizing  criterion,  the  electro- 
magnets must  produce  enough  torque  to  counteract  the  average  g.g.  plus 
an  additional  10  percent  to  account  for  other  disturbance  torques  such  as 
aerodynamic  and  solar  radiation.  For  the  LST,  the  maximum  g.g.  torque 
is  0.141  N-m  (0. 104  ft-lb) . The  average  g.g.  torque  plus  10  percent  is 
about  0.0814  N-m  (0.06  ft-lb).  Using  an  average  value  of  3 x 10-5  T (0.3 
gauss)  for  the  geomagnetic  field,  the  required  magnetic  dipole  capacity  per 
vehicle  axis  is 
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Figure  VI -31.  Components  of  the  earth’s  magnetic  field  as  functions 
of  the  LST  longitude  and  latitude. 
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For  direct  control,  the  MTS  must  produce  a torque  equal  to  or  greater  than 
that  of  g.g. , in  which  case  a dipole  moment  per  axis  of  4610  A-m2  (0.34 
ft-lb/gauss)  is  desirable.  Because  of  the  magnetic  cross  product  law,  torque 
on  one  axis  is  produced  by  the  coils  on  the  two  transverse  axes.  For  these 
reasons  a value  of  4000  A-m2  (0.3  ft-lb/gauss)  per  vehicle  axis  was  selected 
as  a basis  for  designing  the  electromagnets  for  the  LST.  Digital  simulations 
were  used  to  verify  the  design  value.  With  the  field  profile  shown  in  Figure 
VI-31  projected  in  LST  body  axes,  over  814  N-m-sec  (600  ft-lb-sec)  momen- 
tum can  be  dumped  during  one  orbit’s  time  using  three  orthogonally  mounted 
electromagnets  each  limited  to  4000  A-m2.  The  maximum  g.g.  secular 
momentum  for  LST  is  only  410  N-m-sec  (302  ft-lb-sec) , hence  the  coils  are 
oversized  by  a comfortable  margin  and  permit  an  electromagnet  failure 
without  endangering  the  mission.  In  the  event  of  CMG  failures,  the  MTS  can 
help  provide  direct  control  torque. 

Instead  of  one  electromagnet  per  vehicle  axis,  the  design 
dipole  value  can  be  generated  by  two  equivalent  electromagnets  per  axis. 

The  location  of  the  MTS  on  the  LST  is  shown  in  Figure  VI-32.  A total  of  six 
electromagnets,  two  per  vehicle  axis,  are  used  on  the  LST  spacecraft  with  the 
following  advantages: 

1.  Each  is  physically  smaller,  making  mounting  easier. 

2.  Each  can  be  driven  by  a separate  electrical  channel, 
providing  greater  redundancy. 

3.  The  length  to  diameter  ratio  is  greater  which  reduces 
the  demagnetization  factor,  thus  increasing  efficiency. 

As  illustrated,  there  are  two  straight  electromagnets  aligned 
with  th*e  X-axis  and  four  curved  electromagnets.  Two  of  the  curved  torquers 
are  aligned  such  that  their  magnetic  moment  lies  along  the  Y-axis,  and  the 
other  two  aligned  for  a Z-axis  dipole.  The  curved  electromagnets  have  the 
same  curvature  as  the  OTA  and  each  is  electrically  equivalent  to  a straight 
electromagnet.  Although  alternate  mounting  locations  were  examined  such 
as  on  the  light  shield  or  the  SSM,  each  case  posed  problems.  The  light  shield 
is  not  thick  enough  for  the  torquers  to  be  embedded  in  the  structure,  and 
complicated  rollout  cabling  is  required  when  the  light  shield  is  extended.  The 
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Figure  VI-32.  Design  reference  location  and  orientation  of  electromagnets  for  LST. 


SSM  mounted  torquers  produced  a magnetic  field  about  10  times  that  of  the 
earth’s  field  in  the  SIP  area  where  magnetically  sensitive  instruments  arc 
located.  The  OTA  mounting  arrangement  is  a compromise  between  the  two 
alternates.  The  various  design  data  for  the  electromagnets  are  listed  in 
Table  VI-11.  To  produce  the  same  dipole  as  an  equivalent  straight  electro- 
magnet, a curved  electromagnet  is  13  cm  (5  in.)  longer  and  weighs  1,8  kg 
(4  lbm)  more.  Each  electromagnet  solenoid  is  made  of  aluminum  wire  and 
is  designed  for  a maximum  power  of  5 watts.  Thus,  the  total  maximum  power 
for  the  6 electromagnets  is  30  watts.  However,  the  total  average  power  usage 
is  expected  to  be  about  10  watts. 

TABLE  VI-11.  ELECTROMAGNET  DESIGN  DATA 
(ONE  ELECTROMAGNET) 


Maximum  Magnetic  Moment  Required 

Curved  Weight 

Straight  Weight 

Curved  Length 

Straight  Length 

Radius  of  Curvature 

Diameter 

Core  Diameter 

Maximum  Power 

Material  of  Core 

Material  of  Solenoid  Wire 

B-H  Design  Data  Flux-Density 

F ield  Density 

Total  Weight3 

Total  Max  Power 

Total  Average  Power 


— 

2000  A-m2  (0.15  ft-lb/gauss) 
22.7  kg  (50  lb) 

20.9  kg  (46  lb) 

203  cm  (80  in. ) 

191  cm  (75  in.) 

183  cm  (72  in.) 

4. 19  cm  ( 1.65  in. ) 

3.73  cm  (1.47  in.) 

5 W 

AEM-4750 

Aluminum 

1.2  T (12  000  gauss) 

1592  A/m  (20  oersted) 

141  kg  (310  lb) 

30  W 
10  W 


a.  The  total  weight  includes  8 kg  (18  lb)  contingency  for  mounting 
hardware,  etc. 

b.  The  efficiency  of  power  usage  has  not  been  determined. 

Note  that  15  W is  assumed  in  Table  VI-2,  page  VI-14. 
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AEM-4750  core  material  was  selected  because  of  its  low 
hysteresis  and  coercive  force  characteristics.  Other  materials,  such  as 
permendur,  have  a higher  maximum  flux  density  than  AEM-4750  but  due  to 
large  hysteresis  it  would  be  much  harder  to  control  the  dipole  moment.  The 
solenoid  through  which  current  is  passed  is  wound  around  the  core  material. 

As  an  alternate,  solenoids,  without  core  material  (open  coils)  were  con- 
sidered, but  a comparison  of  weight,  power,  dimensions,  and  mounting 
arrangement  shows  that  open  coils  weigh  more  for  the  same  amount  of  power 
than  coils  with  cores.  Moreover,  open  coils  would  have  to  be  looped  around 
the  outer  perimeter  of  the  LST,  thus,  complicating  the  mounting  and  producing 
high  magnetic  fields  inside  the  LST.  Another  alternate  considered  was  vari- 
able permanent  magnets  (VPMs)  instead  of  electromagnets.  VPMs  consist  of 
a core  of  permanent  magnetic  material  surrounded  by  a magnetizing  coil  which 
is  activated  only  when  the  magnetic  state  of  the  core  is  to  be  changed.  Once 
the  desired  magnetic  moment  is  achieved,  the  current  can  be  turned  off  with- 
out affecting  the  magnetic  state  of  the  VPM.  Thus,  the  average  power  con- 
sumption for  relatively  long  periods  of  steady-state  operation  would  be  negli- 
gible, but  high  power  is  required  for  short  durations  to  change  the  magnetic 
state.  Moreover,  additional  sensors  must  be  installed  on  each  VPM  to 
determine  its  magnetic  state.  Although  a VPM  system  weighs  less  than  the 
electromagnets  baselined  for  LST,  its  operation  is  more  complex.  Operation 
of  the  VPMs  would  be  commanded  from  the  ground  based  on  predictions  of  the 
average  expected  g.g.  torque  and  the  earth’s  magnetic  field.  Since  average 
instead  of  actual  values  are  used  there  will  be  a significant  residual  momentum 
after  every  orbit.  The  CMGs  will  eventually  saturate,  requiring  some  sort  of 
maneuvering  for  backup  g.g.  desaturation.  Thus,  VPMs  are  not  recommended 
for  LST. 


c.  Magnetometer.  The  type  of  magnetometer  manufactured  by 
Dalmo-Victor  that  was  used  on  the  OAO  spacecraft  can  be  used  on  the  LST 
spacecraft.  This  magnetometer  measures  the  goemagnetic  field  along  each 
of  the  spacecraft  axes  and  converts  this  to  a dc  voltage.  The  magnetometer 
weighs  3 kg  (6.5  lbm)  and  requires  a power  of  2 watts. 

The  magnetometer  should  be  located  on  the  spacecraft  where 
the  geomagnetic  field  is  practically  undistorted  due  to  the  field  of  the  electro- 
magnets and  induced  magnetic  moments.  The  farthest  the  magnetometer  can 
be  placed  from  the  electromagnets  is  at  the  subsystem  end  of  the  spacecraft 
where  the  magnetic  field  due  to  the  6 electromagnets  is  about  1 x 10-6  T 
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(0.  01  gauss) . This  field  is  about  3 percent  of  the  average  geomagnetic  field 
of  3 x 10  ® T (0.3  gauss)  and  should  cause  no  significant  errors  in  the  magne- 
tometer measurements.  However,  if  more  accuracy  is  desired,  the  magne- 
tometer could  be  operated  in  discrete  time  intervals.  The  geomagnetic  field 
changes  very  slowly  as  the  spacecraft  orbits  (two  cycles  per  orbit)  and, 
therefore,  it  can  be  treated  essentially  as  constant  over  small  intervals  of 
time,  say  of  the  range  of  1 min.  Thus,  the  geomagnetic  field  can  be  accurately 
measured  at  discrete  intervals  by  switching  off  the  electromagnets  for  short 
durations  of  time  ( about  5 sec) . 

In  the  event  the  three-axis  magnetometers  used  onboard  the 
spacecraft  fail,  the  following  two  schemes  could  be  used  to  provide  signals 
for  changing  the  magnetic  state  of  the  electromagnets.  In  the  first  scheme, 
the  magnetic  moment  for  each  electromagnet  is  changed  whenever  the  geo- 
magnetic field  components  in  the  spacecraft  axes  change  directions.  Ground 
computation  can  be  made  to  determine  the  geomagnetic  field  components  along 
the  spacecraft  axes  from  a known  model  of  the  geomagnetic  field  and  the 
position  and  orientation  of  the  spacecraft.  From  this  information,  the  mag- 
netic moment  required  for  each  electromagnet  over  a certain  averaging  period 
can  be  computed.  The  averaging  period  is  equal  to  the  time  between  the 
direction  changes  of  the  geomagnetic  field  components  in  the  spacecraft  axes. 
Generally  this  period  is  equal  to  about  a quarter  of  an  orbit.  Necessary  ground 
commands  will  be  sent  to  the  spacecraft  such  that  in  each  quarter  orbit  the 
magnetic  state  of  the  electromagnets  is  changed.  The  frequency  of  these  com- 
mands can  be  reduced  from  four  times  per  orbit  to  once  in  two  or  three  orbits 
depending  upon  the  accuracy  of  the  model  used  to  represent  the  actual  geo- 
magnetic field.  It  is  possible  to  compute  and  store  in  the  onboard  computer 
the  changes  required  for  the  next  two  or  three  orbits. 

In  the  second  scheme,  a known  geomagnetic  field  model  is 
programmed  onboard  the  spacecraft.  This  geomagnetic  field  model  is  used 
in  the  event  of  a magnetometer  failure.  A fairly  accurate  and  easily  pro- 
grammed model  is  a tilted  dipole  model  for  the  geomagnetic  field.  This  model 
would  require  frequent  updating  through  ground  commands.  In  addition,  it 
would  require  information  on  spacecraft  inertial  orientation  and  spacecraft 
orbital  parameters. 

The  advantages  of  the  second  scheme  over  the  first  is  that  it 
is  continuous  and  all  the  computations  are  performed  onboard  the  spacecraft. 
The  disadvantage  is  that  it  will  require  computer  storage  area  for  the  geo- 
magnetic field  model.  The  number  of  ground  commands  required  for  either 
scheme  is  expected  to  be  nearly  the  same.  The  first  scheme  is  preferred  over 
the  second  because  of  its  low  storage  capacity  requirements. 
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d.  Dipole  Control  Law.  The  mathematical  logic  and  mixing  of 
information  required  to  compute  the  desirable  dipole  moment  of  each  electro- 
magnet is  denoted  as  the  dipole  control  law.  The  dipole  moment  is  directly 
proportional  to  the  current  being  passed  through  the  solenoids  at  any  time. 
Since  the  MTS  must  produce  a torque  proportional  to  the  CMG  momentum,  H, 
but  opposite  in  direction  for  momentum  dump  and  a torque  in  the  same  direc- 
tion as  the  commanded  torque,  T , for  direct  control,  the  magnetic  torque 
equation,  T , is  set  equal  to 

T = KT  - K,  H = M X B 
m c c d 


where  K and  K are  proportionality  constants  that  must  be  selected  for 

C Cl 

proper  operation.  Taking  the  vector  cross  product  of  B on  the  left  with  both 
sides  and  assuming  M . B = 0 produces  the  following  dipole  control  law: 


M = [K  (B  x T ) - K (B  x H)]/B2 
c c d 

The  vector. form  can  be  expanded  to  obtain  the  dipole  component  per  vehicle 
axis.  Since  each  axis  has  two  equal  electromagnets,  the  dipole  command 
per  axis  is  prorated  equally  between  two  solenoids.  The  dipole  moment 
commanded  can  be  related  to  current  and  voltage  that  must  be  applied  to  the 
coils  of  each  electromagnet. 

The  actual  dipole  moment  generated  is  limited  by  the  physical 
properties  of  the  electromagnets  such  as  the  maximum  available  current, 
number  of  turns  in  the  coils,  and  the  shape  and  volume  of  the  core  material. 
For  design  purposes,  a maximum  of  10  watts  per  vehicle  axis  has  been 
assumed  which  for  the  LST  MTS  corresponds  to  a limit  of  4000  A-m2  (0.3 
ft-lb/gauss)  per  vehicle  axis.  During  simulation  of  the  LST  MTS,  the  dipole 
moment  of  each  axis  was  hard -limited  to  the  electromagnet  design  value. 

Many  runs  were  made  varying  the  gains  K and  K to  determine  their 
proper  values.  c 

Total  LST  control  system  performance  was  relatively 

unchanged  when  K was  varied,  either  with  or  without  magnetic  dump, 
c 

Apparently,  the  response  time  of  the  CMGs  is  so  fast  relative  to  the  magnetic 
control  loop  that  the  CMGs  produce  most  of  the  commanded  torque.  During  a 
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CMG  failure,  however,  and  during  the  momentum  redistribution  after  a CMG 
has  been  deenergized,  the  direct  magnetic  control  loop  prevents  excessive 
vehicle  pointing  errors  and  quickly  helps  drive  the  CMGs  to  a new  operational 
null.  Direct  magnetic  control  also  permits  pointing  control  in  the  event  two 
CMGs  have  failed.  An  appropriate  value  for  is  unity. 


In  contrast,  LST  pointing  performance  changed  drastically  as 
the  desaturation  gain  was  varied.  The  results  also  depend  upon  the 

commanded  torque  and  the  control  system  bandwidth  as  well  as  the  value  of 
K_j  . For  moderate  pointing  requirements  such  as  1 arc  min,  integral  control 

is  not  required.  In  this  case  magnetic  momentum  dump  of  the  CMGs  improved 
both  pointing  performance  and  stability  characteristics  of  the  spacecraft.  A 
linear  analysis  indicated  that  the  MTS  introduces  the  integral  of  the  commanded 
torque  through  the  CMG -magnetic  control  loop.  As  the  pointing  requirements 
approach  that  of  LST  ( 1 arc  sec) , the  control  system  bandwidth  must  be 
increased.  For  this  case,  the  MTS  can  introduce  a disturbance  that  adds  to 
the  total  pointing  error.  The  LST  pointing  error  as  a function  of  the  MTS 
desaturation  gain  is  shown  in  Figure  VI-33.  A value  of  K^=0.1  results 


in  a possible  pointing  error  of  0.8  arc  sec  or  less  and  is  an  appropriate  value 
to  use  for  a body  pointing  requirement  of  1 arc  sec.  However,  if  fine  body 
pointing  down  to  0.0025  arc  sec  is  required  for  the  LST  (either  in  lieu  of,  or 
as  a backup  to  the  secondary  mirror  control  system) , then  integral  control 
must  be  added  to  the  commanded  torque.  To  prevent  the  MTS  from  causing 
pointing  errors,  the  value  of  must  be  reduced  to  about  0.  005.  Since 


the  maximum  dipole  moments  are  limited,  lowering  the  value  of  makes 

the  electromagnets  operate  in  a linear  mode  most  of  the  time.  As  is 


increased,  the  coils  act  in  a bang -bang  type  mode  each  time  the  earth’s  field 
components  change  sign.  Thus,  for  proper  operation,  K,  must  be  large 

U 


enough  to  cause  the  CMG  momentum  to  be  dumped  but  small  enough  to  prevent 
attitude  pointing  errors. 


e.  Magnetic  Field  Propagation.  Figures  VI-34  and  VI-35  show 
the  magnetic  field  strength  distribution  inside  the  LST  caused  by  all  six 
electromagnets.  The  X,  Y,  and  Z parameters  used  in  these  plots  are  the 
Cartesian  coordinates  previously  shown  in  Figure  VI -32.  In  generating  these 
plots,  it  is  assumed  that  all  6 electromagnets  are  operating  and  generating 
their  maximum  magnetic  moment  of  2000  A-m2.  The  direction  of  each  elec- 
tromagnet is  parallel  to  the  positive  direction  of  the  respective  axes  to  which 
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Figure  VI-33.  Errors  due  to  magnetic  dump  of  the  CMGs. 


they  are  aligned  (Fig.  VI-32) . The  curved  electromagnets  have  been  replaced 
by  equivalent  straight  electromagnets  in  generating  the  field  propagation  data: 
1.9  m (75  in.)  in  length  with  a dipole  moment  of  2000  A-m2.  At  any  specified 
point  on  the  vehicle,  the  magnetic  field  is  a vector  whose  components  are 
composed  of  the  vector  addition  of  the  propagated  field  vector  of  each  elec- 
tromagnet at  that  point.  The  field  strength  magnitude  at  each  specified  point 
is  calculated  using  the  normal  vector  magnitude. 

Figure  VI-34  shows  the  field  strength  along  two  lines  parallel 
with  the  X-axis  in  the  X-Y  plane.  The  field  strength  is  slightly  higher  in  the 
X-Y  plane  in  the  SSM  section  than  in  the  X-Z  plane  because  of  the  presence  of 
the  two  electromagnets  aligned  parallel  to  the  X-axis  in  the  X-Y  plane. 
Although  the  field  was  calculated  over  the  total  LST  volume  at  points  located 
on  the  corners  of  a 15.2  cm  (6  in.)  square  lattice,  only  the  X-Y  plane  field 
is  illustrated.  The  field  is  plotted  along  the  lines  [Y  = 0,  Z = 0 and  Y = 

1.22  m (4  ft) , Z = 0]  with  distance  along  the  X-axis  as  a variable.  In  the 
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SSM  area,  the  field  is  less  than  1 x 10-5  T (0.1  gauss)  and  at  the  aft  end  about 
1 x io“6  T (0.  01  gauss) , which  is  much  less  than  the  earth’s  average  field  of 
3 x lo." 5 T (0.3  gauss) . In  the  center  of  the  OTA  near  the  electromagnets, 
the  field  is  about  equal  to  that  of  the  geomagnetic  field.  As  an  electromagnet 
is  approached,  the  field  becomes  much  higher.  Within  0.3  m of  an  electro- 
magnet the  field  is  about  4 x lo-4  T (4  gauss)  and  inside  an  electromagnet  is 
is  1.2  T (12  000  gauss) . Near  the  ends  of  an  electromagnet  the  field  is  much 
higher  than  near  the  sides  at  the  same  distance. 
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Figure  VI -35.  X-Y  plane  isomagnetic  field  distribution 


Figure  VI-35  shows  an  isomagnetic  plot  of  lines  of  equal  field 
strength  in  the  X-Y  plane  superimposed  on  a rough  sketch  of  the  LST.  The 
electromagnet  locations  are  illustrated  relative  to  the  SSM,  SIP,  and  OTA. 
However,  the  Y electromagnet  is  not  in  the  X-Y  plane,  consequently 
no  isomagnetic  lines  surround  it.  Also  the  Z -electromagnet  is  perpendicular 
to  the  plane,  thus,  contributing  very  little  in  the  plane.  Since  the  field  aft  of 
the  primary  mirror  is  much  less  than  the  earth’s  ambient  field,  no  additional 
shielding  ( other  than  that  required  for  the  geomagnetic  field)  will  be  required 
for  magnetically  sensitive  components  located  in  the  SIP  and  SSM  areas . 

As  previously  stated,  the  magnetometer  should  be  located  as 
far  from  the  electromagnets  as  possible  so  that  a true  measure  of  the  earth’s 
field  can  be  obtained  without  errors.  On  the  aft  end  of  the  SSM,  the  field  is 
less  than  lx  10  T (0.  01  gauss) , or  about  3 percent  of  the  earth’s  field.  This 
small  value  should  cause  no  significant  errors  in  the  magnetometer  readings 
and  the  MTS  can  be  used  continuously,  without  stopping  to  measure  the  geo- 
magnetic field  periodically. 

If,  as  an  alternate  mounting  arrangement,  the  electromagnets 
are  located  on  the  outer  perimeter  of  the  SSM,  the  field  inside  the  SSM  and 
SIP  will  be  about  10  times  that  of  the  earth’s  ambient  field.  Additional  shielding 
for  magnetically  sensitive  components  will  impose  a small  weight  penalty.  For 
continuous  MTS  operation,  the  magnetometer  should  ideally  be  located  on  the 
light  shade  or  the  end  of  the  OTA.  But,  if  the  magnetometer  is  also  located 
on  the  SSM,  then  the  MTS  would  be  operated  in  the  off-on  type  mode  previously 
described:  The  electromagnets  are  turned  off  for  a short  period  while  the  field 
is  measured,  then  turned  on  for  a longer  period  using  the  measured  data  as 
constants.  The  on-off  period  ratio  can  be  about  100  sec  on  to  4 sec  off. 

Invar  material  has  been  proposed  as  an  alternate  to  graphite 
epoxy  material  for  use  in  the  telescope  truss  structure  and  the  SIP  structure 
of  the  LST  spacecraft.  The  Invar  material  used  in  the  structure  can  be  either 
hard  drawn  or  annealed. 

The  weight  of  Invar  proposed  ^approximately  400  kg  (880 
lbm)  and  the  volume  is  approximately  4.9  x 10  m3  (3000  in.3).  The  presence 
of  Invar  in  the  telescope  will  have  two  effects.  Magnetization  of  the  Invar  by 
both  the  Earth's  magnetic  field  and  the  field  produced  by  the  electromagnets 
will  result  in  the  production  of  counter  control  torques  and  the  alteration  of  the 
field  distribution  shown  in  Figure  VI -35.  Since  the  strength  of  the  field  pro- 
duced by  the  electromagnets  over  the  majority  of  the  telescope  length  is  less 
than  the  earth’s  magnetic  field,  the  effects  of  the  Invar  from  these  sources 
will  be  very  small  and  have  been  ignored.  The  effect  of  the  earth's  field  can  be 
significant,  however,  and  is  discussed  below. 
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Figure  VI -36  shows  the  B-H  characteristic  for  annealed  Invar. 
Data  for  this  figure  were  obtained  from  the  Alloy  Digest,  March  1964  issue. 

It  is  noted  that  annealed  Invar  is  likely  to  be  magnetized  in  the  earth’s  magnetic 
field.  The  maximum  value  of  the  earth's  magnetizing  force  at  orbit  altitude  is 
about  32  A-m  (0.4  oersted) . Corresponding  to  this  value  of  H,  the  value  of 
magnetic  induction,  B,  obtained  from  Figure  VI -36  is  about  9.5  x 10-2  T 
(950  gauss).  The  resulting  magnetic  moment  induced  in  the  Invar  in  the 
direction  of  B is  3740  A-m2.  This  is  more  than  the  capacity  of  one  electro- 
magnet. This  large  magnetic  moment  induced  in  the  Invar  will  result  in  a 
large  magnetic  field  at  the  SIP  and  SSM,  which  is  highly  undesirable  and  may 
result  in  the  requirement  for  shielding  many  spacecraft  components. 


16  32  48  64  80  96  112 

MAGNETIZING  FORCE  - H,  A/m  (OERSTED) 

Figure  VI -36.  B-H  characteristic  for  annealed  Invar. 
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The  magnetic  moment  induced  in  the  Invar  by  the  earth’s 
field  is  parallel  to  the  field  and  will  produce  no  disturbing  torque  for  the  initial 
spacecraft  orientation.  When  the  spacecraft  is  reoriented  with  respect  to  this 
field,  a new  moment  is  induced;  but  there  is  also  a moment  due  to  the  residual 
magnetism  from  the  previous  orientation.  That  component  of  the  residual 
magnetic  moment  that  is  normal  to  the  earth’s  field  will  produce  a disturbance 
torque  on  the  spacecraft.  The  magnitude  of  this  component  under  worst  con- 
ditions is  equal  to  the  moment  produced  by  the  total  residual  magnetism  in  the 
Invar.  No  experimental  data  on  the  residual  magnetism  (hysteresis  properties) 
of  Invar  could  be  obtained;  however,  Itek  personnel  estimated  it  to  be  10  to 
30  percent.  A value  of  20  percent  was  used  in  the  present  analysis.  This  gives 
the  residual  magnetism  normal  to  the  earth’s  field  as  748  A-m2.  The  maximum 
disturbance  torque  produced  on  the  spacecraft  is  then  0.  03  N-m  (0.  022  ft-lbf) . 
This  is  about  20  percent  of  the  maximum  gravity  gradient  torque.  Because  of 
the  large  induced  magnetism  in  the  Invar  and  the  consequent  large  magnetic 
field  and  disturbance  torque,  the  use  of  annealed  Invar  on  the  LST  spacecraft 
should  be  kept  to  a minimum. 

Since  the  amount  of  magnetism  induced  in  the  hard  drawn 
Invar  is  lower  than  the  annealed  Invar,  the  hard  drawn  Invar  is  recommended 
for  any  use  in  the  structure.  However,  Itek  Corp.  personnel  have  recently 
stated  that  the  magnetic  properties  of  hard  drawn  Invar  change  with  time 
and  its  resistance  to  magnetization  decreases.  If  this  is  true,  the  actual 
magnetic  field  distribution  due  to  the  geomagnetically  induced  magnetism  in 
hard  drawn  may  approach  that  computed  for  the  annealed  Invar.  Based  on 
this  observation,  only  the  results  of  magnetic  field  distribution  from 
geomagnetically  induced  magnetism  in  annealed  Invar  are  given  to  charac- 
terize the  torque  produced  and  the  propagated  field. 

The  magnetic  field  propagation  due  to  the  magnetism  in  the 
annealed  Invar  structure  induced  by  the  geomagnetic  field  is  shown  in  Figure 
VI-37.  Various  assumptions  were  made  in  computing  this  magnetic  field 
distribution  because  of  the  complex  structure  of  the  LST.  One  of  these 
assumptions  is  that  the  field  distribution  in  an  annealed  Invar  structure 
corresponds  to  the  field  distribution  of  an  equivalent  bar  magnet.  The  length 
of  the  equivalent  bar  magnet  is  8.4  m (330  in. ) , which  is  the  length  of  the 
telescope  truss  plus  the  SIP  structure,  and  it  produces  a dipole  moment  of 
3740  A-m2. 


One  end  of  the  equivalent  bar  magnet  is  at  the  aft  end  of  the 
SIP,  within  the  LST  SSM.  The  abscissa  of  Figure  VI-37  represents  the 
distance  along  the  longitudinal  axis  of  the  LST  spacecraft  from  the  end  of  the 
Invar  structure  toward  the  base  of  the  SSM.  From  this  figure  it  is  seen  that 
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Figure  VI-37.  Magnetic  field  distribution  — Invar  structure  in  the 

geomagnetic  field. 


the  field  near  the  end  of  the  Invar  is  high  but  that  it  drops  very  rapidly  outside 
the  Invar.  Because  of  the  high  field  strength,  some  magnetic  sensitive  com- 
ponents in  the  SIP  and  SSM  will  require  magnetic  shielding  if  Invar  is  used. 

It  is  expected  that  the  instruments  located  within  the  SIP  will 
be  adversely  affected  by  a magnetic  field  strength  over  a few  gauss.  All 
points  on  the  plot  shown  in  Figure  VI -37  lie  outside  the  SIP  structure;  there- 
fore, the  field  strength  within  the  SIP  at  points  near  annealed  Invar  members 
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can  be  greater  than  100  gauss.  Magnetic  Shielding  can  reduce  this  field 
at  the  instrument  if  this  does  not  interfere  with  light  paths  into  the 
detectors.  Magnetic  sensitive  components  should  not  be  placed  adjacent  to 
the  Invar  structure.  Depending  upon  the  field  sensitivity  of  the  particular 
component,  it  should  be  mounted  some  small  distance  away  (especially  from 
the  ends)  from  the  Invar  structure.  The  high  induced  fields  expected  in 
annealed  Invar  seem  to  make  this  material  unsuitable  for  use  in  .the  SIP 
structure.  A graphite-epoxy  material  would  be  much  more  suitable  from  a 
magnetic  interference  standpoint. 

5.  Reaction  Control  System 


a.  Guidelines.  The  selected  LST  configuration  has  an  RCS  in 
addition  to  the  primary  control  system.  The  design  guidelines  for  the  RCS 
have  been  outlined  in  Section  A . 1 from  which  the  following  guidelines  for  RCS 
analysis  were  obtained.  The  RCS  may  be  used  for: 

1.  Emergency  control  during  a failure  of  ACS  major 

subsystems. 

2.  Backup  control  while  in  the  vicinity  of  the  Shuttle. 

3.  Larger  control  authority  in  case  of  misdock. 

b.  RCS  Performance.  A preliminary  timeline  of  possible  LST 
RCS  use  was  devised  to  obtain  propellant  requirements  using  the  dual  thrust 
level  reaction  jets  described  in  the  system  implementation  section.  Assuming 
Shuttle  launch  with  utilization  of  Shuttle  control  during  CMG  spin-up,  the 
RCS  may  first  be  used  after  release  of  the  LST  from  the  Shuttle.  As  a worst- 
case,  the  release  transient  will  be  assumed  to  be  equal  to  docking  transients. 
A simple  analysis  was  made  of  two  rigid  bodies  in  collision  with  the  total 
momentum  converted  to  an  LST  angular  rate.  The  result  was 


0 = 11.74  v 


o 


where  v0  is  in  m/sec  and  0 will  be  deg/sec.  In  addition  to  this  angular 
rate,  the  Shuttle  limit  cycle  rate  will  be  added,  to  give 


Using  a closure  velocity  0.0348  m/sec  (0.1  ft/sec) , an  angular  rate  of  0.46 
deg/sec  is  obtained  for  the  LST.  It  was  felt  that  a reasonable  approximation 
to  an  actual  collision  is  to  distribute  this  in  an  RSS  sense  giving  0.26  deg/sec 
on  each  axis.  To  remove  these  rates  222.4  N-sec  (50  lb-sec)  of  impulse 
will  be  required.  Three  misdocks  were  assumed  to  be  budgeted  giving  three 
times  the  above  figure  or  667.2  N-sec  (150  lb-sec) . Figure  VI -38  shows 
the  comparison  between  RCS  control  and  CMG  .control  during  a low  velocity 
collision.  The  attitude  overshoot  and  recovery  times  allowed  by  the  CMGs 
are  somewhat  larger  than  those  allowed  by  the  RCS.  For  the  case  shown,  the 
CMGs  may  suffice  but,  for  larger  closure  velocities,  the  RCS  would  be  much 
more  desirable. 


Next,  consideration  was  given  to  an  emergency  hold  mode. 
Assuming  no  pointing  requirements  and  three-axis  stabilization  to  0.5  deg, 
the  X-POP  mode  (X-axis  perpendicular  to  the  orbit  plane)  was  studied.  If 
this  mode  were  maintained  for  29  days,  10  230  N-sec  (2300  lb-sec)  impulse 
would  be  required  (assuming  a regulated  GN2  RCS) . As  the  attitude  hold 
accuracy  is  decreased  (greater  than  0.5  degree)  , the  impulse  requirements 
increase  due  to  larger  gravity  gradient  torques. 

If  the  LST  has  a pointing  requirement  during  the  emergency 
mode  (i.  e. , the  solar  wings  normal  to  the  sunline) , the  worst-case  gravity 
gradient  conditions  could  be  encountered,  requiring  a much  larger  than 
desirable  propellant  loading.  Using  the  coarse  sun  sensor  as  a pointing 
reference  allowing  tumble  about  the  sunline  and  considering  average  gravity 
gradient  torques  on  the  2 controlled  axes,  the  LST  can  be  stabilized  to  ±10 
degrees  about  2 axes  for  16  days  using  10  230  N-sec  (2300  lb-sec)  impulse. 
With  the  worst-case  gravity  gradient  torques  and  2-axis  stabilization,  the 
10  230  N-sec  (2300  lb-sec)  impulse  will  permit  control  to  ±10-degree  accuracy 
for  7 days. 


The  final  RCS  control  function  budgeted  is  the  docking  require- 
ment. A simple  percentage  (10  percent)  of  the  misdock  budget  was  allocated 
for  docking,  giving  67  N-sec  (15  lb-sec)  impulse.  The  complete  impulse 
budget  is  given  in  Table  VI-12. 

A brief  comparison  was  made  between  a blowdown  RCS 
similar  to  the  one  used  on  Skylab  and  the  regulated  RCS  selected  for  the 
LST.  Table  VI-13  shows  the  propellant  consumption  comparison  between  the 
regulated  and  blowdown  systems.  Obviously,  the  blowdown  system  is  quite 
wasteful  with  respect  to  limit  cycle  propellant  consumption  due  to  the  relatively 
large  blowdown  minimum  impulse  bits  (MIBs) . The  MIB,  in  effect,  gives  the 
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smallest  possible  angular  rate  achievable  with  the  RCS;  so,  as  the  MIB  goes 
down,  excessive  limit  cycle  operation  is  also  reduced.  The  smallest  MIB  in 
each  new  heading  of  the  figure  is  that  of  the  regulated  system.  The  MIBs  to 
the  right  of  the  regulated  system  represent  variations  in  the  blowdown  system 
as  a function  of  propellant  used.  Propellant  weights  are  found  as  a function 
of  the  MIB  and  the  deadband  by  tracing  rows  and  columns  to  their  intersection. 
Even  at  the  end  of  the  mission,  the  blowdown  system  does  not  compare 
favorably  with  the  regulated  system.  From  a stabilization  and  control  view- 
point, a regulated  system  is  definitely  preferred  since  the  control  torques  for 
the  blowdown  system  are  much  too  large  for  efficient  limit  cycle  operation. 
Only  if  a modified  blowdown  system  with  a much  lower  MIB  were  built  would 
it  become  a viable  candidate. 

c.  Recommendations.  It  is  recommended  that  two-axis  control 
be  used  during  the  emergency  sun  acquisition  mode  with  the  coarse  sun 
sensor  providing  attitude  information.  The  2 controlled  axes  can  be  stabilized 
to  an  accuracy  of  10  degrees  by  this  method,  allowing  the  solar  wings  to 
operate  near  peak  power.  Attitude  rate  can  be  obtained  by  differentiating  the 
outputs  of  the  sun  sensors.  For  three-axis  control,  logic  must  be  supplied 
in  the  TA  to  obtain  attitude  and  rate  from  the  RGA.  This  is  desirable  during 
Shuttle  docking  (with  a failed  LST  central  processor)  to  allow  the  LST  to  be 
three-axis  stabilized. 

It  should  be  reiterated  that  the  RCS  is  desirable  as  a backup 
control  system  during  those  times  when  the  Shuttle  is  in  the  close  vicinity  of 
the  LST.  Much  more  control  authority  is  available  during  docking  (with  the 
possibility  of  collision  outside  expected  tolerances)  than  is  available  from 
the  primary  control  system. 

6.  System  Simulation 


a.  Description.  A digital  computer  program  was  utilized  to 
simulate  the  dynamic  behavior  of  the  LST  in  a circular  earth  orbit.  The 
program  is  basically  designed  to  simulate  the  LST  over  a several-orbit  time 
period  and  is  utilized  to  determine  the  overall  compatibility  of  the  subsystems 
making  up  the  total  attitude  control  system  and  to  verify  the  gain  selections 
to  meet  overall  performance  requirements.  This  simulation  does  not  take 
into  account  the  hardware  nonlinearities  such  as  CMG  dead  zones  and  friction 
or  sensor  noise,  in  a real  system,  permissible  gains  are  limited  by  noise 
levels,  mechanical  resonances,  CMG  vibration,  and  angular  rates  acceptable 
to  the  fine  pointing  system.  Even  at  maximum  permissible  gain,  actual 
system  performance  is  limited  by  hardware  constraints  such  as  the  dead  zone 
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of  the  CMG  gimbal  tachometer  and  the  static  and  running  friction  of  the  gimbal 
bearings.  Only  rigid  body  dynamics  are  incorporated  in  the  digital  simulation. 
Therefore,  the  gains  can  be  arbitrarily  increased  to  attain  whatever  pointing 
accuracy  is  specified  without  the  usual  restrictions  of  body  flexibility  effects. 

The  equations  which  were  programmed  were  Euler's  equations 
for  rotational  motion  about  the  principal  LST  body  axes,  a 1,  2,  3 Euler  angle 
sequence  to  relate  the  body  axes  to  the  solar  reference  coordinates,  trans- 
formational matrices  to  relate  the  environmental  forces  to  the  LST  body 
axes,  control  logic  which  relates  the  LST  attitude  errors  through  appropriate 
feedback  gains  to  the  commanded  torque,  a CMG  steering  law  which  converts 
the  commanded  torque  to  an  applied  torque  through  the  CMG  dynamics,  a 
spherical  harmonic  expansion  to  generate  the  earth’s  magnetic  field,  and 
magnetic  control  logic  for  CMG  momentum  management.  For  added  realism, 
the  program  included  all  natural  movements  which  could  affect  the  orbital 
motion  of  the  LST,  such  as  the  earth's  rotation,  regression  of  the  ascending 
line  of  nodes,  and  the  earth’s  revolution  about  the  sun.  Since  the  dominant 
environmental  torque  is  that  caused  by  g.g.  and  the  LST  uses  a magnetic 
torquing  system  for  CMG  momentum  exchange,  the  only  environmental 
torques  simulated  were  those  due  to  g.g.  and  magnetic  effects. 

A simplified  block  diagram  (Fig.  VI-39)  illustrates  the  LST 
overall  system  simulation.  Those  blocks  below  the  dashed  line  represent 
environmental  torque  generators  for  the  g.g.  and  magnetic  torques  which  act 
on  the  LST  as  functions  of  the  time-varying  orbital  parameters.  The  blocks 
above  the  dashed  line  represent  the  LST  and  control  system  components. 
Several  limits  were  incorporated  into  the  program,  such  as  magnetic  dipole 
and  CMG  gimbal  angle  rate  limits.  Since  the  CMGs  are  oversized  for  the  LST 
and  since  a pointing  mode  is  being  simulated,  hard  limits  on  the  CMG  gimbal 
positions  and  on  the  control  law  outputs  have  no  effect  on  overall  system  per- 
formance and  were  deleted  from  the  program  after  having  been  initially 
included.  The  CMG  gimbal  angles  have  unlimited  angular  freedom.  The  LST 
is  represented  by  Euler's  equations.  Kinematic  relations  represent  sensors 
which  provide  attitude  rate  and  position  information,  and  the  generator  for 
the  earth’s  magnetic  field  represents  an  onboard  magnetometer.  The  control 
law,  CMG  steering  law,  and  coil  dipole  commands  represent  equations  which 
are  normally  solved  by  the  onboard  computer.  The  CMG  angle  rate  limit,  the 
CMGs,  and  the  limit  dipoles  blocks  represent  the  corresponding  hardware 
components.  As  discussed  in  Sections  F.3  and  F.4,  the  CMG  steering  law  is 
the  Moore-Penrose  pseudoinverse  of  the  CMG  torque  matrix  which  converts 
the  commanded  torque  into  CMG  gimbal  rate  commands.  The  coil  dipole 
commands  are  generated  by  the  vector  cross  product  of  the  earth's  field  and 
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Figure  VI-39.  Block  diagram  of  the  LST  digital  simulation. 


desired  magnetic  torque  vectors.  The  desired  magnetic  torque  is  composed 
of  two  factors.  These  are  the  CMG  momentum  state  weighted  by  to  dump 

CMG  momentum  and  the  commanded  torque  weighted  bv  K to  provide  direct 

c 

control  in  the  event  of  CMG  failures.  The  connection  between  T and  M is  not 
illustrated  in  Figure  VI -3 9. 

The  control  law  is  composed  of  attitude  position,  rate,  and 
integral  of  position  components,  each  weighted  by  a feedback  gain  which  has 
been  selected  to  give  the  desirable  LST  pointing  performance  and  stability 
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characteristics  as  shown  in  Figure  VI-40.  .Without  integral  feedback,  a control 
system  bandwidth  of  0. 1 Hz  must  be  selected  to  attain  a steady  state  pointing 
error  of  1 arc  sec  or  less  under  the  maximum  g.g.  torque  acting  on  LST.  At 
that  design  bandwidth  and  assuming  a control  system  damping  of  0.7,  the 
corresponding  position  gain  on  the  major  inertia  axis  is  about  37  500  N-m/rad 
(27  642  ft-lb/rad) . By  adding  integral  of  position  feedback  while  holding  the 
rate  and  position  gains  constant,  the  steady  state  pointing  error  can  be  reduced 
to  about  0.001  arc  sec.  As  shown  in  Figure  VI-41,  the  steady  state  pointing 
error  decreases  as  the  integral  gain  is  increased.  But  eventually,  as  the 
integral  gain  approaches  the  position  gain  value,  instability  occurs.  To  reduce 
the  pointing  error  further,  the  bandwidth  must  be  increased,  resulting  in 
higher  values  for  both  the  position  and  rate  gains.  A practical  upper  limit  on 
bandwidth  is  about  0.4  Hz  to  attain  LST  fine  body  pointing. 

b.  Parameters.  Many  cases  were  simulated  for  various  LST 
configurations,  orbital  conditions,  and  control  gains.  However,  the  simulation 
results  to  be  shown  are  all  for  only  one  LST  configuration  and  one  type  orbit 
so  that  data  can  be  compared  under  the  same  environmental  conditions.  Table 
VI-14  shows  the  vehicle  and  simulation  parameters.  The  LST  inertias  for  the 
graphite-epoxy  OTA  are  more  favorable  than  earlier  pre-Phase  A inertia 
values.  The  position  and  rate  gains  were  selected  to  give  a natural  frequency 
of  0.628  rad/sec  based  on  an  assumed  damping  ratio  of  0.7.  The  correspond- 
ing time  period  is  10  sec.  The  integral  of  position  feedback  gains  and  the 

MTS  gains,  K,  and  K , were  empirically  derived  from  simulation  data.  Based 
d c 

on  the  electromagnet  sizing  and  CMG.  selection,  the  values  for  the  dipole  limit, 
momentum  per  CMG,  and  CMG  skew  angle  represent  hardware  limitations. 

At  each  half-second  of  orbital  time,  the  equations  in  the  simulation  were 
solved  and  the  results  printed  out  on  each  50  sec  interval. 

Table  VI-15  illustrates  the  standard  orbital  parameters  for 
LST.  At  a circular  orbit  of  611  km  (330  n.mi. ) , the  orbital  rate  is  1. 08  x 
10” 3 rad/sec  with  a period  of  5824  sec.  All  the  simulation  data  have  been 
plotted  as  a function  of  orbital  time  scaled  in  1000  sec  increments.  The  orbit 
starts  at  the  time  of  winter  solstice  with  the  ascending  line  of  nodes  on  the 
morning  terminator.  The  earth  is  positioned  under  the  orbit  such  that  the 
north  magnetic  pole  is  tilted  toward  the  sun.  The  spacecraft  is  inertially 
oriented  with  its  long  axis  (X)  pointing  to  the  sun,  major  inertia  axis  (Z) 
northward  perpendicular  to  the  ecliptic  plane,  and  its  solar  panel  gimbal 
axis  (y)  perpendicular  to  the  sunline  in  the  ecliptic  plane.  Although  the 
orbital  inclination  should  be  28.5  degrees,  a value  of  21.55  degrees  was  used 
in  the  simulation  runs  to  produce  a 45  degree  angle  between  the  X-axis  and 
the  local  vertical.  This  type  orbit  and  vehicle  orientation  will  produce  a 
g.g.  torque  that  will  cause  the  CMGs  to  saturate  more  rapidly  than  any  other 
and  represent  a worst  case  for  attitude  hold. 
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Figure  VI-40.  Selection  of  bandwidth  for  1 arc  sec  pointing. 
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Figure  VI -41.  Selection  of  integral  feedback  to  reduce  pointing  error. 


TABLE  VI-15.  ORBITAL  PARAMETERS 


Symbol 

Value 

Parameter 

AA 

611  km  (330  n.mi.) 

Orbital  Altitude 

I 

28.5  deg 

Orbital  Inclination 

A 

270  deg 

Solar  Position  for  Winter  Solstice 

deg 

Morning  Terminator  Orbital  Line 
of  Nodes 

-7.3  deg/day 

Orbital  Regression 

n 

345  deg 

Greenwich  Meridian  to  Tilt 

e 

Magnetic  Pole  Sunward 

T 

o 

5814  sec 

Orbital  Period 

CO 

o 

0.001,  078,  78  rad/sec 

Orbital  Rate 

e 

23.45  deg 

Angle  Between  Ecliptic  and 
Equatorial  Planes 

B 

Earth’s  Magnetic  Field  Generated 
by  Spherical  Harmonic 
Coefficients 

c.  Results.  Figure  VI-42  illustrates  the  g.g.  torque  vector 
components  and  magnitude  relative  to  the  LST  body  axes.  The  Y component 
is  biased  negatively  and  attains  its  maximum  possible  value  of  0. 14  N-m 
(0. 104  ft— lb) . Other  orbital  conditions,  however,  can  cause  the  biased 
torque  to  appear  on  either  the  X-  or  Z-axis  or  to  be  prorated  between  all 
axes  simultaneously.  The  maximum  permissible  g.g.  torque  always  occurs 
on  the  intermediate  axis  of  inertia,  the  Y-axis  for  LST.  The  corresponding 
g.g.  momentum  components  and  magnitude  are  shown  in  Figure  VI -43.  The 
biased  Y-axis  torque  produces  a secular  momentum  of  410  n-m-sec  (302  ft- 
lb-sec)  in  one  orbital  period.  As  long  as  the  same  vehicle  orientation  is 
maintained,  the  momentum  buildup  continues.  To  prevent  CMG  saturation, 
the  MTS  for  the  LST  must  be  able  to  compensate  or  dump  this  secular  momen- 
tum. Both  the  X and  Z momentum  components  are  cyclic.  But  due  to  LST 
body  symmetry  about  the  X-axis,  both  the  torque  and  momentum  values  are 
near  zero.  With  the  MTS  turned  off,  the  CMG  torque  and  momentum  com- 
ponents are  the  same  as  those  shown  for  g.  g. 
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Figure  VI -43.  Gravity  momentum  components. 
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The  accumulated  CMG  momentum  is  shown  in  Figure  VI-44 
with  and  without  the  MTS  dumping  momentum.  The  difference  between  the  two 
curves  represents  the  momentum  dumped  by  the  MTS.  During  the  one  orbit 
period,  all  the  secular  and  a large  part  of  the  cyclic  g.g.  momentum  has  been 
dumped. 


Using  only  position  and  rate  feedback  signals,  a control  system 
that  performs  well  will  produce  an  attitude  error  signal  proportional  to  the 
disturbance  torque.  Such  a pointing  error  can  be  observed  in  Figure  VI-45. 
Without  the  MTS,  the  peak  error  is  0.8  arc  sec  and  occurs  at  the  same  orbit 
time  as  the  peak  g.g.  torque.  But  with  the  MTS  operational,  the  magnetic 
torque  required  for  magnetic  momentum  dump  acts  as  a second  disturbance 
torque  and  the  peak  values  do  not  correspond  to  g.g.  With  magnetics,  the 
peak  pointing  error  (0.6  arc  sec)  occurs  about  midway  in  the  one  orbital 
period. 


When  integral  of  position  feedback  is  included  in  the  control 
law,  the  pointing  error  is  no  longer  shaped  like  the  disturbance  torque.  As 
shown  in  Figure  VI-46,  integral  control  reduces  the  pointing  error  (by  about 
a factor  of  100)  to  about  0.  003  arc  sec  without  the  MTS  active  and  about  0.  005 
arc  sec  with  the  MTS  active.  Using  integral  control,  the  magnetic  dump  gain, 
K^,  has  been  reduced  from  0.1  to  0. 005.  As  the  pointing  requirement  gets 
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Figure  VI -45.  Attitude  pointing  error  using  position  and 

rate  feedback. 


Figure  VI-46.  Attitude  error  using  integral  feedback  with 
and  without  magnetics. 
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smaller,  the  MTS  gains  must  be  reduced  to  make  the  electromagnet  dipole 
operate  in  a near-linear  mode  to  prevent  excessive  pointing  errors.  As 
previously  shown  in  Figure  VI -44,  very  little  momentum  is  accumulated  in 
the  CMGs  with  the  MTS  operating.  Consequently,  the  gimbal  angles  stay  small 
compared  with  those  obtained  without  using  the  MTS.  The  CMG  gimbal  angles 
using  position  and  rate  feedback  control  without  the  MTS  active  are  shown  in 
Figure  VI-47.  Gimbal  angles  numbers  2 and  4' attain  a maximum  of  about  20 
degrees  near  the  end  of  one  orbit.  If  continued,  a possible  gyro  hang -up 
condition  would  have  occurred  when  gimbals  2 and  4 reached  ±90  degrees, 
respectively,  with  gimbals  1 and  3 near  zero.  In  this  particular  situation, 
the  hang -up  plane  is  the  X-Z  vehicle  plane  and  the  hang-up  direction  is  the 
Y-axis  about  which  the  secular  momentum  is  building  up.  The  gimbal  angles 
with  the  MTS  operating  are  shown  in  Figure  VI -48.  The  maximum  value 
attained  by  any  CMG  gimbal  angle  is  only  about  4 degrees.  Very  little  differ- 
ence can  be  observed  in  the  gimbal  angles  when  integral  feedback  is  added. 

So  the  gimbal  angles  are  not  shown  for  those  cases. 

Components  of  the  earth's  magnetic  field  in  geocentric  coor- 
dinates have  been  shown  previously  in  Figure  VI-20.  These  components  are 
operated  on  by  appropriate  transformations  to  obtain  the  field  components  in 
1ST  body  coordinates  as  illustrated  in  Figure  VI-49.  The  onboard  magne- 
tometer would  measure  these  components.  For  the  particular  orbit  analyzed, 

the  LST  is  in  a solar  pointing  mode.  Thus,  B is  the  sunward,  B is  the 

x v 


a 


Figure  VI -47.  CMG  gimbal  angles  without  magnetic  dump. 
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Figure  VI-48.  CMG  gimbal  angles  with  magnetic  dump. 
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perpendicular  to  the  sun  in  the  ecliptic  plane,  and  B is  the  perpendicular  to 

z 

the  ecliptic  component.  The  total  magnitude  is  given  by  B.  Since  the  secular 
g.g.  momentum  is  on  the  Y-axis,  the  M , M , B , and  B components 

X Z X z 

through  the  cross  product  dipole  law  will  dominate ly  be  used  to  form  a Y-axis 
torque  TM^  which  is  dumping  the  secular  momentum.  As  shown  in  Figure 

VI-50,  both  M and  M reach  their  maximum  permissible  values  of  4000  A-m2 
X z 

(0.3  ft-lb/gauss)  and  are  saturated  during  parts  of  the  orbit.  Once  the 
magnetic  dipole  vector  has  been  generated,  it  reacts  with  the  ambient  earth's 
geomagnetic  field  to  produce  the  torque  components  shown  in  Figure  VI-51. 

The  maximum  value  attained  is  about  the  same  as  the  maximum  g.g.  torque, 
0.14  N-m  (0.1  ft-lb) . 

For  comparison  purposes,  the  total  magnitudes  of  the  g.g. , 
magnetic,  and  CMG  torques  are  plotted  in  Figure  VI-52.  Without  the  MTS, 
the  CMG  and  g.g.  torques  are  identical  (not  shown) ; but  with  the  MTS,  the 
magnetic  torque  approximates  that  of  g.g.  The  CMG  torque  is  generally  less 
than  either  the  magnetic  or  g.g.  torque,  indicating  that  the  use  of  the  MTS 
results  in  lower  CMG  gimbal  rates  as  well  as  small  deviations  in  gimbal  angles 
from  their  null  or  reference  starting  positions. 

CMG  Number  4 was  deleted  from  the  simulation  by  setting  its 
momentum  to  zero  along  with  its  corresponding  columns  in  the  CMG  torque 
matrix.  No  change  was  made  in  the  pseudoinverse  routine  and  the  three 
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Figure  VI-52.  Absolute  gravity  (G.G.),  magnetic  (MAG)  and  CMG  torque. 
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operational  CMGs  were  not  initialized  to  a new  zero  momentum  state.  At  the 
start  of  the  run,  there  was  a biased  momentum  of  678  N-m-sec  (500  ft-lb-sec) 
on  the  positive  Z -axis  with  the  gimbal  angles  at  zero.  At  the  initial  orbital 
position,  the  MTS  started  forcing  the  CMGs  to  a new  reference  position  at 
which  the  momentum  is  zero.  After  about  three-fourths  of  an  orbit,  a new 
CMG  null  position  was  established  with  a i — -35,  a.  2 = 0,  and  a 3 = 35  degrees 
and  the  CMG  momentum  near  zero.  During  this  reinitialization  period,  the 
pointing  error  was  less  than  0.006  arc  sec.  During  the  next  orbit,  after  the 
new  CMG  null  was  established,  the  performance  was  the  same  as  with  all 
four  CMGs  operating  (see  Figure  VI -46).  In  addition,  the  CMG  gimbal  angles 
deviated  less  than  4 degrees  from  their  new  reference  position.  Other  CMGs 
were  failed  with  similar  results,  although  in  each  case,  the  CMG  null  refer- 
ence position  would  be  different. 


Since  the  Z-axis  electromagnet  is  utilized  more  than  others, 
the  dipole  limit  on  the  Z-axis  as  well  as  CMG  Number  4 were  set  to  zero. 

This  situation  corresponds  to  failures  of  the  two  electromagnets  whose  dipoles 
are  aligned  with  the  Z-axis  of  the  LST  as  well  as  a CMG  failure.  The  pointing 
performance  was  slightly  degraded  by  the  other  dipoles  reacting  in  more  of  a 
nonlinear  manner  and  all  the  secular  g.g.  momentum  was  not  dumped.  At 
the  half-orbit  time  point,  the  pointing  error  peaked  at  0.  009  arc  sec  (as 
compared  with  0. 005) . By  the  end  of  one  orbit,  only  about  half  the  secular 
g.g.  momentum  had  been  dumped.  Under  worst-case  conditions,  the  three 
operational  CMGs  could  have  been  saturated  in  about  10  orbits.  However,  it 
is  quite  likely  that  a new  vehicle  orientation  (experiment  pointing  target) 
would  have  been  selected  during  this  time  interval,  thus  alleviating  the  problem. 
If  not,  the  LST  would  have  to  be  maneuvered  in  a g.g.  momentum  dump 
sequence.  During  10  orbits,  however,  the  earth  would  have  rotated  about 
243  degrees,  with  very  little  change  in  the  orbit  relative  to  solar  coordinates 
and  the  local  vertical,  thus  drastically  changing  the  geomagnetic  field  in  LST 
coordinates.  Therefore,  CMG  saturation  in  10  orbits  may  or  may  not  occur. 

In  a subsequent  run,  the  earth  was  rotated  180  degrees  under  the  orbit  so  that 
the  north  magnetic  pole  was  initially  tilted  away  from  the  sun.  By  the  end  of 
an  orbit,  the  peak  accumulated  momentum  was  about  one-fourth  that  of  the 
maximum  g.  g.  secular  momentum.  There  was  no  observed  increase  in 
pointing  errors  in  this  subsequent  run.  The  tentative  conclusion  is  that  the 
three  operational  CMGs  would  not  be  saturated  by  worst-case  g.g.  torques 


even  with  the  electromagnets  on  one  vehicle  axis  inoperative. 


Additional  runs  were  made  with  and  without  the  MTS  in  which 
the  momentum  per  CMG  was  varied.  Without  the  MTS,  the  H per  CMG  could 
be  reduced  to  136  N-m-sec  (100  ft-lb-sec)  and  still  meet  the  basic  LST 
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objectives.  With  this  low  H value,  a singularity  of  the  torque  matrix  was 
always  approached  at  about  one-half  orbit  and  saturation  occurred  at  about 
1.3  orbits.  When  a singularity  internal  to  the  momentum  envelope  was 
approached,  a pointing  error  peak  of  about  10  arc  sec  was  observed  over  a 
100-sec  interval,  after  which,  normal  pointing  performance  was  maintained 
until  saturation.  However,  by  selecting  a different  initial  gimbal  angle  set 
(see  Section  F.3.d  and  Figure  VI-24),  the  singularity  conditions  changed 
such  that  none  were  approached  until  CMG  saturation.  In  this  case,  the 
performance  was  not  degraded  by  using  small  CMGs.  With  the  MTS,  the 
pointing  performance  was  the  same  as  that  obtained  with  the  baseline  momen- 
tum value  per  CMG.  The  baseline  momentum  of  678  N-m-sec  per  CMG  could 
be  reduced  significantly  without  affecting  the  LST  performance  and  still  meet 
all  mission  objectives. 


G.  System  Implementation 

1.  Sensors 


a.  Reference  gyro  assembly  (RGA) . The  RGA  contains  six 
single -degree-of-freedom,  Northrop  GI-K7G  gas-bearing  spin  axis  gyros 
with  their  input  axes  oriented  normal  to  the  surfaces  of  a dodecahedron.  Any 
three  gyros  can  provide  three-axis  attitude  measurement  capability. 

The  gyro  pickoffs  are  maintained  at  null  by  pulse  width 
modulated  capture  loops.  During  experimentation,  each  pulse  output  of  the 
pulse  torque  loop  represents  an  input  axis  angular  increment  of  0.02  arc  sec. 
The  output  pulses  are  accumulated  in  the  pulse  accumulator  of  the  transfer 
assembly  and  sent  to  the  digital  processor  assembly  for  further  processing 
and  attitude  and  rate  computations. 

To  provide  system  accuracy  equivalent *to  a three-axis 
orthogonal  set  of  gyros  as  well  as  onboard  fault  detection  capability,  four 
gyros  will  be  active  and  their  outputs  used  simultaneously  in  attitude 
computations. 


The  dodecahedron  RGA  will  be  implemented  in  an  all-orthogonal 
structure  by  the  use  of  three  gyro  twin-pack  assemblies.  Each  twin-pack  will 
have  the  two  gyros  mounted  on  a plate  with  their  output  axes  parallel.  The  input 
axes  of  the  two  gyros  will  be  skewed  by  31  degrees  43  arc  min  2.  9 sec  to  form 
a two-plane  configuration.  When  mounted  mutually  perpendicular,  the  three 
plates  configure  the  dodecahedron  arrangement. 
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The  electronic  subassemblies  will  be  packaged  into  potted 
functional  modules,  each  designed  to  interface  with  a gyro  twin-pack.  Each 
electronic  channel  consists  of  a dc  power  supply,  a gyro  rotor  excitation 
supply,  torque  to  rebalance  electronics,  readout  and  countdown  logic,  and  a 
gyro  temperature  controller. 

Figure  VI-53  defines  the  RGA  configuration  and  summarizes 
the  performance  characteristics. 

b.  Fixed  Star  Tracker  (FST).  The  FST  characteristics  are 
summarized  in  Table  VI-16  and  a simplified  sketch  of  the  FST  and  the  elec- 
tronics block  diagram  are  shown  in  Figure  VI -54.  The  FST  is  a conventional 
image  dissector  type  star  tracker  that  provides  two-axis  information  from  the 
outputs  of  the  two-axis  electromagnetic  deflection  coil  currents.  An  internal 
threshold  can  be  set  by  command  so  that  the  FST  will  respond  to  the  brightest 
star  in  its  FOV  having  a magnitude  of  greater  than  +3.0,  +4. 0,  or  +6. 0.  For 
magnitudes  of  +6.0  or  higher,  additional  filtering  will  be  provided  to  obtain 
the  required  accuracy.  The  noise  equivalent  angle  (NEA)  versus  star  magni- 
tude relations  are  depicted  in  Figure  VI-54  and  show  how  a reduction  in 
bandwidth  through  additional  filtering  can  improve  accuracy. 

The  sunshade  for  the  FST  is  of  typical  design  and  will  require 
modifications  to  fit  the  mounting  location.  An  attentuation  of  108  in  sunlight 
or  earth  shine  is  provided  when  the  boresight  is  within  48  degrees  of  these 
energy  sources. 


supply: 


The  following  three  basic  functions  are  supplied  by  the  power 


1.  A constant  current  for  the  focus  coil  to  maintain  gain 

and  linearity. 


2.  Voltages  for  the  dissector  photodiode  and  dynode  chain. 

3.  Secondary  electronics  power. 

An  additional  feature  may  be  required  by  the  LST  FST  to  avoid 
arcing  when  high  voltage  is  applied  at  the  same  time  critical  pressure  exists 
in  the  FST.  This  high  voltage  arcing  can  be  avoided  by  pressurizing  the 
tracker  for  early  operation  and  later  venting  to  the  space  vacuum.  A period 
of  8 to  10  hours  may  be  required  to  vent  below  critical  pressure.  If  early 
operation  is  not  mandatory,  then  initial  pressurization  will  not  be  required, 
but  the  venting  period  is  still  necessary.  This  pressurization-depressurization 
feature  is  not  considered  to  be  a high  cost  item. 
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a « 31°  43'  2.9" 

INPUT  AXES  ORIENTATION 
WITH  RESPECT  TO  THE 
REFERENCE  TRIAD  AND 
DODECAHEDRON 


•tf*' 


RGA  PERFORMANCE  CHARACTERISTICS  ( PER  CHANNEL) 


QUANTIZATION  (FINE  POINTING  MODE) 
MAXIMUM  INPUT  RATE  PER  AXIS 
SCALE  FACTOR 

NON-LINEARITY  (TO  0.0175  radian/sec) 
15  min  STABILITY 
1-yr  STABILITY  (10°CTO  32°C) 
G-INSENSITIVE  DRIFT 
DYNAMIC  DRIFT  (RECTIFICATION) 

INPUT  AXES  ALIGNMENT 
15  min  STABILITY 
30  day  STABILITY 
MAGNETIC  FIELD  SENSITIVITY 


0.02  arc  sec/pulse 
3.0  deg/sec 

400  ppm 
10  ppm  (la) 

1300  ppm 
0.005  deg/hr  (la) 
0.003  deg/hr 

6 arc  sec 
30  arc  sec 
4.85  nrad/sec/T 


Figure  VI-53.  RGA  configuration  and  performance  characteristics. 
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TABLE  VI-16.  FST  CHARACTERISTICS  SUMMARY 


Field  of  View  (FOV) 
Acquisition 
Instantaneous  FOV 

8 deg  x 8 deg 
11  arc  min  diameter 

Lens 

Super  Farron75  mm  f/0.87 

Image  Tube 

F4012  Image  Dissector 

Sensitivity 

6th  Mag  AO  Stars 

Accuracy  (l  Hz  Bandwidth) 
Noise  Equivalent  Angle 
Bias  and  Drifts 
Linearity  (Calibrated) 

10  arc  sec  (measured) 
6 arc  sec 
0. 1 percent 

Position  Address  Gradient 

1 V/deg 

Output  Signals 

X Position 
Y Position 
Signal  Strength  Mode 

Input  Signals 

Command  Search 
On/Off 

Command  Threshold 

Power 

5 watts  (measured) 

Input  Voltage 

+15  Vdc  and  +5  Vdc 

Size 

11.4  cm  x 11.4  cm  x 40.6  cm 

Weight 

5.4  kg  (12  lb) 

Design  Features 

Integral  Bright  Object  Sensor  and  Shutter 
High  Reliability  Image  Dissector 
Signal  Strength  Output 
Tracks  Brightest  Star  Above  Threshold 
Comma ndable  Thresholds 

Sunshade  to  Provide  Minimum  of  108  Sunlight  Attenuation 
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CUTAWAY  OF  F4012  IMAGE  SECTION 


NOISE  EQUIVALENT  ANGLE  VS  STAR  MAGNITUDE 


NOISE  EQUIVALENT  ANGLE  (NEA)  OR  RMS  TRACKING 
ERROR  HAS  BEEN  MEASURED  FOR  SEVERAL  BANDWIDTHS. 
IN' THE  POINTING  MODE,  THE  BANDWIDTH  OF  THE  SEN- 
SOR CAN  BE  LOWERED  FOR  1 Hz  AND  THE  NEA  REDUCED 
CONSIDERABLY. 


IE 


Figure  VI -54.  FST  and  electronics. 
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c.  Coarse  Sun  Sensor  (CSS) . Each  of  the  five  identical  CSSs  is 
a two-axis,  dual  mode,  ( 27r  steradian  FOV  with  a ±10  degree  linear  range) 
analog  sun  sensor  manufactured  by  Bendix  Corporation.  It  is  similar  to  the 
model  1771858  unit  except  the  glass  dome  is  to  be  replaced  by  a quartz  cylin- 
drical dome. 

Each  unit  consists  of  12  solar  cells  (Fig.  VI-55)  with  four 
of  the  cells  mounted  in  a quad  cell  arrangement  in  a plane  normal  to  the  CSS 
optical  axis.  Light  reaching  these  cells  passes  through  a square  aperture 
placed  in  front  of  the  quad  cell.  Symmetric  error  signals  are  obtained  by 
electrically  differencing  output  currents  from  diametrically  opposed  cells 
in  the  TA.  The  quad  cell  provides  the  ±10  degree  linear  output  which  decreases 
for  offset  angles  larger  than  10  degrees.  The  remaining  eight  cells  are  placed 
around  the  periphery  of  the  quad  cell  in  an  octagonal  arrangement.  These 
cells  are  placed  at  right  angles  to  the  plane  of  the  quad  cell  and  are  biased  off 
mechanically  in  the  central  20-degree  cone  about  null  by  a shadowing  boss 
extending  into  the  FOV  of  the  peripheral  cells.  The  peripheral  cells  provide 
sunline  polarity  information  over  the  remainder  of  the  hemisphere  not  covered 
by  the  quad  cell  by  electronically  differencing  diametrically  opposed  pairs  of 
cells  in  the  TA . 

The  following  is  a summary  of  the  physical  and  functional 
characteristics  of  the  CSS: 

Mass  0.1  kg  (0.20  lb) 

Size  4.8  cmX4.1  cm 

Baseplate  — 6.4  cm  diameter 
Power  None,  a passive  device 

Detector  Type  Silicon  solar  cells  (12  cells) 

Output  0 to  5 mA 

Null  Sensitivity  0.20mA/deg 

Linear  Range  ±10  degrees,  both  axes 

Linearity  2 percent 

Null  Accuracy  6 arc  min 

d.  Magnetometer.  The  magnetometers  manufactured  by  Dalmo- 
Victor  and  used  on  the  OAO  spacecraft  are  suitable  for  the  LST.  This  fluxgate 
type  magnetometer  measures  the  geomagnetic  field  along  each  of  the  vehicle 
axes  and  converts  this  to  a dc  voltage.  The  following  are  principal 
characteristics: 

1.  Range  ±60  microtesla 

2.  Sensitivity  4.167  x 10-2  Vdc/microtesla 
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3 . Dimensions 

4.  Frequency  Response 

5.  Mass 

6.  Power 


26.7  cm  x 12  cm  x 12  cm 
280  Hz 
3 kg  ( 6 . 5 lb) 

2 watts 


To  avoid  distortion  of  the  measured  geomagnetic  field,  the 
magnetometer  will  be  located  on  the  spacecraft  with  as  much  separation  as 
possible  from  the  magnetic  torquer  coils.  Other  extraneous  magnetic  fields 
must  also  be  considered.  However,  the  magnetic  torquer  coils  are  considered 
to  be  the  major  source  of  interference  to  the  magnetometer  measurements. 

If  the  physical  locations  of  the  components  do  not  solve  the  magnetic  inter- 
ference problem,  an  alternate  scheme  of  sampling  the  magnetometer  outputs 
can  easily  be  implemented.  In  this  scheme,  the  outputs  of  the  magnetometer 
can  be  sampled  at  intervals  of  roughly  1 min  while  the  torquing  currents  to 
the  coils  are  turned  off.  This  procedure  should  be  satisfactory  because  of  the 
slow  geomagnetic  field  changes  (two  cycles  per  orbit)  that  occur  as  the  LST 
orbits  the  earth. 

2.  Actuators 


a.  Control  Moment  Gyros.  The  design  reference  CMG  system 
requires  four  SGCMGs  arranged  in  the  configuration  described  in  Section  F.3 
and  shown  in  Figure  VI-20.  Each  CMG  assembly  is  complete  with  an  active 
and  redundant  drive  electronics  assembly  (DEA)  and  requires  only  primary 
power  input  for  operation. 

The  CMG  selection  for  LST  is  based  on  the  report  cited  in 
Reference  VI-1.  As  the  HE  AO  CMG  design  and  specifications  become  finalized, 
the  CMG  selection  for  LST  will  be  updated  to  preserve  commonality. 

Figure  VI-56  is  an  outline  drawing  of  the  CMG  assembly. 


Basic  functional  and 

physical  characteristics  are: 

1. 

Momentum 

610  N-m-sec,  nominal 
Speed  Control  1.0  percent 
407  to  814  N-m-sec 

2. 

Runup  and  Rundown  Time 

4 hr,  nominal 

3. 

Steady  State  Gimbal  Torque 

8 . 4 N-m , minimum 
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4.  Peak  Gimbal  Torque 

13.6  N-m,  minimum 

5.  Minimum  Commandable  Rate 

0.005  deg/sec  to  0.05 
deg/sec 

6 . Steady  State  Spin  Motor  Power 

14  W nominal,  33  W max 

7.  Spin  Motor  Runup  Power 

90W,  max 

8.  Torque  Motor  Power  (At 

14  W,  max 

Steady  State  Torque) 

9.  Static  Balance 

3.5  X 10  4 N-m 

10.  Dynamic  Balance 

3.5  X 10“ 3 N-m2 

11.  Monitoring  Signals 

a.  Gimbal  Rate:  Range, 

±10  deg/sec,  ±1.0  percent 

Accuracy 

b.  Wheel  Speed  Accuracy 

±1. 0 percent 
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c.  Spin  Motor  Current  ±3.0  percent 

Accuracy 

d.  Spin  Bearing  Temperature  ±5.0  percent 

Accuracy 

e.  Torque  Motor  Current  ±3.0  percent 

Accuracy 

Two  major  departures  from  the  HEAO  CMG  assembly  design 
are  required  to  meet  LST  pointing  requirements.  First,  the  gimbal  control 
electronics  must  include  proportional  plus  integral  control  to  reduce  the 
effects  of  the  CMG  gimbal  nonlinearities.  In  conjunction  with  this  change, 
the  outer  control  loop  that  includes  the  sensors,  CMGs,  and  vehicle  dynamics 
must  have  compensation  to  conform  with  the  CMG  gimbal  design  and  integral 
networks  to  provide  the  high  gain  at  low  frequency  necessary  for  very  small 
angle  errors  in  the  presence  of  disturbance  torques.  Second,  shock  mounts 
to  isolate  CMG  force  and  torque  disturbances  from  the  LST  structure  will  be 
required  to  maintain  the  LOS  optical  stability.  Both  of  these  subjects  were 
discussed  in  Section  F,  the  system  performance  and  analysis  section  of  this 
document. 


b.  Magnetic  Torquer  System  (MTS) . The  complete  design 
details,  operation  descriptions,  and  performance  analysis  are  contained  in 
Section  F.4. 


c.  Reaction  Control  System  (RCS) . 

( l)  Configuration  Summary 

(a)  General.  A functional  schematic  of  the  RCS 
selected  for  the  LST  is  shown  in  Figure  VI -57.  The  RCS  is  a pressure 
regulated,  gaseous  nitrogen,  propulsion  system  modularized  into  three  basic 
elements  — a propellant  tank,  a black  box,  and  two  major  thruster  modules. 
Auxiliary  items,  most  of  which  are  contained  in  the  black  box,  are  latching 
solenoid  isolation  valves,  filters,  pressure  regulators,  check  valves,  pressure 
and  temperature  transducers,  pressure  gages,  manual  shutoff  valves,  pneu- 
matic disconnects,  propellant  fill  and  drain  valve,  wire  harness,  and  inter- 
connecting plumbing.  The  RCS  elements  are  assembled  in  the  SSM  as  shown 
in  Figure  VI-58.  A mass  statement  for  the  RCS  is  shown  in  Table  VI-17. 

The  significant  RCS  features  are  as  follows: 


six  are  standby. 


1.  Twelve  thrusters  are  used;  six  are  active  and 
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RCS  LAYOUT 
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Figure  VI- 58.  Layout  of  the  LST  Reaction  Control  System  major  component  locations 


TABLE  VI-17.  REACTION  CONTROL  SYSTEM  MASS  SUMMARY 
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Redundant  Propellant  ~ 1. 36  kg  (3. 00  lbm)  . 


2.  One  tank  is  utilized  to  store  the  GN2  propellant. 


3.  A dual-level  pressure  regulator  is  used. 
the  regulator  operating  in  the  high  mode,  the  thrust  level  is  44.48  N (10  lbf) . 
With  the  regulator  operating  in  the  low  mode,  the  thrust  level  is  2.22  N 
(0.5  lbf). 


4.  With  the  exception  of  the  tank,  RCS  component 

redundancy  is  available. 

5.  Modularization  of  the  RCS  provides  for  ease  in 

maintenance. 

6.  Most  components  are  off-the-shelf  items. 


(b)  Propellant  Tank.  In  determining  the  amount  of 
propellant  needed  to  satisfy  the  allocated  impulse  budget  (see  Section  F.  5)  for 
the  1ST,  it  was  assumed  that  the  RCS  will  provide  an  average  theoretical 
specific  impulse  of  65  seconds,  resulting  in  a GN2  requirement  of  17.69  kg 
(39  lbm) . 


An  investigation  to  determine  the  availability  of 
existing  GN2  storage  tanks  revealed  two  that  could  be  considered  for  application 
to  the  LST  RCS.  One  is  a GN2  tank  used  in  the  Skylab  thrust  attitude  control 
system  (TACS)  and  the  other  is  a cold  gas  storage  tank  used  in  the  backup 
RCS  for  the  Lockheed  Satellite  Control  Section. 

The  Skylab  tank  shell  is  made  of  6A1-4V  titanium 
alloy.  The  tank  is  spherical  with  a diameter  of  approximately  0.61  m (2  ft) , 
weighs  53.07  kg  (117  lbm)  empty,  and  is  man-rated.  In  a fully -loaded  operat- 
ing condition,  the  tank  contains  28.  58  kg  (63  lbm)  of  GN2  at  an  operating  pres- 
sure of  approximately  2. 14  x 107  N/m2  (3100  psi).  The  McDonnell  Douglas 
Corporation  provides  the  tank  for  the  Skylab  TACS. 

The  Lockheed  Satellite  Control  Section  backup  RCS 
tank  selected  is  also  made  of  6A1-4V  titanium  alloy.  The  tank  (manufactured 
by  Pressure  Systems,  Inc.  for  Lockheed)  is  spherical  with  a diameter  of 
approximately  0.57  m (22.25  in.),  weighs  25.54  kg  (56.3  lbm)  empty,  and 
has  a safety  factor  of  2.0  (burst  pressure/operating  pressure) . In  a fully 
loaded  operating  condition,  the  tank  contains  approximately  19.50  kg  (43  lbm) 
of  GN2  at  an  operating  pressure  of  2.07  x 107  N/m2  gage  (3000  psig) . The 
Lockheed  tank  was  selected  because  its  capacity  approximates  that  needed  for 
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the  LST  emergency  modes.  The  tank  consists  of  two  forged  hemispheres 
which  are  tungsten-inert-gas  welded  to  a transition  joint  to  form  a sphere. 

The  tank  assembly  has  a thermal  management  system  which  includes  a flight 
heating  system  and  a ground  heating  system,  each  containing  two  heaters,  a 
thermostat,  and  an  electromagnetic  interference  (EMI)  suppressor.  Associ- 
ated with  the  thermal  management  system  are  two  electrical  connectors  and  a 
temperature  sensor.  The  tank  is  covered  with  multilayer  insulation,  such  as 
aluminized  mylar.  When  the  tank  is  applied  to  the  LST  RCS,  the  ground  ther- 
mal management  system  will  be  deleted. 

The  Lockheed  tank  has  been  qualified  to  perform 
to  the  Satellite  Control  Section  requirements  during  exposure  to  orbital  con- 
ditions for  a period  of  6 months.  How  much  longer  the  tank  can  perform 
beyond  this  time  period  is  unknown.  There  is  no  known  reason  why  the  tank 
cannot  perform  under  orbital  conditions  for  2.5  years  or  beyond;  however, 
testing  to  prove  this  would  be  required. 

Since  the  tank  has  only  a single  port,  an  integral 
manual  shutoff/fill  and  drain  valve  associated  with  this  port  will  be  required. 
Associated  with  this  valve  will  be  a pneumatic  disconnect  fitting  to  provide 
an  attachment  for  the  propellant  supply  line  which  leads  to  the  black  box. 

This  same  fitting  will  also  be  used  for  filling  the  tank.  The  addition  of  the 
valve/pneumatic  fitting  to  the  tank  will  be  a necessary  tank  modification. 

Since  a bump  or  scratch  on  the  surface  of  the  tank 
when  fully  loaded  could  cause  the  tank  to  explode,  a protective  cover  around 
the  tank  will  also  be  required.  Other  necessary  modifications  to  the  tank  and 
to  what  extent  the  tank  should  be  requalified  for  application  to  the  LST  RCS 
should  be  determined  in  the  LST  Phase  B study  effort. 

( c)  Black  Box.  The  black  box  houses  the  numerous 
auxiliary  RCS  components  (valves,  regulators,  etc.)  as  well  as  a few  pri- 
mary RCS  components  which  cannot  easily  be  replaced  on  orbit  on  an  individ- 
ual basis.  Should  a component  in  the  black  box  fail  and  cause  the  successful 
operation  of  the  RCS  to  be  in  jeopardy,  the  black  box  can  simply  be  replaced 
during  an  LST  maintenance  period.  Because  of  the  large  number  and  type  of 
components  in  the  black  box,  and  hence  the  greater  probability  of  a failure, 
complete  redundancy  in  black  box  components  was  provided. 

Even  though  the  components  in  the  black  box  are 
existing  items,  the  black  box  does  not  exist.  Asa  proposed  concept,  the 
black  box  is  to  consist  of  two  primary  structural  members  — a baseplate  and 
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a protective  cover.  The  baseplate  will  be  designed  as  the  load-carrying 
structure  for  the  internal  and  external  components.  Mounting  structure  will 
be  provided  on  the  baseplate  for  attaching  the  individual  components  and  for 
retaining  the  plumbing,  pneumatic  disconnects,  and  wire  harnesses.  The 
baseplate  will  also  have  the  necessary  structure  for  attaching  the  box  to  the 
SSM.  A protective  cover  will  fit  over  and  attach  to  the  baseplate.  The  cover 
can  be  made  of  fiberglass  or  some  lightweight  sheet  metal. 

The  black  box  will  be  designed  and  configured  for 
minimum  weight  and  volume,  and  for  ease  in  handling;  however,  for  purposes 
of  this  study,  the  box  is  envisioned  as  being  rectangular  and  measuring  0. 18 
mx  0.51  mx  0.71  m (7  in.  x 20  in.  x 28  in.). 

(d)  Thruster/Thruster  Module.  Since  the  RCS  is  an 
1ST  backup  control  system,  the  thrust  level  and  minimum  impulse  bit  (MIB) 
requirements  could  vary  over  a broad  spectrum.  RCS  control  requirements 
for  very  small  LST  disturbances  as  well  as  for  very  large  LST  disturbances 
could  be  necessary;  therefore,  rather  than  optimize  a thrust  level,  an  MIB, 
and  a thruster  system  for  the  LST,  an  existing  system  was  selected  that  is 
thought  to  most  nearly  satisfy  the  expected  LST  thruster  requirements. 

The  Agena  RCS  thrust  valve  cluster  is  selected 
as  the  basic  thruster  module  for  the  LST  RCS.  The  solenoid-operated  thrust 
valve  cluster  consists  of  three  identical  thrust  valve  cartridges  mounted  on  a 
single  manifold  containing  a pressure  port  and  electrical  receptacle  common 
to  the  three  valves.  As  shown  in  Figure  VI-57,  four  of  these  modules  are 
utilized  by  the  LST  RCS.  Two  of  the  modules  are  active  and  two  are  standby. 

An  active  module  and  a standby  module  are  clustered  into  a single  major 
module  for  mounting  to  the  LST  (Fig.  VI-58) . The  two  major  modules  are 
mounted  180  degrees  apart,  and  each  module  is  located  90  degrees  from  the 
solar  panel  support  structure.  This  arrangement  minimizes  the  thruster 
plume  impingement  on  the  solar  panels.  The  thruster  modules  are  mounted 
to  the  LST  as  far  aft  as  possible  and  as  far  radially  as  possible  to  take 
advantage  of  the  maximum  lever  arm  distance  which  in  turn  minimizes  the 
propellant  weight  required.  The  structural  makeup  of  the  major  module  and 
its  design  for  attaching  to  the  LST  should  be  determined  in  the  Phase  B study. 
However,  the  method  selected  for  attaching  the  modules  to  the  LST  must  be 
simple  enough  for  man  to  be  able  to  replace  them  by  means  of  an  extravehicular 
activity  (eva)  . 


(2)  LST  RCS  Maintenance  Procedure.  Reference  is  made 
to  Figure  VI -57  in  conjunction  with  the  following  description  of  the  LST  RCS 
maintenance  procedure.  Assume  that,  during  one  of  the  LST  maintenance 
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visits,  the  RCS  propellant  is  found  to  be  almost  depleted,  a major  component 
failure  has  occurred  in  the  black  box,  and  one  of  the  major  thruster  modules 
has  been  switched  to  its  standby  system  because  of  a valve  failure  in  the 
active  system.  During  this  maintenance  visit,  the  GN2  tank  would  need  to  be 
refilled  or  replaced  with  a full  tank,  the  black  box  would  need  to  be  replaced, 
and  one  or  both  of  the  thruster  modules  would  need  to  be  replaced. 

Maintenance  of  the  RCS  is  initiated  by  bleeding  down  the 
pressure  inside  the  RCS  to  equal  the  pressure  inside  the  SSM.  With  the 
pressure  inside  the  RCS  equivalent  to  that  in  the  SSM,  the  manual  shutoff 
valve  on  the  tank  and  in  each  line  leading  to  the  exterior  of  the  spacecraft 
is  closed.  A pneumatic  fitting  at  the  tank,  which  connects  the  tank  to  the  line 
leading  to  the  black  box,  is  disconnected.  After  an  electrical  connection  to 
the  tank  has  been  disconnected,  the  tank  is  removed  from  its  support  rack 
structure  and  placed  in  the  Shuttle  supply/spares  area. 

Next,  the  black  box  is  removed  from  the  SSM.  Removal 
of  the  black  box  consists  of  disconnecting  seven  pneumatic  fittings  — one  fitting 
for  each  line  which  leads  to  the  exterior  of  the  spacecraft  and  the  fitting  for 
the  line  which  leads  from  the  tank  — the  black  box  electrical  connector,  and 
removal  of  the  black  box  from  its  support  structure.  A new  black  box  is 
placed  in  proper  position  in  the  SSM  and  is  connected  following  the  reverse  of 
the  procedure  used  to  remove  the  old  black  box. 

If  GN2  resupply  facilities  are  on  board  the  Shuttle,  the 
tank  will  be  refilled  and  reconnected  to  the  LST  RCS;  otherwise,  the  Shuttle 
will  have  to  bring  a fully-loaded  replacement  tank  from  the  ground,  and  the 
old  tank  will  be  flown  back  to  the  ground  for  resupply  and  later  use.  Regard- 
less of  the  resupply  method,  the  tank  is  placed  in  its  support  rack  structure 
and  is  connected  following  the  reverse  of  the  procedure  for  its  removal, 
except  that  the  tank  manual  shutoff  valve  will  not  be  opened  until  the  RCS  is 
together  and  ready  to  operate.  In  the  interest  of  safety  during  a niu  lilts  ns  nc  6 
visit,  it  is  suggested  that  the  fully  loaded  RCS  tank  be  one  of  the  last  items 
to  be  placed  in  position  prior  to  the  astronaut’s  leaving  the  SSM. 

The  major  thruster  module  will  have  to  be  replaced  by 
means  of  an  EVA.  The  two  feed  lines  leading  to  the  module  are  easily  dis- 
connected by  means  of  a pneumatic  disconnect  similar  to  that  used  on  the 
black  box.  The  two  electrical  connections  to  the  module  are  disconnected 
and,  by  some  simple  means,  the  entire  module  is  separated  from  the  LST. 

The  reverse  of  this  procedure  is  followed  in  mounting  the  new  module.  The 
expected  life  remaining  in  the  other  module  determines  whether  or  not  it 
should  also  be  replaced  during  this  maintenance  visit. 
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A worst-case  RCS  maintenance  procedure  was  just 
described.  Of  course,  any  one  major  element  can  be  replaced  without  having 
to  replace  the  others.  The  described  RCS  checkout  procedure  is  only  sugges- 
tive and  is  subject  to  variation. 

(3)  Conclusions  and  Recommendations.  The  RCS  described 
herein  is  a simple,  regulated  GN2  system  modularized  into  three  basic  ele- 
ments to  provide  ease  in  manned  orbital  maintenance.  Most  of  the  components 
are  existing  and  are  used  in  operational  space  systems.  However,  some  of 
the  components  may  need  to  be  modified  and  quality -tested  for  application  to 
the  LST.  The  use  of  these  existing  components  will  result  in  a low-cost  RCS 
for  the  LST  spacecraft. 

Modularization  of  the  RCS  also  provides  for  growth 
potential.  Should  the  RCS  propellant  budget  increase  substantially,  the  black 
box  can  be  modified  for  the  connection  of  additional  tanks,  or  a single  common 
manifold  can  be  provided  for  the  tanks  which,  in  turn,  connects  to  the  black 
box.  Modification  of  the  black  box  would  not  be  necessary  with  the  common 
manifold  approach.  Volume  is  also  available  in  the  SSM  for  additional  pro- 
pellant tanks. 


During  the  LST  Phase  B study,  considerable  attention 
should  be  devoted  to  determining  the  exact  requirements  for  an  RCS  on  the 
LST.  Should  the  desirability  for  an  RCS  on  the  LST  continue  to  exist,  an 
effort  should  be  made  to  keep  the  impulse  budget  low  enough  for  the  RCS  to 
remain  a simple  GN2  system.  From  the  standpoint  of  reliability,  lifetime 
capability,  system  cost,  and  contamination  effects,  it  is  desirable  that  a GN2 
RCS  be  retained  for  the  LST  instead  of  a hydrazine  or  hot  gas  system. 

Should  a GN2  RCS  be  selected  for  the  LST  during  the 
Phase  B study  effort,  a detailed  study  should  be  performed  to  determine 
whether  the  RCS  should  be  a simple  blowdown  or  regulated  system.  The 
reliability  needed  in  RCS  components  as  well  as  the  extent  of  redundancy  in 
these  components  should  be  determined.  The  feasibility  of  the  RCS  mainte- 
nance method  should  also  be  investigated.  Also,  since  dry  nitrogen  gas  will 
be  used  by  the  LST  onboard  contamination  control  system  (CCS) , an  analysis 
should  be  performed  to  determine  the  feasibility  of  using  a common  GN2  supply 
source  for  the  RCS  and  the  CCS. 

A complete  description  of  the  RCS  selected  for  the  LST 
will  be  published  in  a NASA  TM  X. 
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3.  Signal  Processing 


a.  Transfer  Assembly  (TA).  The  TA  combines  in  one  assembly 


all  circuits  and  processing  functions  that  are  required  to  interconnect  and 
operate  the  various  ACS  assemblies  and  to  provide  their  interface  with  other 
LST  subsystems  as  required.  The  TA  is  a modified  HEAO  design  based  on 
LST  ACS  and  overall  systems  requirements.  It  consists  of  the  following 
subassemblies: 

1. 

Sensor  buffer  unit  (SBU) . 

2. 

Computer  input/output  unit. 

3. 

Command  and  telemetry  unit  (CTU) . 

4. 

Power  converter  unit  (PCU). 

5. 

Power  switch  unit  (PSU) . 

The  SBU  contains  all  the  circuitry  for  buffering  and  processing 
the  gyro  and  coarse  sun  sensor  signals.  By  ground  command,  four  gyros  of 
the  RGA  are  selected  using  the  SBU  gyro  select  logic,  and  the  gyro  outputs  are 
processed  by  a set  of  four  pulse  accumulators.  The  accumulators  are  strobed 
and  reset  on  command  by  the  DPA.  The  circuitry  for  the  emergency  sun 
acquisition  mode  that  uses  the  CSS  data  to  command  the  RCS  is  provided  by  the 
SBU.  Selection  logic  for  the  FSTs  and  magnetometers  also  exists  in  the  SBU. 

The  computer  input  and  output  units  provide  the  buffering 
interface  between  the  DPA  and  the  ACS  and  other  subassemblies.  The  input 
buffering  has  three  functional  circuits:  Bilevels;  analog  to  digital;  and  serial 
digital.  The  bilevels  serve  as  a power  enable  signal  for  each  DPA  module  and 
determine  the  DPA  operating  configuration.  The  analog  signals  originate  at 
the  sensors  and  actuators  and  each  input  is  selectively  multiplexed  and  applied 
to  the  A/D  converter. 

The  CTU  provides  the  interface  buffering  for  most  of  the  ACS 
and  permits  ACS  data  to  be  handled  by  software  routines  within  the  DPA.  This 
concept  simplifies  the  wiring  and  interfaces  and  provides  the  maximum  flexi- 
bility for  data  handling  without  affecting  the  hardware  interface.  A telemetry 
buffer  provides  for  a temporary  storage  of  16 -bit  words  from  the  DPA.  The 
arrangement  allows  the  DPA  to  output  telemetry  data  in  large  batches  at  less 
frequent  intervals,  thus  reducing  a critical  timing  burden  on  the  DPA.  Com- 
mand processing  is  provided  by  an  input  register,  control  logic,  and  TA 
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command  storage  designed  to  interface  with  the  remote  command  decoders  of 
the  C&DH  system.  TA  command  data  such  as  power  enables,  mode  selection, 
etc. , are  identified,  received,  and  placed  in  the  TA  command  storage  register. 
All  other  command  data  are  directed  to.  the  computer  input  unit  for  inputting 
to  the  DP  A.  Cross  strapping  allows  inputs  to  be  used  with  either  redundant  TA. 

A power  converter  unit  derives -secondary  power  from  primary 
power  and  supplies  this  to  ACS  subsystems,  primarily  the  DP  A and  TA,  as 
required.  It  also  provides  electrical  isolation  to  selected  TA  and  ACS  circuitry. 

By  application  of  power,  the  power  switching  unit  provides  the 
relays  and  circuits  for  switching  and  selecting  all  assemblies  within  the  ACS. 
Each  redundant  TA  can  independently  select  any  combination  of  assemblies 
within  the  ACS.  The  redundant  TAs  are  provided  with  the  input  and  output 
cross  strapped  signals. 

b.  Digital  Processor  Assembly  (DPA).  The  design  reference 
DPA  selected  is  a modular  internally  redundant  version  of  the  Control  Data 
Corporation  (CDC)  469  computer  that  was  also  selected  for  HEAO.  Modi- 
fications to  the  DPA  software  to  conform  to  the  LST  ACS  mission  requirements 
will  be  made,  but  the  hardware  will  be  essentially  identical  to  that  used  in  the 
HEAO. 


A general  block  diagram  of  the  DPA  is  shown  in  Figure  VI-59 
complete  with  the  cross  strapping  to  interconnect  the  DPA  central  processors 
with  either  redundant  TA.  An  input/output  block  diagram  of  a basic  single 
central  processor  unit  is  shown  in  Figure  VI -60. 

Characteristics  of  the  DPA  are: 

1.  Dual  redundant  CPU. 

2.  Six  2000-word,  self-contained  memory  modules. 

3.  Modules  interconnected  via  dual  redundant  buses. 

4.  Secondary  power  obtained  from  the  TA. 

5.  P-M OS/LSI  technology. 

6.  16 -bit  instruction  and  data  words. 
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INPUTS 


OUTPUT  (TO  CROSS  STRAP  CIRCUITS) 


CHANNEL  PARALLEL  SERIAL 

SELECT  OUTPUT  OUTPUT 


I/O  RESPONSE 
IN  OUT 


REQUEST  LINES  REQUEST 

INPUT  (FROM  CROSS  STRAP  CIRCUITS) 


CONSOLE 


Figure  VI -60.  Basic  single  central  processor  unit 
input/output  block  diagram. 


7.  Fixed  point  fractional  two’s  complement  arithmetic. 

8.  5 -mil,  NDRO  plated  wire  memory. 

9.  42  instructions. 

10.  4 index  registers. 
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11.  3 interrupt  levels. 

12.  Memory  expandable  to  64  000  words  in  2000-word 

increments. 

The  operating  configuration  of  the  DPA  is  controlled  and 
selected  by  the  online  TA . Each  module  of  the  DPA  receives  a separate 
bilevel  power  enable  signal  from  the  TA  that  places  it  either  in  an  operating 
or  standby  mode.  The  DPA  is  then  reset  and  initialized  by  a control  signal 
sent  to  the  operating  CPU.  This  causes  the  program  counter  to  be  initialized 
to  a known  starting  location  from  which  the  first  program  instruction  is 
fetched. 


As  part  of  the  normal  executive  program  function,  the  CPU 
transmits  a discrete  signal  to  the  TA  each  time  the  program  completes  a 
major  program  cycle.  This  signal  causes  the  fault  timer  in  the  TA  to  be 
zeroed.  In  the  event  that  either  the  selected  CPU  or  memory  module  have 
failed  to  the  point  at  which  the  operating  configuration  cannot  proceed  through 
a normal  program  cycle,  the  TA  fault  timer  will  overflow,  indicating  an 
inoperative  system.  At  this  point,  the  DPA  is  shut  down  until  commanded 
into  a new  configuration  by  the  ground  station. 

A provision  is  incorporated  to  bootstrap  a new  program  into 
the  memory  units  via  the  uplink  command  system.  This  is  accomplished  by 
loading  a few  selected  memory  locations  with  a ’ 'bootstrap  loader"  routine 
via  the  externally  forced  direct  execute  instruction.  The  processor  is  then 
initialized  by  the  TA  and  proceeds  to  software  bootstrap  the  remaining  pro- 
gram into  memory. 


H,  Conclusions  and  Recommendations 

The  design  reference  ACS  used  in  conjunction  with  the  OTA  fine  guidance 
system  (FGS)  will  satisfy  the  LST  pointing  requirements.  The  dodecahedron 
RGA  using  four  active  gyros,  with  frequent  updating  by  the  OTA  FGS  error 
signals,  will  provide  sufficient  accuracy  to  meet  the  1 arc  sec,  3-axis,  pointing 
requirements  during  experimentation.  Two-axis  control  of  the  LOS  to  maintain 
t a 0. 005  arc  sec  pointing  stability  requires  tip  and  tilt  positioning  of  the  sec- 

ondary mirror  in  response  to  FGS  star  tracker  outputs . During  occultation  of 
the  FGS  guide  stars  the  RGA  can  provide  the  sensing  function  to  maintain  the 
LOS  excursions  within  the  limits  of  the  FGS  coarse  fields -of -view. 


V 
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Sensor  noise  (RGA  and  FGS)  is  critical  to  obtaining  the  required  0.005 
arc  sec  pointing  stability  and  will  be  one  of  the  primary  factors  limiting  the 
body  pointing  capability  of  the  ACS  and  the  pointing  stability.  A thorough 
investigation  of  sensor  noise  must  be  continued.  Estimates  of  the  FGS  noise 
indicate  that  the  expected  levels  are  acceptable.  However,  these  estimates 
in  general  have  been  based  on  photon  noise  studies  and  more  detailed  investi- 
gations are  required  to  determine  the  FGS  total  system  noise.  Gyros  in  the 
RGA  are  marginal  from  a noise  standpoint  and  realistic  noise  factors  must  be 
established,  followed  by  development  of  techniques  to  minimize  the  effects  of 
gyro  noise. 

The  system  signal  processing  concept  and  the  interface  operation  of  the 
RGA,  FST,  and  FGS  requires  further  analysis.  Digital  versus  analog  or 
hybrid  techniques  should  be  analyzed  and  recommended  designs  generated. 

The  designs  should  be  confirmed  by  prototype  system  tests. 

The  nonlinear  properties  of  the  CMG  gimbal  components  are  a source 
of  pointing  instability.  These  properties  include  friction,  tachometer  noise 
and  threshold,  electronics  dead  zones,  torque  motor  threshold,  and  angle 
resolver  threshold.  Investigations  in  this  area  must  be  continued  to  obtain 
realistic  nonlinear  models  and  to  obtain  CMG  system  designs  that  minimize 
the  effects  of  nonlinearities. 

Internally  generated  CMG  forces  and  torques  when  transmitted  by  the 
LST  structure  to  the  critical  optical  components  generate  pointing  errors. 

This  vibration  propagation  and  its  effects  must  be  thoroughly  investigated. 
Detailed  dynamic  models  of  CMGs  should  be  generated  and  realistic  force 
and  torque  signature  data  accumulated.  Properly  designed  shock  mounts  can 
reduce  the  pointing  errors,  and  rotor  speed  selection  to  avoid  structural 
reasonances  can  further  reduce  the  errors  to  a level  consistent  with  the  overall 
pointing  requirements.  These  factors  should  be  included  in  any  CMG  studies. 

A digital  processor  dedicated  to  the  attitude  control  system  is  recom- 
mended. Assigning  control  functions  to  a central  processor  introduces  prob- 
lems in  system  test  and  calibration,  software  design  and  updating,  and  system 
interfaces. 


The  impact  of  additional  requirements  that  dictate  precision  slewing 
should  be  assessed.  Precision  slewing  for  planet  surveys  with  a narrow 
spectrometer  slit,  comet  tracking,  and  precision  positioning  of  spectrometer 
slits  are  typical  examples.  Additionally,  an  assessment  must  be  made  of  the 
hardware  and  operational  techniques  required  to  meet  requirements  of  this 
nature. 
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The  actuator  systems  recommended  for  LST  are  a cold  gas  RCS  for 
emergency  or  failure  mode  operation  over  a short  interval  or  where  high 
torques  may  be  required;  an  SGCMG  system  for  normal  operational  modes 
such  as  stabilizing,  pointing,  or  maneuvering  modes;  and  an  MTS  for  momen- 
tum management  of  the  CMGs.  Although  the  LST  requirements  with  a Shuttle 
launch  do  not  dictate  an  RCS,  a low  impulse,  cold  gas  RCS  has  been  placed  on 
the  reference  LST,  because  it  raises  the  confidence  level  for  mission  success. 
The  RCS  will  be  in  a standby  operational  status  during  orbital  insertion  by  the 
Shuttle  or  when  docking  is  attempted.  The  RCS  will  also  be  used  during  abnor- 
mal situations.  For  example,  if  the  computer  should  fail,  the  CMGs  and  MTS 
could  not  be  used.  While  the  failure  is  being  analyzed  and  corrective  actions 
taken,  the  RCS  through  simple  analog  programming,  which  bypasses  the  com- 
puter, would  bring  and  hold  the  LST  in  a solar  pointing  orientation.  Additional 
studies  should  be  done  to  define  the  sensor  logic  and  algorithms  required  to 
implement  the  RCS  for  emergency  operations. 

The  four-skewed  SGCMG  configuration  has  been  selected  for  LST.  A 
skew  angle  of  30  degrees  provides  a momentum  envelope  somewhat  propor- 
tional to  the  LST  inertial  values.  Even  with  one  CMG  deactivated,  the  momen- 
tum envelope  is  still  shaped  properly  for  LST  control  purposes.  A momentum 
value  of  678  N-m-sec  (500  ft-lb-sec)  per  CMG  unit  has  been  used  for  study 
purposes.  However,  such  a value  produces  a grossly  oversized  momentum 
exchange  system  for  LST,  even  when  a CMG  is  deactivated.  Simulations 
indicate  no  difference  between  the  performance  obtained  using  either  four  or 
three  CMGs.  Although  all  four  CMGs  would  normally  be  used,  consideration 
should  be  given  to  using  only  three,  with  the  fourth  deactivated  until  needed 
after  a failure,  especially  if  reliability  or  lifetime  of  the  total  system  could 
be  enhanced.  The  CMG  system  momentum  capacity  permits  continuous  experi- 
ment data  gathering  without  desaturation  for  6.2  orbits  (4.4  orbits  with  three- 
CMG  operation)  under  worst-case  environmental  disturbances.  A maximum 
turning  rate  of  91  deg/min  (67  deg/min  with  three  CMGs)  can  be  obtained  about 
the  major  inertial  axis.  Although  the  four -skewed  CMG  system  exceeds  LST 
requirements,  there  are  several  obvious  advantages  to  an 'oversized  system: 

1.  Growth  potential  — The  vehicle  inertias  can  become  much  larger 
and  more  unfavorable  without  impacting  the  momentum-exchange  system. 

2.  Commonality  — Use  available  CMGs  from  other  programs,  such 

as  HEAO. 

3.  Failure  — One  CMG  can  be  failed  and  normal  operations  continued 
using  only  three  CMGs. 
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4. 


Permits  the  use  of  g.g.  dump  modes  in  the  event  of  MTS  failure. 


5.  Ghu  — Singularity  detection  and  avoidance  schemes  are  not 
required,  (inside  the  maximum  momentum  envelope  there  is  a ghu  free 
envelope  that  meets  all  LST  requirements. ) 

6.  Gimbal  angles  remain  small  permitting  a constant  gain  steering 
law  to  be  analog  programmed  for  possible  failure  modes. 

7.  Permits  the  MTS  to  be  turned  off  for  several  orbits  while  experi- 
ments extremely  sensitive  to  magnetic  fields  are  conducted. 

The  CMG  steering  law  recommended  is  the  Moore-Penrose  pseudo- 
inverse. This  type  steering  law  is  relatively  easy  to  implement  and  gives 
excellent  performance.  In  the  event  of  a CMG  failure,  the  steering  law  need 
not  be  reprogrammed  or  any  changes  made  in  the  computational  algorithms. 

The  failed  CMG  must,  however,  be  identified  and  the  corresponding  column 
elements  in  the  CMG  torque  matrix  set  to  zero,  in  which  case  the  pseudo- 
inverse reduces  to  the  exact  solution.  Most  other  steering  laws  considered 
for  LST  would  require  major  reprogramming  to  accommodate  a CMG  failure. 

The  MTS  recommended  for  LST  is  used  mainly  for  momentum  manage- 
ment of  the  CMGs.  The  system  of  six  electromagnets  generate  a dipole 
moment  in  any  specified  direction  by  passing  current  through  the  appropriate 
coils.  Analysis  has  shown  that  the  magnetic  field  produced  by  the  MTS  is 
more  than  10  times  less  than  the  earth’s  ambient  field  in  the  SSM-SIP  areas. 
Thus,  there  are  no  additional  shielding  requirements  for  magnetically  sensi- 
tive instruments  over  that  normally  required  for  the  earth’s  field.  Moreover, 
location  of  the  magnetometer  on  the  aft  end  of  the  SSM  permits  the  earth’s 
geomagnetic  field  to  be  measured  while  using  the  MTS.  Thus,  continuous  use 
of  the  MTS  is  recommended,  in  which  case  the  CMG  momentum  variation 
remains  small.  As  a secondary  use,  the  MTS  is  programmed  to  produce  direct 
vehicle  control  torques,  permitting  a greater  depth  of  CMG  failure  and  faster 
recovery  during  and  after  a failure  mode.  Since  the  MTS  is  sized  for  direct 
torque  control,  it  is  oversized  for  CMG  momentum  management.  Any  two  of 
the  electromagnets  can  be  deactivated  and  the  remaining  units  can  meet  the 
main  objective  of  momentum  dumping.  Some  of  the  advantages  of  the  MTS 
proposed  for  the  LST  are  listed  below: 


1.  No  RCS  or  fuel  weight  is  required  for  normal  operational  modes. 

2.  Lifetime  is  not  limited  by  expendables. 
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3.  CMG  saturation  detection  is  nob  required  for  continuous  desaturation. 

4.  Prevents  CMG  ghu. 

5.  One  CMG  fail  operational  capability. 

6.  Operation  with  only  two  CMGs  is  possible  with  some  degradation. 

7.  Small  size  CMGs  could  be  used. 

8.  Very  small  gimbal  angles  permit  a constant  gain  CMG  steering 
law,  if  desired. 

9.  Automatically  forces  CMGs  to  a null  position,  without  programming. 

10.  All  the  CMG  momentum  is  available  for  maneuvers,  since  the 
normal  CMG  momentum  state  stays  near  zero. 

Most  of  the  MTS  analysis  was  done  assuming  a linear  system.  How- 
ever, the  materials  used  in  constructing  the  electromagnet  core  may  possess 
nonlinear  characteristics,  such  as  hysteresis,  and  the  OTA  structure  could 
interfere  with  the  dipole  produced,  changing  its  magnitude  as  well  as  direction. 
Electromagnets  of  the  size  proposed  for  LST  should  be  manufactured  and 
tested  for  magnetic  operating  characteristics  such  as  current  input  to  produce 
the  dipoles,  the  ability  to  linearly  control  its  magnetic  state,  and  the  fields 
propagated. 

Since  the  CMGs  are  oversized  and  the  MTS  provides  direct  torque,  ghu 
detection  and  avoidance  are  not  required  for  LST.  However,  ghu  is  a general 
problem  area  that  needs  further  investigation.  To  date,  the  2-SPEED  CMG 
configuration  and  steering  law  is  the  only  candidate  that  has  been  developed 
that  appears  promising.  In  the  event  2-SPEED  is  further  developed  and  shown 
practical,  it  should  also  be  considered  for  LST. 


VI- 141 


REFERENCES 


VI-1.  TRW,  Inc.:  HEAO,  Technical  Proposal  for  Phase  C/D.  Report 
No.  17622,  August  27,  1971. 

VI-2.  NASA  George  C.  Marshall  Space  Flight  Center:  HEAO  RFP  No. 
DCN-1-1-21 -00109. 

VI-3.  Northrop  Services,  Inc. : Alternate  SGCMG  Control  System  for  HEAO. 
Memo  9243C -72-43,  June  8,  1972. 

VI-4.  A GCMSFC:  Summary  Description  of  the  2-SPEED  Steering  Law  and 
Configuration  for  Single  Gimbal  CMGs.  Report  No.  S&E-AERO-DO- 
33-72. 

VI-5.  Billy  G.  Davis:  A Discussion  of  Orbital  Workshop  Orientation  and 
Gravitational  Effects.  NASA  TM  X-53829,  May  5,  1969. 

VI-6.  Bendix  Corp. : High  Accuracy  Stabilization  and  Control  Report  No. 
MT-2383,  Navigation  and  Control  Div.  Denver,  Colorado, 

December  14,  1971. 


VI- 142 


CHAPTER  VII. 


MAINTAINABILITY  ANALYSES 


TABLE  OF  CONTENTS 


Page 

A.  Introduction VII-1 

B.  Maintenance  Trade  Study  Approach  VII-2 

1.  Definition  of  Maintenance  Modes VII-2 

a.  On-Orbit  Manned  Maintenance  — Pressurized VII-2 

b.  On-Orbit  Manned  Maintenance  — Unpressurized VII-3 

c.  On-Orbit  Manipulator  Maintenance VII-3 

d.  Ground-Based  Maintenance  VII-3 

2.  Maintenance  Mode  Comparison VII-4 

C.  Maintenance  Mode  Study  Results VII-4 

1.  Flight  Sharing VII-4 

2.  Specific  Flight  Sharing  Cases VII-12 

a.  Unpressurized  Spares  in  the  Cargo  Bay  VII-12 

b.  Spares  in  Pressurized  Service  Module VII-15 

c.  Spares  in  the  Crew  Compartment  VII-15 

3.  Number  of  Shuttle  Flights  Required VII-19 

4.  Orbital  Operations  During  Flight  Sharing  VII -22 

5.  Scheduled  Maintenance  Cost  Comparison VII -22 

6.  Recommended  Reference  Design  Maintenance  Method  ....  VII-25 

D.  Crew  Time  for  Typical  Maintenance  Mission VII -29 

E.  Neutral  Buoyancy  Simulation  Activities VII-3 9 


iii 


LIST  OF  ILLUSTRATIONS 


F igure  Title  Page 

VII-1.  Maximum  payload  length  for  various  spares  locations  . . . VII-16 

VII-2.  LST  shared  mission  to  synchronous  orbit  VII  -23 

VII -3.  Subassemblies  of  the  LST  neutral  buoyancy  mockup  ....  VII -40 

VII-4.  Preliminary  SIP  for  the  MSFC  LST  neutral  buoyancy 

mockup VII -41 

VII-5.  Neutral  buoyancy  mockup  VII-43 


iv 


LI  ST  OF  TABLES 


Table 

Title 

Page 

VII -1. 

Maintenance  Mode  Comparisons  

VII-5 

VII -2. 

Total  Maintenance  Mission  Equipment  Load 

VII -9 

VII -3. 

NASA  Headquarters  Mission  Model 

vn-13 

VII -4. 

Total  Number  of  Payloads  Requiring  the  Tug 

vn-15 

VII-5. 

LST  Refurbishment  Compatibility  Analysis  — 
Unpressurized  Mode  

VII-17 

VII -6. 

LST  Refurbishment  Compatibility  Analysis  — 

Pressurized  Mode 

VII -18 

VII -7. 

LST  Spares  Compatibility  Analysis  — Crew  Compartment 
Mode,  Airlock  Module  in  Bay  

VII-20 

VII -8. 

Shuttle  Flights  Required  for  Various  Scheduled 
Maintenance  Methods 

VII-21 

VII-9. 

LST  Scheduled  Maintenance  Cost  Comparison 

VII-24 

VII-10. 

LST  Maintenance  Cost  Impact  Due  to  Additional  Shuttle 
F lights  

VII-26 

VII-11. 

’’Typical"  Unscheduled  On-Orbit  Maintenance  Mission 
Equipment  Load  

VII -27 

VII-12. 

Preliminary  Analysis  of  Crew  Maintenance  Task  Time  . . . 

VII -30 

V 


CHAPTER  VII.  MAINTAINABILITY  ANALYSES 


A.  Introduction 

The  mission  goal  of  the  LST  is  to  provide  15  years  of  on-orbit  obser- 
vation time.  Present  plans  call  for  the  initial  5 years  of  observation  to  be 
performed  by  the  precursor  LST,  with  the  remaining  10  years  of  on-orbit 
operation  being  accomplished  by  the  advanced  LST. 

In  order  to  maintain  an  acceptably  high  level  of  operational  performance 
during  the  entire  15-year  LST  mission  duration,  the  following  three  inter- 
related factors  must  be  considered: 

1.  Provide  for  instrument  update  when  warranted  by  changing  interest 
or  advance  in  technology. 

2.  Assure  system  performance  for  long-time  observatory  operation. 

3.  Minimize  total  LST  program  cost. 

The  following  two  options  exist  to  sustain  the  LST  performance  at  the 
desired  level  for  the  15-year  mission  duration: 

1.  Expendable  LST  — in  this  option  a new  LST  is  placed  on  orbit  when 
the  operational  LST  malfunctions. 

2.  Maintainable  LST  — this  option  provides  for  repair  of  the  mal- 
functioning LST  to  return  it  to  the  desired  performance  level. 

i j.  counted  below  is  a comparison  of  the  program  costs  for  both  the 
expendable  and  maintainable  LST  options  with  the  maintainable  LST  serving 
as  a reference  and  assigned  a relative  program  cost  of  unity: 


C onfiguration 

Flight  Articles 

Total  Relative 

Option 

Required 

Payload  Cost 

Expendable  LST 

8 

1.8 

Maintainable  LST 

2 

1.0 

In  the  above  table,  the  number  of  LST  vehicles  required  for  the  expend- 
able program  is  based  on  a component  design  lifetime  of  2 years  over  the  15- 
year  program  duration.  The  number  of  LST  vehicles  required  for  the  main- 
tainable option  includes  one  precursor  for  the  first  5 years  and  one  advanced 
1ST  for  the  remaining  10  years. 

Also,  from  the  above  table,  the  potential  cost  savings  resulting  from 
the  maintainable  LST  option  is  approximately  44  percent  of  the  expendable 
1ST  program  costs  — certainly  greater  than  the  uncertainties  attendant  with 
current  cost  estimating  techniques.  In  view  of  the  magnitude  of  this  potential 
cost  savings  resulting  from  the  maintainable  LST  option,  the  expendable  LST 
option  was  removed  from  further  consideration. 


B.  Maintenance  Trade  Study  Approach 

A preliminary  maintainability  analysis  was  conducted  for  the  LST 
mission  to  determine  and  define  a feasible  maintenance  concept.  The  four 
following  maintenance  modes  were  initially  considered  for  the  LST  spacecraft: 

1.  On-orbit  manned  maintenance  — pressurized. 

2.  On-orbit  manned  maintenance  — unpressurized. 

3.  On-orbit  manipulator  maintenance. 

4.  Ground-based  maintenance. 

1.  Definition  of  Maintenance  Modes 

a.  On-Orbit  Manned  Maintenance  — Pressurized.  This  mainte- 
nance mode  provides  the  crewmen  direct  access  to  the  replaceable  subsystems 
elements  and  scientific  equipment  under  shirtsleeve  conditions  and  for  this 
reason  requires  a smaller  design  impact  to  the  replaceable  elements  than  is 
required  by  other  in-flight  maintenance  modes.  The  shirtsleeve  environment 
and  associated  contamination  control  system  for  this  maintenance  mode  are 
provided  by  the  Shuttle  orbiter  and  chargeable  to  its  payload.  Of  the  three 
on-orbit  maintenance  modes  considered,  the  pressurized  (shirtsleeve)  mode 
enables  the  maintenance  crew  to  perform  more  detailed  and  precise  mainte- 
nance tasks  and  to  accomplish  them  more  easily,  more  quickly,  and  with  less 
risk. 
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b.  On-Orbit  Manned  Maintenajhce-Unpressurized.  The  general 
configuration  and  equipment  arrangement  selected  for  this  maintenance  mode 
is  similar  to  the  mode  described  in  the  preceding  paragraph,  except  that  no 
pressure  vessel  is  provided  and  all  maintenance  operations  are  performed  in 
pressure  suits  under  intra vehicular  activity  (IVA)  conditions.  (IVA  is 
defined  as  "activity  performed  in  space  or  on  a celestial  body  by  an  astronant 
internal  to  the  space  vehicle,  under  vacuum  conditions.")  Life  support  of  the 
pressure  suits  may  be  provided  via  backpacks  or  umbilicals.  At  the  present 
time  the  umbilical  mode  appears  to  offer  the  advantages  of  smaller  suit 
volume  and  a lower  suit-induced  contamination  rate. 

c.  On-Orbit  Manipulator  Maintenance.  This  maintenance  mode 
was  developed  by  the  Goddard  Space  Flight  Center  (GSFC)  and  was  selected 
as  its  preferred  maintenance  concept  for  the  LST  servicing.  In  GSFC's 
"Large  Space  Telescope  (LST)  Preliminary  Analysis  and  Design  Report," 
the  center's  manipulator  maintenance  concept  was  described  in  the  following 
manner. 


The  teleoperator  system  to  be  used  to  conduct  in-orbit  resupply 
and  mission  update  operations  consists  of  the  following  assemblies  and 
functions: 


1.  A service  module  platform,  which  is  attached  to  the 
Space  Shuttle  and  contains  the  spare  subsystem  and  instrument  modules, 
designed  to  dock  with  the  observatory. 

2.  A manipulator  system,  which  is  also  located  within  the 
service  module  platform,  to  perform  the  physical  activity  of  removing  the 
malfunctioning  subsystem  and/or  instrument  modules  and  inserting  new  sub- 
system and/or  instrument  modules. 

3.  A system  of  pilot  (astronaut)  operated  controls,  located 
within  the  Shuttle  command  cabin,  used  to  control  subsystem  box  position  and 
rate  of  travel  and  also  subsystem  to  spacecraft  lock/unlock  functions. 

4.  A system  of  visual  sensors  and  monitors  to  provide  the 
pilot  with  a display  of  all  external  resupply  activities. 

d.  Ground-Based  Maintenance.  This  maintenance  concept  entails 
retrieval  of  a malfunctioning  LST  by  the  Shuttle  orbiter  for  return  to  earth 
for  maintenance  and  refurbishment.  An  immediately  obvious  disadvantage  of 
this  mode  is  the  requirement  for  an  extra  Shuttle  launch. 
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2.  Maintenance  Mode  Comparison.  The  maximum  design  lifetime 
for  life-limited  subsystems  and  instruments  has  been  assessed  as  being  2 1/2 
years.  Consequently,  initial  maintenance  trade  studies  were  conducted 
assuming  that  scheduled  maintenance -is  performed  every  2 1/2  years.  Since 
the  precursor  LST  is  to  have  5 years  of  service,  one  scheduled  service 
mission  was  planned  and  costed  for  comparison. 

The  trade  study  was  carried  out  in  the  following  manner.  Special- 
ists in  the  various  discipline  areas  assessed  each  maintenance  mode  with 
regard  to  the  impact  on  the  design  of  the  LST  configuration,  design  and 
operational  flexibility,  performance  characteristics,  complexity,  and  develop- 
mental and  performance  risks. 


C.  Maintenance  Mode  Study  Results 

Table  VII-1  lists  some  20  factors  comparing  and  contrasting  the  four 
considered  maintenance  modes.  At  this  time  the  comparison  is  qualitative, 
and  as  yet  no  attempt  has  been  made  to  quantify  or  to  arrive  at  ’’figures  of 
merit"  for  the  various  comparison  remarks.  From  a technical  viewpoint, 
it  can  certainly  be  argued  that  all  four  maintenance  options  are  feasible  — 
each  with  certain  attractive  and  detrimental  features.  Careful  perusal  of  the 
table  does,  however,  indicate  that  of  the  four  maintenance  options,  the  on- 
orbit  manipulator  mode  is  the  least  attractive  because  of  its  shortcomings  in 
the  areas  of  (l)  ease  of  maintenance  tasks,  (2)  quantity/complexity  of  sepa- 
rate operations  required,  (3)  growth  potential  and  flexibility  for  design 
changes,  (4)  interconnection  quantity  and  complexity,  (5)  ease  of  maintenance 
tasks,  (6)  logistics  weight  and  volume  requirements,  (7)  mission  sharing 
possibilities,  (8)  alignment  and  calibration  capability,  (9)  special  tool 
requirements. 

Primarily  because  of  pressing  commitments  on  other  aspects  of  the 
LST  study,  a complete  technical  assessment  of  the  four  maintenance  modes 
was  not  possible  during  this  phase  of  the  study.  Study  plans  called  for  estab- 
lishing a reasonable  baseline  maintenance  mode  for  design  and  costing  purposes 
for  this  study  phase  and  establishing  a firm  preferred  maintenance  method  at 
a later  date.  As  will  be  seen  later,  the  selected  maintenance  concept  for  this 
study  phase  was  chosen  primarily  on  a cost  basis. 

1.  Flight  Sharing.  Table  VII-2  is  a listing  of  the  support  system 
module  (SSM)  subsystems  and  scientific  instrument  package  (SIP)  and  optical 
telescope  assembly  (OTA)  scientific  instruments  which  would  be  replaced 
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TABLE  VII-1.  MAINTENANCE  MODE  COMPARISONS 
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TABLE  VII -2.  TOTAL  MAINTENANCE  MISSION  EQUIPMENT  LOAD 
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TABLE  VII -2.  (Continued) 
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during  a scheduled  maintenance  flight.  The  total  mass  and  volumes  including 
allowances  for  packaging  were  used  in  the  maintenance  mission  analysis 
trades.  Since  the  on-orbit  maintenance  mission  does  not  utilize  either  the  full 
weight  nor  volume  payload  capability  of  the  orbiter,  1ST  costs  could  be 
reduced  if  some  other  mission  shared  the  flight  with  the  1ST  maintenance 
mission.  Employing  this  premise,  the  Space  Shuttle  Mission  Model  was 
surveyed  to  locate  compatible  payloads  to  share  flights  with  the  LST  mainte- 
nance mission.  A copy  of  the  mission  model  used  in  this  study  appears  in 
Table  VII -3. 

Currently,  there  are  no  ground  rules  as  to  how  Shuttle  flight  costs 
are  to  be  prorated  for  mission  sharing.  Costs  could  be  prorated  on  payload 
mass  ratio,  payload  volume  ratio,  on-orbit  operations  time  ratio,  etc.  , or  a 
combination  of  some  or  all  of  the  aforementioned  factors.  Asa  result  of 
discussions  with  engineering  cost  personnel,  it  was  decided  to  select  payload 
mass  as  the  basis  for  prorating  mission  sharing  costs  for  this  study. 

The  selection  of  payload  mass  ratio  as  the  basis  of  cost  proration 
means  that  LST  costs  can  be  minimized  by  selecting  the  heaviest  payloads 
possible  to  share  the  LST  maintenance  mission  flights;  in  this  respect,  Space 
Tug  missions  proved  to  be  some  of  the  best  candidates  for  mission  sharing. 
Table  VII -4  presents  the  portion  of  the  total  number  of  payloads  requiring  the 
Tug.  There  are  ample  Tug  missions  to  share  LST  maintenance  mission  costs. 

Before  investigating  specific  flight  sharing  cases,  it  should  be 
noted  that  flight  sharing  does  not  apply  to  the  earth  return  maintenance  mode. 
Since  this  mode  requires  retrieving  the  LST,  which  uses  most  of  the  orbiter 
payload  bay  volume,  few  payloads  can  be  identified  to  share  such  flights. 

Servicing  the  LST  at  its  orbit  of  611  km  (330  n.mi.)  requires 
the  orbiter  to  use  an  on-orbit  maneuvering  system  (OMS)  propellant  tank  which 
is  located  in  the  aft  end  of  the  payload  bay.  The  full  OMS  tank  weighs  5443  kg 
(12  000  lb)  and  is  chargeable  to  the  LST  maintenance  mission  as  part  of  the 
required  LST  payload  weight. 

2.  Specific  Flight  Sharing  Cases.  Figure  VII-1  presents  the  maximum 
payload  length  that  can  be  accommodated  for  three  specific  flight  sharing  cases. 

a.  Unpressurized  Spares  in  the  Cargo  Bay.  In  this  case,  the 
spares  are  packaged  in  the  cargo  bay  for  on-orbit  manipulator  maintenance. 

A total  length  of  3.66  m in  the  payload  compartment  is  allocated  for  spares 
packaging,  manipulator  access,  and  airlock  module.  Allowance  for  the  OMS 
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TABLE  VII -3.  NASA  HEADQUARTERS  MISSION  MODEL 
NASA  PAYLOADS  (LESS  LUNAR) 
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TABLE  VII-4.  TOTAL  NUMBER  OF  PAYLOADS  REQUIRING  THE  TUG 

• Total  Number  of  Payloads  ( 1979-1990) : 415 

Non- 

Astronomy  Space  Physics  Earth  Orbital  Com/Nava  Planetary  NASA 
72  29  101  57  28  128 

• Tug  required  for  approximately  224  payloads  (54%) 

5 25  5 33  28  128 


a.  Communication/Navigation. 


tank  and  the  Tug  leaves  2.44  m of  payload  bay  length  for  the  Tug  payload.  An 
automated  payload  packaging  technique  was  utilized  to  scan  the  mission  model 
and  select  payloads  which  could  share  the  LST  maintenance  mission,  given 
these  constraints.  Table  VII-5  presents  the  resulting  list  of  compatible 
missions.  Each  row  of  the  table  lists  a payload,  its  orbit  characteristics, 
its  physical  dimensions,  and  the  calendar  year  of  flight.  At  the  lower  right  of 
the  table  are  annual  totals  of  payloads  available  for  LST  maintenance  mission 
sharing.  The  major  point  to  be  learned  from  this  table  is  that  ample  candi- 
dates for  flight  sharing  exist  each  year. 

b.  Spares  in  Pressurized  Service  Module.  The  second  case 
presented  in  Figure  VII-1  is  for  the  on-orbit  manned  maintenance  mode, 
utilizing  a service  module.  The  service  module  depicted  in  the  sketch  has 
the  dimensions  of  a current  short  Sortie  Lab.  The  LST  would  be  docked  to 
the  service  module  with  the  latter  being  utilized  as  an  operations  base  for 
maintenance  activities  and  a storage  area  for  spares.  Since,  as  is  shown  in 
Figure  VII-1,  only  1. 22  m of  the  payload  bay  remain  for  the  Tug  payload,  the 
number  of  payload  flight  sharing  candidates  is  substantially  reduced,  as 
shown  in  Table  VII -6.  In  addition,  in  this  case,  the  LST  maintenance  mission 
incurs  the  cost  of  carrying  the  4536  kg  (10  000  lb)  service  module  to  orbit. 

c.  Spares  in  the  Crew  Compartment.  Preliminary  investigation 
revealed  approximately  8.5  m^  (300  ft^)  of  volume  available  in  the  crew 
compartment  for  packaging  LST  instruments  and  spares  inventory  and  the 
necessary  support  equipment.  In  this  case,  maintenance  would  be  performed 
by  docking  the  orb  iter  to  the  LST  and  using  the  crew  compartment  as  the 
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8.5  m3  (300  ft3)  AVAILABLE  IN  CREW  COMPARTMENT. 

NOTE:  PD  BASELINE  REUSABLE  TUG  USED  IN  CAPTURE  ANALYSIS. 

Figure  VII-1.  Maximum  payload  length  for  various  spares  locations. 
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TABLE  VII-5.  LST  REFURBISHMENT  COMPATIBILITY  ANALYSIS  — UNPRESSURIZED  MODE 
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TABLE  VII -6.  LST  REFURBISHMENT  COMPATIBILITY  ANALYSIS  _ PRESSURIZED  MODE 
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maintenance  base  of  operations.  As  shown  in  Table  VII -7,  the  flight  sharing 
analysis  for  this  case  revealed  that  77  percent  of  payloads  in  the  mission 
model  could  share  flights  with  the  LST  maintenance  mission. 

Because  of  these  results,  on-orbit  manned  maintenance  using  the 
service  module  was  no  longer  considered  a viable  option. 

3.  Number  of  Shuttle  Flights  Required.  Table  VII-8  shows  the  number 
of  Shuttle  flights  chargeable  to  each  of  the  candidate  maintenance  options.  As 
an  example,  to  determine  the  number  of  Shuttle  flights  charged  to  on-orbit 
unpressurized  (manipulator)  maintenance,  locate  this  maintenance  mode  in  the 
far  left  column.  The  column  to  the  immediate  right  describes  the  initial 
maintenance  upflight.  In  this  case,  a Tug  mission  was  selected  to  share  the 
orbiter  upflight  costs.  The  current  round-trip  cost  for  a Shuttle  flight  is 
estimated  at  $ 10.  5 million.  One-way  flight  was  considered  to  be  half  the 
round-trip  cost  or  $ 5. 25  million.  Recalling  that  costs  are  prorated  on 
payload  mass  ratio,  the  LST  portion  of  the  cost  is  determined  as  follows: 


1.  LST  Maintenance  Mission  Mass 

Spares  Plus  Support  Equipment  3 652  kg 

OMS  5 443  kg 

Total  9 095  kg 

2.  Shared  Payload  (Tug  Mission) 

Tug  Payload  467  kg 

Tug  16  818  kg 

Total  17  285  kg 

3.  Total  Flight  Payload  Mass  26  380  kg 


9 095 

The  LST  portion  of  the  flight  is  $5.25  M = $ 1 . 81  M 

26  380 

The  next  two  columns.  Retrieval  of  LST  and  Return  LST  to  Orbit, 
do  not  apply  to  this  maintenance  option.  The  last  column  contains  the  orbit 
flight  sharing  for  the  earth  return  flight.  The  procedure  for  calculating  pro- 
rated costs  is  the  same  as  previously  described.  Note  that  the  Tug  mass 
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TABLE  VII -8.  SHUTTLE  FLIGHTS  REQUIRED  FOR  VARIOUS  SCHEDULED  MAINTENANCE  METHODS 
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(No  Charge  to  1ST  (No  Payload  Orbit  (No  Few  Payloads  Are  Avail- 

Program)  Sharing)  Payload  able  to  Share  Return 

Sharing)  Flight 


shown  reflects  propellant  consumption  and  satellite  deployment.  The  final 
result  is  that  the  LST  program  is  charged  for  a portion  of  the  cost  of  one 
round-trip  Shuttle  flight  for  on-orbit  manipulator  maintenance. 

The  on-orbit  pressurized  (manned)  maintenance  flight  sharing  is 
similar  to  the  previously  discussed  case.  It,  too,  is  charged  for  a portion 
of  one  round-trip  flight  on  the  orbiter.  Detailed  cost  comparisons  are  dis- 
cussed later. 

Earth  return  maintenance  is  not  charged  for  the  initial  Shuttle 
upflight.  The  LST  will  be  retrieved  on  the  down  leg  of  a mission  to  deploy 
a payload.  Studying  Table  VII-8  reveals  that  the  LST  program  is  charged 
for  one  and  one-half  round-trip  Shuttle  flights  for  the  earth  return  maintenance 
option.  As  will  be  discussed  later,  orbiter  flight  costs  are  a major  discrim- 
inator when  comparing  maintenance  options. 

4.  Orbital  Operations  During  Flight  Sharing.  Thus  far  the  discussion 
on  flight  sharing  has  been  devoted  to  the  physical  compatibility  of  payloads. 

The  operational  compatibility  of  shared  payloads  will  now  be  considered. 

Figure  VII-2  shows  that  it  is  operationally  feasible  to  deploy  a Tug  at  a 185  km 
(100  n.mi.)  orbit,  have  the  orbiter  transfer  to  a 61  km  (330  n. mi.)  orbit, 
rendezvous  with  the  LST,  perform  the  LST  maintenance  mission,  have  the 

Tug  rendezvous  with  the  orbiter  at  the  611  km  orbit,  and  have  the  orbiter  return 
to  earth  with  the  empty  Tug.  The  upper  timeline  in  Figure  VII-2  illustrates 
Tug  events,  whereas  the  lower  timeline  presents  current  LST  maintenance 
activities.  The  124  hours  available  for  LST  maintenance  represents  a mini- 
mum value  due  to  a combination  of  worst  case  assumptions  with  respect  to 
Tug  phasing. 

Detailed  crew  activity  schedules  of  the  maintenance  operations 
show  that  the  required  maintenance  can  be  performed  by  two  crewmen  in  2 
working  days.  Therefore,  flight  sharing  with  Tug  missions  provides  ample 
time  to  conduct  the  LST  maintenance. 

5.  Scheduled  Maintenance  Cost  Comparison.  The  results  of  the  cost 
comparison  study  of  the  three  candidate  scheduled  maintenance  methods  are 
given  in  Table  VII-9.  On-orbit  pressurized  maintenance  was  selected  as  the 
cost  study  reference  design,  and  costs  are  presented  as  millions  of  dollars 
difference  (A)  from  the  reference  design.  The  four  cost  columns  give  delta 
cost  for  (l)  shuttle  flights,  (2)  design,  development,  test,  and  engineering 
(DDT&E),  (3)  recurring  cost,  and  (4)  total  cost. 
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Figure  VII-2.  LST  shared  mission  to  synchronous  orbit. 


TABLE  VII-9.  LST  SCHEDULED  MAINTENANCE  COST 
COMPARISON3  ,b 


Maintenance  Mode 

Shuttle  Cost 

DDT&E 

Recurring 

Total 

(Reference  Design) 
Pressurized  On-Orbit 
Maintenance 

0 

0 

0 

0 

Unpressurized  On-Orbit 
Maintenance  Using 
Manipulators 

1.09 

31.93 

1.93 

34.95 

Unpressurized  On-Orbit 
Maintenance  Using 
Manipulators  (increased 
Configuration  & System 
Testing) 

1.09 

55.27 

1.93 

58.29 

Earth  Return 
Maintenance 

11.82 

-(11.97) 

8.99 

8.84 

a.  Reference  design  maintenance  mode  for  cost  study  is  on-orbit 
pressurized. 

b.  Cost  numbers  are  in  $ Millions  (A)  from  baseline. 


The  Shuttle  flight  costs  for  the  on-orbit  pressurized  maintenance 
and  the  on-orbit  unpressurized  maintenance  using  manipulators  are  nearly  equal 
since  both  missions  were  shared  with  a Tug  flight.  The  earth  return  case  is 
based  on  the  cost  of  one  and  one-half  round  trips  above  the  design  reference 
mission. 


Two  sets  of  cost  numbers  are  presented  for  the  on-orbit  unpres- 
surized maintenance  method  using  manipulators.  These  two  cases  bracket  a 
range  of  estimates  (NASA  and  industry)  which  results  from  an  uncertainty  as 
to  the  type  and  amount  of  required  testing.  More  details  on  this  subject  will 
be  presented  later.  From  Table  VII-9,  on-orbit  unpressurized  maintenance 
using  manipulators  is  seen  to  be  the  least  attractive  option  from  a cost  stand- 
point and  was  dropped  from  further  consideration  at  this  time. 
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Although  earth  return  maintenance  appears  to  be  more  costly  than 
on-orbit  pressurized  maintenance,  the  $8.84  million  is  considered  to  be 
within  the  accuracy  of  the  cost  estimating  techniques.  Therefore,  the  earth 
return  and  on-orbit  pressurized  maintenance  were  considered  equal  competi- 
tors at  this  point. 

The  major  items  contributing  to  the  high  DDT&E  cost  of  the 
on-orbit  unpressurized  maintenance  using  manipulators  are: 

1.  Structure  — $3.97M  greater  than  design  reference. 

2.  Electrical  power  — $5.60M  greater  than  design  reference. 

3.  Test  hardware  — $3. 17M  greater  than  design  reference. 

4.  Special  manipulator  — $20.00M. 

These  high  costs  are  the  result  of  more  complex  and  highly  integrated  modules, 
complex  umbilicals,  extensive  testing,  and  special  equipment.  It  is  possible 
that  these  costs  could  show  a substantial  increase  if  configuration  and  sub- 
system test  requirements  increase.  A conservative  estimate  of  manipulator 
maintenance  costs  incorporating  a maximum  amount  of  testing  is  $57. 2M 
above  the  reference  design  as  shown  in  Table  VII-9. 

Again  referring  to  Table  VII-9,.  the  Shuttle  flight  cost  for  the  earth 
return  maintenance  option  is  $11.  82  million  greater  than  the  design  reference. 
With  sharing  effects  included,  the  design  reference  maintenance  mission  Shuttle 
flight  cost  is  $ 3. 93M.  Although  scheduled  maintenance  may  be  planned, 
contingency  or  unplanned  maintenance  must  be  considered  as  a very  realistic 
possibility.  The  cost  impact  if  an  additional  maintenance  visit  is  required 
during  the  5-year  precursor  mission  is  presented  in  Table  VII-10.  Again  the 
cost  design  reference  is  on-orbit  manned  maintenance  with  one  maintenance 
mission.  The  costs  shown  are  in  millions  of  dollars  difference  from  the 
design  reference.  It  is  clear  that  the  earth  return  maintenance  cost  is  highly 
sensitive  to  the  number  of  maintenance  missions  required.  As  a result  of 
these  findings,  the  on-orbit  manned  maintenance  concept  was  selected  as  the 
recommended  maintenance  mode  for  purposes  of  detailed  study. 

6*  Recommended  Reference  Design  Maintenance  Method.  The  selec- 
tion of  on-orbit  manned  maintenance  was  made  under  the  ground  rule  of  one 
scheduled  maintenance  mission  after  2 1/2  years  of  LST  operation.  Pertur- 
bation of  the  schedule  was  accomplished  by  assessing  the  impact  of  a contin- 
gency maintenance  flight.  Therefore,  inherent  in  the  scheduled  maintenance 
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TABLE  VII-10.  LST  MAINTENANCE  COST  IMPACT  DUE  TO 
ADDITIONAL  SHUTTLE  FLIGHTS3’ b 


A Cost  for  One 

A Cost  for  Two 

Maintenance  Mode 

Maintenance  Mission 

Maintenance  Missions 

On-Orbit  Manned 

0 

5.9° 

Maintenance 

(Design  Reference) 

Earth  Return 
Maintenance 

8.8 

31.  8d 

a.  Cost  design  reference  is  on-orbit  manned  maintenance  with  one 
mission. 

b.  Cost  comparison  is  in  $ millions  A from  baseline. 

c.  Design  reference  maintenance  Shuttle  costs  resulting  from  flight 
sharing  plus  $2.0M  for  spares. 

d.  Includes  $7.19M  recurring  costs  and  $15.75M  for  one  and  one- 
half  additional  Shuttle  flights. 


concept  is  the  requirement  for  designing  to  accommodate  unscheduled  contin- 
gency maintenance.  It  follows  that  if  the  LST  requires  maintenance  prior  to 
the  scheduled  time,  unscheduled  maintenance  will  probably  be  performed.  If 
the  LST  is  performing  at  an  acceptable  level  at  the  time  for  scheduled  mainte- 
nance, maintenance  will  probably  be  postponed  until  required.  Therefore, 
unscheduled  maintenance  better  satisfies  real-world  requirements. 

In  summary,  the  selected  maintenance  concept  is  unscheduled, 
on-orbit  manned  maintenance  without  using  a servicing  module  (Sortie  Lab) . 
Equipment  will  be  replaced  only  when  required  because  of  failure  or  scientific 
update.  Unscheduled  maintenance  will  allow  for  reduction  in  design  lifetime 
of  equipment  from  2 1/2  years  to  some  shorter  time.  Future  studies  will 
determine  the  least-cost  design  lifetime/maintenance  frequency  combination. 

To  reduce  costs  the  LST  maintenance  mission  will  share  Shuttle 
flights  with  other  payloads.  The  LST  may  be  returned  to  earth  for  major 
maintenance  when  dictated  by  complexity  of  repair  or  when  science  desires 
a major  upgrading  of  optical  or  instrument  systems.  Table  VII-11  presents 
a listing  of  the  items  which  would  probably  be  replaced  on  an  unscheduled  or 
’’typical”  maintenance  mission. 
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TABLE  VII -11.  ’’TYPICAL"  UNSCHEDULED  ON-ORBIT  MAINTENANCE  MISSION  EQUIPMENT  LOAD 
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TABLE  Vn -11.  (Concluded) 


VII -28 


D.  Crew  Time  for  Typical  Maintenance  Mission 

Table  VII-12  lists  the  discrete  crew  maintenance  tasks,  the  associated 
crew  time  to  perform  each  task,  and  the  overall  crew  time  to  replace  various 
components.  The  replacement  items  selected  for  the  preliminary  analysis  of 
crew  maintenance  time  are  those  for  a "typical”  unscheduled  maintenance 
mission  and  include  those  shown  in  the  following  list: 


1.  Life-Limited  Items 

a.  Tape  Recorder  3 

b.  Battery  6 

2.  Typical  Random-Failure  Items 

a.  Reference  Gyro  Assembly  (RGA)  1 

b.  Digital  Processor  Assembly  (DPA)  1 

c.  Control  Moment  Gyro  (CMG)  1 

d.  Regulator  1 

e.  Remote  Decoder  1 

f.  Data  Acquisition  Unit  (DAU)  1 

3.  Typical  Science  Update  Items 

a.  f/96  Camera  & Filter  Wheel  3 

b.  Echelle  Spectrograph  1 

c.  Faint  Object  Spectrograph  (UV)  1 


The  following  assumptions  were  used  in  the  crew  maintenance  time 
analysis: 

1.  All  replacement  items  are  readily  accessible  in  a resupply  vehicle. 

2.  The  resupply  vehicle  is  docked  directly  to  the  SSM. 
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TABLE  VII-12.  PRELIMINARY  ANALYSIS  OF  CREW  MAINTENANCE  TASK  TIME 
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Mode  — on-orbit  pressurized  (shirtsleeve) . 


TA  B LE  VII  -12.  ( C ontinued) 
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TABLE  VII-12.  (Continued) 
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Connect  gimbal  control  electronics 
units  (4) 


TABLE  VII -12.  (Continued) 
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Stow  used  subsystem  in  Shuttle 
permanently  for  earth  return 
Transfer  new  subsystem  to  IS' 


TABLE  VII -12.  (Continued) 


TABLE  VII-12.  (Continued) 
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with  ambient. 


TABLE  VII -12.  (Continued) 
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Estimated  Crew  Total  Elapsed 
Time  Time 


3.  All  mechanical,  electrical,  and  fluid  connections  are  the  "quick- 
disconnect"  type. 

4.  Maintenance  times  are  for  one  crewman  working  in  a shirtsleeve 
environment;  i.e.  , on-orbit  pressurized  maintenance  mode. 

The  total  crew  maintenance  time  for  the  replacement  of  all  components 
in  the  "typical"  unscheduled  maintenance  mission  is  slightly  greater  than  12.5 
hours.  The  total  time  required  for  the  maintenance  operations  is  about  41.5 
hours . 


E.  Neutral  Buoyancy  Simulation  Activities 

Neutral  buoyancy  simulation  activities  are  in  process  to  further  evaluate 
both  the  shirtsleeve  and  the  IVA  maintenance  modes.  The  pressurized  (shirt- 
sleeve maintenance)  configuration  will  be  evaluated  first  using  a full-scale 
mockup  of  the  SSM  and  SIP  in  Marshall  Space  Flight  Center’s  (MSFC’s)  Neutral 
Buoyancy  Facility.  Essentially  the  same  mockup  will  then  be  utilized  to  eval- 
uate IVA  maintenance  of  the  same  SIP  and  SSM  elements. 


The  LST  mockup  represents  the  flight  vehicle  design  as  it  existed  in 
late  June  1972,  with  some  minor  modifications.  The  mockup  has  been  designed 
in  four  major  subassemblies  to  facilitate  configuration  changes  and  equipment 
updates.  The  major  subassemblies  comprising  the  mockup  — the  docking  port, 
the  3.  04  m cylindrical  section,  the  SIP,  and  the  SIP  adjustment  section  — are 
depicted  in  Figure  VII -3.  Most  "blackbox"  items  are  mounted  on  the  docking 
port  section  on  a ring  shelf  immediately  inside  the  crew  entry  port.  Large 
components  such  as  the  CMGs,  the  reaction  control  system  (RCS)  module, 
the  GN2  sphere,  and  the  batteries  are  mounted  on  removable  pallets  within  the 
3.  04  m cylindrical  section.  The  SIP  mounts  to  the  inside  surface  of  the  SIP 
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This  arrangement  permits  a fore-and-aft  SIP  adjustment  capability  of  approxi- 
mately 1.01  m.  Planned  neutral  buoyancy  simulation  tests  will  serve  to  deter- 
mine the  minimum  SIP/Docking  Port  clearance  necessary  for  manned 
maintenance. 


To  permit  an  early  initiation  of  simulation  activities,  the  SIP  mockup 
will  be  built  in  two  stages.  The  first  (preliminary)  stage  will  include  high- 
fidelity  structure  and  a detailed  f/96  camera  mockup,  while  the  remaining 
SIP  equipment  will  be  represented  only  by  clearance  envelopes,  as  shown  in 
Figure  VII-4.  The  second  stage  of  the  SIP  mockup  will  be  achieved  by  replacing 
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the  axial  and  radial  bay  clearance  envelopes  with  detailed  mockups  of  the 
remaining  SIP  equipment.  The  assembled  mockup,  including  the  preliminary 
SIP,  is  as  shown  in  Figure  VII-5.  The  mockup  will  be  placed  in  the  Neutral 
Buoyancy  Facility  in  the  horizontal  position. 

Planned  simulations  with  the  SSM  and  the  preliminary  SIP  include  the 
removal  and  replacement  of  the  following  items: 

1.  Selected  components  mounted  on  the  ring  shelf. 

2.  RCS  module  and  GN2  sphere. 

3.  CMGs. 

4.  Batteries. 

5.  Small  pallet-mounted  items. 

6.  f/96  camera. 

Simulations  will  be  conducted  in  both  the  shirtsleeve  and  pressure-suit 
modes  and  will  be  used  to  evaluate  mobility  aids,  operational  techniques, 
clearance  envelopes,  and  crew  time  required  to  remove  and  replace  each  item. 
The  SIP  position  will  be  varied  during  removal  and  replacement  of  large  items, 
such  as  the  CMGs,  to  determine  the  minimum  SSM  length  required  for  manned 
maintenance. 
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CHAPTER  VI II.  RELIABILITY  ANALYSIS 


TABLE  OF  CONTENTS 


Page 


Support  Systems  Module  Reliability  Point  Estimate  . . . . 

4.  Introduction  and  Support  Systems  Module  Reliability 
Summary 

2.  Attitude  Control  System 

3.  Electrical  System 

4.  Communications  and  Data  Handling  System  


VUI-i 
VIII- 4 
VIII- 17 
VIII- 2 2 


LST  Checkout  and  Fault  Isolation 

1.  General 

2.  Switchable  Interfaces 

3.  Status  Register  Control  

4.  Digital  Processor  Assembly 

a.  CPU  Checking 

b.  Memory  System  Fault  Detection/lsolation 

c.  Memory  Organization  Control  and  Fault  Detection/ 

Isolation  

5.  Transfer  Assembly 

a.  Transfer  Assembly  Outputs 

b.  Transfer  Assembly  Redundancy  Management 

Input/Output 

6.  Reference  Gyros 

7.  Control  Moment  Gyros 

8.  Wide-Angle  Sun  Sensors 

9.  Fixed  Star  Trackers  

10.  Three-Axis  Magnetometers ■ 

11.  Communications  and  Data  Handling  System 

a.  Command  Subsystem 

b.  Command  Decoders 

c.  Command  Processor 

12.  Electrical  System 

13.  Software  Estimates 


VIII- 31 
VIII- 31 
VIII- 3 2 
VIII- 34 
VIII-34 
VIII- 3 6 
VTII-38 

VIII- 41 
VIII- 42 
VIII- 4 3 

VIII-46 
VIII-46 
VIII- 47 
VIII- 4 8 
vm-48 
VIII- 4 9 
VIII-49 

TTTTT  A Ck 
VJLLl-4*^ 

VIII- 50 
VIII- 50 
VIII- 52 
VIII- 54 


Degraded  Mode  Assessment  ViU  0D 

Future  Effort:  The  Reliability  and  Maintainability  Problem  . . VIII- 5 6 


LIST  OF  ILLUSTRATIONS 


Figure  Title  Page 

VIII-1.  LST  SSM  reliability  curve  VTII-3 

VIII-2.  ACS  dependency  diagram VHI-7 

VIII -3.  Dodecahedral  RGA  geometry VIII- 8 

VIII-4.  Candidate  RGA  reliability  comparisons Vin-9 

VIII-5.  Dodecahedral  RGA  operational  concept VIII- 10 

VIII -6.  SGCMG  dependency  diagram VIII- 13 

VIII-7.  Block  diagram  of  internally  redundant  CDC  469 

computer VIII- 15 

VIII-8.  20  A -h  NiCd  cells  mean  cycle  life,  1. 5-hour  cells  VIII-19 

VIII-9.  Mean  cell  life  versus  temperature  at  19.2-percent  DOD  . . VIII- 20 

VIII-10.  Six-battery  system  reliability  (MSFC  data) VIII-21 

VIII-11.  Six-battery  system  reliability  (TBC  data) VIII-23 

VIII-12.  Mean  cell  life  versus  temperature  at  14. 4-percent  DOD  . . VIII-24 

VIII-13.  Eight-battery  system  reliability  (MSFC  data)  VIII-25 

VIII-14.  Eight-battery  system  reliability  (TBC  data)  VIII-26 

VHI-15.  EPS  dependency  diagram  VIII-27 

VIII-16.  LST  communications  functional  diagram VIII-28 

VIII-17.  LST  C&DHS  dependency  diagram VIII-29 

VIII -18.  Typical  module-to-module  status  register  controlled 

switching  interface  VIII-33 

iv 


LIST  OF  ILLUSTRATIONS  (Concluded) 


Figure  Title  Page 

VIII-19.  Configuration  control  of  status  registers  VIII-35 

VIII-20.  Logic  verification  implementation  schematic VIII-37 

VIII -21.  Window  reset  timer  functional  logic  schematic VIII-39 

VIII-22.  Memory  system  organization  schematic  VIII-40 

VIII-23.  Fault  tolerant  memory  system  with  two  translators VIII-41 

VIII-24.  Transfer  assembly  sensor  input  functional  layout VIII-44 

VIII -25.  Transfer  assembly  outputs VIII-45 

VIII-26.  Command  decoder  checker VIII- 51 

VIII-27.  LST  electrical  system VIII-53 


v 


LIST  OF  TABLES 


Table  Title  Page 

VIII-1.  LST  SSM  Reliability  Point  Estimate  Summary  VIII-2 

VIII -2.  LST  SSM  Failure  Rate  Data  VIII-5 

VIII -3.  Numerical  Reliability  Comparison  of  Candidate  SGCMG 

Configurations  VIII- 14 

VIII-4.  ACS  Reliability  Summary VIII-16 

VIII-5.  EPS  1-Year  Reliability  Summary VIII-28 

VIII-6.  C&DHS  1 -Year  Reliability  Summary  VTII-30 

VIII-7.  Memory  Size  Estimates VIII-54 

VIII -8.  LST  Spares  Problem VIII-57 

VIII -9.  LST  Spares  Problem VIII- 58 


vi 


CHAPTER  VI II.  RELIABILITY  ANALYSIS 


A.  Support  Systems  Module  Reliability  Point  Estimate 

i . Introduction  and  Support  Systems  Module  Reliability  Summary. 

The  purpose  of  the  reliability  point  estimate  exercise  described  here  is  to 
provide  assurance  that  no  serious  reliability  flaws  have  been  incorporated 
into  the  design  reference.  Tho  this  end,  only  that  equipment  essential  to  the 
LST  mission  objectives  and/or  survival  of  the  LST  is  considered  in  this 
estimate.  "Survival"  refers  to  those  configurations  of  failed  and  unfailed 
equipment  that  permit  the  Shuttle  to  dock  with  the  LST  for  either  return-to- 
ground  (retrieval)  or  on-orbit  maintenance.  "Success"  is  defined  to  require 
only  that  the  support  systems  module  (SSM)  equipment  failure  combinations 
allow  the  collection,  storage,  and  transmission  of  undegraded  scientific  data 
and  enable  the  SSM  to  receive  and  respond  to  ground  commands.  This  success 
definition  permits  a number  of  degraded  modes  (reduction  of  LST  efficiency, 
but  not  data  quality)  which  are  discussed  in  Section  C of  this  chapter. 

A i-year  SSM  reliability  goal  of  0.95  was  established  for  this 
exercise.  This  number  was  selected  to  ensure  a credible  assurance  of  no 
serious  design  flaws  and  to  allow  for  SSM  equipment  commonality  with  the  High 
Energy  Astronomy  Observatory  (HEAO)  program  spacecraft.  In  general,  such 
reliability  goals  are,  or  should  be,  established  by  a reliability  allocation 
procedure  — allocation  being  a dynamic  programming  term  used  to  denote  a 
reliability  requirement  determined  to  optimize  some  system  parameter  such 
as  cost  or  performance  subj  ect  to  constraints  on  other  parameters  such  as 
weight,  volume,  or  power.  To  establish  such  an  allocation  in  a meaningful 
way  in  the  present  case  would  require  considerably  greater  total  system 
definition  than  is  attainable  within  the  present  Phase  A study.  Moreover,  as 
discussed  in  Sections  C and  D of  this  chapter,  the  concept  of  reliability  per  se 
is  not  strictly  applicable  to  maintained  systems. 

The  design  reference  SSM  1-year  reliability  point  estimate  is 
0.98408  (Table  VIII- i) ; this  number  results,  for  the  most  part,  from  design 
margins,  redundant  paths  arising  from  functional  requirements,  and  the 
critical -function,  single -point  failure  (SPF)  protection  criterion.  Figure 
VHI-1  illustrates  the  SSM  reliability  decay.  Redundancy  beyond  that  required 
by  the  SPF  criterion  is  applied  only  to  the  following  equipment  blocks: 


TABLE  Vin-i.  LST  SSM  RELIABILITY  POINT 
ESTIMATE  SUMMARY 


Reliability 

Subsystem 

1 Year 

2 Years 

Attitude  Control  (ACS) 

0.98795 

0.93344 

Electrical  Power  (EPS) 

0.99801 

0.98520 

Communications  and 
Data  Handling 
(C&DHS) 

0.99807 

0.99191 

SSM 

0.98408 

0.91218 

1.  Transponders  (XPDRs) . 

2.  Reference  gyro  assembly  (RGA) . 

3.  Electrical  batteries. 

4.  Computer  memory  sizing. 

5.  Voltage  regulators. 

The  XPDRs  chosen  (min-mod  Apollo  and  Earth  Resources  Tech- 
nology Satellite)  represent  existing  equipment.  Other  choices,  while  offering 
some  reliability  and  mass  advantages,  would  entail  a significant  cost  penalty. 
With  regard  to  choices  of  existing  equipment,  the  question  of  hardware  avail- 
ability during  the  procurement  time  frame  must  be  recognized.  Some  RGA 
redundancy  is  necessary  to  meet  any  reasonable  reliability  goal  and  since  the 
dodecahedral  RGA  is  used  in  the  HEAO  spacecraft,  it  is  considered  to  be 
existing  equipment.  An  increase  in  RGA  redundancy  would  incur  significant 
penalities.  The  batteries  represent  an  unknown  reliability  (Subsection  3) , 
and  the  present  system  sizing  corresponds  to  system  requirements.  Thus, 
a reduction  of  battery  capacity  or  number  is  not  indicated.  The  cost  and  mass 
impacts  of  varying  computer  memory  size  are  minor.  Therefore,  while  the 
redundancy  shown  reflects  more  than  SPF  protection,  this  is  justifiable, 
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particularly  since  memory  size  requirements  are  "soft."  The  indicated 
redundancy  for  the  regulator  is  a minimum  of  4 and  a maximum  of  6 — a 7.3 
kg  difference.  Since  this  is  a high  failure  rate  item,  the  additional  redundancy 
is  reasonable. 

Failure  rates  used  in  this  exercise  are  given  in  Table  VIII- 2.  A 
listing  of  specific  vendor  equipment  is  provided,  where  possible,  to  document 
failure  rate  sources;  this  listing  does  not  necessarily  indicate  equipment 
selection  preferences.  Since  these  failure  rates  represent  presently  achieved 
values,  they  are  in  most  cases  conservative  estimates  for  the  SSM  equipment 
selection  time  frame.  Failure  rate  reductions  of  10:1  and  4:1  for  standby 
status  of  electronic  equipment  have  been  used  where  appropriate.  The  code 

[n/{£  + m)]b  is  used  to  describe  redundant  assemblies;  b is  the  number  of 
identical  serial  blocks  within  the  assembly  and,  within  each  block,  n is  the 
number  of  identical  elements  required  for  success,  i is  the  number  of  online 
elements,  and  m is  the  number  of  standby  elements. 

2.  Attitude  Control  System.  The  ACS  dependency  diagram  is  shown 
as  Figure  VIII- 2. 

A number  of  RGA  configurations  were  evaluated  against  the 
following  considerations: 

1.  During  the  performance  of  certain  experiments  which  are 
interrupted  by  occultation,  the  LST  must  maintain  its  two-axis  inertial  pointing 
orientation  within  a 30  arc  sec  (half -angle)  cone.  Failure  to  meet  this  require- 
ment results  in  a degraded  mode,  as  discussed  in  Section  C.  Based  on  a 
worst-case  occultation  period  of  36  min,  the  RGA  must  meet  the  accuracy 
requirements  satisfied  by  an  orthogonal  triad  of  gyros  with  a random  drift 

rate  of  0. 005  degree/hour  ( la  ) . 

2.  In  normal  operation,  it  is  highly  desirable  that  the  LST  shall 
be  capable  of  fault  detection  by  voting  the  information  from  redundant  operating 
gyros. 


These  requirements  imply  consideration  of  two  physical  RGA 
configurations.  The  dodecahedral  configuration  consists  of  six  gyros  whose 
input  axes  are  normal  to  six  of  the  faces  of  a regular  dodecahedron  (Fig. 
VIII-3) . The  second  configuration,  called  the  orthogonal  configuration,  is 
obtained  by  augmenting  a conventional  orthogonal  triad  with  a standby  gyro 
on  each  axis.  This  latter  configuration  has  the  reliability  code  [ l/(  1 + l)  ] 3 , 
and  the  resulting  reliability  curve  is  shown  in  Figure  VIII -4. 


vra-4 


TABLE  Vm-2.  LST  SSM  FAILURE  RATE  DATA 


Equipment 

Failure 

Rate 

( PPMH) a 

Source 

Remarks 

Wide  Angle  Sun  Sensor 
(WASS) 

0.692 

GACb 

BDX  1818787 

WASS  Electronics 

0.68 

GAC 

BDX 

Fixed-Head  Star  Tracker 
( FHST)  and  Electronics 

4.411 

TRWC 

ITT 

Breadboard 

Inertial  Rate -Integrating 
Gyro 

5.0 

TRW 

Nortonics  GI- 
K7G 

Gyro  Electronics 

10.0 

TRW 

Digital  Processor  Assembly 
(DPA) 

— 

— 

See  Figure 
VIII- 7 

DPA  Power  Supply 

3.252 

CDCd 

Transfer  Assembly  (TA) 

5.957 

TRW 

Corrected  for 
DPA  power 
supply 

Magnetometer  (per  axis) 

0.3 

GAC 

Dalmo-Victor 

Magnetic  Coil 

0.4 

BECOC 

Dalmo-Victor 

Coil  Driver  Electronics 

0.702 

BECO 

Parts  Count 

Control  Moment  Gyro  (CMG) 

— 

— 

See  Figure 
VIII- 6 

Regulator 

11.1 

MSFC 

ATM 

Electrical  Control  Assembly 
(ECA) 

3.643 

BECO 

Parts  Count 

Electrical  Distribution  Unit 
(EDU) 


Parts  Count 


0.538 


BECO 


VIII- 5 


TABLE  VIII- 2.  (Concluded) 


Equipment 

Failure 

Rate 

( PPMH) a 

Source 

Remarks 

Antenna 

0.13 

TRW 

Antenna  failure 
rate  assumed 
similar  to 
HEAO  program 
antenna 

Pulse-Modulated  Receiver 

15.51 

Motorola 

Frequency-Modulated 

Receiver 

10.4 

Motorola 

Pulse-Modulated  Transmitter 

9.595 

Motorola 

Frequency-Modulated 
Exc  iter /Tran  sm  itter 

7.415 

Motorola 

Phase  Shift  Keyed  ( PSK) 
Demodulator 

1.788 

TRW 

Frequency  Multiplexer 

1.147 

TRW 

Format  Generator 

5.0 

GAC 

Read-Only-Memory  (ROM) 

0.28 

S&E- 

QUALf 

Pulse  Code  Modulator 
(PCM)  Encoder 

9.0 

GAC 

Remote  Decoder 

1.8 

GAC 

a.  PPMH  = parts  per  million  hours 

b . Grumman  Aerospace  Corporation 

c.  TRW  Systems,  Inc. 

d.  Control  Data  Corporation 

e.  Teledyne-Brown  Engineering  Co. 

f.  Quality  and  Reliability  Assurance  Laboratory , MSFC 
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Figure  VIII-2.  ACS  dependency  diagram. 


The  orthogonal  configuration  has 
certain  important  disadvantages.  When  its 
1-year  reliability  of  0.97419  is  combined  with 
the  reliabilities  of  other  system  elements,  the 
0.95  1-year  SSM  reliability  goal  becomes 
difficult  to  meet  without  introducing  excessive 
redundancy  at  other  points.  The  consequence 
of  failure  in  this  case  is  that  three-axis  atti- 
tude information  is  no  longer  available, 
implying  that  no  scientific  data  can  be  taken. 

Thus,  a further  consequence  of  this  failure  is 
a decision  to  commit  to  a Shuttle  mainte- 
nance flight.  A second  disadvantage  is  the 
fact  that  voting  fault  detection,  but  not  iso- 
lation, is  not  feasible  unless  all  six  gyros  are 
kept  on  line.  In  this  case,  the  reliability 
code  becomes  (l/2)3,  and  the  resulting 
reliability  curve  is  shown  in  Figure  VIII -4  from  which  it  can  be  seen  that  the 
reliability  drops  still  further. 

The  most  straightforward  operation  of  the  dodecahedral  configura- 
tion is  obtained  by  operating  all  six  gyros.  The  corresponding  reliability 
curve  is  that  marked  with  the  code  3/6  in  Figure  VIII-4.  To  realize  the 
greatest  reliability  benefits  from  this  configuration,  however,  only  four  gyros 
are  kept  on  line  with  two  on  standby.  Since  only  three  gyros  are  required  to 
provide  three-axis  attitude  information,  the  applicable  reliability  curve  is  that 
coded  by  3/(4  + 2)  in  Figure  VIII-4.  As  can  be  seen,  this  configuration  is 
superior  to  both  possibilities  for  the  orthogonal  configuration.  The  dodecahe- 
dral configuration  can  provide  voting  fault  detection  so  long  as  at  least  four 
gyros  are  kept  on  line  (more  than  four  would  also  give  isolation) . Thus,  the 
curve  marked  4/(4  + 2)  gives  the  probability  for  voting  fault  detection,  but 
not  isolation. 

A slight  modification  of  the  "four  on  line"  approach  maximizes 
the  probability  of  meeting  the  accuracy  requirement.  In  fact,  the  requirement 
is  not  quite  so  stringent  as  stated  above.  It  is  sufficient  that  the  accuracy 
described  be  attained  only  about  the  pitch  (y)  and  yaw  (z)  axes,  and  this  can 
be  done  with  any  combination  of  five  or  six  gyros  and  with  six  of  the  possible 
15  four -gyro  combinations.  With  the  gyro  labeled  as  in  Figure  VIII -3  these 
latter  combinations  are:  ABEF;  BCEF;  ACEF;  ADEF;  BDEF;  and  CDEF. 
Figure  VIII-5  illustrates  one  tentative  concept  for  maximizing  the  probability 
of  satisfying  the  accuracy  requirement. 


Figure  VIII-3.  Dodecahedral 
RGA  geometry. 


VIII- 8 


B FAILS 


CDEF 


ABEF 


C FAILS 
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Figure  VIII-5.  Dodecahedral  RGA  operational  concept. 


Initially  the  four  gyros  ABEF  are  on  line.  When  the  corresponding 
parity  equations1  detect  a failure  occurrence,  the  failure  may  be  isolated 
directly  from  the  parity  equation  by  bringing  gyro  C on  line.  This  procedure 
can  be  implemented  on  board  or,  since  the  predominant  gyro  failure  mode  is 
a gradual  drift  out  of  specified  performance,  on  the  ground.  It  is  assumed 
that  the  gyro  internal  states  (wheel  speed,  temperature,  etc.)  will  also  be 
transmitted  to  the  ground  to  complement  the  parity  equations.  In  either  case, 
the  failed  gyro  data  are  ignored  by  the  onboard  strapdown  algorithm  and  the 
failed  gyro  turned  off  on  ground  command.  If,  for  example,  gyro  A had  failed, 
the  new  operating  combination  would  be  BCEF  and  the  second  failure  could  be 
isolated  by  bringing  gyro  D on  line.  If  the  first  failure  had  been  gyro  E , then 
gyro  D would  also  be  brought  on  line,  and  the  operating  combination  would  be 
ABCDF.  This  brief  discussion  should  serve  to  explain  the  operating  concept. 
Although  there  is  some  arbitrariness  in  the  choices  made,  all  choices  lead 
to  the  same  numerical  reliability  result;  namely, 

7 

R(t)  = Z p.(t)  , 

i=0 


1.  Gilmore,  J.  P.:  A Non-Orthogonal  Gyro  Configuration.  MIT  Master  of 
Science  Thesis,  1967. 
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where 


Po(t) 


_(4A  + 2A’)t 


PA 

/X  s /AX  v ^ 

Pl(t)  = 2 -p—  (e  - 1)  P0 


P2(t) 

p3(0 

p4(t) 

p5(t) 


p6(t) 


= 2(eX,t  - 1)  P0 


2 P 1 X 


-5At, 


7 (P0  - e ) 


X - 2X 
= Pi2  (t)  / 4P0(t) 


P X 
s 


P X 


■) 


A’t  2 


V-  + 1 (1  - e *) 


(1  - Pg)  (e 


2X’t 


1)  Po 


3P  X , 

(1  - e > p» 


and 

P7(t)  = (1  - eVt)  P0  , 


with  P being  the  gyro  startup  probability,  X the  online  failure  rate,  and 
s 

X’  the  standby  failure  rate.  The  results  of  calculations  with  these  formulas 

(P  = 1)  are  plotted  in  Figure  VIII-4  and  coded  by  (4*)/(4  + 2) . The  sensi- 
s 

tivity  of  this  curve  to  small  variations  about  the  value  P^  = 0. 9995  is  negli- 
gible. It  should  be  emphasized  that  the  consequence  of  failing  to  meet  the 
accuracy  requirement  about  the  pitch  and  yaw  axis  is  merely  the  degraded 
mode  discussed  in  Section  C. 
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A typical  single-gimbal  control  moment  gyro  (SGCMG)  dependency 
diagram,  showing  the  failure  rates  used,  is  given  in  Figure  VIII -6.  These 
failure  rates  are  applicable  to  one  version  of  the  Bendix  MA-500  SGCMG, 
assuming  an  orbital  environment  and  an  ambient  temperature  of  30°  C.  Similar 
failure  rates  will  apply  to  other  SGCMGs  with  the  same  momentum  capabilities. 
Satisfactory  steering  laws  have  recently  been  developed  for  configurations  of 
three  and  four  operating  SGCMGs,  so  that  the  minimum  number  to  be  con- 
sidered is  four,  which  provides  the  required  single-point  failure  protection. 

The  configurations  to  be  considered  are  then  3/4,  3/(3  + l) , 3/5,  3/(3  + 2) , 
etc.  The  reliability  numerics  for  the  first  three  of  these  are  given  in  Table 
YIII-3.  The  numerics  for  the  3/(3  + l)  configuration  were  generated  using  an 
equivalent  failure  rate  computed  from  the  corresponding  SGCMG  unit  reliability. 
Although  this  technique  is  of  dubious  accuracy,  the  results  are  in  accord  with 
the  intuitive  expectation  that  the  3/(3  + l)  configuration  should  be  intermediate 
between  the  3/4  and  3/5  configurations. 

When  the  reliabilities  of  the  remaining  system  elements  are  con- 
sidered, the  data  of  Table  VIII -3  do  not  support  a requirement  for  a fifth 
SGCMG.  The  choice  between  the  3/4  and  3/(3  + l)  configurations  was  made 
on  the  basis  of  other  than  reliability  considerations.  The  3/(3  + l)  configura- 
tion is  slightly  more  reliable  and  has  a slightly  smaller  power  requirement 
than  the  3/4  configuration.  In  addition,  since  the  case  of  three  operational 
SGCMGs  must  be  considered  as  a degraded  case  of  the  3/4  configuration,  use 
of  the  3/4  configuration  implies  the  development  and  implementation  of  either 
two  steering  laws  or  a single  steering  law  applicable  to  both  three  and  four 
operational  SGCMGs.  The  selection  of  the  3/4  configuration  for  the  design 
reference  was  made  on  the  basis  of  its  greater  momentum  capability.  Further 
steering  law  developments  could  reverse  this  choice. 

A block  diagram  of  an  internally  redundant  CDC  469  is  shown  in 
Figure  VIII -7.  For  computational  purposes,  this  is  simplified  as  shown  in  the 
ACS  dependency  diagram  (Fig.  VIII -2 ) . The  failure  rates  are  as  follows: 

Central  Processor  Unit  (CPU)  5.827  PPMH 

Switches  A/B  0.308  PPMH 

Memory  Module  (2K)  10.124  PPMH 

Switches  C/D  0.572  PPMH 

Power  Supply  3.252  PPMH 

Preliminary  memory  estimates  require  a 6K  word  memory . One  of  the  extra 
two  2K  word  memory  modules  allows  for  possible  memory  requirement  growth 
and  the  second  provides  single-point  failure  protection.  The  reliability  code 
is  3/(3  + 2)  . The  code  for  the  power  supply  is  l/(  1 + 1)  . 
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Figure  VIII -6.  SGCMG  dependency  diagram. 


TABLE  VIII -3.  NUMERICAL  RELIABILITY  COMPARISON  OF 
CANDIDATE  SGCMG  CONFIGURATIONS 


Time, 

Months 

Unit 

Reliability 

3/4 

3/(3  + 1) 

3/5 

3 

0.99972 

>0.99999 

>0.99999 

>0.99999 

6 

0.99918 

0.99999 

>0.99999 

>0.99999 

9 

0.99837 

0.99998 

0.99999 

>0.99999 

12 

0.99732 

0.99995 

0.99997 

>0.99999 

15 

0.99602 

0.99990 

0.99993 

>0.99999 

18 

0.99448 

0.99982 

0.99986 

>0.99999 

21 

0.99270 

0.99968 

0.99975 

>0.99999 

24 

0.99070 

0.99949 

0.99960 

0.99999 

Two  of  the  three  fixed  star  trackers  (FSTs)  provide  three-axis 
attitude  information  over  95  percent  of  the  celestial  sphere.  With  all  three 
FSTs  unfailed,  this  coverage  increases  to  99  percent.  Thus,  the  effect  of 
the  first  FST  failure  is  a minor  capability  degradation.  With  the  second 
failure,  the  capability  for  updating  the  reference  gyros  is  lost,  and  guide  stars 
cannot  be  brought  into  the  field-of-view  of  the  fine  guidance  sensor.  The 
applicable  reliability  code  is  then  2/(2  + l) , since  only  two  FSTs  need  be 
on  line  simultaneously.  A duty  cycle  of  100  percent  has  been  assumed  for  the 
online  FSTs.  The  failure  rate  of  4.411  PPMH  is  based  on  a TRW  piece-part 
count  for  the  HEAO  Phase  C/D  proposal. 

Six  magnetic  torquers  (MTs)  are  included  in  the  design  reference 
to  accommodate  worst-case  gravity  gradient  torques.  As  failures  occur,  a 
degraded  capability  will  exist  so  long  as  at  least  one  MT  is  unfailed  on  each 
of  the  three  orthogonal  axes.  Thus,  the  redundancy  shown  arises,  not  from 
the  SPF  criterion,  but  from  capability  improvement.  The  reliability  code  for 
the  MTs  is  therefore  (l/2)3.  The  failure  rate  of  0.04  PPMH  is  the  estimate 
for  the  Orbiting  Astronomical  Observatory  (OAO)  magnetic  coils.  All  sources 
consulted  agreed  that  the  coil  size  should  not  have  a significant  effect  on  the 
failure  rate.  Two  sets  of  magnetic  torquer  electronics  (MTE),  one  on  line, 
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Figure  VIII-7.  Block  diagram  of  internally  redundant  CDC  469  computer. 


are  provided  for  each  axis.  Either  set  is  capable  of  controlling  the  two  MTs 
dedicated  to  that  axis.  The  failure  rate  of  0.702  PPMH  was  derived  from  a 
BECO  piece-part  count.  The  reliability  code  for  the  MTE  is  then  [l/(l  + l)  ]3. 

The  onboard  magnetometer  senses  the  ambient  magnetic  field  and 
is  designed  as  a [i/(l  + 1)  ]3  reliability  configuration.  With  a 0.3-PPMH 
failure  rate  for  each  of  the  sensing  elements,  a high  reliability  was  computed 
for  this  unit.  However,  since  ground  computation  of  the  field  is  a feasible 
alternative/backup,  the  magnetometer  is  not  shown  as  an  essential  system 
element. 


The  LST  transfer  assembly  is  assumed  similar  to  that  proposed 
for  HEAO,  although  unique  to  the  LST.  The  failure  rate  shown  has  been  com- 
pensated for  the  DPA  power  supply,  which  is  treated  separately. 

The  three  wide  angle  sun  sensors  dedicated  to  the  ACS  are  used 
for  the  sun  acquisition  mode  and  the  emergency  attitude  hold  mode.  The  duty 
cycle  is  essentially  zero  and  the  components  themselves  are  highly  reliable. 
Only  one  is  required,  although  the  sun  acquisition  mode  is  simplified  by  having 
one  sensor  aligned  with  the  +Z-axis  and  a second  with  the  -Z-axis. 

The  RCS  and  its  electronics  also  have  a negligible  duty  cycle 
and  are  included  in  the  design  reference  to  back  up  catastrophic  failures  and 
to  enable  recovery  from  other  failures.  Table  VIII-4  summarizes  the  ACS 
reliability  calculations. 


TABLE  VIII-4.  ACS  RELIABILITY  SUMMARY 


Assembly 

1-Year 

Reliability 

RGA 

0.99827 

FST 

0.99702 

TA 

0.99855 

DPA  (Processor,  Memory,  and  Power 
Supply) 

0.99416 

CMG 

0.99996 

MT 

0.99999 

MTE 

0.99994 

ACS 

0.98795 
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3.  Electrical  System.  The  electrical  power  system  contains  two 
elements  for  which  no  satisfactory  quantitative  reliability  assessment  can  be 
given:  solar  panels  and  batteries. 


For  all  but  the  simplest  academic  examples  of  solar  arrays,  the 
number  of  cells,  solder  joints,  interconnects,  blocking  diodes,  etc. , is  so 
large,  and  these  are  arranged  in  such  a complex  manner,  that  the  applicable 
reliability  models  defy  analysis  by  deterministic  methods.  This  system 
complexity  arises  in  part  from  the  nature  of  solar  arrays  and  in  part  from 
the  desire  to  avoid  single-point  failures.  In  a typical  solar  panel,  for  example, 
there  are  no  single-point  failures  and  few  instances  of  simple  dual  redundancy. 
Multiple  electrical  paths  are  the  rule  rather  than  the  exception.  This  extreme 
use  of  redundant  paths  is  sufficient  to  preclude  practical  deterministic  models. 
One  technique  used  in  the  past  for  solar  power  system  reliability  prediction 
has  been  the  assumption  of  a solar  cell  failure  rate,  and  organization  of  the 
solar  panel  in  a standard  series-parallel  reliability  model  involving  only  the 
cells.  Data  accumulated  from  the  Skylab  and  Apollo  Telescope  Mount  (ATM) 
solar  panel  tests  indicate  that  this  approach  is  grossly  inadequate.  Moreover, 
the  usual  objective  of  a reliability  analysis  is  an  estimate  of  the  probability 
that  the  system  analyzed  will  operate  satisfactorily  over  a given  time  interval. 

A more  satisfactory  objective,  particularly  in  the  LST  context,  would  be  an 
estimate  of  the  density  function  of  the  power  output,  with  time  as  a parameter. 
These  considerations  indicate  that  only  a statistical  modeling  technique  such 
as  Monte  Carlo  could  produce  useful  results. 

To  accomplish  this  objective,  considerable  data  must  be  accumu- 
lated. The  power  degradation  effects  of  incident  sunlight  angle,  temperature, 
and  accumulated  radiation  dosage  have  been  reasonably  well  quantified.  Other 
data,  however,  are  scanty  and  subject  to  extreme  variability.  There  are 
several  reasons  for  this.  Testing  of  solar  arrays  has  generally  been  confined 
to  some  form  of  acceptance  testing;  visual  and  radiographic  inspection  and  a 
very  limited  amount  of  environmental  testing  to  eliminate^obvious  design  and 
manufacturing  flaws.  The  primary  factor,  apart  from  those  already  mentioned, 
leading  to  power  degradation  is  component  breakage  resulting  from  thermal 
cycling.  Since  this  breakage  is  random  in  occurrence,  only  test  data  can 
provide  the  statistical  information  required  to  assess  its  effects.  Unfortu- 
nately, this  information  has  been  observed  to  vary  widely  according  to  design, 
manufacturer,  and  date  of  manufacture.  Since  the  fabrication  process  is 
largely  a manual  one,  this  is  to  be  expected.  One  additional  problem  is  that 
solar  cells  must  be  placed  in  operation  without  the  considerable  burn-in  process 
usually  employed,  and  must  therefore  suffer  from  infant  mortality  of  com- 
ponents while  in  operation.  Acceptance  testing  can  eliminate  only  the  most 
obvious  infant  mortality  effects. 
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A number  of  attempts  were  made  to  arrive  at  a credible  battery 
reliability  estimate.  As  a result,  it  was  found  that  the  six-battery  configuration 
of  the  design  reference  is  a potential  reliability  problem.  Since  the  estimates 
obtained  varied  widely,  the  battery  reliability  numerics  were  not  factored  into 
either  the  EPS  or  SSM  reliability  totals. 

Assuming  an  exponential  failure  distribution  with  the  1. 527-PPMH 
cell  failure  rate  used  in  the  ATM  primary  power  supply  reliability  analysis, 
a 1-year  reliability  of  0.944  was  calculated  assuming  three  of  the  batteries 
were  required.  This  is  the  number  of  batteries  required  for  the  nominal 
power  profile.  Additional  batteries  are  required  to  reduce  the  depth  of  dis- 
charge (DOD) , which  extends  the  battery  system  life.  Six  batteries  are 
required  to  supply  the  power  demands  for  an  off- sun  pointing  spectrometer 
slit  orientation  mode  requirement.  One  battery  can  provide  the  power  required 
for  the  emergency  attitude  hold  mode. 

The  sources  consulted  to  obtain  a more  realistic  battery  reliability 
model  essentially  agreed  that  a normal  distribution  for  cell  life  expectancy 
could  lead  to  a better  estimate  of  the  battery  reliability,  although  the  assump- 
tion of  a predominately  "short”  cell  failure  mode  would  still  introduce  a 
considerable  pessimism.  With  this  distribution, 


CO 

Prob(  L 2:  t)  = \ — f exp 

n/  2tt  s t 


where  L is  the  cell  life,  m is  its  mean,  and  s is  its  standard  deviation. 
The  reliability  of  a 24 -cell  battery  is  then 


R(t)  = Prob(  L =2:  t)24 


The  Boeing  Company  (TBC)  has  estimated  cr/m=  0.28,  regardless  of 
operating  temperature  and  DOD. 

Figure  VIII-8  illustrates  the  dispersion  in  mean  cell  life  estimates. 
The  straight  line  curves  at  0,  10,  and  25° C were  provided  by  The  Boeing 
Company.  The  remaining  curves  at  0,  25,  and  40° C were  generated  at  MSFC. 
In  F igure  VIII-9  the  mean  cell  life  is  plotted  versus  temperature  ( quadratic 
curve  fit) . Note  that  the  MSFC  data  predict  an  optimum  operating  temperature 
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Figure  VIII-8.  20  A-h  NiCd  cells  mean  cycle  life,  1.5-hour  cells. 
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Figure  VIII-9.  Mean  cell  life  versus  temperature  at  19.2-percent  DOD. 


in  the  range  of  0 to  10°C,  which  is  in  agreement  with  experiment  experience. 

In  Figure  VIII- 10,  the  battery  reliability  obtained  with  the  MSFC  data  (P 
(BATT)) , the  probability  of  no  battery  failure  (P(O)) , and  the  binomial  proba- 
bility of  survival  of  three  of  six  batteries  (P(3/6)  are  plotted.  The  binomial 
formula  is  optimistic  in  this  case  since  load-sharing  effects  are  ignored. 
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Figure  VIII-10.  Six-battery  system  reliability  (MSFC  data) . 


The  corresponding  reliabilities  obtained  with  the  Boeing  data  are  plotted  in 
Figure  VIII-11.  As  can  be  seen  from  these  curves,  the  battery  system  useful 
life  lies  in  the  range  of  9 to  24  months. 

The  same  exercise  was  repeated  for  an  eight-battery  system  and 
the  results  are  plotted  in  Figures  VIEI-12,  VIII-13,  and  VTTT-14.  Keeping  in 
mind  the  variation  in  the  data  and  the  optimism  of  the  binomial  calculation, 
Figures  VIII-13  and  VIII-14  indicate  only  that  an  eight-battery  system  is 
more  reliable  and  that  a potential  for  battery  failure  after  1 year  still  exists . 

Three  of  the  six  regulators  are  sufficient  to  handle  the  nominal 
power  profiles.  The  additional  regulators  are  included  to  bring  the  reliability 
numbers  up  and  to  provide  SPF  protection.  One  regulator  is  sufficient  for  the 
emergency  attitude  hold  mode. 

The  use  of  dual  ECAs  and  EDUs  provides  SPF  protection.  The 
EPS  dependency  diagram  is  shown  in  Figure  VIII-15  and  the  reliability 
numerics  are  given  in  Table  VIII-5. 

4.  Communications  and  Data  Handling  System.  A simplified  func- 
tional diagram  of  the  LST  communications  system  is  shown  in  Figure  VIII-16, 
where  the  equipment  required  for  three  links  is  identified.  Note  that  although 
the  frequency-modulated  exciter/transmitter  is  intended  primarily  for  experi- 
mental television,  it  can  also  be  used  for  spacecraft  and  other  experiment 
data.  This  diagram  is  expanded  to  the  C&DHS  dependency  diagram  (Fig. 
vm-17),  where  redundancy  is  also  shown.  Apart  from  the  redundancy 
imposed  by  the  SPF  criterion,  the  choice  of  the  Apollo  Block  II  unified  S-band 
equipment  (USBE)  transponder  and  ERTS  transponder  (arising  from  the  choice 
for  existing  equipment  to  minimize  cost)  creates  additional  redundancy.  Note 
that  one  receiver  is  ’’on”  for  each  antenna,  so  that  a single  receiver  failure 
does  not  destroy  the  command  uplink.  The  probability  of  two  simultaneous 
receiver  failures  during  one  loss-of-contact  period,  one  in  each  transponder, 
is  negligible.  ( The  command  uplink  can  be  accomplished  through  either  path, 
with  the  strongest  signal  path  being  the  one  used. ) 

Since  the  triplexers  are  simply  tuned  metal  cavities,  there  is  no 
discernible  failure  mode,  which  accounts  for  their  absence  from  the  dependency 
diagram. 


The  data  acquisition  system  allows  housekeeping  data  to  be  trans- 
mitted via  the  spacecraft  downlink  either  in  real  time  from  the  data  acquisition 
units  (DAU)  or  as  stored  data  from  the  tape  recorders.  These  data  can  then 
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Figure  VIII-11.  Six-battery  system  reliability  (TBC  data) . 
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Figure  VIII-12.  Mean  cell  life  versus  temperature  at  14.4-percent  DOD. 


be  correlated  with  the  experiment  data  or  used  to  monitor  and  detect/isolate 
equipment  failures.  The  probability  of  a large  number  of  DAUs  failing  is 
vanishingly  small,  and  isolated  failures  will  not  imperil  successful  LST 
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Figure  VIII-15.  EPS  dependency  diagram. 


TABLE  VIII -5.  EPS  1-YEAR  RELIABILITY  SUMMARY 


COMMAND 

DATA 


(VOICE) 


REAL  TIME 
AND  STORED 
SPACECRAFT 
DATA 


TV  & EXPERIMENT 
DATA 


COMMAND  UPLINK 


SPACECRAFT  EXPERIMENT 

DOWNLINK  DOWNLINK 


(1,31.5,10  (1,31,6,11  (1,3),  7 

(2,4),  8,  10  (1,31,7,11  (1,3),  9 

(2,  4),  6,  11  (2,  4),  7 

(2,  4),  7,  11  (2,  4),  9 


Figure  VIII-16.  LST  communications  functional  diagram. 


operation.  Accordingly,  the  DAUs  are  not  included  in  the  dependency  diagram. 
Similarly,  the  tape  recorders  are  omitted  since  real  time  data  should  be  suf- 
ficient for  system  monitoring  and  since  there  does  not  appear  to  be  a critical 
need  to  correlate  experiment  and  spacecraft  data. 
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The  command  memory  requirement  estimate  currently  stands  at 
4096  words  of  plated  wire  memory.  Dual  redundancy  is  applied  to  both  the 
command  memory  and  command  processor.  Since  a real  time  command  mode 
exists,  the  memory  and  processor  do  not  appear  in  the  dependency  diagram. 

Six  remote  decoders  have  been  identified  as  essential  for  the 
simplex  system.  Dual  redundancy  has  been  used,  however,  not  only  for  these 
but  for  the  others  also  since  a simple  OR  circuit  can  prevent  the  issuance  of 
a faulty  command.  Alternately,  fault  isolation  can  be  provided  by  test  com- 
mands. This  is  discussed  further  in  Section  D. 

Letting  denote  the  antenna  reliability  and  Pj  and  P2  the 

reliabilities  of  the  pulse -modulated  (PM)  and  frequency -modulated  (FM) 
receivers,  respectively,  the  reliability  of  the  antenna /receiver  block  is 
computed  from  the  formula 


R = PA  Pi  + P2  (1  - PA  Pt)  , 

where  Pi  , P2  , and  P3  denote  the  reliabilities  of  the  PM  and  FM  transmit- 
ters and  the  FM  exciter/transmitter,  respectively.  In  both  cases,  the 
reliability  code  for  Pj  and  P2  is  1/(1  + 1)  . Table  VIII-6  summarizes  the 
results  of  the  C&DHS  reliability  calculations. 


TABLE  VIII-6.  C&DHS  1-YEAR  RELIABILITY  SUMMARY 


Antenna/Receiver  Block 

0.99994 

Transmitter  Block 

0.99998 

PSK  Demodulator 

0.99976 

Frequency  Multiplexer 

0.99999 

Format  Generator 

0.99983 

PCM  Encoder  and  ROMs 

0.99937 

Remote  Decoders 

0.99919 

C&DHS 

0.99807 

VIII-30 


B.  LST  Checkout  and  Fault  Isolation 


1.  General.  An  important  consideration  in  the  design  of  the  LST  SSM 
subsystems  is  the  elimination  of  critical-function,  single-point  failures  — 
often  termed  "hardcore.”  This  dictates  functional  redundancy  throughout  all 
active  system  areas.  In  general,  conventional  masking  techniques,  such  as 
triple  modular  redundancy  (TMR),  are  avoided  because  of  their  uneconomical 
equipment,  power,  weight,  and  volume  implementation  requirements.  How- 
ever, masking  schemes  that  are  economically  implemented,  such  as  error 
detection/correction  encoding  and  TMR  for  the  status  register  configuration 
control  circuitry,  can  be  used  where  warranted,  as  detailed  in  the  following 
paragraphs. 


Most  frequently,  where  masking  is  not  used,  functional  redundancy 
is  achieved  by  what  is  commonly  called  "standby  sparing”  redundancy.  This 
type  redundancy  has  the  greatest  potential  for  economical,  long -lived  unmain- 
tained systems  if  they  are  carefully  designed,  because  a minimum  amount  of 
functional  equipment  is  required  for  system  success  and  advantage  may  be 
taken  of  lower  power-off  failure  rates.  However,  two  outstanding  pitfalls 
that  must  be  scrupulously  avoided  at  all  phases  of  the  design  are:  ( l)  the 
design  of  the  reconfiguration  switches  and  their  controls  must  be  continuously 
scrutinized  to  preclude  inordinate  amounts  of  implementation  hardware  and 
introduction  of  potential  SPFs  into  the  system,  and  (2)  the  fault-detection/ 
isolation  schemes  throughout  the  system  must  be  virtually  infallible  if  sparing 
techniques  are  to  truly  enhance  rather  than  reduce  system  effectiveness. 

In  view  of  these  pitfalls  and  constraints,  the  LST  SSM  systems 
are  designed  to  have: 

Highest  priority  ground  override  control  of  system 

Onboard  autonomous  control  where  the  implementation 
penalties  are  reasonable. 

3.  Onboard  checking  circuit  data  transmitted  to  ground  control 
centers  at  each  opportunity  for  communications  between  the  ground  stations 
and  the  LST. 

The  fault  detection/isolation  features  that  determine  the  system 
partitioning  occur  at  natural  boundaries  where  the  number  of  lines  to  be 
switched  (for  system  reconfiguration)  are  at  a minimum,  and  fault  detection/ 
isolation  can  be  uniquely  tailored  to  the  particular  type  of  functional  equipment. 
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Where  appropriate,  power  switching  with  diode  isolation  is  used  because  of 
the  economies  in  circuitry  afforded  by  this  type  reconfiguration  switching. 

The  major  sensors  and  effectors  of  the  attitude  sensing  and  control  system 
(ASCS)  are  digital  readin  and  readout  devices.  Thus,  a troublesome  central 
analog  signal-dominated  complex  of  multiplexers,  decoders,  scaling  amplifiers, 
converters,  and  sample-hold  amplifiers  is  eliminated.  The  replacement 
simplified  digital  signal  switching  circuitry  provides  a more  naturally  parti- 
tioned system  and  minimizes  problems  of  line  noise  and  long  term  calibration. 
The  fault  detection,  isolation,  reconfiguration,  and  recovery  implementation 
are  significantly  facilitated  by  this  design. 

The  built-in  test  equipment  (BITE)  signals  from  the  primary  ACS 
sensors,  the  third  electrode  and  temperature  signals  from  the  electrical 
power  system,  and  other  signals  associated  with  redundancy  management 
functions,  rather  than  being  primary  mission  critical  signals,  may  be  handled 
in  a standard  manner.  Thus,  these  types  of  signals  may  enter  and  leave  the 
transfer  assemblies  as  analog  signals  when  most  convenient.  The  transfer 
assemblies  would  then  contain  a complex  containing  analog -to-digital  (A/D) 
and  digital-to-analog  (D/A)  converters,  analog  multiplexers,  scaling  and 
drive  amplifiers,  and  sample-and-hold  circuits. 

2.  Switchable  Interfaces.  The  design  of  the  reconfiguration  switches, 
as  previously  mentioned,  is  especially  crucial  if  SPFs  are  not  to  be  introduced 
into  the  system  and  if  the  amount  of  switch  implementation  circuitry  is  to  be 
minimal.  Interface  switches  fundamentally  must  be  designed  so  that  there  is 
no  fanout  from  the  switching  elements.  This  assures  that  a failure  in  the 
switches  affects,  at  most,  one  functional  receiving  module.  Functionally  then, 
the  switches  are  uniquely  associated  with  their  associated  receiving  modules, 
and  the  failure  rate  of  a switch  may  be  combined  with  the  failure  rate  of  the 
receiving  module  with  which  it  is  associated. 

On  the  other  hand,  the  switch  control  circuitry  cannot  be  uniquely 
associated  with  elements  of  the  functional  hardware.  If  this  control  circuitry 
is  made  orders  of  magnitude  more  reliable  than  the  remainder  of  the  functional 
hardware,  then  the  failure  probability  of  the  control  circuitry  is  relatively 
negligible  and  may  be  neglected  in  the  quantitative  analysis. 

The  system  configuration  control  in  the  LST  system  resides  in 
status  registers.  These  status  registers  are  triple  modular  redundant  to 
afford  the  requisite  reliability.  The  functional  logic  for  a typical  switch  is 
shown  in  Figure  VIII-18.  Two  identical  receiving  modules,  designated  RCVR1 
and  2,  are  connected  through  appropriate  switching  logic  under  control  of 
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triple  modular  redundant  status  registers  designated  TRANSMITTER  status 
and  RECEIVER  STATUS  respectively.  The  design  is  such  that  only  one  of  the 
two  transmitter  modules  is  connected  to  only  one  of  the  two  receiver  modules. 
There  is  no  fanout  of  the  switching  logic;  therefore,  failure  of  a switch  element 
affects,  at  most,  the  operation  of  one  receiving  module. 

Referring  to  the  transmitter  status  registers,  three  identical  S-C 
flip-flops  under  normal  conditions  are  set  such  that  the  1 output  is  up  (that  is 
at  the  1 level)  and  the  0 outputs  of  the  flip-flops  are  down  (that  is  at  the  0 
level) . 


There  are  four  majority  vote  circuits  (depicted  as  circles) 
associated  with  each  status  register.  Two  voters  vote  the  1 output  of  the 
three  flip-flops,  and  two  vote  the  0 outputs  of  the  flip-flops.  This  duality 
precludes  the  voters  as  single  failure  points.  It  is  straightforward  to  design 
similar  switching  interfaces  for  interconnecting  larger  numbers  of  transmitting 
and/or  receiving  modules  along  the  same  principles. 

3.  Status  Register  Control.  Figure  VIII-19  shows  the  functional 
schematic  logic  for  control  of  the  status  registers.  The  dual  redundant  com- 
mand decoders  control  the  triplicate  flip-flops.  Two  lines  from  each  decoder 
control  a mode  flip-flop  such  that  if  the  flip-flop  is  set  in  the  automatic  mode, 
then  the  onboard  fault  detection  equipment  can  control  the  status  registers 
which  in  turn  control  the  interface  configuration.  If  the  mode  flip-flop  is  set 
to  the  manual  mode,  then  only  ground  command  signals  can  control  the  status 
registers.  For  this  purpose,  two  additional  lines,  one  for  the  Set  and  one  for 
the  Clear  input  of  the  associated  status  register,  are  used  to  set  the  interface 
configuration.  The  onboard  fault  detection  signals  are  present  at  the  input  to 
the  AND  gates  but  are  not  effective  unless  the  auto  mode  is  set  in  the  mode 
flip-flop. 


4.  Digital  Processor  Assembly.  The  digital  processor  assembly 
consists  of  two  CPUs  plus  a shared  memory  with  associated  memory  trans- 
lators. Onboard  fault  detection/isolation  for  the  CPUs  is  by  means  of  the 
built-in  hardware  and  software  self-test  equipment  coupled  with  an  external 
window  timeout  device.  Fault  detection  and  isolation  for  the  memory  array  is 
by  means  of  error  encoding  of  the  words  stored  in  the  memory.  The  memory 
translator  translates  from  the  error  correction  encoding  in  the  memory  to  the 
byte  parity  encoding  in  the  CPU  and  vice  versa.  Fault  detection/isolation  for 
the  memory  translators  is  by  means  of  self-testing,  self-checking  circuitry. 
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The  CDC-469  computer  was  chosen  for  the  design  reference  as 
"existing"  equipment,  for  HEAO  commonality,  and  to  provide  a source  of 
quantitative  failure  rate  data.  Certain  advantages  would  accrue,  however, 
from  the  choice  of  a processor  which  has  fault-tolerance  features  incorporated 
into  its  design.  The  MSFC -developed  Space  Ultrareliable  Modular  Computer 
(SUMC)  has  been  under  development  for  several  years  in  the  MSFC  Astrionics 
Laboratory.  Several  breadboard  models  were  built  to  verify  the  concepts. 
Currently  prototypes  are  under  construction  by  RCA  and  IBM.  The  SUMC  will 
be  available  as  a space -qualified  off-the-shelf  processor  for  operation  in  the 
1975  time  frame. 

The  microprogram  control  store  of  the  SUMC  provides  essential 
capability  for  processor  self-testing  as  well  as  capabilities  for  checking  and 
control  of  peripherals.  The  SUMC  is  a state-of-the-art  processor  in  large 
scale  integration  (LSI)  and  packaging  technologies. 

An  extensive  qualification  program  has  been  and  will  continue  to 
be  conducted  in  all  phases  of  the  development.  This  coupled  with  the  flexible 
modular  design  will  result  in  a space-qualified,  highly  reliable  off-the-shelf 
processor  for  a broad  spectrum  of  space  applications. 

a.  CPU  Checking.  In  addition  to  the  built-in  hardware  checks, 
the  choice  of  such  a processor  would  enable  the  CPU  to  be  checked  by  a 
comprehensive  self-test  microprogram.  Periodically  and  frequently,  the 
digital  computer  assembly,  which  is  at  the  time  on  line,  will  go  into  a self- 
test mode.  The  self-test  mode  will  verify  the  integrity  of  the  memory,  the 
CPU,  and  the  input/output  (I/O)  subsections.  Failure  of  either  the  CPU  or 
the  I/O  indicated  during  the  testing  of  either  unit  will  result  in  failure  to  set 
a discrete  out  to  the  window  timer.  The  window  timer  is  located  in  the 
transfer  assembly  and  will  be  described  in  conjunction  with  that  subsystem. 

For  the  purposes  of  this  discussion  it  is  sufficient  to  say  that  failure  to  set  the 
discrete  will  cause  switchover  to  the  alternate  CPU  during  periods  in  which 
the  system  is  in  the  auto  mode.  When  the  system  is  in  the  manual  mode,  a 
proper  indication  of  a test  failure  will  be  set.  The  CPU  hardware  is  comprised 
mainly  of  registers,  an  arithmetic  logic  unit  (ALU) , and  control  circuitry  that 
initiates  the  proper  sequences  of  information  transfer  within  the  CPU  in 
response  to  the  programmed  instructions.  The  control  circuitry  would  account 
for  more  than  half  of  the  total  CPU  circuitry.  Proper  functioning  of  the  ALU 
and  the  registers  is  virtually  essential  for  proper  functioning  of  the  CPU. 

Tests  for  these  portions  of  the  CPU  are  relatively  straightforward.  Verifica- 
tion of  the  integrity  of  the  control  circuitry,  however,  is  not  so  straightfor- 
ward. It  is  in  this  area  of  the  CPU  that  there  exists  a potential  for  major 
improvements  in  self-test  techniques  over  predecessor  programs. 
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Figure  VIII- 20  will  serve  to  illustrate  the  difficulties  of 
verifying  the  integrity  of  complex  logic  arrays  such  as  in  the  CPU  control 
circuitry.  It  also  serves  to  illustrate  why  the  basic  design  of  the  ASCS  proc- 
essor must  be  inherently  checkable.  A testable  design  is  not  a retrofit.  It 
must  be  included  in  the  basic  processor  design. 

The  square  in  Figure  VIII- 20  represents  a complex  multiinput, 
multioutput  array.  Two  interior  logic  gates  within  the  array  are  shown  with 
their  input  lines;  1,  2,  and  3.  The  problem  is  to  verify  the  integrity  of  the  OR 
gate  when  one  has  control  only  over  the  input  patterns  on  lines  i,  2,  and  3, 
and  can  only  sense  the  output  of  the  AND  gate.  The  eight  possible  0-1  patterns 
that  can  appear  on  interior  lines  1,  2,  and  3 together  with  the  corresponding 
correct  outputs  of  the  OR  and  AND  gates  are  listed  in  Figure  VIII-20. 


Figure  VIII-20.  Logic  verification  implementation  schematic. 
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Assume  for  a moment  that  the  output  of  the  OR  gate  is  stuck 
at  one  (S-A-l) . Only  one  of  the  eight  input  patterns  would  cause  the  output 
of  the  AND  gate  to  be  influenced  by  this  fault;  that  is,  the  fault  could  only  be 
detected  by  this  one  pattern.  Three  patterns  would  be  effective  for  detecting 
an  S-A-0  condition  of  the  OR  gate. 

As  the  complexity  of  the  logic  is  increased,  the  number  of 
input  patterns  necessary  to  verify  the  functional  integrity  of  the  total  logic 
increases  very  rapidly.  It  is  imperative  then  to  analyze  the  logic  and  deter- 
mine the  minimal  set  of  input  patterns  necessary  to  verify  the  functional 
integrity. 


The  CPU  self-test  microprogram  can  be  structured  to  operate 
each  logic  element  in  the  CPU  in  both  logic  states,  at  least  once  during  the 
course  of  the  routine,  thus  verifying  the  integrity  of  the  entire  CPU. 

The  extensive  CPU  testing  on  LST  is  possible  because  of  the 
disparity  in  processor  speed  and  processing  speed  requirements.  The  proc- 
essor speed  can  be  approximately  three  times  the  speed  required  to  run  the 
operational  programs.  Thus,  50  percent  of  the  computer  time  may  be  used 
for  system  COFI  if  necessary. 

Once  or  more  during  each  self-test  loop,  a discrete  bit  is 
set  if  there  has  been  no  detected  failure.  This  discrete  bit  (OK  reset)  is  used 
to  set  a countdown  counter  to  its  all  Is  value.  The  counter  then  proceeds  to 
decrement  toward  zero.  If  another  OK  reset  pulse  does  not  reset  the  counter 
before  it  reaches  zero,  a CPU  failure  is  indicated.  The  above  operation  of 
the  decrementing  counter  handles  both  CPU  self-test  detected  failures  and 
failures  that  cause  the  program  to  branch  to  a wrong  location  and  wander 
unpredictably . Another  type  failure  is  that  which  causes  the  self-test  program 
to  erroneously  branch  into  a tight  loop  that  includes  issuing  of  the  OK  reset. 
This  is  handled  by  the  window  logic  on  the  timer.  Once  the  timer  is  reset  to 
the  all  Is  position,  another  OK  reset  occurring  before  the  window  will  have 
the  same  effect  as  the  timer  reaching  the  all  Os  position  — a failure  indication. 
The  functional  logic  of  the  window  reset  timer,  which  is  located  in  the  transfer 
assembly,  is  shown  in  Figure  VIII-2i. 

b.  Memory  System  Fault  Detection/lsolation.  Memory  system 
fault  detection,  isolation,  and  recovery  are  achieved  by  means  of  error  cor- 
rection and  coding  with  self-checking  circuitry  for  selected  portions  of  the 
system.  The  organization  is  such  that  any  single  fault  may  be  tolerated. 
Extension  to  withstand  any  number  of  single  faults  (not  simultaneous)  is 
straightforward  if  deemed  necessary.  The  memory  technology  will  be  non- 
volatile, nondestructive  readout  technology,  probably  either  plated  wire  or 
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Figure  VIII-21.  Window  reset  timer  functional  logic  schematic. 

monolithic.  Several  independent  memory  modules,  the  exact  number  is  not 
presently  specified,  contribute  to  each  word  read  from  the  memory.  Redun- 
dant bits  forming  a part  of  each  word  enable  identification  and  correction  of 
errant  bits  in  each  word  readout.  Recovery  from  both  transient  and  hard 
failures  is  facilitated  by  the  memory  organization.  Since  the  memory  system 
is  shared  by  the  CPUs,  the  fault  recovery  problems  associated  with  dedicated 
memory  CPUs  are  largely  circumvented.  Referring  to  Figure  VIII-22  for  pur- 
poses of  explanation,  the  memory  system  is  composed  of  several  independent 
basic  operating  modules  (BOMs) . A device  called  a translator  is  interposed 
between  the  memory  and  the  CPU.  The  purpose  of  the  translator  is  to 
translate  between  the  code  used  for  the  stored  data  and  the  code  that  is 
accepted  by  the  CPUs.  Words  stored  in  the  memory  are  encoded  in  an  error- 
correcting  code  referred  to  herein  as  a single  BOM  correct,  double  BOM 
detect  (SbEC/DbED)  encoding.  Words  read  from  the  memory  are  comprised 
of  bits  from  all  the  BOMs;  that  is,  each  BOM  contributes  one  or  more  bits  to 
each  word,  thus  any  failure  in  the  BOM  can  affect  only  those  bits  in  the  word 
that  the  BOM  contributes.  Because  of  the  encoding,  the  translator  can  deter- 
mine which  BOM  has  failed  and  correct  the  bits  such  that  the  output  to  the 
CPU  is  a correct  word  encoded  with  conventional  byte  parity  encoding  normally 
accepted  by  the  CPU.  Also,  the  same  circuitry  in  the  translator  translates 
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Figure  VTII-22.  Memory  system  organization  schematic. 


from  the  CPU  encoding  to  the  error  correction  encoding  before  the  word  is 
stored  in  the  memory.  The  BOM  width,  that  is  the  number  of  bits  that  each 
BOM  contributes  to  the  word  readout,  will  be  highly  technology  dependent.  If 
the  memory  technology  is  monolithic,  it  is  probable  that  each  BOM  will 
contribute  only  one  bit  to  the  word . If  the  technology  is  plated  wire , it  is 
probable  that  a BOM  width  of  four  bits  will  be  more  cost  effective . The  error 
encoding  for  the  single  bit  per  BOM  can  be  a conventional  Hamming  encoding. 
The  encoding  for  greater  BOM  widths  would  be  of  the  more  recently  introduced 
b-adjacent  error  correction  codes.  The  translator  will  be  designed  to  be 
self-checking;  that  is,  a single  circuit  failure  in  the  translator  will  not  produce 
an  erroneous  output  without  simultaneously  indicating  a failure.  Figure  VIII- 23 
illustrates  the  implementation  of  the  fault  tolerant  memory  system  with  two 
translators . The  BOMs  can  feed  either  of  the  two  translators  as  determined 
by  the  voted  outputs  of  the  status  register.  Each  translator  contains  checking 
circuitry  such  that  if  the  translator  fails,  an  erroneous  indication  is  given 
simultaneously  with  the  production  of  the  information  out.  In  the  event  that 
the  two  checking  signal  lines  from  either  translator  have  an  even  parity  output, 
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this  is  an  indication  of  a failure  in  that  translator.  The  signal  pairs  are 
routed  to  equivalence  function  circuits  denoted  by  the  circle  with  an  equal 
sign  inside.  If  the  system  is  in  auto  mode,  the  flip-flop  status  registers  will 
be  reset  such  that  the  alternate  translator  is  operational.  This  is  under 
control  of  the  voted  outputs  of  the  status  registers.  The  switchable  interface 
interposed  between  the  translators  and  the  CPUs  is  essentially  the  same  as 
that  shown  in  Figure  VIII-18. 

c.  Memory  Organization  Control  and  Fault  Detection/Isolation. 
As  part  of  the  digital  processor  assembly  self-test,  every  location  in  memory 
will  be  verified  for  proper  operation.  A rapid  and  efficient  means  for  accom- 
plishing this  is  by  means  of  a complement  check.  In  this  check,  the  contents 
of  each  location,  no  matter  what  they  may  be,  are  read  out  and  stored  in  a 
register.  This  value  is  then  complemented  and  restored.  The  restored  value 
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is  next  read  out,  and  the  original  contents  are  compared  by  either  an  exclusive 
OR  logical  operation  or  an  equals  logical  operation.  If  the  exclusive  OR 
operation  is  used,  all  positions  should  indicate  a 1 from  the  exclusive  OR. 

If  the  equal  compare  is  used,  all  positions  should  indicate  a 0.  Any  bit  posi- 
tion or  positions  that  do  not  agree  with  these  criteria  are  faulty;  therefore,  the 
logic  compare  word  with  any  faulty  positions  is  incorrect.  The  time  required 
for  testing  all  memory  words  would  be  less  than  1 sec.  In  the  event  that  time 
constraints  of  the  operational  program  do  not  allow  complete  memory  testing 
on  each  self-test  cycle,  then  fractional  portions  of  successive  sections  of 
memory  might  be  tested  on  successive  self-test  cycles  with  little  loss  of 
reliability.  A retry  capability  for  the  memory  will  be  incorporated  to  dis- 
tinguish between  transient  and  hard  failures.  Whenever  an  error  is  indicated 
in  a word  read  out  from  memory  by  the  translator,  a retry  will  be  initiated. 

If  on  retry  the  location  is  read  correctly,  then  the  retried  word  will  be  issued 
to  the  CPU.  If  on  retry  the  location  still  indicates  a failure,  the  failure  will 
be  corrected  and  the  word  issued  to  the  CPU  if  the  indication  is  a single 
failure;  that  is,  a single  BOM  failure.  If  the  indication  is  that  the  failure  is 
a multiple  failure  that  is  not  correctable  directly  by  the  translator,  then  a 
software  routine  will  be  entered.  First,  the  routine  will  determine  if  the 
indication  of  the  translator  is  a double  BOM  failure;  then  the  store  and  read 
complement  and  compare  with  the  original  word  test  will  be  initiated.  This 
test  will  then  indicate  the  errant  bits,  and  they  may  be  corrected  by  a straight- 
forward routine.  In  the  event  that  the  translator  indicated  greater  than  a two- 
BOM  failure,  the  word  is  not  correctable.  In  some  situations,  a checkpoint 
rollback  procedure  may  be  used  to  recover;  in  other  situations  this  may  not 
be  feasible.  An  attitude  hold  or  sun-point  maneuver  may  be  necessary  until 
the  next  ground  contact,  where  the  situation  is  flagged  by  means  of  the  com- 
mand downlink  system  and  ground  isolation  reconfiguration  will  be  used. 

When  any  digital  processor  assembly  failure  is  indicated  from  which  onboard 
recovery  may  not  be  effective,  the  system  is  put  into  a hold  mode  or  a sun 
acquisition  mode  until  such  time  as  ground  contact  can  be  made  and  reconfig- 
uration and  recovery  can  be  effected  from  the  ground. 

5.  Transfer  Assembly.  The  transfer  assembly  serves  as  the  interface 
between  the  sensors  and  actuators  and  the  digital  processor  assembly.  It  con- 
tains such  things  as  the  up-down  counters  for  the  rate  gyros,  the  window  time- 
out for  the  digital  processor  assembly,  the  configuration  control  status  reg- 
isters, the  amplifiers  for  controlling  the  magnetic  torquers,  and  the  discrete 
drivers  for  the  reaction  control  system  engines.  In  general,  the  various 
portions  of  the  transfer  assembly  are  functionally  independent.  It  is  for  this 
reason  that  the  transfer  assembly  is  not  reconfigured  as  a unit,  but  rather 
portions  of  the  transfer  assembly  are  reconfigured  as  their  associated  external 
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equipment  or  they  themselves  fail.  Data  from  the  sensors  are  transmitted  to 
the  transfer  assembly  in  digital  form.  The  rate  gyros  transmit  the  delta -V 
information  as  a pulsatile  train,  and  an  up-down  counter  in  the  transfer 
assembly  dedicated  to  each  of  the  rate  gyros  accumulates  these  pulses.  Other 
sensors,  in  general,  will  have  built-in  conversion  equipment  and  will  encode 
the  information  in  a gray  code  with  attached  parity  check -bit  for  transmission 
to  the  transfer  assembly.  Sensor  information  comes  to  the  transfer  assembly 
in  serial  form,  high-order  bit  first.  The  serial  input  of  the  digital  processor 
assembly  I/Os  will  have  a simple  translator  to  translate  the  gray  encoded 
information  to  signed  binary  information.  A standard  instruction  in  the  CPU 
then  converts  the  signed  binary  information  to  two's  complement  binary  for 
storage  in  the  memory  and  ultimate  utilization  in  calculations.  A straight- 
forward implementation  of  the  communications  between  sensors  and  the 
transfer  assembly  would  be  to  have  two  wires,  one  to  indicate  to  the  sensor 
when  it  should  transmit  the  serial  data  along  the  second  wire.  Figure  VIII-24 
depicts  the  functional  layout  of  the  input  sensor  to  the  CPU  interface.  Readout 
of  the  devices  is  effected  in  any  sequence  by  the  CPU  in  command  sending  an 
address  to  its  device  address  register.  The  address  decoder  then  selects  the 
line  corresponding  to  the  address  and  commands  the  particular  device  to  begin 
a serial  readout  of  the  contents  of  its  register.  The  serial  data  are  then 
transmitted  to  the  data  input  multiplexer,  which  has  also  selected  the  corre- 
sponding line  to  the  addressed  device.  The  data  then  pass  through  the  multi- 
plexer directly  into  the  CPU  serial  data  register.  It  is  significant  that  no 
physical  switches  are  required  in  this  portion  of  the  system;  since,  in  the 
event  of  failure  of  a sensor,  the  CPU  can  simply  neglect  addressing  this 
device.  Alternatively,  the  device  could  be  read  if  it  was  desired  to  maintain  a 
fixed  sequence,  and  the  data  simply  could  be  ignored  in  the  software.  The 
serial  data  device  on  each  sensor  will  have  a command  line  from  the  address 
decoder  associated  with  each  CPU  and  a data  transmission  line  to  each  CPU 
input  multiplexer.  Diode  isolation  will  be  used  to  preclude  a short  in  address 
decoder  number  1,  for  example,  causing  address  decoder  number  2 to  be 
unable  to  access  a particular  sensor.  Similarly,  diode  isolation  will  be  used 
on  the  data  output  lines  of  each  sensor  device.  The  implementation  in  Figure 
VIII-24  is  shown  only  for  the  up-down  counter  of  rate  gyro  number  1;  however, 
it  is  understood  to  be  applicable  to  the  devices  on  all  the  remaining  sensors. 
Functionally,  the  address  decoder  and  the  input  multiplexer  are  dedicated  to  a 
CPU  and  therefore  form  a part  of  that  CPU. 


a.  Transfer  Assembly  Outputs.  Figure  VIII-25  depicts  the 
functional  logic  of  the  output  portions  of  the  transfer  assembly.  Commencing 
from  the  top,  each  CPU  has  a reset  time  pulse  to  indicate  that  its  hardware, 
firmware,  and  software  self-checks  have  all  indicated  good  health  in  the 
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Figure  VIII-24.  Transfer  assembly  sensor  input  functional  layout. 
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Figure  VIII-25.  Transfer  assembly  outputs. 
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self -test  mode.  The  window  timer  is  only  effective  when  the  system  is  in  the 
automatic  mode.  Conventional  circuitry  not  shown  in  Figure  VIII-25  could  be 
added  to  the  voters  such  that  they  are  effective  only  in  the  auto  mode. 

Failure  to  properly  reset  two  or  more  of  the  window  timers  will  cause 
the  flip-flops  following  the  voters  to  move  to  the  clear  or  reset  state.  In  the 
normal  set  state  of  the  flip-flops,  the  quad  redundant  switch  on  the  left  is 
effective  and  enables  power  to  the  output  section  of  the  transfer  assembly  for 
the  prime  CPU.  If  the  flip-flops  are  in  the  reset  state,  power  is  switched 
from  the  prime  CPU  output  to  the  backup  CPU  output;  thus  a CPU,  in  the 
event  of  failure,  is  effectively  eliminated  from  having  any  effect  on  the  system. 
These  power  switches  are  made  quad  redundant  to  eliminate  single  failure 
points  in  the  switch.  Assuming  for  the  moment  that  the  prime  CPU  is  in 
control,  the  method  of  handling  discretes  is  shown.  There  are  two  discrete 
registers;  one  is  a discrete  enable  register  and  the  second  is  a discrete  issue 
register.  A one-bit  in  the  corresponding  position  of  each  of  these  registers 
is  necessary  to  issue  any  particular  discrete.  The  discrete  enable  register 
is  set  by  the  CPU  program  just  prior  to  the  self -test  mode.  The  discrete 
issue  register  is  set  just  subsequent  to  the  self -test  routine.  Thus,  the 
discretes  are  not,  indeed,  issued  until  a very  recent  self-test  health  check 
is  completed  satisfactorily.  Handling  of  the  outputs  from  the  backup  CPU  is 
similar  to  that  of  the  prime.  At  the  receiver  load,  both  the  prime  and  the 
backup  signals  are  combined,  such  that  either  the  prime  or  the  backup  func- 
tioning can  actuate  the  load.  Short  circuits  upstream  from  the  load  ahead  of 
the  isolating  diodes  preclude  one  line  shorting  and  disabling  the  other  line 
from  actuating  the  load. 

b.  Transfer  Assembly  Redundancy  Management  Input/Output.  In 
addition  to  the  communications  between  the  ASCS  primary  sensors  and  effec- 
tors with  the  transfer  assembly  and  digital  processor  assembly,  there  are 
similar  communication  requirements  of  the  latter  assemblies  with  other  points 
of  the  system.  Certain  onboard  redundancy  management  functions  are  to  be 
controlled  by  the  ACS  processor  when  the  system  is  placed  in  the  auto  mode. 

6.  Reference  Gyros.  The  strapdown  references  gyros  for  the  inertial 
reference  system  will  utilize  six  reference  gyros  mounted  with  their  sensitive 
axes  perpendicular  to  the  faces  of  a regular  dodechaedron.  This  configuration 
has  advantages  in  regard  to  accuracy  and  failure  detection.  During  regular 
operation,  four  reference  gyros  will  be  active  and  two  will  be  powered-down 
in  standby  status  to  take  advantage  of  the  lower  failure  rate  in  standby  status 
and  the  savings  in  power.  The  primary  means  of  failure  detection  is  by 
comparison  of  the  outputs  of  the  four  rate  gyros.  So-called  parity  equations 
for  combinations  of  any  four  rate  gyros  may  be  written  which  under  ideal 
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alignment  and  operations  equal  zero.  Practical  threshold  levels  will  have  to 
be  determined  that  allow  for  normal  instrument  variations,  alignment  errors, 
and  computational  precision.  Out-of-tolerance  conditions  in  any  one  of  the 
four  may  then  be  detected  as  a solution  to  the  equation  exceeding  the  allowable 
threshold  value.  To  isolate  the  recalcitrant  unit,  a fifth  gyro  will  have  to  be 
powered-up.  Diagnostic  computations  to  identify  this  unit  will  then  be  com- 
puted. Included  in  the  computations  is  a health  status  matrix.  The  elements 
of  the  matrix  for  the  active  units  are  set  to  one.  The  elements  of  the  matrix 
for  the  inactive  units,  whether  it  be  because  they  are  intentionally  in  standby 
or  because  they  have  been  identified  as  failed  units,  are  set  to  zero,  thus 
effecting  a software  switch.  To  maintain  configuration  control  is  a straight- 
forward matter. 

Up  to  two  failures  may  be  detected  and  isolated  by  observations 
of  the  outputs  of  the  reference  gyros  alone  with  this  technique.  A third  failure 
may  be  detected;  however,  it  cannot  be  isolated  without  additional  information. 
This  additional  information  will  be  obtained  by  means  of  the  built-in  test 
equipment  of  the  reference  gyros.  Additionally,  the  built-in  test  equipment 
will  be  used  to  augment  the  primary  failure  detection  means.  During  each 
computational  minor  loop,  after  the  most  recent  information  is  read  from  the 
gyros  but  prior  to  utilizing  this  information  in  computation,  the  health  status 
will  be  determined.  If  the  information  from  one  of  the  reference  gyros  is 
unacceptable,  one  of  two  alternatives  can  be  used.  The  first  is:  if  mission 
constraints  allow  a standby  gyro  to  be  powered-up,  locate  the  defective  unit, 
reread  the  remaining  four  good  units,  and  utilize  these  values  in  the  com- 
putations. With  this  alternative,  there  is  essentially  no  system  recovery 
problem.  In  the  event  the  particular  phase  of  the  mission  places  constraints 
where  this  is  impractical,  the  last  good  values  are  still  available  and  could 
be  saved  — the  computations  performed,  including  the  bad  unit,  until  such 
time  as  it  can  be  identified.  Having  identified  the  unit,  it  is  then  relatively 
straightforward  to  calculate  the  present  rates  from  the  checkpoint  restart 
and  the  deviations  of  the  three  good  units.  Of  course,  if  another  means  such  as 
the  BITE  indications  are  sufficient  to  identify  the  bad  unit,  then  the  powering- 
up  of  the  standby  and  diagnostic  calculations  also  could  be  precluded. 

7.  Control  Moment  Gyros.  Several  methods  of  failure  detection  for 
any  one  of  the  four  control  moment  gyros  (CMGs)  may  be  used.  The  first 
test  is  a measurement  of  the  resolver  reference  voltage.  A deviation  greater 
than  a predetermined  allowable  variation  indicates  a failure  of  the  CMG  resolver 
and  consequently  of  the  CMG.  A second  test  of  the  CMG  is  a comparison  of  the 
integral  of  the  drive  command  over  any  period  of  time  with  the  gimbal  angle 
change  over  the  same  period  of  time  to  verify  their  correspondence.  A third 
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failure  detection  test  for  the  CMGs  is  to  compare  the  vehicle  attitude,  and 
attitude  changes  corresponding  to  the  commands  to  the  CMG  as  measured  by 
the  rate  gyro  assembly.  Upon  detection  of  a CMG  failure  by  any  or  all  of  the 
above  methods,  system  recovery  must  be  effected  by  first  withholding  any 
subsequent  rate  commands  to  the  CMGs  and  by  exchanging  momentum  of  the 
failed  CMG  with  the  remaining  good  CMGs  so  that  vehicle  attitude  may  be 
maintained  with  a three-CMG  control  law.  The  momentum  exchange  can  be 
accomplished  utilizing  the  three-CMG  control  law  but  is  only  initiated  by 
ground  command. 

8.  Wide-Angle  Sun  Sensors.  The  fault  detection  on  the  wide-angle 
sun  sensors  is  primarily  by  means  of  comparison  consistency  checks  between 
sun  sensors  and  internal  consistency  checks  of  individual  sun  sensors.  The 
redundant  pair  of  sun  sensors  oriented  along  the  plus  Z vehicle  axis  can  be 
compared  with  one  another  for  fault  detection.  Fault  isolation  may  be  done 
on  this  pair  by  internal  consistency  checks,  and  recovery  entails  primarily 
a software  switch  to  ignore  the  data  from  the  failed  cell  and  turn  off  the  power 
to  its  associated  electronics.  For  the  wide-angle  sun  sensor  oriented  along 
the  minus  Z-axis,  internal  consistency  checks  together  with  reasonableness 
tests  of  the  vehicle  attitude,  known  from  the  vehicle  attitude  computations, 
may  be  used  to  detect  and  isolate  a failed  cell.  For  the  two  wide-angle  sun 
sensors  mounted  one  each  on  the  solar  panels,  internal  consistency  checks 
plus  correlation  with  the  solar  power  impinging  on  the  solar  array  may  be 
used  to  detect  and  isolate  failures.  Recovery,  again,  consists  of  a software 
switch  together  with  power  turnoff  of  the  electronics  associated  with  the  failed 
cell. 


9 . Fixed  Star  Trackers.  The  three  fixed  star  trackers  oriented  in 
the  Y-Z  plane  — one  collinear  with  the  minus  Z-axis  and  the  remaining  two, 
one  at  +45  and  one  at  -45  degrees,  with  the  minus  Z-axis  — are  redundant  in 
the  sense  that  any  two  of  the  three  may  be  used  to  establish  the  reference 
plane  for  vehicle  orientation.  However,  the  6 -degree  fields -of -view  of  the 
trackers  do  not  coincide  or  overlap.  Thus,  instantaneous  comparisons  of 
their  outputs  are  not  useful  for  failure  detection.  Detection  of  catastrophic 
failures  when  in  the  tracking  mode  is  rather  straightforward  in  that  the 
indication  would  be  a dramatic  increase  in  one  or  both  of  the  output  access 
signals  without  a corresponding  indication  of  the  vehicle  attitude  control 
system.  Slow  drift  failures  may  be  detected  when  all  three  trackers  are 
locked  on  separate  stars.  The  drift  of  the  outputs  of  one  tracker  relative  to 
the  corresponding  axes  of  the  other  two  would  be  manifest  as  a significant 
difference  in  drift  rate  of  the  faulted  tracker.  For  the  case  when  only  two  of 
the  three  trackers  are  locked  on  a star,  the  failure  detection  might  revert  to 
comparison  with  the  fine  pointing  signal  from  the  scientific  instrument  package 
(SIP)  or  a ground  analysis  of  the  picture  quality  data  being  received  indicating 
the  drift  condition. 
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10.  Three -Axis  Magnetometers.  The  pair  of  three-axis  magnetometers 
may  have  failure  detection  by  means  of  comparing  the  corresponding  axis  out- 
puts of  the  magnetometers.  Resolution  of  any  discrepancy  may  be  done  by 
noting  the  vehicle  attitude  effects  in  response  to  specific  torquing  signals  and 
noting  which  magnetometer  most  correctly  models  these  effects. 

11.  Communications  and  Data  Handling  System. 

a.  Command  Subsystem.  Fault  detection,  isolation,  and  recovery 
in  the  command  subsystem  are  largely  dependent  upon  verification  by  means  of 
the  downlink  that  the  commands  transmitted  in  the  uplink  channel  were,  indeed, 
obeyed.  Real-time  response  is  not  of  paramount  importance  for  this  purpose. 
At  each  opportunity  for  earth-to-spacecraft  communications,  the  system  status 
is  transmitted  from  the  spacecraft  by  means  of  the  downlink  command  system. 
The  system  configuration  may  be  changed  in  response  to  commands  up-linked 
from  the  ground  station.  A subsequent  transmittal  of  system  status  will  then 
reveal  whether  the  spacecraft  has,  indeed,  responded  correctly  to  the  com- 
mands. In  the  event  that  it  has  not,  a systematic  sequence  of  commands  from 
earth  may  be  used  to  isolate  the  faulted  unit.  Sufficient  redundancy  is  incor- 
porated that  the  system  may  withstand  any  single  failure  and  recovery  may  be 
effected.  Two  independent  transponder  systems  are  used:  one  is  a modified 
Apollo  transponder  which  is  dual-redundant  in  that  it  contains  two  transmitters 
and  two  receivers;  the  second  transponder,  likewise,  is  dual-redundant  being 
a modified  ERTS  transponder  with  dual  transmitters  and  receivers.  For 
command  receivers  in  the  uplink  mode,  one  receiver  in  each  of  the  two 
transponders  is  powered  on.  The  ERTS  receiver  is  connected  to  one  antenna 
and  the  Apollo  transponder  receiver  is  connected  to  the  second.  Signals  from 
both  receivers  are  channeled  through  the  electronic  switch  assembly  to  the 
dual  PSK  demodulator.  The  PSK  demodulator  assembly  selects  the  channel 
with  the  strongest  automatic  gain  control  (AGC)  signal  and  sends  a switching 
signal  to  the  antenna's  switch  so  that  subsequent  transmissions  will  be  routed 
to  the  antenna  receiving  the  strongest  signal  from  the  ground. 

To  detect  interference  noise  that  constitutes  failures  in  the  up- 
link information  channel,  an  information  bit  is  derived  from  five  subbits  which 
are  transmitted.  Since  there  are  32  combinations  of  5 bits,  there  are  32 
combinations  from  which  to  choose  the  0 and  1 command  representations.  For 
example,  the  subbit  code  for  data  1 may  be  chosen  as  11010;  and  the  subbit 
code  for  a data  0 may  be  chosen  as  the  complement  or  00101.  There  are  other 
possibilities  also  such  as  a different  encoding  for  the  address  bits  to  the 
decoders  in  order  that  confusion  may  not  arise  between  address  bits  and  data 
bits.  Only  prewired,  valid  combinations  of  bits  are  accepted;  otherwise  an 
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error  is  flagged.  The  outputs  from  the  dual  PSK  demodulators,  each  receiving 
signals  from  a separate  receiver,  are  compared,  and  if  they  agree,  the  com- 
mand is  issued.  In  the  event  of  discompare,  the  command  is  not  issued  and  an 
error  message  is  reported  to  the  ground.  The  mode  is  automatically  set  to 
enable  either  (or  both)  channels  to  receive  and  issue  commands.  Ground 
analysis  of  the  error  message  will  determine  the  faulty  channel.  The  next 
uplink  will  be  directed  to  the  good  channel  to  reconfigure  the  system  and  switch 
out  the  faulty  channel. 

b.  Command  Decoders.  Command  decoders  are  used  with  a 
prime  and  standby  spare  type  of  operation.  Each  decoder  has  an  8-bit  input 
that  is  decoded  to  one  of  256  output  lines.  A status  register  controlled  switch- 
able  interface  is  used  to  direct  the  command  signal  to  the  online  decoder. 
Outputs  of  the  dual  decoders  are  diode  ORed  to  the  points  at  which  the  lines 
are  directed.  Failure  detection  of  the  decoders  is  by  means  of  a parity  check 
as  shown  in  Figure  VIII-26  with  backup  being  by  ground  control.  Ground 
analysis  of  the  cause  of  failure,  and  reconfiguration  requirements  to  circumvent 
the  failure  should  be  greatly  augmented  by  circuits  such  as  the  decoder  checking 
circuit  when  they  can  be  economically  implemented.  Figure  VIII-26  shows  the 
decoder  detection  scheme.  The  outputs  of  all  lines  which  should  be  activated 

by  even  parity  inputs  are  ORed  together  as  are  the  second  group  of  output  lines 
that  should  be  activated  by  even  parity  inputs.  In  the  event  an  erroneous  out- 
put condition  is  detected  by  the  checking  circuit,  a flip-flop  associated  with 
the  particular  failed  command  decoder  is  set  and  the  status  is  transmitted  on 
the  subsequent  health  transmission. 

c.  Command  Processor.  It  is  desirable  to  have  certain  commands 
initiated  by  the  ground  issued  and  executed  at  a time  when  the  spacecraft  does 
not  have  ground  communication  contact.  The  command  processor  has  the 
capability  to  accept  and  store  commands  from  the  ground  and  to  issue  the  com- 
mand at  a predetermined  later  time.  The  processor  consists,  basically,  of  a 
memory  that  is  read  in  cycles  and  a real-time  clock.  Part  of  each  stored 
command  consists  of  a time-tag  which  specifies  the  time  when  the  command 

is  to  be  executed.  As  the  memory  is  cycled,  the  real-time  clock  is  compared 
with  the  successive  commands  being  read  from  the  memory;  and,  when  there 
is  a correspondence  between  the  real  time  and  the  time  tag,  the  command  is 
output  to  the  command  bus. 

The  clocking  circuitry  consists  of  three  crystal-controlled, 
phase-locked  oscillators  with  individual  associated  shaping  circuitry.  After 
shaping  the  individual  channel,  square  waves  may  be  voted  with  conventional 
voting  circuitry.  Also,  the  various  subdivided  clock  pulses  can  be  voted  in  a 
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Figure  VIII -26.  Command  decoder  checker. 


TMR  fashion;  thus,  triplicate  redundant  clocking  signals  used  throughout  the 
communications  and  data  handling  subsystem  are  distributed  over  triplicated 
buses.  Units  which  require  these  clocking  pulses  are  served  by  voting  the 
three  signals  as  clocking  inputs  to  the  using  devices.  The  memory  for  the 
command  processor  is  a nondestructive  readout  read-write  memory.  The 
memory  is  organized  with  error  encoding  redundant  bits  similar  to  the  ACS 
computer.  Associated  with  the  memory  is  a self-testing  translator.  The 
translator,  at  this  time,  is  not  specified  as  having  a backup  because  the  entire 
delay  command  capability  is  not  essential  to  experiment  and  mission  success. 
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12.  Electrical  System.  Fault  tolerance  in  the  electrical  system  is 
obtained  by  means  of  diode  isolation  throughout  the  system  and  reconfiguration 
switching.  The  system  is  partitioned  to  a very  high  level  such  that  there  are 
a multitude  of  successful  states  to  circumvent  all  single  failures  and  a large 
variety  of  multiple  failures.  Figure  VIII-27  is  a schematic  of  the  system.  It 
may  be  seen  that  there  are  12  solar  arrays,  6 on  each  of  2 solar  wings.  Each 
panel  has  a dual  output  which  is  switchable  and  may  be  diode-isolated.  Each 
output  from  each  wing  is  dot  ORed  to  common  primary  buses  in  the  solar  power 
distributor.  There  are  two  solar  power  distributors  with  six  panels  connected 
to  each  of  their  primary  buses.  There  is  also  an  alternate  primary  bus  in 
each  solar  power  distributor  to  which  the  second  array  outputs  are  connected. 
The  corresponding  primary  buses  and  alternate  primary  buses  in  the  solar 
distributors  may  be  connected  through  a switch  to  each  other.  Each  primary 
bus  is  connected  through  switches  to  three  battery-charger  combinations.  All 
six  charger-battery  combinations  can  receive  power  from  any  of  the  four 
primary  power  buses  via  crossties  between  solar  power  distributors  and 
between  the  electrical  control  assemblies. 

Following  the  solar  power  distributors  and  battery-charger  com- 
binations are  two  identical  ECAs.  These  each  contain  a main  battery  bus  and 
an  alternate  battery  bus.  The  main  battery  bus  in  each  of  the  two  ECAs  is  fed 
by  three  charger-battery  units  through  diodes  and  switches.  The  main  battery 
buses  are  also  connected  through  switches  to  the  corresponding  channel  primary 
buses  in  the  solar  power  distributors.  The  alternate  battery  buses,  one  each 
in  each  of  the  two  ECAs,  is  fed  by  the  alternate  outputs  of  the  three  battery- 
charger  units  through  diodes  and  switches.  The  alternate  battery  buses  are 
also  connected  through  switches  to  the  corresponding  channel  alternate  primary 
buses  in  the  solar  power  distributors.  Three  regulators  may  receive  input 
power  from  either  the  main  battery  bus  or  the  alternate  battery  bus  in  the 
corresponding  ECA.  Dual  outputs  from  each  of  the  three  regulators  are  dot 
ORed  through  switches  to  a main  and  an  alternate  distribution  bus  in  the  ECA. 
Diode  isolation  is  not  required  on  the  output  of  the  regulators  because  of  the 
design.  A finite  equivalent  impedance  in  the  output  of  each  regulator  and 
feedback  enables  regulating  the  share  of  the  load  that  each  regulator  contributes. 
The  main  and  alternate  distribution  buses  then  feed  eight  EDUs  through  appro- 
priate switches.  In  turn,  the  EDUs  supply  the  various  loads  throughout  the 
system.  The  capacities  of  the  regulators  are  such  that  any  three  of  the  six 
are  capable  of  supplying  the  total  system  requirements. 

Fault  Detection  and  Isolation.  Throughout  the  system,  the 
voltage  and  current  parameters  of  the  buses  and  the  various  types  of  modules 
supplying  the  buses  are  continuously  monitored  for  fault  detection  and  power 
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Figure  VIII- 27.  LST  electrical  system. 


control.  The  solar  arrays  themselves  are  additionally  monitored  from  the 
ground  by  measurements  of  their  I-V  characteristics.  Temperatures  of  the 
solar  arrays,  as  well  as  other  components  in  the  system,  are  measured  to 
detect  incipient  and  occurred  faults.  The  various  test  points  and  parameters 
within  the  electrical  power  system  are  continually  being  monitored  by  the  DAUs 
allocated  to  the  electrical  system.  The  power  management  switches  that  con- 
trol the  configuration  of  the  system  are  controlled  from  signals  received  from 
command  decoders.  The  decoders  are  addressed  and  controlled  from  the 
ground  through  the  radio-frequency  (RF)  command  uplink.  The  ground  also 
has  override  control  of  automatic  protective  switching. 

13.  Software  Estimates.  The  onboard  redundancy  management  soft- 
ware is  estimated  to  require  a few  more  than  2000  16-bit  locations.  Table 
Vni-7  is  a breakdown  of  this  estimate. 

The  rate  gyro  routine  has  been  written  at  the  MIT  Draper  Labora- 
tory. The  CMG  and  sun  sensor  routines  are  written  for  the  Skylab  program. 
The  remaining  estimates  are  based  on  assumed  complexity. 

The  electrical  system  redundancy  management  estimate  is  assumed 
to  implement  a keep-alive  algorithm  to  circumvent  system  faults  until  the  next 
ground  communication  opportunity.  Optimum  reconfiguration  for  the  degraded 
mode  system  operation  is  assumed  to  be  uplinked  from  the  ground  via  the 
command  system.  Also,  an  upgraded  electrical  system  redundancy  manage- 
ment algorithm  is  assumed  to  be  uplinked  to  the  ACS  processor. 

No  onboard  redundancy  management  is  postulated  for  the  C&DHS 

system. 


TABLE  VIII -7.  MEMORY  SIZE  ESTIMATES 


ACS 

Memory  Words 

Rate  Gyro  Failure  Isolation  and  Adaptation 

800 

CMG 

575 

Acquisition  Sun  Sensors 

170 

Magnetometers 

170 

Star  Trackers 

225 

Magnetic  Torquers 

75 

2015 

Electrical  System 

250 

2265 
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C.  Degraded  Mode  Assessment 

A study  of  the  design  reference  reveals  a considerable  measure  of 
fault-tolerance;  i.  e. , a large  number  of  failures  can  occur  with  no  significant 
impact  on  the  system  capability.  This  is  particularly  true  in  the  SSM  and 
optical  telescope  assembly  (OTA) . Since  the  SIP  instrument  failures  are, 
for  the  most  part,  independent,  a given  instrument  failure  will  affect  only  the 
operation  of  that  instrument.  The  most  noticeable  exception  is  the  slit  jaw 
camera  that  operates  in  conjunction  with  certain  other  instruments  and  whose 
failures  would  decrease  the  usefulness  of  those  instrument  outputs. 

The  most  important  credible  degraded  modes  in  the  SSM  are  discussed 

below. 

Failure  of  the  command  processor  or  memory  would  result  in  loss  of 
the  stored  command  capability.  Hence,  redundancy  has  been  applied  to  these 
system  elements,  since  a real-time  only  command  execution  capability  would 
greatly  decrease  the  information  output  of  the  LST. 

Failure  of  one  or  more  electrical  batteries  would  effectively  eliminate 
the  present  capability  for  one  orbit  of  off-sun  pointing  to  satisfy  a spectrom- 
eter slit  orientation  requirement  and  would  also  necessitate  experiment 
scheduling  to  minimize  the  power  demands  and  conserve  battery  system  life. 
Alternatively,  so  long  as  three  batteries  are  unfailed,  the  nominal  loads  could 
be  satisfied,  but  this  might  result  in  a shorter  maintenance  interval. 

As  described  previously,  the  reference  gyro  assembly  must  provide 
attitude  information  about  the  pitch  and  yaw  axes  with  accuracy  at  least 
equivalent  to  an  orthogonal  triad  with  gyros  aligned  along  these  axes.  This 
is  based  upon  a desire  to  avoid  a target  reacquisition  sequence,  with  the 
attendant  possibility  of  locking  onto  the  wrong  guide  stars.  The  time  estimated 
for  completion  of  the  reacquisition  sequence,  including  maneuvering  and  settling 
time,  is  approximately  5 min.  With  gyros  having  a random  drift  of  0.005 
degree/hour  (la  ) and  with  a maximum  occultation  time  of  35.5  min,  the  gyro 
combinations  described  in  Section  A. 2 will  permit  the  guide  stars  to  remain 
within  the  coarse  field  of  the  fine  guidance  sensor.  Since  observations  can  be 
continued  with  up  to  three  gyro  failures,  albeit  with  greater  difficulty,  these 
failures  constitute  a degraded  mode  of  operation. 
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D.  Future  Effort:  The  Reliability  and  Maintainability 

Problem 

Once  the  decision  had  been  made  to  launch  the  LST  using  the  Shuttle, 
there  arose  the  problem  of  effectively  utilizing  the  Shuttle  maintenance  capa- 
bility to  achieve  a feasible  low  cost  design.  While  considerable  emphasis  has 
been  placed  on  this  capability,  there  is  a dearth  of  techniques  useful  to  the 
hardware  designer.  For  the  first  time,  the  maintenance  mode,  policy,  and 
level  form  an  integral  part  of  the  hardware  design  problem. 

The  "mode"  is  simply  the  method  by  which  maintenance  is  to  be 
accomplished.  For  the  LST,  three  maintenance  modes  were  considered: 

(l)  pressurized,  shirtsleeve,  on-orbit  maintenance;  (2)  unpressurized 
(manipulator)  maintenance;  and  (3)  ground  maintenance  using  the  Shuttle 
retrieval  capability.  The  option  of  a Shuttle-launched,  expendable  LST  was 
also  considered.  For  the  design  reference,  the  pressurized  mode,  with 
ground  return  backup  capability,  was  selected.  The  qualitative  and  economic 
reasons  for  this  selection  are  discussed  in  Chapter  VII.  "Policy”  is  the  term 
used  to  describe  the  frequency  of  maintenance  actions  or,  what  amounts  to 
the  same  thing,  the  criteria  used  to  determine  maintenance  actions.  These 
criteria  can  be  called  maintenance  action  initiation  decision  rules.  Two 
policies  were  considered  for  the  LST:  scheduled  maintenance  at  fixed  intervals, 
and  random,  or  unscheduled,  maintenance.  The  latter  is  a "fix  when  failed 
using  the  Shuttle  as  available"  approach.  Shuttle  availability  is  discussed  in 
Chapter  VIII.  For  these  policies,  the  interval  length  or  interval  length  sta- 
tistics can  be  varied  by  changing  the  decision  rules  or  the  hardware  charac- 
teristics. At  the  present  time,  the  random  maintenance  policy  appears  to 
offer  the  greatest  potential  for  cost  savings. 

Early  in  the  Phase  A study,  it  became  obvious  that  the  traditional 
reliability  techniques  were  inadequate  to  answer  the  questions  raised  by  the 
Shuttle  maintenance  capability.  As  an  example  of  this  inadequacy,  consider 
the  SSM  spares  problem.  Table  VIII-8  lists  21  different  replaceable  items 
having  a total  volumetric  requirement  of  2.299  m3.  Due  to  lifetime  problems, 
it  was  assumed  that  the  batteries  and  tape  recorders  would  be  replaced  during 
every  maintenance  action.  The  expected,  or  average,  spares  volume  for  a 
maintenance  flight  occurring  at  1 year  was  calculated  to  be  0.414  m3  (these 
are  "raw"  volumes;  i.e. , no  allowance  is  made  for  packaging,  tools,  test 
equipment,  contamination  control  equipment,  etc. ) . However,  this  single 
number  is  not  very  informative.  Note  that  the  volume  of  a single  CMG  is 
approximately  0.461  m3.  Accordingly,  a crude  attempt  was  made  to  estimate 
the  reasonable  spares  volume  requirement.  Table  VIII-9  gives  the  results. 
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TABLE  VIII -8.  LST  SPARES  PROBLEM 
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TABLES  VIII -9.  LST  SPARES  PROBLEM 
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Totals  (m3)  0.136  I 0.02293  J | 0.624  [ 0.30794  | | 1.180  | 0.94460 


It  was  first  assumed  that  only  batteries  andTape  recorders  would  be  replaced; 

0. 136  m3  was  required,  but  the  SSM  then  had  only  about  a 2 -percent  probability 
of  being  "as  good  as  new.”  Spares  were  then  allowed  for  those  items  least 
likely  to  be  "as  good  as  new.”  The  volumetric  requirement  rose  to  0.624  m3 
and  the  "renewal”  probability  to  about  31  percent.  Further  spares  raised  the 
volume  to  1. 180  m3  and  the  renewal  probability  to  about  94  perc'ent.  This 
analysis  is  misleading  in  that  ground  diagnostics  of  the  telemetered  spacecraft 
data  would,  in  actual  practice,  define  the  spares  kit.  Accordingly,  the  "spares” 
shown  in  these  two  tables  more  nearly  describe  the  inventory  from  which  the  kit 
would  be  drawn.  A second  point  to  be  noted  is  that  it  is  not  essential  that  a 
given  maintenance  action  restore  the  spacecraft  to  a "new”  condition. 

The  spares  problem,  either  in  the  volumetric  context  just  described 
or  reformulated  in  terms  of  maintenance  action  duration  statistics,  is  typical 
of  the  problems  raised  by  the  Shuttle  maintenance  capability.  Problems 
relating  to  the  number  of  maintenance  actions  required,  Shuttle  availability, 
and  program  cost  statistics  are  other  examples. 
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CHAPTER  IX.  CONCLUSIONS 


CHAPTER  IX.  CONCLUSIONS 


The  results  of  the  Phase  A study  indicate  that  a 3 m optical  telescope 
can  be  operated  in  low  earth  orbit  for  5 or  more  years.  The  telescope  support 
requirements  can  be  provided  by  onboard  systems  to  provide  near- diffraction- 
limited  optical  performance . The  LST  spacecraft  may  be  launched  by  either 
the  Shuttle  (primary)  or  the  Titan  DIE/ Orbit  Adjust  System  (OAS)  (alternate) 
vehicle.  Specific  conclusions  are  categorized  as  follows: 

1 . Configuration. 

a.  The  reference  design  support  systems  module  (SSM)  configura- 
tion is  compatible  with  either  a Shuttle  or  Titan  launch . The  docking  structure 
blends  easily  into  the  reference  design  SSM.  However,  either  launch  requires 
that  the  SSM  be  provided  with  fittings  for  a Shuttle  recovery.  The  Shuttle 
launch/ recovery  in  turn  requires  a pallet  or  cradle  to  adapt  the  SSM  to  the 
Shuttle  payload  bay  and  to  avoid  inducing  loads  into  the  LST  from  Shuttle 
flexing.  Conical  adapters  are  required  for  the  Titan  launch  to  adapt  the  SSM 
and  the  fairing  to  the  OAS  kick  stage . One  cone  provides  support  for  the 
aerodynamic  fairing  while  another  provides  the  primary  LST/ OAS  load  path . 

b.  The  arrangement  of  support  system  components  provides 
adequate  clearance  for  astronaut  maintenance  of  the  LST  in  a shirtsleeve 
environment.  The  arrangement  also  is  thermally  compatible  with  the  SSM 
radiating  surface  area  and  solar  orientation  and  is  adequate  for  the  reference 
design  thermal  control  system . 

2.  Structures 

a.  The  reference  design  SSM  is  a conventional  pressurized 
cylindrical  structure  of  simple  aerospace  skin/ stringer  construction,  although 
several  other  standard  aerospace  structural  design  techniques,  i.e. , "isogrid," 
honeycomb,  integrally  stiffened  panels,  etc.,  might  easily  be  substituted. 
Conventional  materials  such  as  aluminum  alloys  in  standard  gages  with  standard 
fasteners  will  provide  a satisfactory  pressure  shell  with  an  adequate  factor  of 
safety.  The  meteoroid  protection  shield  is  easily  integrated  into  the  reference 
design  structure  or  other  standard  aerospace  structures  and  is  compatible  with 
the  reference  design  thermal  control  system. 

b.  The  reference  design  solar  array  is  structurally  adequate; 
however,  alternate  structures  provide  design  leeway  and  may  be  preferred 
for  other  than  structural  requirements . 


c . No  significant  disturbance  to  telescope  pointing  is  caused  by 
oscillation  of  the  solar  array  following  reorientation  of  the  spacecraft . 

d.  Dynamic  deflections  of  the  spacecraft  structure  caused  by 
control  moment  gyro  (CMG)  disturbances  (rotor  unbalance)  are  not  struc- 
turally significant. 

3 . Thermal  Control 

a.  A passive  thermal  control  design  is  feasible  for  the  SSM. 

b.  Louvers  will  be  required  to  control  the  battery  temperatures 
within  their  prescribed  limits. 

c . Approximately  250  watts  will  be  required  for  heaters  to 
control  the  temperature  of  the  pressure  bulkhead  of  the  SSM  during  pressurized 
on-orbit  maintenance . 

d.  The  system  allows  substantial  changes  in  systems  design 
and  power  requirements . 

e.  The  SSM  thermal  control  design  utilizes  either  existing 
materials  and  hardware  or  those  which  will  be  developed  before  their  require- 
ment for  the  LST  program.  This  represents  a low-cost  R&D  effort. 

f.  The  system  allows  for  easy  component  maintenance  and 
replacement. 

4.  Electrical  System 

a.  The  electrical  power  system  is  designed  for  an  orbital  average 
power  of  1500  watts  at  the  5 year  end-of -mission  conditions. 

b.  The  LST  average  power  requirement  is  1283  watts  and  the  peak 
is  1785  watts.  This  gives  design  margins  of  217  and  915  watts  for  the  average 
and  peak  powers . 

c.  The  energy  storage  requirement  for  the  docked  operations  is  1024 
watt -hours  for  the  maximum  occultation  period  and  an  average  power  of  1500 
watts.  This  will  be  provided  by  six  nickel  cadmium  30  Ah  batteries.  Depth 

of  discharge  will  be  limited  to  19  percent  to  provide  a lifetime  in  excess  of 
2 years . 
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d .  The  use  of  phase  change  material  within  the  solar  array  sub- 
strate can  reduce  the  range  of  solar  array  temperatures  from  135  to  43°  C. 
This  will  increase  the  reliability  of  cell  interconnections;  however,  power 
output  will  be  increased  by  only  about  six  percent . The  mass  penalty  would 
be  91  kg. 


e .  The  number  of  consecutive  orbits  that  the  spacecraft  may  be 
oriented  in  a nonoptimum  solar  panel  illumination  attitude  for  polarization 
measurements  depends  on  the  location  of  the  target,  the  degree  of  freedom  in 
roll,  and  the  installed  battery  capacity.  If  a slit  rotation  of  ±45  degrees  is 
satisfactory,  the  reference  electrical  power  subsystem  (EPS)  has  the 
capability  to  sustain  several  orbits  for  all  pointing  directions . If  a ±90  degree 
slit  rotation  is  required,  the  reference  EPS  cannot  sustain  a full  orbit  for 
about  30  percent  of  the  celestial  sphere  targets.  An  additional  battery  is 
required  for  full  sphere  coverage  for  one  complete  orbit  if  ±90  degree  roll  is 
necessary . 


f.  The  low  mass,  high  performance  battery  concept  is  based  on 
proposed  standardized  cells  and  assemblies  for  future  payloads. 

g.  The  solar  array  reference  design,  based  on  conventional  solar 
panels,  can  satisfy  the  LST  requirements.  However,  it  is  a high  mass  approach 
and  its  storage,  deployment,  and  retraction  are  complex;  in  addition,  it  is  not 

a good  candidate  for  in-space  maintenance.  The  alternate  flexible  roll-out 
arrays  have  much  more  attractive  mass,  deployment,  retraction,  and 
maintenance  characteristics.  Further  study  is  recommended  to  determine 
whether  the  alternates  would  be  cost  effective. 

5.  Communications  and  Data  Handling 

a.  The  communications  and  data  handling  ( C&DH)  system  utilizes 
state-of-the-art  hardware  to  provide  a flexible  data  system . 

b.  Two  dual  data  transponders,  one  for  high-speed  scientific  data 
and  one  for  slower-speed  engineering  data,  utilized  with  two  conical  spiral 
antennas,  provide  a communications  link  with  the  Space  Tracking  and  Data 
Acquisition  Network  ( STADAN)  stations . 

c.  The  data  system  is  capable  of  taking  a single  frame  of  data 
from  a 50  mm  by  50  mm  target  format  with  60  cycle/mm  resolution  and 
transmitting  it  to  ground  at  a rate  of  i m bit/ sec  within  i 0 min . 
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d.  A mass  memory  storage  alternative  for  storing  scientific  data 
is  circumvented  by  utilizing  secondary  electron  conduction  (SEC)  vidicon 
tubes  with  a storage  capability  of  up  to  several  hours. 

e.  The  data  relay  satellite  could  permit  real-time  observations 
should  it  become  available  for  LST  use . 

f . The  command  system  can  distribute  both  real-time  and  stored 
commands  to  eight  addressable  decoders,  each  with  a command  repertoire  to 
256  commands. 


g . Both  status  and  diagnostic  data  can  be  gathered  from  28  data 
acquisition  units  placed  throughout  the  LST. 

h.  Capability  for  a flexible  scientific  observational  program  has 
been  provided  by  permitting  arbitrary  instrument  sequencing  through  either 
uplink  commands  or  onboard  control. 

i.  The  scientific  instrument  controller  provides  maximum  flexi- 
bility in  the  event  of  a change  in  the  instrument  complement. 

6.  Attitude  Control  System 

a.  The  design  reference  attitude  control  system  (ACS)  used  in 
conjunction  with  the  optical  telescope  assembly  (OTA)  fine  guidance  system 
( FGS)  will  satisfy  the  LST  pointing  requirements . 

b . Tip  and  tilt  positioning  of  the  secondary  mirror  in  response  to 
FGS  star  tracker  outputs  is  required  to  maintain  the  0. 005  arc  sec  pointing 
stability . 


c.  The  reference  gyro  assembly  (RGA)  can  provide  the  sensing 
functions  to  maintain  the  line  of  sight  ( LOS)  excursions  within  the  limits  of  the 
FGS  coarse  fields-of-view  during  guide  star  occultation  periods . 

d.  Sensor  noise  (RGA  and  FGS)  will  be  one  of  the  primary  factors 
limiting  the  body-pointing  capability  of  the  LST . 

e.  CMG  gimbal  component  nonlinearities  are  a source  of  pointing 
instability  but  the  effects  can  be  minimized  by  mechanical  design  of  the  CMG 
and  by  electronic  design  of  the  gimbal  and  vehicle  control  loops. 
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f.  CMG-generated  disturbance  torques,  when  propagated  through 
the  structure  to  critical  optical  components,  create  pointing  errors.  The 
effects  can  be  reduced  by  shock  mounts  and  rotor  speed  timing. 

g.  The  four- skewed  single-gimbal  (SG)  CMG  configuration 
selected  for  the  LST  reference  design  permits  continuous  experiment  data 
gathering  without  de saturation  for  6.2  orbits  (4.4  orbits  with  three  CMG 
operations)  under  worst  case  environmental  disturbances. 

h.  One  CMG  of  the  four-skewed  configuration  can  fail  and  normal 
operations  be  continued  without  performance  degradation . 

i . The  vehicle  inertias  can  become  much  larger  and  more 
unfavorable  without  impacting  the  momentum  exchange  system . 

j . The  magnetic  torquer  system  used  for  momentum  management 
of  the  CMGs  produces  magnetic  fields  in  the  support  systems  module  (SSM)/ 
scientific  instrument  package  (SIP)  area  which  are  an  order  of  magnitude  less 
than  the  earth's  magnetic  field.  Therefore,  no  additional  shielding  is  required 
for  magnetically  sensitive  instruments  over  that  normally  required  to  shield 
the  earth's  field. 

k.  Gyro  hangup  (ghu)  detection  and  avoidance  are  not  required 
for  the  design  reference  ACS  CMGs  using  the  magnetic  torquer  system  for 
desaturation. 

l.  The  reaction  control  system  (RCS)  raises  the  confidence  level 
for  mission  success  by  providing  a standby  actuator  system  for  abnormal 
situations  such  as  Shuttle  misdock  and  by  providing  an  emergency  backup  system 
for  short-time  use  during  major  ACS  component  failures. 

7 . Maintainability 

a.  The  selected  maintenance  concept  is  unscheduled,  on-orbit, 
manned  maintenance  using  the  Shuttle  orbiter  for  support. 

b.  Equipment  will  be  replaced  only  when  required  because  of 
failure  or  degradation  or  for  scientific  update . 

c . Unscheduled  maintenance  allows  for  reduction  in  design  lifetime 
of  equipment  from  a previous  goal  of  2.5  years  to  some  shorter  time. 
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d.  The  maintenance  mission  will  share  Shuttle  flights  with  other 
payloads  to  reduce  costs . 

e.  The  LST  may  be  returned  to  earth  for  major  maintenance  when 
dictated  by  complexity  of  repair  or  for  major  upgrading  of  optical  or  instrument 
systems. 

8.  Reliability 

a . The  SSM  1 year  reliability  goal  was  set  at  0.95.  The  current 
one  year  point  estimate  is  0. 98408;  however,  this  does  not  include  the  reliability 
estimates  for  batteries  or  the  solar  array. 

b.  The  1-year  reliability  estimate  for  the  OTA  is  0.9631. 

c . The  probability  estimate  for  no  maintenance  requirement  for 
the  SIP  for  1 year  is  0.79336. 

9.  Contamination  Control 

a.  The  contamination  level  in  the  LST  during  orbital  maintenance 
is  controlled  to  a 10  000-class  particulate  level  in  the  SIP,  to  a 100  000-class 
particulate  level  in  the  SSM  volume  about  the  SIP,  and  to  a 15  ppm  maximum 
level  of  trace  contaminants . 

b.  To  achieve  these  contamination  levels,  ducting  and  high 
efficiency  particulate  air  (HEPA)  filters  are  located  on  the  LST.  A trace 
contamination  control  loop,  environmental  control  equipment,  and  power 
sources  are  located  in  the  orbiter  support  volume. 

c . Existing  equipment  has  been  selected  for  the  components  of 
the  contamination  control  system  to  minimize  costs. 
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APPENDIX  A 

LST  CONTAMINATION  CONTROL 


The  LST,  in  its  present  configuration,  may  be  launched  with  either  the 
Space  Shuttle  or  the  Titan  launch  vehicle.  Space  Shuttle  launch  is  used  as  the 
design  reference  in  this  study.  Current  concepts  provide  for  maintenance 
visits  to  the  LST  by  the  Space  Shuttle  either  on  an  as-needed  or  periodic  basis 
and  for  retrieval  by  the  Space  Shuttle  for  refurbishment  if  required.  One  of 
the  on-orbit  maintenance  modes  considered  involves  pressurizing  the  support 
systems  module  (SSM)  of  the  LST  which  contains  the  instrumentation.  The 
SSM  would  be  pressurized  to  1 atm  to  provide  a shirtsleeve  environment  (with 
clean-suits)  for  the  two- man  maintenance  crew  which  will  enter  the  SSM  and 
replace  faulty  components  as  required.  This  exposes  the  sensitive  LST  instru- 
ments to  another  potential  source  of  contamination. 

The  LST  mission  concept  outlined  above  presents  numerous  problems 
of  contamination  control.  Both  high-resolution  imagery  and  faint-source 
detection  are  goals  of  the  mission  and  the  optical  instruments  on  board, 
particularly  those  operating  in  the  ultraviolet  spectral  region,  are  highly 
sensitive  to  degradation  by  contamination. 

The  purpose  of  this  study,  which  is  reported  in  detail  in  Reference 
A-l,  is  to  investigate  sources  of  contamination  which  represent  a threat  to 
the  LST  or  its  mission,  to  determine  the  effects  of  such  contamination,  and 
to  identify  and  evaluate  the  effectiveness  of  potential  countermeasures. 

When  an  LST  contamination  control  design  concept  was  developed,  an 
attempt  was  made  to  define  the  problem  within  the  framework  of  available 
information.  LST  contamination  control  equipment  design  concepts  were  then 
developed  based  on  work  done  for  other  systems.  It  became  evident  very 
quickly  that  the  levels  of  tolerable  contamination  desired  for  the  LST  and  the 
levels  of  contamination  production  predicted  for  manned,  general  scientific 
spacecraft  missions  were  not  amenable  within  reasonable  flight  equipment 
weight  and  power  limits.  Tradeoff  studies  were  performed  to  evaluate  equip- 
ment impacts  as  a function  of  contamination  control  levels.  The  contamination 
control  equipment  concepts  derived  represent  achievable  designs  for  reasonable 
contamination  control  provided  that  all  equipment  is  thoroughly  cleaned,  baked 
out,  and  designed  for  minimum  contamination  production  in  orbit.  The  equip- 
ment cannot  function  effectively  with  careless  design  or  lax  operational 
procedures. 


As  the  susceptibility  of  the  LST  to  various  contaminants  and  realistic 
contaminant  production  rates  is  more  confidently  defined,  a relief  in  the 
rigidity  of  contamination  control  procedures  and  LST  contamination  control 
system  design  specifications  may  result.  Uncertainty  usually  produces  more 
severe  specifications. 


A.  Requirements 

Contamination  control  must  be  involved  in  all  aspects  of  LST  activity. 

It  must  be  permitted  to  influence  concept  definition  and  development  from  a 
design  and  operational  viewpoint  since  contamination  has  the  potential  of 
nullifying  LST  usefulness.  Some  of  the  elements  of  LST  activity  which  must 
be  strongly  influenced  by  and  which  may  be  used  in  achieving  effective  con- 
tamination control  aboard  the  orbiting  LST  are: 

1.  Design. 

2.  Selection  of  Materials. 

3.  Environmental  Control. 

4.  Scheduling  of  Events. 

5.  Cleaning. 

6.  Special  Manufacturing  Processes. 

7.  Compensatory  Measures. 

8.  Verification. 

9.  Configuration  Management. 

10.  Personnel  Indoctrination. 

These  elements  are  dependent  and  overlap;  therefore,  each  influences 
the  other.  The  possible  impact  of  each  element  is  illustrated  by  the  methods, 
considerations,  and  approaches  to  achieve  effective  LST  contamination  control 
discussed  in  Reference  A-l. 

1.  Design  for  Contamination  Control.  Control  of  LST  contamination 
should  begin  with  the  basic  design  concept  of  the  spacecraft.  By  regarding 
contamination  as  a design  parameter  at  the  outset,  numerous  problems  of 


contamination  control  may  be  circumvented.  Figure  A-l  illustrates  some 
potential  sources  of  contaminants  during  orbital  operations  which  must  be 
considered  during  the  design  phase.  These  potential  sources  are  categorized 
as  follows  by  type  of  device  and  expected  mode  of  contamination: 

1.  Drive  Motors  (lubricants,  field  coil  insulation). 

a.  Aperture  drive. 

b.  Mirror  drive. 

c.  Sunshade  deployment  mechanism. 

d.  Pressure  bulkhead  drive. 

e.  Solar  panel  drive. 

2.  Thermal  Coatings  and  Paints  (outgas,  flaking). 

a.  Exterior  of  sunshade,  white  paint,  S13G. 

b.  Optical  Telescope  Assembly  (OTA)  exterior,  white  paint, 

S13G. 

c.  SSM  exterior,  zinc  orthotitanate. 

d.  OTA  interior  and  light  baffles,  Cat-a-Lac  black. 

e.  SSM  interior,  Cat-a-Lac  white  paint. 

3.  OTA  graphite  epoxy  structure  (outgassing,  absorbs  moisture). 

4.  Wiring  Harnesses  and  Electromechanical  Assemblies  (Outgassing, 
Adsorption  of  Secondary  Contamination). 

5.  Internal  Insulation.  (Represents  a large  surface  area  subject  to 
adsorption  of  trace  contaminants. ) 

6.  Reaction  Control  System  (RCS)  Thrusters  (should  be  clean,  inert 
gas  type). 

7.  Tape  Recorders  (typical  of  wear  particle  generators,  must  be 
sealed  to  contain  contaminant). 


A-3 


8.  Scientific  Instrument  Package  (SIP)  Electromechanical  Devices 
(lubricants,  wear  particles,  insulation  outgassing).  (An  asterisk  indicates 
that  one  device  is  used  for  several  instruments. ) 

a.  Fine  guidance  assembly. 

b.  Echelle  spectrographs  (2). 

(1)  Slit  width  selector*. 

(2)  Collimating  mirror  position  control*. 

c.  Czerny-Turner  spectrograph  (axial). 

(1)  Slit  width  control*. 

(2)  Collimating  mirror  position  control*. 

(3)  Grating  selector. 

d.  f/12  field  camera  — filter  wheel. 

e.  f/96  cameras  (3). 

(1)  Flip  mirror  position  selector. 

(2)  Filter  wheel. 

f.  Wadsworth  spectrograph  — slit  width  selector. 

g.  Czerny-Turner  Spectrograph  (radial)  — slit  width  control. 

h.  Fourier  Interferometer  — field-of-view  opening  control. 

Of  course,  some  of  these  sources  are  also  sensitive  to  contamination 
or  degenerate  in  performance  as  they  produce  contamination.  An  example  of 
the  latter  is  the  thermal  coatings.  An  example  of  the  former  is  the  graphite 
epoxy  which  absorbs  moisture  so  that  it  changes  dimensions  approximately 
25  ftm/m  in  going  from  0 to  25  percent  humidity  (soak). 

2.  Nonparticulate  Contaminants.  Many  of  the  potentially  harmful 
contaminants  are  nonparticulates.  These  gases,  vapors,  and  moisture- 
transported  contaminants  must  be  controlled  to  an  acceptable  level.  The 


definition  of  an  acceptable  level  is  difficult  without  a knowledge  of  the  physical 
and  chemical  characteristics  of  the  materials  used  throughout  the  LST  and  a 
detailed  knowledge  of  the  physical  and  chemical  characteristics  of  contaminants 
produced  by  the  LST  and  its  environment.  An  attempt  has  been  made  to  define 
acceptable  concentrations  during  pressurized  on-orbit  maintenance  from  the 
point  of  view  of  "no  deposit  — no  contamination."  That  is,  there  is  a critical 
contaminant  concentration  during  the  maintenance  period,  at  standard  tempera- 
ture and  pressure  of  air,  below  which  the  evaporation  rate  exceeds  the  deposi- 
tion rate  for  that  potential  contaminant.  Theoretically,  that  contaminant  would 
not  deposit  on  any  surface  if  held  below  the  critical  concentration.  However, 
if  the  contaminant  hits  a cold  surface  it  may  well  condense  on  that  surface, 
particularly  if  it  is  water  soluble  and  is  suspended  in  the  humid  air  provided 
for  crew  comfort. 

Since  chemisorbed  materials  will  deposit  to  a monolayer  for  virtually 
any  concentration  other  than  zero,  the  only  practical  means  for  controlling 
such  contaminants  is  not  to  allow  them  within  the  LST  support  volume.  For 
some  materials  this  can  be  feasible.  For  biological  products  such  control  is, 
of  course,  impossible.  The  contamination  control  subsystem  must  be  designed 
to  keep  low  vapor  pressure  compounds  to  concentrations  which  do  not  provide 
molecular  incidence  rates  greater  than  approximately  5 x 1014  molecules  cm-2 
sec-1.  For  vapor  pressures  greater  than  10-2  mm  Hg,  molecular  incidence 
rates  of  1018  molecules  cm-2  sec-1  can  be  allowed.  For  very  high  vapor 
pressure  compounds,  permanent  deposition  is  not  a problem.  However,  if 
these  compounds  are  not  controlled,  cloud  obscurement  of  the  LST  becomes 
a problem.  For  this  reason,  it  is  considered  advisable  to  control  these  high 
vapor  pressure  contaminants  actively  rather  than  to  vent  the  contaminants  in 
the  vicinity  of  optical  experiment  packages. 

Without  detailed  descriptions  of  the  materials  used  in  the  servicing 
vehicle  LST  support  volume  as  well  as  the  surface  areas  of  those  materials 
(and  recent  environmental  history  to  evaluate  contaminant  adsorption),  it  is 
difficult  to  determine  the  types  and  quantities  of  nonparticulate  contaminants 
to  be  expected.  Trace  contaminants  from  biological  sources  will  be  present. 

If  only  materials  from  the  Apollo  Telescope  Mount  (ATM)  approved  list  or  a 
more  stringent  LST  approved  materials  specification  are  used  on  the  LST  and 
within  the  "clean"  LST  support  volume  aboard  the  on-orbit  maintenance 
support  vehicle,  contaminants  from  nonbiological  sources  should  be  materially 
reduced.  Effective  control  within  those  limits  indicated  as  necessary  by  pre- 
liminary analysis  will  require  sharp  curtailment  or  elimination  of  nonbiologi- 
cal contaminant  production.  The  only  available  experience  factor  for  non- 
biological contaminant  production  was  that  assumed  for  the  Space  Station  pro- 
totype (SSP)  study  [A— 2]  based  on  spacecraft  simulation  studies  for  missions 


similar  to  the  LST  on-orbit  pressurized  maintenance  concept.  Calculations 
indicate  that  excessive  contamination  control  equipment  would  be  necessary 
to  control  these  to  LST  specifications. 

In  summary,  the  production  of  biological  contaminants  to  be  controlled 
totals  about  5.  5 g/day  plus  about  2.  5 g/day  of  nonbiological  ammonia.  Of  this 
total,  about  4.  5 g/day  of  ammonia  will  be  produced  along  with  approximately 
3.  5 g/day  of  contaminants  requiring  the  catalytic  oxidizer  for  removal  (in- 
cluding 1.2  g/day  of  methane  in  a total  of  about  2.2  g/day  of  hydrocarbons). 
The  production  of  sorbable  contaminants  was  estimated  at  75  g/day. 

The  reference  design  contamination  control  subsystem  was  designed 
to  control  ammonia  concentrations  to  2.8  parts  per  million  (ppm)  or  less, 
sorbable  intermediate  vapor  pressure  and  low  vapor  pressure  contaminants 
to  10  ppm  (1018  molecules  cm-2  sec-1),  and  hard-to-oxidize  high  vapor 
pressure  contaminants,  including  methane,  to  15  ppm  or  less. 

3.  Particulate  Contaminants.  Contamination  of  sensitive  surfaces  by 
particulate  matter  is  a type  of  problem  that  is  common  to  all  spacecraft  and 
one  particularly  difficult  to  prevent,  especially  for  large  spacecraft.  Particu- 
late contamination  may  occur  at  any  stage  in  the  life  of  the  spacecraft  and 
consists  of  the  deposition  on  spacecraft  surfaces  of  small  particles  of  dust, 
soil,  lint,  skin,  and  the  like.  Primary  and  secondary  forms  of  particulate 
contamination  may  be  distinguished.  Primary  contamination  occurs  when  the 
sensitive  surfaces  of  the  spacecraft  such  as  thermal  control  and  optical  sur- 
faces become  contaminated  directly  by  particulate  matter  from  sources 
external  to  the  spacecraft.  In  secondary  contamination,  an  insensitive  space- 
craft surface  collects  particles  initially  and  these  are  later  dislodged  by 
vibration  of  air  currents  and  are  deposited  on  sensitive  surfaces  as  contam- 
inants. 


In  the  design  of  a particulate  control  concept,  the  class  350  (10  000) 
specification  was  used  for  sensitive  areas  with  class  3500  (100  000)  accept- 
able for  the  support  volume  and  less  sensitive  areas.  The  design  endeavors 
to  put  the  clean  air  just  out  of  the  filters  into  the  sensitive  areas,  forcing 
particulates  from  these  areas  to  less  sensitive  areas.  A tradeoff  of  hardware 
penalties  versus  particulate  cleanliness  level  led  to  a compromise  system 
which  could  be  used  for  small  particle  control  by  installing  a filtration  system 
to  eliminate  the  smaller  particles. 

Particulate  contamination  may  be  reduced  to  an  acceptable  level  by 
filtering  all  air  introduced  into  critical  areas  and  maintaining  a controlled 


flow  of  air  so  that  entrained  particles  will  be  continuously  moved  from  the 
more  critical  to  the  less  critical  system.  With  this  method,  all  the  air  going 
into  a critical  area  is  cleaned  by  high  efficiency  particulate  air  (HEPA)  fil- 
ters. The  air  is  pumped  from  a more  contaminated  area,  filtered,  and 
allowed  to  flow  back  after  ventilation  of  the  critical  area  with  ’’clean"  air. 

An  open  loop  system  which  pumps  air  from  outside  the  contamination  control 
or  "clean"  area  may  be  used. 


B.  Contamination  Control  System  (CCS)  Reference  Design 

The  removal  of  nonparticulate  contaminants  in  the  vapor  and  gaseous 
state  must  be  accomplished  by  thorough  (near  100  percent)  removal  of  all 
such  undesirable  contaminants  from  a portion  of  the  airflow  to  reduce  the 
concentration  of  these  contaminants  to  an  acceptable  level.  Processing  the 
entire  flow  required  for  particulate  control  would  be  prohibitive  in  terms  of 
pressure  drop  (fan  power)  and  size  of  the  sorbent  beds  and/or  oxidizers 
required.  To  an  extent,  this  implies  open  loops  with  smaller  flow  rates; 
however,  the  nonparticulate  contaminant  production  rates  characteristic  of 
manned  spacecraft  do  not  allow  control  of  these  contaminants  to  an  LST 
acceptable  level  for  the  entire  servicing  vehicle  without  excessive  equipment 
weight  and  power  penalties.  It  is  therefore  necessary  to  provide  a separate, 
controlled  volume  with  principal  contamination  activities  (food,  waste  man- 
agement, equipment  outgassing)  isolated  from  the  LST  nonparticulate  con- 
tamination control  loop.  This  implies  a sealed  volume  whose  environmental 
control  and  life  support  system  (EC/LSS)  can  be  isolated  from  that  of  the 
main  cabin  area  of  the  support  vehicle.  In  this  sense,  a closed  loop  system 
to  limit  contaminant  production  to  manageable  proportions  is  required. 

The  criticality  of  contamination  effects  on  LST  performance  indicates 
a need  for  class  350  (10  000  English  System)  overall  cleanliness  for  the  LST, 
at  least  class  3500  (100  000)  for  the  vehicle  servicing  the  LST,  and  positive 
pressure  forcing  flow  out  of  the  LST.  The  objectives  of  the  following  analysis 
were  first  to  determine  the  costs  of  the  class  350  (10  000)  requirement  in 
terms  of  power,  occupied  volume  and  mass,  and  then  to  arrive  at  a recom- 
mended particulate  control  system. 

1.  The  Particulate  Control  System.  Table  A-l  indicates  that  the  cost 
of  class  350  (10  000)  particulate  cleanliness  is  relatively  great  and  yet  class 
3500  (100  000)  conditions  may  not  be  sufficient  for  the  sensitive  instruments 
of  the  SIP.  It  was  reasoned  that  a significant  amount  of  cleandown  capability 
could  be  achieved,  above  the  class  3500  (100  000)  level,  by  enclosing  the  SIP 
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and  diverting  flow  through  it  to  establish  a positive  pressure  purge.  A savings 
in  mass  and  power  would  also  be  realized  over  the  class  350  (10  000)  system, 
while  class  350  (10  000 ) conditions  could  hopefully  be  approximated  within  the 
SIP  cowling.  Thus,  such  a particulate  control  system  design  was  evolved  and 
is  presented  herein  as  the  recommended  system  for  inclusion  in  the  overall 
contamination  control  system  (CCS)  design. 


TABLE  A-l.  MASS  AND  POWER  SUMMARY  FOR  LST 
CONTAMINATION  CONTROL  SYSTEM  CLEANLINESS 
CLASS  TRADE  STUDY 


Cleanliness  Class 

Mass  [kg  (lb)] 

Power  (W) 

Support 

Vehicle 

LST 

Total 

Support 
V ehicle 

LST 

Total 

350 

250 

113 

362 

2674 

0 

2674 

(10  000) 

(549) 

(248) 

(797) 

3500 

219 

13.2 

232 

824 

0 

824 

(100  000) 

(481) 

(29) 

(510) 

Figures  A-2  and  A-3  are  schematic  diagrams  of  the  system, 
designated  class  350/3500  (10  000/100  000),  showing  the  filtering  equipment 
and  ductwork  installed  in  the  SSM.  This  "hybrid”  system  was  sized  to  supply 
the  distribution  manifold  a sufficient  volumetric  flow  rate  to  maintain  class 
3500  (100  000)  cleanliness  within  the  cabin  and  provide,  in  addition,  a stream 
of  filtered  air  to  the  cowled  SIP,  by  means  of  a pressure-actuated  flow  diver- 
ter. When  an  instrument  is  removed  for  servicing  and  the  integrity  of  the 
cowling  is  interrupted,  the  SIP  flow  would  increase  to  provide  at  least  a 0.  5 
m/sec  (100  fpm)  outflow. 

A mass  and  power  breakdown  for  the  recommended  system  is  given  in 
Tables  A-2  and  A-3.  Mass  and  power  savings  of  40  and  65  percent,  respec- 
tively, have  been  gained  over  the  class  350  (10  000 ) system  design  (not 
including  the  clean-work  station  and  separate  support  volume  filtering  equip- 
ment penalties ) . 

Nonparticulate  contamination  control  requires  the  removal  of  atmos- 
pheric contaminants  to  maintain  concentrations  at  an  acceptable  low  level. 
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TRACE  CONTAMINANT  CONTROL  LOOP 
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Figure  A-2.  Contamination  control  system  for  class  350/3500  (10  000/100  000)  LST. 


TABLE  A- 2.  LST  CONTAMINATION  CONTROL  SYSTEM  MASS  AND  POWER  BREAKDOWN: 
ONBOARD  REQUIREMENTS  FOR  CLASS  350/3500  (10  000/100  000)  LST 


Remarks 

15  m length;  unit 
weight  of  0.  85 
kg/m 

Ductwork  Support 
Straps,  etc. 

Plug-In  for  Air 
Supply 

Cabin  Manifold 
0.  0675  m3/sec 
(135  cfm) 
Capacity 

SIP  Inlet; 
0.1  m3/sec 
(200  cfm) 
Capacity 

Size 

(mm) 

150  x 150  x 
0.005 

1 

150  Inside 
Diameter 

300  x 300  x 
150 

I- — — 

350  x 350  x 
150 

Total 

Average 

Power 

(W) 

1 

1 

1 

1 

1 

O 

Total 
Mass 
[kg  (lb)] 

12.8  (28) 

1.8  (4) 

0.9  (2) 

11.2  (25) 

3.6  (8) 

30.3 

(67) 

Total 

Average 

Power 

(w) 

1 

1 

1 

1 

1 

Unit 

Mass 

(kg) 

12.  8 

1 

6*0 

1.4 

1.  8 

No.  of 
Units 

r—t 

1 

OO 

Item 

Ducting 

Miscellaneous 

Fittings 

Quick- Disconnect 
Joint 

HE  PA  Filters 
( Cabin 
Manifold) 

HE  PA  Filters 
(SIP  Feed) 

Total 
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TABLE  A-3.  LST  CONTAMINATION  CONTROL  SYSTEM  MASS  AND  POWER  BREAKDOWN: 
SUPPORT  REQUIREMENTS  FOR  CLASS  350/3500  (10  000/100  000)  LST 
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2.  The  Nonparticulate  Control  System.  Assuming  that  nonbiological 
contaminant  production  will  be  held  to  negligible  proportions  by  materials 
selection,  bakeout,  and  cleaning  techniques,  the  major  concern  of  the  con- 
tamination control  system  equipment  is  with  the  biologicals.  Those  trace 
contaminants  specified  for  control  in  the  Shuttle  are  listed  in  Table  A-4  with 
the  production  of  the  two-man  LST  maintenance  crew  (rather  than  the  entire 
four-man  Shuttle  crew),  principal  method  of  control,  flow  rate  of  the  princi- 
pal control  method,  and  minimum  concentration  C , N achievable  at  that  flow 

I®  ) 


a.  Removal  Methods.  The  chemical  removal  of  trace  contami- 
nants may  be  broken  down  into  several  groups  which  indicate  possible  control 
methods: 


1.  Ammonia.  A small  molecule  cannot  be  readily  sorbed 
by  charcoal.  It  can  be  oxidized  but  the  oxidation  products  are  not  easily 
removable.  Ammonia  can  be  easily  sorbed  by  an  acidic  sorbent  or  dissolved 
in  water. 


2.  Hydrogen,  Carbon  Monoxide,  and  Methane.  Small 
molecules  which  cannot  be  readily  sorbed  but  can  be  oxidized. 

3.  Hydrazine  Derivatives  such  as  Mono-Methyl  Hydrazine 
and  Dimethyl  Hydrazine.  Can  be  removed  by  acid  compounds  and  are  soluble 
in  water.  (Molecules  easily  dissolved  in  water  such  as  hydrogen  sulphide, 
sulphur  dioxide,  hydrogen  chloride,  and  hydrogen  fluoride,  can  also  be 
removed  by  molecular  sieve,  silica  gel,  and  LiOH,  Li2COs. 

4.  Acids.  In  general,  these  can  be  readily  sorbed  by 
highly  basic  compounds  such  as  LiOH  or  Li2COs  and  generally  can  be  dissolved 
in  water. 


5.  Organic  Compounds.  May  all  be  potentially  oxidized 
but  those  products  of  combustion  other  than  C02  and  H20  should  be  sorbed 
before  leaving  the  contaminant  control  section.  Some  are  soluble  in  water. 

A detailed  analysis  of  the  contaminant  list  (Table  A-4)  defined  the  process 
rates  required  for  each  of  the  contaminants.  The  contaminants  are  listed 
with  the  design  flow  rate,  primary  removal  mechanism,  and  the  resulting 
limiting  concentration,  C ^ ^ in  parts  per  million. 
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TABLE  A-4.  PERFORMANCE  OF  CONTAMINATION  CONTROL  EQUIPMENT  ON  BIOLOGICALLY 
PRODUCED  CONTAMINANTS  (SHUTTLE  SPECIFICATIONS) 


cj  J2 
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Based  on  two-man  LST  maintenance  crew  only,  not  including  entire  (four- man)  Shuttle  crew. 
Principal  method  of  control  is  underlined,  W.S.  means  water  soluble  and  C/O,  catalytic  oxidizer. 


b.  Flow  Requirements  and  Cleandown  Capability.  Given  an 
initial  concentration  C0  a production  rate  P , an  efficiency  per  pass  of  r\ 
and  a flow  rate  F , we  may  calculate  the  concentration  in  terms  of  charac- 
teristic emptying  time  T=  V/rjF  and  = P/tjF. 


(t) 


= (C0  - 


c(go))  exp 


(-0 


+ c 


(») 


(A-l) 


or  normalizing  to  t/T  and  C/C 


(oo) 


(-  t/T) 


+ 1 


(A-2) 


This  normalization  allows  the  plotting  of  the  ratio  of  the  concentration  as  a 
function  of  time  to  the  limiting  concentration  = P/rj  F , versus 

time  in  units  of  the  characteristic  emptying  time  T or  t/T.  A series  of 
curves  for  different  ratios  of  the  CVC  , x is  shown  in  Figure  A-4.  With  this 

parametric  presentation  it  is  possible  to  select  any  volume,  flow  rate,  con- 
taminant production  rate,  and  initial  concentration  and  determine  the  time  to 
"clean  down"  to  a predetermined  concentration  . If  we  assume  the 

Shuttle  air  is  in  the  control  volume  at  the  start,  an  initial  concentration  equal 
to  the  maximum  allowable  concentration  (MAC ) for  manned  occupancy  is 
possible  in  the  worst  case.  To  facilitate  cleandown,  the  control  volume  will 
be  kept  vacant,  so  P = 0 is  assumed.  The  MAC  of  those  hydrocarbon  con- 
taminants primarily  controlled  by  the  catalytic  oxidizer  is  1355.  5 ppm  (of 
which  1060.  8 ppm  is  methane).  Since  P = 0,  C^^  = P/17F  = 0,  and 

C0  = 1355.  5 ppm,  then  C = 0*  05  (1355.  5)  = 67.  7 ppm  in  5 hours  if 

V = 28.  23  m3  (1000  ft3)  and  C.mX  = 0.05  (67.  7)  = 3.4  ppm  in  10  hours. 

(6T) 


Figure  A- 5 is  a plot  of  normalized  cleandown  time  t/T  as 
a function  of  initial  concentration  C0  to  various  final  concentrations  C ^ 

with  various  values  C^  = P/77F  which  correspond  to  given  production  rates. 
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Initial  Concentration 


characteristic  emptying  time,  T = V/rjF. 
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If  C(w)  is  in  parts  per  million  (ppm),  P is  g/day  and  F is  5 x 10-3  m3/sec 
(10  cfm)  with  r]  = 0.99,  (ppm)  «2P  (g/day). 

c.  Equipment  Functional  Description.  Primary  ammonia  control 
is  accomplished  by  the  use  of  CuS04  coated  sorbeads  in  the  primary  sorbent 
bed  (Fig.  A-6).  This  material  provides  the  best  weight  efficiency  of  the  can- 
didate materials  surveyed  (sorbeads,  regenerated  charcoal,  acid-impregnated 
charcoal ) . 


The  primary  control  of  intermediate  and  low  vapor  pressure 
hydrocarbons  is  to  be  accomplished  by  the  use  of  activated  charcoal,  which  is 
to  be  placed  in  the  main  sorbent  bed  along  with  the  CuS04  coated  sorbeads  for 
space  efficiency.  Since  the  hydrocarbons  require  a considerably  higher  flow 
rate,  the  ammonia  control  will  be  more  than  adequate.  The  flow  rate  for  this 
loop  was  set  at  0.2  m3/sec  (400  cfm),  which  allows  a safety  factor  of  four. 
This  loop  has  been  designed  into  an  integrated  LST  contamination  control 
package  concept  (Fig.  A-6);  however,  it  should  interface  directly  with  an 
EC/LSS  loop  dedicated  to  the  LST  and  its  support  volume.  The  dedicated 
EC/LSS  loop  is  necessary  to  limit  contaminant  production  to  controllable 
levels.  Such  interfacing  will  also  allow  for  the  control  of  water-soluble  con- 
taminants in  the  temperature  and  humidity  control  subsystem  without  the 
need  of  a separate  contamination  control  subsystem.  Acid  vapor  and  C02 
control  will  be  accomplished  by  the  EC/LSS  subsystem  LiOH  canisters. 

The  high  vapor  pressure  contaminants  will  be  controlled  by 
the  utilization  of  a 5 x 10-3  m3/sec  (10  cfm)  catalytic  oxidizer  (Fig.  A-6), 
which  is  required  for  control  of  hydrogen,  carbon  monoxide,  and  methane. 
The  catalytic  oxidizer  cleans  up  the  high  vapor  pressure  compounds  by  oxi- 
dizing those  compounds.  Consequently,  an  LiOH  post-sorbent  bed  is  included 
downstream  from  the  catalytic  oxidizer  to  remove  the  oxidizer  residue.  To 
minimize  the  load  on  the  catalytic  oxidizer,  a secondary  sorbent  canister 
containing  CuS04  sorbeads  and  charcoal  and  an  LiOH  presorbent  canister 
identical  with  the  postsorbent  LiOH  canister  is  included  upstream  from  the 
catalytic  oxidizer. 

A Flanders  absolute  filter  for  dust  and  bacteria  is  normally 
a part  of  EC/LSS  systems.  Because  it  is  assumed  that  the  0.  2 m3/sec 
(400  cfm)  loop  will  interface  with  the  LSS,  a better  location  for  the  filter 
might  be  ahead  of  the  primary  sorbent  canister;  however,  this  filter  is  not 
included  in  the  integrated  package. 
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3.  Contamination  Control  Support  Equipment  Packaging.  An  inte- 
grated package  of  those  elements  of  the  LST  contamination  control  equipment 
to  be  placed  aboard  the  support  vehicle  was  assembled  to  determine  the  over- 
all dimensions  and  volume  required  (Fig.  A-7).  An  attempt  was  made  to  use 
a quasi-portable  CCS  scheme  by  taking  the  equipment  package  into  the  LST 
SSM.  Although  the  equipment  will  clear  the  1 m hatch,  the  procedure  is  not 
recommended  because  it  ignores  the  dependency  of  the  CCS  on  a dedicated 
(isolated)  loop  of  the  EC/LSS  of  the  support  vehicle  and  may  also  cramp  the 
available  volume  in  the  SSM.  It  also  is  not  considered  good  practice  to  locate 
the  operating  equipment  of  the  system  within  the  volume  of  air  upon  which  it 
iS  operating. 

The  dimensions,  weight,  and  power  required  for  the  LST  contam- 
ination control  equipment  package  are  summarized  in  Table  A-5. 


C.  Summary  of  Equipment  Functions  and  Procedures 

1 • On-Board  Equipment.  The  equipment  recommended  for  installa- 
tion aboard  the  LST  to  provide  a class  350/3500  (10  000/100  000)  particulate 
cleanliness  and  control  of  hydrocarbons  to  less  than  15  ppm  within  the  SIP/SSM 
is  listed  in  Table  A-2  and  illustrated  in  Figure  A-3.  The  design  philosophy 
of  this  concept  is  to  supply  clean  air  from  the  support  vehicle  with  nonparticu- 
late contaminants  removed.  This  air  is  routed  through  an  umbilical  connected 
by  the  crew  through  the  open  hatch  to  the  ductwork  installed  in  the  SSM  of  the 
LST  and  thence  through  HEPA  filters  to  the  SIP  and  the  forward  end  of  the 
SSM.  The  idea  is  to  provide  the  cleanest  air  to  the  most  sensitive  parts  and 
have  it  flow  outward  to  less  sensitive  regions.  Airflow  through  the  SIP  is 
governed  by  valves  which  control  the  pressure  so  that  approximately  0.  5 
m/sec  (100  ft/min)  flow  through  any  opening  in  the  SIP  cowling. 

2.  Support  Equipment.  The  equipment  required  aboard  the  support 
vehicle  to  service  the  recommended  contamination  control  concept  is  listed 
in  Tables  A-3  and  A-5  and  illustrated  in  Figures  A-2,  A-6  and  A-7.  In  ad- 
dition to  the  equipment  listed,  a volume  with  an  individually  controlled 
clean  environment  sealed  off  from  the  contamination  of  the  support  vehicle 
is  required  for  spares  and  work  space  for  two  scientist-astronauts.  This 
space  should  be  directly  accessible  to  the  docked  and  pressurized  LST  during 
maintenance  operations  and  provided  a plenum  for  the  backflow  of  HEPA 
filtered  air  from  the  SIP  and  SSM.  To  this  volume  will  be  connected  the  inlets 
of  the  contamination  control  equipment  package  which  will,  in  turn,  be  inter- 
connected with  a separate  dedicated  EC/LSS  loop  operating  independently 
from  the  support  vehicle  (Shuttle)  EC/LSS  during  LST  maintenance.  The 
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(46  in.) 


Figure  A- 7.  LST  contamination  control  equipment  package 
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sealing  off  of  the  control  volume  may  be  accomplished  by  an  air-supported 
fabric  which  maintains  a proper  cleanliness/airflow  barrier  without  imposing 
safety  problems  such  as  emergency  egress,  etc. , which  might  accrue  with 
hard  structure. 

3.  Procedures.  Contamination  control  with  minimum  equipment 
requires  that  the  LST  maintenance  operation  start  clean,  keep  cleaning,  and 
stay  clean  during  the  operation  and  after  termination.  It  is  expected  that  the 
LST  will  be  remotely  commanded  to  close  the  OTA  aperture  doors  and  the 
pressure  bulkhead  door  between  the  main  mirror  and  the  SIP  prior  to  docking 
with  the  Shuttle.  After  docking,  the  SSM/SIP  will  be  pressurized  with  clean 
air  from  tanks  aboard  the  Shuttle. 

Some  of  this  same  clean  air  might  also  be  used  to  expand  the  folded 
fabric  "control  volume"  surrounding  and  sealing  in  the  LST  spares.  This 
volume  would  then  occupy  a larger  portion  of  the  Shuttle  crew  compartment. 

A slight  overpressure  would  allow  the  two  scientist-astronauts  to  enter,  in 
"clean  suits,"  through  a zippered  access  door  to  airlock.  Note  that  this  clean 
volume  is  not  a shirt-sleeve  environment.  It  requires  clean  suits  such  as 
those  used  in  ground-based  clean  rooms. 

The  maintenance  crew  would  proceed  through  the  Shuttle  airlock, 
open  the  outer  Shuttle  hatch,  then  the  LST  hatch.  The  CCS  umbilical  would 
be  pulled  through  the  hatch  and  connected  to  the  LST  ductwork  before  flow 
through  the  umbilical  was  allowed.  The  flow  of  clean  air,  once  established, 
would  come  from  the  SIP  and  the  forward  end  of  the  SSM  out  through  the  hatch 
and  airlock  into  the  control  volume  in  the  Shuttle.  From  there  it  would  be 
recycled  through  the  dedicated  EC/LSS  loop  and  the  contamination  control 
equipment. 


This  concept  provides  free  access  between  the  Shuttle-provided 
LST  Clean  Control  Volume  and  the  LST-pressurized  SSM/SIP  for  the  main- 
tenance crew.  After  performing  a checkout,  replacement,  and  recheck  of  the 
LST  equipment  as  needed,  the  maintenance  crew  would  withdraw  as  "cleanly" 
as  possible.  One  aspect  of  contamination  control  during  this  part  of  the  opera- 
tion concerns  debris  trapped  by  the  HEPA  filters  located  in  the  SSM.  To 
remove  the  filters  would  contaminate  the  SSM;  to  leave  them  open  into  the 
ducts  during  evacuation  might  also  permit  the  debris  to  migrate  through  the 
filters  or  out  of  the  ducts.  Some  provision  will  have  to  be  made  to  seal  them 
off  from  both  sides  before  evacuation  of  the  SSM. 

With  the  completion  of  required  activities  aboard  the  LST,  the 
maintenance  crew  would  withdraw,  close  the  LST  hatch,  the  Shuttle  airlock 
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hatch,  depressurize  the  LST,  and  disengage  from  the  LST.  After  the  Shuttle 
is  sufficiently  far  away,  the  LST  pressure  bulkhead  and  aperture  doors  may 
be  remotely  commanded  to  open. 

Aboard  the  Shuttle,  the  control  volume  may  be  evacuated  and 
collapsed  around  the  spares  cabinets  to  occupy  a minimum  of  space  and  the 
LST  dedicated  EC/LSS  loop  may  be  switched  back  to  the  main  Shuttle  EC/LSS 
function. 


The  degree  to  which  many  of  the  special  contamination  control 
procedures  and  equipment  will  be  needed  is  a function  of  what  degree  of  basic 
contamination  control  is  provided  aboard  the  servicing  vehicle  (the  Shuttle). 


D.  Contamination  Control  for  Prelaunch,  Launch,  and  Retrieval 

These  problems  were  addressed  primarily  as  a purge/vent  system 
definition  and  description,  subject  to  the  general  requirements  given  as 
follows: 


1.  The  primary  purpose  of  the  purge  system  is  to  prevent  penetration 
of  the  LST  or  its  internal  sensitive  areas  by  gaseous  or  gas-borne  contami- 
nants. The  pressure  differential  and  resulting  weight  flow  rate  required  to 
satisfy  this  purpose  were  established  in  the  following  environments:  ground, 
shuttle  cargo  bay,  and  orbit.  Purge  flow  should  not  be  required  during  ascent 
ventdown. 


2.  Purge  flow  will  be  needed  during  both  ground  operations  and 
descent  and  retrieval  operations.  These  requirements  necessitate  the 
presence  of  purge  flow  distribution  and  overboard  vent  management  hardware 
onboard  the  flight  vehicle.  To  minimize  the  complexity  of  both  systems  and 
operations,  ground  purge  operations  should  utilize  the  night  hardware 
wherever  possible,  provided  that  LST  flight  weight  and  reliability  are  not 
compromised.  In  addition,  some  purge  flow  will  be  required  before  Shuttle 
arrival  and  after  Shuttle  departure  to  prevent  penetration  by  Shuttle  propellant 
effluents;  thus,  completely  autonomous  operation  upon  remote  command 
appears  necessary.  An  examination  of  relative  operating  times  reveals  that 
autonomous  operation  involves  relatively  little  gas;  this  in  turn  suggests  that 
the  great  majority  of  purge  gas  can  be  stored  externally  to  the  LST  and 
delivered  through  supply  lines,  umbilicals,  or  quick-disconnects.  Only  the 
small  purge  gas  capacity  required  during  autonomous  operation  would  need  to 
be  carried  onboard  the  LST. 


A-25 


3.  A single,  preferably  passive  purge  gas  is  desired  in  order  to  be 
compatible  both  with  systems  simplicity  and  safety  philosophy  during  ascent 
and  descent.  However,  a purge  with  clean  air  is  necessary  during  ground 
operations  to  allow  manned  access  for  component  installation,  checkout,  or 
removal.  This  latter  requirement  coupled  with  the  desire  to  use  flight  purge 
hardware  during  ground  operations  suggests  that  dry  nitrogen  be  chosen  as  a 
purge  gas.  The  fluid  flow  properties  of  dry  air  and  dry  nitrogen  are  suffi- 
ciently similar  to  allow  a system  designed  for  nitrogen  to  perform  adequately 
well  when  operated  with  air.  In  addition,  the  fact  that  the  design  reference 
RCS  approach  is  cold  nitrogen  gas  offers  the  possibility  of  sharing  components 
or  even  tankage  space,  provided  that  the  autonomous  purge  requirement  is 
small  enough  and  that  no  major  reliability  penalty  occurs. 

4.  The  primary  purposes  of  the  vent  system  are  to  manage  the  over- 
board disposal  of  the  purge  gas  during  purge  flow  and  of  the  internal  atmos- 
phere during  ascent  to  orbit  in  such  a way  that  the  design  pressure  differential 
is  not  exceeded.  Neither  the  forward  aperture  doors  nor  the  aft  SSM  closure 
are  pressure  doors;  both  are  limited  to  the  maximum  Ap  they  may  tolerate. 
The  reference  design  Ap  is  0.07  N/cm2  (0.1  psig)  while  the  maximum  for 
this  study  will  be  0.  7 N/cm2  (l.O  psig).  Furthermore,  both  closures  are 
assumed  to  have  a gas  leakage  area  of  0. 025  cm2  per  linear  cm  (0.  01  in.  2/in. ) 
of  perimeter.  (This  is  also  the  maximum  leakage  area  for  this  study. ) 

5.  From  a contamination  control  standpoint,  the  portion  of  th  e OTA 
containing  the  primary  mirror  and  the  portion  of  the  SSM  containing  the  SIP 
are  the  most  sensitive  of  the  LST.  Further,  the  presence  of  potential  con- 
tamination sources  in  the  subsystems  area  of  the  SSM  (wiring  harness, 
equipment,  etc. ) suggests  the  desirability  of  designing  the  vent  system  to 
direct  purge  flow  away  from  the  sensitive  area.  Thus,  two  vent  locations 
appear  to  be  desirable:  toward  the  rear  of  the  SSM  and  toward  the  front  of 
the  OTA.  The  design  reference  purge/vent  approach  will  be  two  separate 
systems,  one  for  the  SSM  and  one  for  the  OTA.  During  operation  the  pressure 
door  in  the  forward  SSM  bulkhead  will  be  closed. 

The  ambient  pressure  trace  for  shuttle-launched  LST  ascent  is  pre- 
sented in  Figure  A- 8.  A descent  pressure  trace  (Fig.  A-9)  was  constructed 
from  Reference  A-3  and  a Manned  Spacecraft  Center  Internal  Note. 1 These 
were  assumed  to  be  the  existing  conditions  within  the  cargo  bay  for  this 
investigation. 


1.  A Representative  Reentry  and  Landing  Trajectory  for  the  Space  Shuttle 
Orbiter.  MSC  Internal  Note  72-FM-197,  Manned  Spacecraft  Center,  NASA, 
Houston,  Tex.,  Aug.  17,  1971,  p.  16. 
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1.  Steady-State  Requirements.  For  ground  and  on-orbit  operations 
a slight,  positive  pressure  differential  is  needed  to  prevent  penetration  by 
gaseous  or  gas-borne  contaminants.  In  an  effort  to  keep  the  calculations  at 
a manageable  level  of  accuracy  for  this  brief  analysis  and  not  try  the  capa- 
bilities of  state-of-the-art  pressure  sensors  in  the  preliminary  design  stage, 
a minimum  allowable  pressure  differential  was  arbitrarily  set  at  0.  007  N/cm2 
(0.01  psig).  The  important  steady-state  relationships  for  both  ground  and 
on-orbit  operations  were  evaluated  at  this  minimum  allowable  pressure  differ- 
ential, and  are  given  in  Table  A-6. 


TABLE  A-6.  OTA,  SSM  STEADY-STATE  RELATIONSHIPS  DURING 
GROUND  SUPPORT  AND  ON-ORBIT  OPERATIONS 


Operation  Mode 

Ground  Support 

On-Orbit 

Component 

OTA 

SSM 

Total 

OTA 

SSM 

Total 

Component  Volume 
(m3  (ft3)] 

47.35 

(1672) 

42.62 

(1505) 

B 

47.35 

(1672) 

42.62 

(1505) 

B 

Baseline  Leakage 
Area  [ cm2  (in. 2)] 

a 

8.13 

(1.26) 

■ 

■ 

8.13 

(1.26) 

96.20 

(14.91) 

GN2  to  Pressurize 
(at  Ap  = 0.007 
N/cm2)  [kg  (lb)] 

58.97 

(130) 

53.  07 
(117) 

112.04 

(247) 

0.0402 

(0.0887) 

0.0362 

(0.0799) 

0.0764 

(0.1686) 

Steady-State  Leakage 
Rate  [kgAr  (lbAr)] 

254 

(560) 

23.  59 
(52) 

277.59 

(612) 

B 

0.29 

(0.64) 

3.38 

(7.45) 

2.  Ascent  Ventdown  Analysis.  A computerized  procedure  was  devel- 
oped to  determine  the  LST  interior-to-ambient  pressure  differential  during 
ascent  and  descent,  given  the  ambient  pressure  traces  and  assuming  an 
isentropic  expansion  process  within  the  LST  interior.  A series  of  runs  was 
then  conducted  to  determine  the  additional  vent  area  required  to  limit  the 
maximum  Ap  during  ascent  to  the  0.07  N/cm2  (0.1  psig)  design  value  while 
holding  minimum  Ap  above  the  arbitrary  0.  007  N/cm2  (0.  01  psig)  design 
value.  In  this  analysis  the  total  flow  area  (leakage  plus  vent)  was  assumed 
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to  be  open  at  launch,  thus  requiring  "makeup”  purge  flow  during  the  first  por- 
tion of  ascent  to  maintain  the  minimum  Ap.  The  results  of  this  parametric 
analysis  are  shown  in  Figure  A-10. 

3.  Purge  Requirements  Analysis.  A timeline  for  a typical  Shuttle- 
launched-and-retrieved  LST  mission  was  constructed  from  Reference  A-4  and 
two  internal  communications2  and  the  purge  gas  requirements  were  estimated 
by  source  for  each  mission  phase.  The  mission  model  is  presented  in  Table 
A-7,  with  the  purge  gas  sources  identified  as  follows: 

1.  GSE  — supplied  by  Ground  Support  Equipment. 

2.  ORB  — supplied  by  the  Shuttle  orbiter. 

3.  LST  — stored  onboard  the  LST. 

The  prelaunch  and  postlanding  estimates  are  based  on  the  steady- 
state  requihement  calculations.  All  prelaunch  purge  was  assumed  to  be  pro- 
vided by  GSE  through  an  umbilical  connection  penetrating  the  orbiter  cargo 
bay.  At  liftoff  the  GSE  umbilical  would  fall  away  and  any  necessary  "makeup" 
purge  during  ascent  would  be  supplied  by  ORB.  During  postlanding  operations 
ORB  must  supply  purge  until  the  GSE  umbilical  can  be  reconnected,  which 
should  be  accomplished  as  soon  as  possible  to  minimize  the  orbiter  weight 
penalty. 


An  LST  autonomous  purge  is  needed  only  when  the  spacecraft  is 
in  the  vicinity  of  the  orbiter  and  the  ORB  unbilical  has  been  disconnected. 

This  occurs  when  the  LST  is  released  to  pursue  its  mission  and  when  it  is 
retrieved  for  servicing.  No  purge  is  required  during  LST  orbital  operations. 

Using  the  previously  described  computer  program  and  the  descent 
pressure  trace  of  Figure  A- 9,  the  required  purge  flow  from  initiation  of  the 
Shuttle  reentry  at  122  km  (400  000  ft)  to  landing  was  calculated.  All  vents 
were  assumed  closed  with  only  the  baseline  leakage  area  allowing  purge 
escape.  The  pressurization  flow  was  sized  to  afford  the  baseline  minimum 
Ap  for  this  study,  0.007  N/cm2  (0.01  psig).  The  results  show  that  during 


2.  D.  Stewart,  Large  Space  Telescope  Ground  Operations  Timelines,  and 
Powered  Flight  and  On-Orbit  Operations  for  Shuttle/LST  Mission  with  Recover- 
able Second  Stage  Engines,  internal  correspondence  to  J.  Heyer,  Program 
Development  Directorate,  Marshall  Space  Flight  Center,  NASA,  Huntsville, 
Ala.,  Aug.  4,  1972. 


A-29 


ip  to  hold 


TABLE  A-7.  PURGE  REQUIREMENTS  BY  SOURCE  PER  TIMELINE  ENTRY  FOR  CONCEPTUAL 

SHUTTLE-LAUNCHED- AND-RETRIEVED  LST  MISSION 


Purge  Requirements 
Total  mass  [kg  (lb)] 
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o 

0 
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83  (184) 
17  (37) 

0 

0 

0 

100  (221) 

275  (608) 

w 

03 

o 

555 
(l  224) 
1 666 
(3  672) 

5 830 
(12  852) 

555 
(1  224) 
14  435 
(31  824) 
1 666 
(3  672) 

6 385 
(14  076) 

2 221 
(4  896) 
4 442 
(9  792) 
37  755 
(83  232) 
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o 

o © © 0 

0 

0 

2 905 
(6  405) 
2 248 
(4  957) 
555 
(1  224) 
5 708 
(12  586) 

43  463 
(94  818) 

Flow  Rate 
[kgAr  (lb/hr)] 

277.6  (612) 

277.6  (612) 
277.6  (612) 
277.6  (612) 
277.6  (612) 
277.  6 (612) 
277.6  (612) 
277.6  (612) 
277.6  (612) 

277.6  ~ 3.37 
(612  ~ 7.43) 
3.37  (7.43) 

3.37  (7.43) 

0 

1 

3.37  (7.43) 
3.37  (7.43) 
3.37  ~ 277.6 
(7.43  ~ 612) 

277.6  (612) 
277.6  (612) 

277.6  (612) 

277.6  (612) 

277.6  (612) 

1 

Event 

Time 

(hr) 

2.0 

6.0 

21.0 

2.0 

52.0 
6.0 

23.0 
8.0 

16.0 
136.0 

6.1 

1.6 

1.0 

157.3 

166.0 

1 

2.0 

2.0 

0.70 

4.7 

0.3 

0.03 

10.5 

8.1 

2.0 

20.9 

I 

0,3 
f 6 

05  £ 

2:00 

8:00 

29:00 

31:00 

83:00 

89:00 

112:00 

120:00 

136:00 

136:00 

142:08 

143:45 

144:45 

302:00 

302:00 

1 

2:00 

4:00 

4:42 

4:42 

5:02 

5:04 

15:32 

23:37 

25:37 

25:37 

' 

Start 

(hr:min) 

o ooooooooo 

o ooooooooo 

O NCOOiHgJOiNOO 

136:00 

142:08 

143:45 

144:45 

136:00 

1 

0:00 

2:00 

4:00 

0:00 

4:42 

5:02 

5:04 

15:32 

23:37 

4:42 

1 

Event  Description 

Transfer  LST  from  clean 
to  Mating/Checkout  Facility 

Load  into  orbiter  cargo  bay 

Checkout  & prepare  for  transfer 
Transfer  from  MCF  to 

Vertical  Assembly  Building 

Orbiter  prepare  & mate 

Transfer  Shuttle  to  pad 

Prelaunch  preparation 

Cabin  closeout  & cargo  service 
Countdown  preparation  & 
countdown 
Prelaunch  Totals 

Liftoff  & ascent  to  611  km 
orbit 

LST  systems  checkout 
Start  LST  autonomous  purge; 
deploy  LST  & service; 
separate  orbiter  & depart 
for  remote  checkout  operations 
LST  remote  checkout 
Ascent/checkout  totals 

LST  mission 

Orbiter  approach  & dock 
Checkout  & descent  preparation 

Descent  & landing 
Checkout/descent  totals 

Postlanding  operations 
GSE  hookup 

Orbiter  safing  & transport  to 
MCF 

Transfer  LST  from  cargo  bay 
to  transport  trailer 

Transport  LST  to  clean  room 

Postlanding  totals 

Mission  Totals 

Phase 

Prelaunch 

Ascent/ 

Checkout 

Mission 

Checkout/ 

Descent 

Postlanding 

Total 
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descent  approximately  88.  5 kg  (195  lb)  and  51. 7 kg  (114  lb)  of  GN2  are 
required  for  the  OTA  and  SSM,  respectively,  and  140.2  kg  (309  lb)  of  GN2 
total.  This  purge  would  be  supplied  by  ORB  through  an  umbilical  connection 
at  a controlled  flow  rate. 

4.  "Clean  Bag"  Concept.  Table  A-7  shows  that,  because  of  the  large 
leakage  area,  a prohibitive  amount  of  purge  is  required  during  periods  that 
the  LST  is  out  of  a clean  room  on  the  ground.  As  a solution  to  this  and  other 
problems,  a contamination  control  bag  (clean  bag)  has  been  proposed  which, 
because  of  its  much  smaller  leakage  area,  would  greatly  reduce  purge  leakage. 

Before  leaving  the  clean  room  after  final  integration,  the  LST 
would  be  enclosed  in  a clean  bag  and  pressurized  with  purge  gas  for  prelaunch 
preparations.  During  ascent  the  bag  would  allow  ventdown  through  Ap- 
actuated  vent  holes.  When  the  LST  is  retrieved  a new  clean  bag  could  be 
installed  and  deployed  prior  to  reentry  and  the  spacecraft  would  remain  in 
the  clean  bag  during  postlanding  operations  and  transport  back  to  the  clean 
facility.  Thus,  the  clean  bag  and  its  deployment/retraction  mechanism  would 
be  completely  portable  and  provide  sealed  access  to  support  points  for  trans- 
fer operations.  Prior  to  installation  of  the  LST  in  the  Shuttle  cargo  bay,  the 
clean  bag  deployment/retraction  canister  could  be  supported  by  an  LST 
transport/handling  fixture  or  by  attachment  to  the  LST  itself  so  that  it  could 
be  detached  after  installation  in  the  Shuttle. 

Figure  A- 11  shows  a conceptual  design  for  the  clean  bag  system 
placed  in  the  cargo  bay.  The  design  employs  Velcro  tape  to  hold  the  bag  in 
position  and  draw  the  bag  toward  the  bag  canister  for  retraction;  the  bag  is 
stowed  in  a lap- folded  position  (see  detail).  Deployment  could  be  accom- 
plished by  moving  the  drive  motors  forward  of  the  stowed  bag  or  by  use  of 
the  orbiter's  manipulators,  if  available.  The  bag  end  is  attached  to  a rigid 
ring  containing  a seal;  the  ring  travels  on  three  guide  cables  during  deploy- 
ment/retraction and  helps  hold  the  bag  in  position  to  keep  it  from  abrading 
the  LST  exterior.  There  is  a seal  around  the  LST  support  points  (see  detail 
in  Fig.  A-ll).  A flexible  boot  containing  a coil  spring  is  attached  to  the  LST 
surrounding  the  support  point  and  a soft  pressure  seal  is  maintained  around 
the  bag  penetration.  When  the  LST  is  held  by  the  support  points  the  spring 
would  be  compressed,  and  the  simple  shear  force  caused  by  tension  on  the 
bag  would  overcome  the  soft  seal  when  the  bag  was  retracted. 

The  perimeter  along  the  bag's  seals  is  calculated  at  742  cm 
(292  in.  ).  Applying  the  same  leakage  area  factor  0.025  cm2/cm  (0.  01  in.2/in. ), 
the  total  leakage  area  would  be  18.  55  cm2  (2.92  in.2),  as  compared  with 
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Figure  A-ll.  Contamination  control  "clean  bag"  system  concept:  lap-folded  stowage. 


96.20  cm2  (14.91  in.2)  for  the  unprotected  vehicle.  The  steady  state  leakage 
rates  are  directly  proportional  to  the  leakage  area,  so  the  amount  of  purge 
required  from  the  GSE  (Table  A- 7)  would  be  reduced  by  a factor  of  five. 
Additionally,  the  orbiter  requirements  during  steady-state  operations  (ground 
and  on-orbit)  would  be  cut  by  the  same  factor  and  further  savings  would  be 
realized  during  descent.  Of  course,  a better  seal  might  be  available  which 
could  reduce  the  leakage  area  even  more. 

Two  other  possible  advantages  occur  through  utilization  of  the 
clean  bag:  Ap-actuated  vent  holes  may  be  used  during  ascent  ventdown  so 
that  no  makeup  purge  is  required  of  the  orbiter  and  because  of  the  relative 
size  of  the  LST,  the  clean  bag  should  be  adequate  for  the  handling  of  most 
other  anticipated  Shuttle  payloads. 

5.  Vent  System  Recommendations.  Sufficient  vent  area  may  be 
available  to  the  OTA  through  utilization  of  the  aperture  doors  in  a spring- 
loaded  mode  but  the  large  vent  area  required  for  the  SSM  threatens  to  com- 
promise the  simplicity  of  the  vent  system  and  the  performance  of  other  SSM 
systems.  It  may  be  possible,  however,  to  alleviate  the  problem  by  redesign- 
ing the  aft  SSM  closure  to  withstand  the  large  Ap  incurred  with  no  vent  area 
(the  pressure  door  between  the  OTA  and  SSM  is  currently  capable  of  with- 
standing SSM  pressurization  for  manned  maintenance)  or  to  provide  additional 
vent  area  as  needed  in  the  hatch.  SSM  relief  via  the  pressure  door  behind  the 
primary  mirror  is  not  desirable  because  it  involves  flow  through  the 
contamination-sensitive  SIP, 

g#  Purge  System  Recommendations,  A NASA  Technical  Memorandum 
now  in  preparation3  describes  the  baseline  RCS  for  the  LST  as  a pressure- 
regulated  system  utilizing  nitrogen  gas.  Currently  the  RCS  nitrogen  tank  is 
sized  for  a 19.  5 kg  (43  lb)  capacity,  including  a 50  percent  contingency  factor 
and  allowance  for  residual  pressurant.  Since  Table  A- 7 indicates  that  only 
10.4  kg  (23  lb)  of  nitrogen  need  be  carried  onboard  the  LST,  it  appears 
technically  feasible  to  share  tankage  with  the  RCS.  The  onboard  system  must 
be  capable  of  autonomous  purge  upon  remote  command  for  maintenance  opera- 
tions. Quick-disconnecting  umbilical  connections  must  be  provided  for  purge 
supply  from  the  Shuttle  orbiter  and  ground  support  sources  when  available 
and  a regulating  system  will  be  required  to  control  the  LST  internal  pressure 
with  respect  to  the  ambient. 

3.  William  B.  Price,  Phase  A LST  Reaction  Control  System  Design  for  the 
Large  Space  Telescope  (LST),  NASA  Technical  Memorandum,  Marshall 
Space  Flight  Center,  Huntsville,  Ala. , to  be  published. 
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It  is  recommended  that  mission  scheduling  be  structured  to  allow  the 
LST  to  remain  in  a clean  room  as  late  as  possible  in  the  prelaunch  timeline 
and  compel  it  to  be  returned  to  a clean  environment  immediately  after  orbiter 
landing.  The  design  of  the  orbiter's  onboard  purge  supply  system  and  the 
necessary  GSE  will  depend  largely  on  the  amount  of  purge  required  of  each 
source.  The  clean  bag  concept  should  minimize  purge  requirements  during 
ground  operations  and  may  possibly  aid  in  ascent  ventdown  by  eliminating  the 
need  for  makeup. 

E.  Contamination  Control  During  Ground  Operations 

The  LST  is  basically  composed  of  three  assemblies.  These  are  the 
OTA,  the  SIP,  and  the  SSM.  The  manufacture,  handling,  transport,  etc.,  of 
the  major  components  of  each  of  the  assemblies  are  considered  from  a con- 
tamination standpoint  during  their  integration  to  form  the  assembly.  The 
handling,  transport,  etc. , of  each  assembly  are  similarly  considered  during 
their  integration  to  form  the  LST.  Finally,  the  disposition  of  the  LST  in 
regard  to  contamination  control  is  traced  to  the  launch  operation. 

Before  being  brought  into  a clean  room,  parts  and  subsystems  are 
precleaned  by  wiping,  flushing,  and  scrubbing  to  remove  dirt,  fouling,  etc. , 
acquired  in  the  fabrication  and  manufacturing  processes. 

The  prevention  of  damage  to  the  part  or  subsystem  is  the  governing 
principle  determing  the  temperature-time  bakeout  profile  for  a given  part  or 
subsystem. 

The  systems  possessing  complex  geometry  are,  in  general,  vacuumed 
in  addition  to  flushing  in  the  final  cleaning  process. 

1.  LST  Integration.  In  a class  350  (10  000 ) clean  room,  the  OTA 
and  SIP  structures  are  mated  and  aligned.  The  SIP  contamination  control 
ducts  are  assembled  to  the  SIP  structure  and  the  HEPA  filters  installed.  The 
ducting  is  connected  to  a fan  which  takes  air  from  the  clean  room  in  which  the 
LST  is  being  assembled  and  pumps  it  through  the  ducting  system  to  create 
positive  purge  flow  through  the  SIP. 

a.  SIP  Assembly.  Once  clean  purge  flow  is  established,  the 
optical  instruments  and  SSM  interface  hardware  are  assembled  to  the  SIP 
structure.  The  SSM  interface  hardware  to  be  installed  in  the  SIP  consists  of 
such  equipment  as  remote  data  acquisition  units,  remote  command  decoders. 
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power  distributors,  and  data  bus  terminals.  The  optical  instruments  are 
aligned.  Similarly,  the  star  trackers  are  installed  and  aligned  on  the  SIP 
structure. 


b.  SSM  Assembly.  Independently,  the  SSM  structure,  GN2 
thruster  system,  gyros,  attitude  control  system  (ACS)  equipment,  sun  sen- 
sors, SSM  contamination  control  ducts,  batteries,  tape  recorders,  electronics, 
electrical,  communications,  and  data  management  equipment  are  assembled 
together  in  a class  350  (10  000)  clean  environment. 

c.  OTA,  SIP,  and  SSM  Mating.  The  SIP  duct  fan  is  disconnected 
and  the  SSM  assembly  is  integrated  with  the  OTA/SIP  assembly  and  the  OTA 
sunshade.  The  sunshade  is  cleaned  by  methods  similar  to  the  cleaning  of 
other  large  similarly  manufactured  structures.  Another  option  is  to  assemble 
it  to  the  OTA  during  OTA  assembly.  The  fan  is  reconnected  to  the  SSM  duct 
which  feeds  the  SIP  system  and  clean  flow  within  the  SSM  is  established.  Then 
alignment  and  integral  tests  are  performed. 

The  partially  assembled  spacecraft  is  placed  in  a clean  bag 
(see  section  D-4  of  this  Appendix)  so  that  it  can  be  transported  out  of  the 
clean  room.  While  the  partially  assembled  LST  is  being  transferred  between 
testing  stations,  it  is  necessary  to  purge  the  SSM  by  forcing  GN2  or  clean  air 
through  the  ducting  and  HE  PA  filters  in  the  SSM.  It  should  be  noted  that 
whenever  and  wherever  this  purge  system  is  operated,  there  must  be  a source 
of  purge  gas,  umbilical  connections  to  the  clean  bag,  blowers,  and  a power 
source  to  operate  the  purge  system,  as  indicated  in  section  D) . 

d.  Solar  Vacuum  Tests.  The  LST  is  taken  into  a solar- 
environmental  test  chamber,  which  is  at  least  class  350  (10  000 ) clean.  This 
facility  must  admit  a cylindrical  shape  approximately  19  m (60  ft)  long  and 

6 m (17  ft)  in  diameter.  The  clean  enclosure  is  removed  and  the  thermal- 
vacuum  tests  are  performed. 

Upon  completion  of  these  tests,  the  LST  is  enclosed  in  the 
portable  clean  room  or  clean  container  and  transported  back  to  the  class 
350  (10  000 ) clean  room.  The  clean  enclosure  is  removed  and  laminar  flow 
is  reestablished  through  the  SIP/SSM. 

e.  Final  Assembly  and  Launch  Preparation.  The  solar  panels 
and  solar  panel  deployment  mechanism  are  integrated  and  then  assembled  to 
the  LST.  A final  integral  test  is  performed  on  all  systems.  Next,  the  SIP/ 
SSM  purge  flow  blower  fan  is  disconnected,  the  HE  PA  filters  are  replaced, 
and  the  LST  is  placed  in  the  clean  bag  transport  assembly. 
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A controlled  temperature  GN2  or  clean  air  purge  and  pressuri- 
zation system  is  installed  so  as  to  maintain  a purge  of  the  LST/clean  bag 
system.  This  system  should  provide  a positive  gage  pressure  of  GN2  inside 
the  clean  bag  from  this  point  until  the  LST  autonomous  purge  system  is  acti- 
vated for  Shuttle  release. 

The  LST  is  transported  to  and  mated  with  the  Shuttle  orbiter. 
The  electrical,  GN2,  or  clean  air  purge  and  temperature  control  umbilical 
connection  is  made  to  the  payload  for  use  during  launch  operations. 

2.  Ground  Support  Contamination  Control  Systems  and  Facilities. 

The  following  is  a summary  of  the  ground  support  systems  and  facilities 
needed  for  LST  contamination  control: 

1.  Facilities. 

a.  Class  350  (10  000 ) clean  room  capable  of  containing 
either  the  integrated  LST  or  the  SSM  and  OTA  at  the  same  time,  along  with 
ancillary  equipment,  to  be  used  for  LST  integration.  Vertical  laminar  flow 
design,  estimated  size  20  m long  by  10  m wide  by  10  m high  (66  ft  by  33  ft 
by  33  ft),  estimated  volumetric  flow  rate  100  m3/sec  (210  000  cfm),  and 
estimated  fan  power  60  kW  (80  hp).  Must  include  nonparticulate  CCS. 

b.  Class  350  (10  000)  clean  room  capable  of  containing 
either  the  OTA  or  the  SSM,  along  with  ancillary  equipment,  for  final  compo- 
nent integration.  Vertical  laminar  flow  design,  estimated  size  10  m long  by 
10  m wide  by  10  m high  (33  ft  by  33  ft  by  33ft),  estimated  volumetric  flow 
rate  50  m3/sec  (110  000  cfm),  and  estimated  fan  power  30  kW  (40  hp).  It 
must  include  nonparticulate  contaminant  control. 

2.  GSE. 


a.  Cradles  and/or  supports  capable  of  supporting  the  OTA, 
SSM,  and  LST  during  assembly. 

b.  Dynamic  dehumidifiers. 

c.  Dry  GN2  purge  system  with  umbilical  connections  to 
clean  bag  transport  assembly. 

d.  Gas  leak  rate  test  equipment. 
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e.  Handling  equipment  capable  of  lifting  LST/clean  bag 
transport  assembly:  estimated  capacity  11  000  kg  (25  000  lb). 

f.  Portable  class  350  (10  Q00)  clean  room  capable  of 
containing  the  LST.  Estimated  size  16  m long  by  5 m wide  by  6 m high  (50  ft 
by  16  ft  by  20  ft),  estimated  volumetric  flow  rate  40  m3/sec  (85  000  cfm) , and 
estimated  fan  power  25  kW  (34  hp).  It  must  also  include  nonparticulate  con- 
taminant control. 


g.  Portable  class  350  (10  000)  clean  room  with  nonparticu- 
late contaminant  control  capable  of  containing  the  OTA.  Estimated  size  7 m 
long  by  5 m wide  by  6 m high  (23  ft  by  16  ft  by  20  ft),  estimated  volumetric 
flow  rate  20  m3/sec  (42  500  cfm),  and  estimated  fan  power  12  kW  (16  hp). 


F.  Conclusions  and  Recommendations 

Available  analytical  and  empirical  evidence  indicates  that  contamination 
can  have  a marked  effect  on  LST  performance.  Experience  gained  on  other 
programs  is  continually  reemphasizing  both  the  need  for  and  the  difficulty  of 
improved  contamination  control. 

To  obtain  effective  contamination  control  without  undue  program 
impact,  it  is  recommended  that: 

1.  Tolerable  limits  to  likely  contaminants  be  established  for  all  LST 
equipment. 

2.  An  overall  LST  contamination  control  specification  be  established. 

3.  An  LST  acceptable  materials  list  and  stricter  qualification  criteria 
be  a part  of  the  design  specification. 

4.  A ’’traceable  environment"  specification  be  imposed  as  a verifica- 
tion technique  to  assure  contamination  control. 

5.  The  list  of  known  spacecraft  contaminants  (Table  I,  Reference  A-l) 
be  reviewed  and  revised  to  more  accurately  reflect  Shuttle/LST  production 
rates,  LST  tolerance  levels,  and  possible  control  mechanisms. 

6.  The  LST  contamination  control  system  for  on-orbit  maintenance 
be  designed  to  work  with  the  Shuttle  EC/LSS  system  either  as  an  impact  on 
that  system  or  as  a supplemental  kit  to  augment  it  for  LST  on-orbit  main- 
tenance. 
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7.  A purge  and  vent  system  using  an  in-flight  clean  bag  for  the  LST 
be  incorporated  in  the  design. 

8.  Manufacturing,  assembly,  prelaunch  and  refurbishment  operations 
strictly  adhere  to  contamination  control  requirements. 

9.  In-flight  operations  be  designed  to  minimize  the  LST  contamination 
potential. 

The  contamination  control  procedures  and  equipment  described  in  this 
report  would  assure  adequate  control;  however,  a better  definition  of  con- 
taminant production  and  susceptibility  could  reduce  the  required  measures. 
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An  important  consideration  in  the  overall  use  of  the  LST  is  the  amount 
of  scientific  data  that  can  be  gathered  by  the  system.  With  data  storage 
capability  limited  to  the  target  of  the  SEC  vidicons,  a possible  reduction  in 
data  gathering  efficiency  can  arise  when  the  SEC  targets  become  saturated, 
no  ground  contact  is  available  for  data  transmission,  and  a celestial  source 
is  available  for  viewing. 


To  examine  this  situation,  a computer  simulation  was  devised  for  the 
operations  of  the  f/96  camera  system  to  estimate  the  scientific  data  gathering 
efficiency  as  a function  of  target  integration  time  with  system  storage  as  a 
variable  parameter.  Four  cases  were  examined:  a single  camera,  two  cam- 
eras, three  cameras,  and  three  cameras  plus  a tape  recorder. 


In  the  simulation,  the  equations  of  motion  of  a vehicle  in  earth  orbit 
were  examined  at  1 sec  intervals.  At  each  second  the  computer  was  checked 
for  visibility  of  a given  celestial  target  and  RF  contact  with  a ground  station 
(the  six  tracking  stations  discussed  as  design  reference  for  the  project  were 
used  in  the  simulation).  If  a given  star  was  available  for  viewing,  a counter 
was  incremented  representing  the  gathering  of  light  by  a camera.  When  a 
camera  counter  became  full,  representing  tube  target  saturation,  another 
camera  counter  was  incremented  if  available.  When  no  cameras  were  avail- 
able for  intergration,  a counter  representing  wasted  time  was  incremented. 
Integration  times  for  several  stars  were  varied  by  changing  the  limits  of  the 
camera  counters.  When  a star  became  occulted,  the  dead  time  counter  was 
activated  until  the  star  could  be  reacquired.  If  ground  contact  was  established 
and  a camera  counter  was  full,  this  single  camera  counter  was  reset  to  zero. 


The  efficiency  for  each  of  the  four  cases  in  question  was  computed  as 
a function  of  integration  time  needed  to  obtain  tube  target  saturation.  The 
following  equation  was  used  to  compute  system  efficiency: 


(Total  Time)  - (Dead  Time) 
(Total  Time) 


100%  = Efficiency 


r 


Figure  B-l  presents  the  results  0f  this  simulation.  The  jagged  nature 
of  the  curves  is  a result  of  two  constraints  placed  upon  the  simulation:  (l) 

No  counter  could  be  reset  to  zero  until  it  had  reached  saturation  and  (2)  a 
counter  could  only  be  reset  to  zero  when  enough  ground  contact  time  existed 
for  total  frame  transmission,  i.e. , if  camera  saturation  was  attained  during 
the  later  portion  of  a ground  contact  period  the  camera  must'wait  until  the 
next  ground  station  was  acquired  for  data  transmission  so  that. sufficient  time 
would  be  available  for  total  frame  transmission.  These  curves  show  that  the 
simulated  system’ s efficiency  is  proportional  to  the  required  integration 
times  for  the  various  celestial  targets.  For  the  case  of  two  or  three  cameras, 
100  percent  efficiency  could  be  reached  at  approximately  1 hour  integration. 
Three  cameras  and  a tape  recorder  approach  100  percent  for  integration 
times  of  15  min  or  longer. 

The  conclusion  that  can  be  drawn  from  this  simulation  is  that  even  a 
one-camera  system  can  operate  efficiently  when  being  used  strictly  for  dim 
sources.  The  problem  now  becomes  one  of  mission  definition.  Will  the  LST’s 
prime  mission  be  the  observation  of  bright  objects  or  will  it  be  more  con- 
cerned with  higher  magnitude  sources?  Once  this  is  determined  the  system 
efficiency  can  be  evaluated. 
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The  optimum  readout  time  of  an  SEC  vidicon  is  a function  of  the  tube's 
preamplifier  since  this  is  the  dominant  noise  source  of  the  SEC . The  first 
impression  is  that  the  preamplifier's  bandwidth,  input  impedance,  and  gain 
should  be  examined  to  determine  noise  characteristics.  This  would  be  true 
if  the  tube  were  used  strictly  for  high  illumination.  However,  where  the 
system  is  used  for  photon  counting  or  low-light-level  slow  scan,  the 
preamplifier's  bias  resistor  and  the  shunt  capacitance  of  the  leads  from  the 
SEC  to  the  amplifier  become  very  important . 

The  Field  Effect  Transistor  ( FET)  amplifier  with  its  high  input 
impedance,  low  noise,  and  wide  bandwidth  makes  it  an  ideal  candidate  for 
this  application.  Its  low  voltage  gain,  however,  requires  additional  stages 
of  amplification.  The  first  stage  of  amplification  establishes  the  noise 
characteristics.  Since  the  charge  due  to  stored  electrons  on  each  resolution 
element  of  the  SEC  vidicon  will  be  quite  small,  the  shot  noise  within  the  FET 
must  certainly  be  considered.  In  addition,  the  thermal  noise  of  the  bias 
resistor  is  increased  by  the  gain  of  the  amplifier  and  must  also  be  accounted 
for  in  the  noise  calculations.  To  determine  the  operating  frequency  at  which 
the  total  noise  contribution  of  the  preamplifier  is  minimal , expressions  must 
be  found  for  both  shot  noise  and  thermal  (Johnson)  noise  in  terms  of  readout 
frequency . 

Shot  noise  in  the  FET  occurs  as  a result  of  the  granular  or  particle 
nature  of  the  electron  flow.  The  total  instantaneous  currently  in  Figure  C-l 
represents  the  current  in  the  channel , while  I is  the  average  over  a large 

interval  of  time.  The  mean  square  variations  about  I , are  defined  by 
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Figure  C-i.  Instantaneous  channel  current  in  an  FET. 


where  At  is  dwell  time  of  readout  beam  on  any  given  resolution  element.  The 
interval  At  is  very  much  larger  than  the  transient  time  of  an  electron  through 
the  channel  of  an  FET.  In  his  book  Information  Transmission  Modulation  and 
Noise,  Schwartz  shows  how  the  integral  above  can  be  expanded  in  a Fourier 
series  regardless  of  the  shape  of  the  noise  pulse.  If  the  consideration  is  for 
low  frequencies  where  Af  « i/r  (note  t is  the  transient  time  through  the 
channel) , the  mean  square  deviation  in  the  load  current  is  found  to  be 

_ Nq 

i2  = 2 — r q Af 
At 


Substituting  j 
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I =— ^ 

dc  At 
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and 


At  = 


1 

2Af 


yields  the  root  mean  square  (rms)  deviation  in  the  load  current  due  to  shot 
noise  in  terms  of  dwell  time  and  drain  current, 


/ he  % 

•J  At 


This  is  the  result  of  the  internal  noise  of  the  FET  on  the  output  signal . In 
order  to  combine  the  effects  of  this  shot  noise  current  with  the  thermal  noise 
of  the  input  bias  resistor,  the  above  equation  must  be  referred  to  the  input  of 
the  FET. 

The  current  in  the  output  due  to  the  gate  voltage  for  the  circuit  in 
Figure  C-2  is 


where  g is  the  transconductance  of  the  FET  and  E is  gate  voltage.  Then 
m g 

the  rms  noise  voltage  referred  to  the  input  of  the  FET  is 
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The  noise  voltage  in  terms  of  the  number  of  electrons  on  the  input 
capacitor  is  given  as 
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Figure  C-2.  FET  preamplifier  stage  used  with  SEC  vidicon. 


Now,  the  equation  of  the  FET  noise  in  terms  of  noise  electrons  in  the 

input,  N , of  the  FET  is 
c 


m 


N q 
c e 


C 


Solving  for  N 

c 


yields 


N 

c 


q At 
e 


This  says  the  rms  value  of  shot  noise  electron  during  the  dwell  time  on  a pixel 
in  the  SEC  vidicon  is  a function  of  current  through  the  FET,  the  total  capacitance 
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in  the  input,  and  the  transconductance  of  the  FET.  Translating  this  into  noise 
electrons/half  cycle  yields 


With  an  expression  for  shot  noise  now  defined,  attention  will  be  focused 
upon  the  thermal  noise  of  the  input  bias  resistor. 

H . Nyquist  demonstrated  that  a resistor  could  be  considered  the  source 
of  spontaneous  fluctuation  voltages  with  mean- squared  valve 


v2  = 4 KTR  Af 


where  T is  temperature  in  degrees  Kelvin  of  the  resistor,  R is  the  resistance 
in  ohms,  K is  the  Boltzmann  constant  ( 1 . 38  x 10-23  joule/0 K) , and  Af  is  the 
frequency  bandwidth.  Using  Ohm’s  law  this  equation  can  be  rewritten  to  yield 
the  rms  value  of  thermal  noise  current  in  a resistor: 


4 KT  Af 
R 


Substituting  an  equivalent  equation  for  current  in  terms  of  electrons, 


i 

r 


N q 
r e 

At 


where  N represents  rms  thermal  noise  electrons  and  At  is  the  dwell  time 
of  the  readout  beam  in  the  SEC  on  a single  pixel  given  by  At  = l/2Af  yields 


2 N q Af  = 
r e 


/ 4 KT  Af 
\/  R 
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Solving  for  , one  obtains  the  root  mean  square  value  of  thermal  noise 
electron  due  to  the  resistor  in  the  gate  circuit: 


N 

r 


KT 


Af  R q 


2 
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The  thermal  noise  of  the  bias  resistor  combined  with  the  shot  noise  of  the  FET 
provides  an  expression  for  the  total  noise  effect  of  the  preamplifier  for  an 
SEC  vidicon: 


N 

a 


KT 

Af  R q 2 
e 


2 1,  Af  ( C)  2 
dc 

' qe(gm)! 


Two  things  should  be  noted  from  this  expression: 

1 . The  bias  resistor  should  be  as  large  as  practical . 

2.  The  shunt  capacitance  of  the  lead  should  be  as  small  as  possible. 

A curve  of  this  equation  indicates  that  an  optimum  frequency  for  mini- 
mum noise  in  the  output  exists  (see  Figure  C-3)  . The  minimum  point  on  the 
curve  can  be  found  by  differentiating  the  above  expression  for  preamplifier 
noise  (electrons  per  half  cycle)  with  respect  to  frequency  (Af)  and  setting  the 
resultant  equation  equal  to  zero.  This  procedure  yields  the  following  expression 
for  Af  : 


KT  g. 


Af  = 


m. 


2L  Rq 
dc  e 


The  following  are  some  realistic  values  for  the  components  of  an  FET 
amplifier: 

T = 260°K . 

R = 2 x 108  ohms. 
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I = 7 x 10-3  amperes  (typical)  . 

= 13.4  x 10-3  amperes/volt  (typical)  . 

C = 40  x iO-12  (measured  for  second  amplifier)  . 

K = 1 . 362  x 10~23  joules/0 K. 

q = 1.6  x 10~19  coulombs/electron, 
e 

Substituting  these  values  in  the  above  equation  results  in  an  optimum  frequency 
on  the  order  of  30  kHz. 

Earlier  in  this  report  the  sampling  rate  and  encoding  levels  were 
developed.  If  30  kHz  is  used  as  upper  frequency  limit,  the  bit  rate  can  be 
determined  as  follows: 

Bit  Rate  = (4  samples/cycle)  (8  bits/sample)  (30  x 103  Hz) 

= 9 60  x 103  bits/sec. 

If  one  assumes  10  bits  encoding,  the  bit  rate  would  be  slightly  higher: 

Bit  Rate  = (4  sample  s/cycle)  (10  bit/sample)  (30  x 103  Hz) 

= 1 . 2 x 1 06  bits/ sec . 
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UPPER  FREQUENCY  (Af) 

Figure  C-3.  SEC  preamplifier  noise  performance  with  frequency. 
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